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Abstract 

NUMERICAL. INVESTIGATION OF THE BASIC MECHANISMS 

OF BVI-NOISE GENERATION 

by K. Ehrenfried and G.E.A. Meier 

DLR Institute of Experimental Fluid Mechanics, 

Gottingen, Germany 

Two-dimensional vortex-airfoil interactions are investigated numerically by solving the un­

steady Euler equations using a finite-volume scheme. The computational domain is extended 

up to 10 cord length away from the airfoil and non-reflecting conditions are applied at the 

outer boundary. This allows to investigate the propagation of the generated sound waves and 

the determination in which directions the strongest waves are emitted. The calculations yield 

a direct connection between the processes directly at the airfoil and the form of the emitted 

sound waves. The influence of the airfoil geometry and other parameters on these wave forms 

is discussed. 

1. Introduction 

In previous works the two-dimensional vortex-airfoil interaction as a model for the blade­

vortex interaction was already investigated numerically and experimentally (see references 1 

to 6). The processes, which occur during the interaction close to the airfoil, were studied in 

detail. Main results of these investigations are that several mechanisms of sound generation 

may be effective. Most important is the emission of the so called compressibility wave and the 

transonic wa·ue. The first one is generated at the nose of the airfoil as result of a temporary 

increase of the stagnation pressure connected with a movement of the stagnation point. The 

second wave occurs if a supersonic region arises temporarily between the airfoil and the vortex 

core. As shown in reference 2 the generation of such a supersonic region depends on the free 

stream Mach number and the induced velocity of the vortex. The supersonic region is bounded 

by a shock wave which finally is emitted as a strong sound wave. This happens when the vortex 

separates from the shock wave and the supersonic region breaks down. Recent investigations 

show that some mechanisms at the trailing edge of the airfoil also generate pressure waves, 

when the vortex passes the trailing edge. 

One question which arises from all the previous studies is how the generated waves prop­

agate away from the airfoil and which fluctuations in the far field occur. The experimental 

techniques are restricted to a close region around the airfoil and don't allow to observe far field 

effects. Thus the numerical calculations were modified to cover an extended domain which 

reaches up to 10 cord length away from the airfoil. This is of course not the true far field, 
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but the calculations give an idea what the emitted waves look like further away from their ori­

gin. To obtain undisturbed results non-reflecting boundary conditions are applied at the outer 

boundary. To investigate the waves in the outer region the numerical scheme must be able to 

handle relative weak sound waves and strong effects like the shock waves which occur at the 

airfoil. Therefore a higher order discretisation with reduced numerical dissipation is absolutely 

necessary. More details about the numerical method are given in the next section. In section 

3 some numerical results are presented and the influence of some parameters on the sound 

generation is investigated. One parameter of interest is the airfoil geometry. Calculation were 

done with NACA0012 and NACA23012 airfoils. Another important parameter beside the Mach 

number is the so called 1m:s"' distcmce. This parameter is defined as the initial displacement of 

the vortex center from the line, which is parallel to the free flow direction and passes directly 

through the quarter-cord point. So the miss distance determines the distance at which the vor­

tex passes the airfoil. Due to the limited space only calculations with Mach number Nfa = 0.8 

and zero angle of attack are presented in this paper. 

2. Numerical procedure 

A finite-volume scheme which works on unstructured grids is used to solve the unsteady 

Euler equations. The numerical flux is calculated using flux-difference splitting with Osher's ap­

proximate Riemann solver. A higher order spatial interpolation is used to reduce the numerical 

dissipation. Otherwise the incoming vortex and the generated sound waves would be damped 

in an unrealistic way and the results would be disturbed. To avoid unphysical oscillations in 

regions with strong gradients a special flux limiter is applied. More details of the numerical 

method are given in reference 4. 

In figure 1 the pressure distribution of a typical initial condition is shown. In this example 

a NACA0012 airfoil is used. At the beginning of the calculation the flow around the airfoil 

equals the steady solution with the exception that upstream of the airfoil a vortex is inserted 

in the flow. This vortex simply moves with the free flow towards the airfoil until the actual 

interaction starts and the flow field becomes unsteady to a large extent. The special procedure 

to calculate this initial condition is explained in reference 4 and 5. In the presented examples 

a vortex with circulation r = 1.21 and core radius !'core = 0.25L is used. Here L is the cord 

length and the circulation is normalized with Land the free stream velocity U 00 • 

Figure 1 shows the complete computational domain. The solution is computed on a grid 

with more than 16,000 points. To give an idea of the spatial resolution a section of the grid 

around the airfoil is depicted in figure 2. At the rigid wall of the airfoil a simple 'no flow 

through' condition is used. At the outer boundary a more complex non-reflecting condition is 

applied. The implemented condition is based on the theory presented by Giles in reference 7. 
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3. Numerical results 

First of all an example with a NACA23012 airfoil is considered. Figure 3 shows a time 

series of pressure distributions in a section around the airfoil during the interaction. The given 

timet is normalized with the cord length L and a normal velocity Vnorm which is defined by 

the stagnation value of pressure p0 and density po in the free flow: 

tnorm = L/Vnorm; Vnorm = ~· 

The vortex rotates in clockwise direction and the miss distance is 6y = 0.25 This is a typ­

ical configuration as it occurs at real blade-vortex interactions. The first frame shows the 

approaching vortex with its center still more than one cord length away. At this time the flow 

around the airfoil is relatively undisturbed by the vortex. A strong shock wave is present at 

the upper side of the airfoil. For the given Mach number Ma = 0.8 the flow at the lower 

side is close to transonic conditions but only a small sign of the beginning of a shock wave is 

visible. For the given geometry a steady shock wave exists on the lower side only at higher 

Mach numbers. The flow acceleration, which is induced by the vortex, generates immediately 

a supersonic region on the lower side when the vortex comes closer to the airfoil. This is visible 

at t = 3.0. The generated supersonic region is bounded by a strong shock wave and the whole 

structure consisting of supersonic region, shock wave and vortex IS driven by the mean flow 

along the airfoil in downstream direction. 

The induced velocity has changed the flow field 1n the nose region of the airfoil too. 

Between t = 1.5 and t = 3.0 the stagnation pressure increases about more than 50% and 

the stagnation point moves towards the upper side. Later, after the vortex has passed and 

the induced velocity has decreased in this region, the stagnation point travels temporarily to 

the lower side and then back to its initial position. During this process the pressure in the 

stagnation point goes back to the initial value. The unsteady pressure fluctuation in the nose 

region causes the emission of a compression wave, the so called comyrcssibility ·wave. This 

wave is clearly visible in following frames t = 3.5 and later. It travels in upstream direction 

independently of the other processes which take place around the airfoil. 

At a certain time the vortex separates from the supersonic region and the shock wave at 

the lower side. This happens very suddenly and the supersonic region breaks down immediately. 

The remaining shock wave is weakened and it starts to travel in upstream direction. Further 

calculations have shown, that the position at which this separation of vortex, supersonic region 

and shock wave takes place is mainly determined by the rniss distance. If the vortex center 

is closer to the airfoil the separation takes place earlier. This is important for the force and 

momentum fluctuations during the interaction. In the supersonic region relative low pressure 

is present. Especially if this region is driven along the lower side close to the trailing edge it 

has a strong influence on the momentum with respect to the quarter-cord point. 
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From an acoustic point of view the breakdown of the supersonic region causes the release 

of a shock wave which travels in upstream direction along the lower side. Later it leaves the 

airfoil and follows the first com pression wave. This second wave is called transonic wave. In 

addition to these two main effects more sound waves are generated when the vortex passes the 

trailing edge of the airfoil. This is visible for t = 4.0 and t = 4.5. At first a compression wave 

on the upper side is generated which then travels in upstream direction and merges with the 

initial shock wave. With a little delay a further compression wave occurs on the lower side. 

This wave travels in upstream direction and follows the transonic wave. 

In contrast to the process on the lower side the initial shock wave on the upper side is 

relative weakly influenced by the interaction. It is slightly deformed and the shock foot moves 

slowly towards the trailing edge during the beginning of the interaction. The compression wave 

from the trailing edge is too weak to have a strong influence on the main shock. So the main 

shock simply moves slowly back to its initial position after the interaction has been finished. 

All the calculated effects and mechanisms in the area close to the airfoil are confirmed by 

experimental observations. Also the additional waves from the trailing edge were proved in 

recent experiments. 

To investigate how the generated waves propagate in the outer regions the solution in the 

whole computational domain is regarded. Because the sound waves become very weak, not 

the pressure itself but the pressure variation 

p'(:r,y,t) = p(:r,y,t)- Psteady(:r,y) 

is depicted in figure 4 fort = 10.0. At this time the vortex is already 5 cord lengths downstream 

of the airfoil. The generated waves form circular wave fronts with the vortex at its center. At 

first we regard all phenomena in a reference frame which moves with mean flow velocity 

downstream. In this reference frame the vortex has a fixed position and the airfoil moves 

and passes the vortex. For simplicity we assume that the coordinate system of the moving 

reference frame has the same orientation as the one for the fixed reference frame. Then the 

airfoil moves in negative :~:-direction. For low Mach numbers one would expect a dipole like 

sound generation by this process. The orientation of the dipole is so that the main sound is 

emitted in the direction normal to the path of the airfoil, namely in y-direction. The direction 

of rotation of the vortex determines the sign of the emitted waves. In the following a clockwise 

rotating vortex is assumed. Below of the vortex at y < 0 one observes first a pressure decrease 

then an increase above the initial value followed by a decrease back to the initial value. On 

the side above the vortex (y > 0) the sign of the pressure fluctuation is simply inverted. 

In the presented case with Mach number M<t = 0.8 we get a deviation from the ideal 

dipole. In principle the calculated sign of the pressure waves corresponds to a dipole field, but 

the form of the dipole is distorted. The calculated wave front has its largest amplitude not 

directly normal to the .r-axis but in oblique directions which are slightly rotated towards the 
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direction of motion of the airfoil. Strong amplitudes occur in the wave front even directly in 

the direction of motion. From acoustic theory which holds for low Mach numbers one would 

expect minimum emission in this direction. It seems that the nonlinear effects in the transonic 

flow field cause some additional -let say 'higher order'- waves besides a dipole like emission. 

These waves occur as separate maxima in the wave front mainly close to the direction of the 

airfoil movement. In fact these waves can be identified as the compTess,:bility wave and the 

transonic wave. Their generation mechanisms were already explained above with figure 3. 

In the reference frame which is fixed to the airfoil and the computational grid the main 

sound is emitted in downstream directions. This is due to the convection of the sound field by 

the mean flow. Figure 5 tries to visualize the development of the sound waves. In the contour 

plot the value of 

is shown, where the computation was done up to t,,d = 15.0. Here only the pressure waves 

with positive amplitude were taken into account. But this representation gives an idea how 

the amplitudes decrease while the wave front propagates away from the airfoil. Along each 

contour line the observed maximum pressure amplitude is constant. The lines are draw for the 

valUeS Of r:,,.T = 0.005, 0.01, 0.015, .. , 

To investigate the influence of the airfoil geometry figure 6 shows the same as figure 4 but 

for a calculation with NACA0012 airfoil. The resulting wave fronts look very similar. Also the 

magnitude of the pressure fluctuations is nearly the same in both cases. The main difference 

occurs in the region upstream of the leading edge, where the part of the wave front related 

to the ira.n.<onic wa:ve is much weaker than in the case of the NACA23012 airfoil. This can 

be explained by the differences in the steady solutions around both airfoils. In contrast to the 

NACA23012 the NACA0012 is a symmetric airfoil. At Mach number Mo = 0.8 the steady flow 

around NACA0012 has two symmetric shock waves on the airfoil. Thus the main difference 

is an initial shock wave at the lower side. At the beginning of the interaction very similar 

processes occur on the lower side of both airfoils. In the case of the NACA0012 the vortex 

also generates a supersonic region bounded by a shock wave. But now this new shock merges 

with the initial one when the vortex drives the supersonic region along the lower side. Later, 

after the vortex separates from the supersonic region, the released shock wave is not able to 

leave the airfoil. It simply swings back to its initial position while always a supersonic region is 

present. Additionally the wave which is generated at the trailing edge is hindered by the main 

shock wave to travel along the lower side and leave the airfoil. Of course the motion of the 

shock wave on the lower side causes an emission of sound waves but especially the transonic 

wa.ve is not generated like in the case of NACA23012. 

The comparison of the solutions for NACA23012 and NACA0012 shows how the airfoil 

geometry influences the generated sound field. In the following the influence of the miss 

d.i.sta.nce is considered. Therefore a calculation with NACA0012 airfoil and miss distance 6.y = 
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0 is presented. This means that the vortex core hits directly the nose of the airfoil. The contour 

plot of the pressure variation at t = 10.0 for this case is depicted in figure 7. At first sight the 

generated waves seem similar to the examples shown above. The main difference is the form 

of the wave fronts which propagate approximately in upstream direction. In some directions 

stronger sound waves are emitted and in other direction the emitted waves are weaker. Thus no 

general statement can be made in which of the presented exam pies more sound is generated. 

Like in the case of !'::,y = 0.25 the pattern of the pressure fluctuations has roughly the typical 

dipole like form. But both the compTessibility ·wa.·ue and the tro:n.som:c wa.ve can not be 

observed in figure 7. Indeed in the case of zero miss distance none of these waves is generated 

at all. 

4. Conclusions 

The extended computational domain allows to investigate the development of the sound 

waves which were generated by the vortex airfoil interaction. The compression waves, which 

are generated due to compressibility and transonic effects, are clearly visible as deviations from 

a more or less dipole like sound generation. A direct assignment of the waves, which occur 

during the interaction in the near field, and parts of the wave fronts at later times can be made. 

Of course the presented three examples cover only a very small area of possible con­

figurations. So the results can only give an idea of the possible effects which may occur 

at vortex-airfoil interaction. Considering the presented comparison between NACA0012 and 

NACA23012 it seems that the airfoil geometry has a rather weak influence on the generated 

sound. In this context one has to take into account that both airfoils have the same maximum 

thickness of 12% of the cord length. From these results one can not expect that a significant 

reduction of the generated sound can be achieved by minor changes in the airfoil geometry. 

Further the presented results show that the ·miss rlisto:nce is a very important parameter which 

has a clear influence on the generated sound waves. If it is possible to manipulate the miss 

rlista.nce in the case of the real blade-vortex interaction one has probably an effective way to 

favorably influence the sound generation. Further investigations have to be made to evaluate 

the dependency on this parameter in detail. 
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Figure 1: Initial pressure distribution for a calculation with NACA0012 airfoil, Mach number 

Ma = 0.8 and miss distance 6y "'0.25. 
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Figure 2: Section of the grid around the NACA0012 airfoil. 
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Figure 3: Pressure distribution at various times during the interaction, NACA23012, Mach 
number JJa = O.S, miss distance 6y = 0.25 (continued on the next page). 
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Figure 3: Pressure distribution at various times during the interaction, NACA23012, Mach 
number Jfa = O.S, miss distance L;,y = (J.2ii (part two). 
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Figure 4: Pressure variation p'(:r, y) at t = 10.0, NACA23012, Mach number Ma = 0.8, miss 
distance D.y = 0.25. 
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Figure 5: Maximum pressure amplitude p;,,,.(:>:, y) (see text), NACA23012, Mach number 
Ala = 0.8, miss distance D.y = 0.25. 
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Figure 6: Pressure variation p'(:t,y) at t = 10.0, NACA0012, Mach number A:Ia = 0.8, miss 
distance b.y = 0.25. 
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Figure 7: Pressure variation j/(:t, y) at I = 10.0, NACA0012, Mach number Mo = 0.8, miss 
distance b.y = 0.0 
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