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Ahbgtract

The orgin of onefrev rotor acrodynamic loads which arvise in tiltrotor aircraft dudag
airplane-mode high speed pull-up and push-over mareuvers is examined using a coupled
rotor/fusetage dynamic simulatdon. A modified eigenstructure assignment technique is used
to design 2 controller which alleviates the in-plane loads during high pitch rate maneuvers.
The conwoller ytilizes rotor cyclic pitch inputs 1o restructure the aircraft short perod and
phugoeid responses in order to achieve the coupling between pitch rate and rotor flapping
responses which minimizes the rotor aerodynamic loading. Realistic time delays in the
feedback path are considered during the controlier design. Stability robustness in the
presence of high frequency modeliing errors is ensured through the use of singular value
analysis,

1. Introduction

1.1 Motivation for Research

The tiltrotor aircrafi offers the advantages of low speed operability and vertical tuke-
off or landing capabitity of a helicoprer, while providing the efficiency and comfon of high
speed airplans mode flight. The tilzotor aircraft can potentially fulfill a wide variety of
cammercial, military, and law enforcement missions. Presenily, however, most proposed
tiltrotor applications have been in the air transport category. The agility offered by the
rilerosor design has not been fully exploited, in pant because of concem abour high rovor

loads encountered during nggressive maneuvers.

This paper will focus on the development of in-plane rotor loads in the tiltrotor
during high speed, airplane-mode, pitch axis maneuvers. The level of in-plane bending
moments exerted on the rotor blades has been shown {1] to be the limiting facror of g
capability of the tiitrotor aircraft. The stiff in-plane rotor configuration which is proposed
for most tiltrotor designs allows no inerial relief of the blade in-plane momen:s through
lagging motion of the rotor biade about a lag hinge. As a result, in-plane moments exerted
on the rowr blade result directly in yoke chord bending momenss. If the yoke chord

vending moments exceed the structural limit Joad of the blade, severe damage 10 the rotor

Sysiem may occur,

The objective of this research is rwofoid. First the origin of the in-piane loads in high
speed flight will be investigated. Second, an understanding of the physics of the
phenomenon will be used 1o propose a means of alleviating the in-plane loads problem. 1t
is shown that a firm physical explanation of the dynamics of the in-plane loads, sogether
with the sophisticated computer-aided control system design sofrware available roday, can

produce a feasible sclution 1o the problem.

This research was sponsored by the Ames Research Center (NASA-MIT
Cocperative Agreement NCC-2-366) and the Boeing Helicopter Company.

Norman D. Bam
Massachusetts Institute of Technology
Cambridge, MA 02139 USA

1.2 Previous Research

The maneaverability and agility characterisitcs of the tiltrotor aircraft are discussed in
a paper by Schillings et. al, [1], wherein the authors show that blade onefrev in-plane loads
in high speed flight are directly related to aircraft pitch rate. An advanced pitch axis
conwoller is deveioped in [1] which effectively limits the maximum tansient pitch rate
attainabie by the aircraft in response 1o pilot coramands. The solution presented in [1]
essentially nses feedback of aircrafr pitch rate to the elevator to produce a closed-loop pitch
rate Tesponse to disturbances and pilet inputs which is smaller, both in transient and steady
state conditions, than the open-loop response, Although the ref. {1] controller limits the
relative magnitude of aircraft pitch rate, the amount of in-plane moment for a given

magnitude of pitch rate is basically unaltered by pitch rate feedback 1o the elevator.

The study conducted in {1] uses several mathematical models to predict the aircraft
behavior. A monlinear coupled rotor/fuselage analysis (C81) [2] is compared ta the generic
tiltrotar simutation (GTRS) program [3], an analysis which is used primarily for real-time
piloted simulation. Cemparison of both analyses with flight test [1] shows a high degree of
fidelity in predicting the in-plane loads during pitch axis maneuvers. The GTRS model
uses nonlinear fuselzge equations of motien coupled with Enear rotor flapping equations, in
which onjy the lower frequency rotor flapping dynamics are approximated by coupled first
order lags, to represent the in-plane loads phenomenon. The high degree of fidelity
achieved by the linearized rotor model in representing flight test behavior indicawes that a
linear rotor model can adequately represent the pertinent dynamics of the in-plane loads
phenemenon. It kas also been shown [4] that linearized rigid body aircraft models can
accurately model aircraft behavior for single axis pitch rate maneuvers up to very high pitch
rates and and high angles of attack, As a result, a linear, coupled rotor/fuselage analysis
can be used to simulate the in-plane loads dynamics.

During helicopter-mode flight, the aircraft relies on swashpiae inputs w provide the
forces and moments necessary to control the aircraft. During transitional flight from
helicopter-mede to airplane-made flight a combination of swashpiate ang airframe control
surface inputs, including flap, aileron, rudder, and elevator deflections, arc used to cemtrol
the aircrafi. In high speed airpiane-mode flight, the tiltrotor relies entirely on airframe
centrol surface deflections to provide acceptable handling qualities. Recent swdies [5,6]
indicate that active control of helicopter blade motion through swashplate inputs can
provide gust alleviation, vibration suppression, and flapping stabilization in helicopters.
Thus active conuel of the rotor blades through swashplaie inputs in airplanc-mode flight

wilf bt considered as a means to alleviate the in-planc loads.
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This paper will concern itself with the control of a threc bladed rotor sysiem, wherein
the methed of multiblade coordinates [7] can be used to climinate the periodicity from the
coupled rotorffuselage equations of motion. The resuliing linear constant coefficient
system will inciude the c}clic and coliective pitch angics of the rotor blades as the contrel
input terms. It is shown by Ham [8} that there is an eguivalence betwesn acrive oncfrev
control using a coaventional swashplate arrangement, relying on lateral and longitwdinal
cyclic pitch and coliective pitch, and individual blade acruation for a three bladed rosor
system. As a result, the methodologies developed for control and estimation of the rotor
blade metion within the scope of individual-blade-control {IBC} research may be applied to
the probiem. Therefore one can use approprisely filtered blade mounted sensor

information [9] 10 provide an accurate estimate of rotor blade motion.

Several powerful design methodologies exist for the control of muitivariable linear
systemns. Generally, these design technigues can be categorized as either time domain or
frequency domain approaches. Frequency domain methods use graphical technigues to
characterize sysiem performnance as a function of input cornmand or disturbance freguency,
while time domain techniques characierize performance in terms of the time responses of
the variables of interest in the system [10-14].

The time domain design approach considered here is eigenstruciure assignment [15],
wherein constant gain output feedback is used 10 assign the system closed-loop poles and
right eigenvectors. A great deal of insight into the sytem dynamics is required to make an
appropriate choice of the desired eigenvalues and eigenvectors. A poor choice of the
desired eigenstructure may result in a sysicm which exhibits unacceptabie performance,
execessive conuol usage, or poor robusiness characieristics. For systems in which the
phenomenon of imerest is associated with a parnicular dynamic mode, and there exisis
sufficient knowledge 10 make an appropriaic choice of eigenstucture, the eigenstructure
assigrment approach can be vsed 10 address both time and frequency domain criteria. Alse,
the design nced not be optimized for a specific rype of input because the form of the right
eigenvectors will shape the system response for any set of initial conditions or control
inputs,

As mentioned previously, the in-plane loads have been shown to be directiy related 1o
the aircrafi pitch rate, The rapid rotation of the airpiane in pitch is predominantly due to the
dynamics of the shon period mode [16]. As a result, apprapriate phasing of the rotor and
atrframe responses during the short period response presents a possible means of alleviating

the in-plane rotor ioads.

The aircraft angle of attack and pitch rate responses are dictated by handling qualities
criteria. Thus knowledge of the desired short period pole location, and desired phasing of
the aircraft angle of attack and pirch rate responses will be 1aken as 2 given for this analysis.
A controller which modifies the eigensmucture in the low frequency range, while leaving
higher frequency modes unchanged, should be robust to high frequency modelling errors.
Thus by designing 2 controfler which modiftes only the short period dynamics, which aceur
in the vicinity of one cvcle per second, robustmess w modelling errors of the higher

frequency rotor dvnamics, which occur above four cycles per second, can be ensured.

1.3 Scope of Research

An overview of the coupled rotor/fuselage model used 10 represent the tiltrotor
aircraft is presented in chapter 2. The simulation model includes six degree of freedom

rigid body motien and rotor flapping dynamics. Cyclic pitch actuator dynamics ane

modelied as a 0.1 second time delay using Pade approximations. The combination of rigid
body, rotor, and actuator dynamics results in a state space description of the aberaft which

contains 29 siates.

An explanation of the relationship betwsen in-plane loads and aircrafi pitch rate in
the tilizotor in high speed, airplane-mode flight is offered in chapter 3. Basic aerodynamic
and mechanical principles are exploited 1o yield a ractable expression for the in-plane loads
in terms of the system state variabies. The ong/rev in-plane ioads are shown to be a
function of rotor cyclic flapping and blade pitch angles, and aircraft pitch rate and angle of

anack.

Chapters 4 and 5 describe the controller design process. Chapter 4 reviews
eigensmucture assignment methodology using constrained state feedback. A conwmoller is
then developed which minimizes in-plane moments by properiy phasing aireraft rigid body
motion, rotor cyclic flapping, and cyclic pitch inputs, Chapter 5 then considers zidap:ing the

controiler design 1o operate within reatistic cyclic pitch autheriy imirs.

2. Mathematical Model Description

2.1 Introduction

A mathematical model of the aircraft should be sufficiently sophisticated to represent
the pertinent dynamics of the in-plane loads, The math model should not, however, be so
detailed as to hopelessty complicate the control system design process. Powerfual contrel
system design technigues exim for linear tvime invariant (LTI} systems, therefore a
iinearized model is developed which represents the in-plane loads m the frequency range of
interest, A description of the generic modelling algorithm used 10 represent the tilwrotor

acromechanical characteristics is given in the following sections.

2.2 Exponential Basis Functivn Technigue

The 1ask of formulating a representative totorffuselage mathemarical model has
always been complicated by the large number of coordinate transfonmations necessary to
define the rotor position and orientation in inemial space. The algebra involved in the
derivation of the simplest rotor model is formidable, making manunal derivation of the
equations tedious and prone to error. In order to minimize the human effort invelved in the
derivation process, thereby reducing the risk of modelling errors, it i necessary to urilize a

computer-aided modeliing algorithm.

The approzch taken in this analysis differs substantially from the computational
methods of [17] and [18]). The task of derving the equations of motion which mvolve
many coordinate transformations can be simplified if the position vectors, deseribing the

location of all the mass elements in the system, can be written in a form which can be easily

manipulated. The underlying idez is to express the coordinate transformations required in
the math medel in a struciure which is easily retained throughout each phase of the

derivation process.

One of the operations which complicates the derivation of the equations of motion is
axis rransformation from one coordinate systemn to another. Coordinate ransformations are
most easily accomplished by means of multiplication of transfonmation matrices, where
each rransformation matrix represents a rotation about a particular coordinate axis. It can

be shown {19] that the elements of all mansformation matrices can be written as a
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summation of exponential functions whose arguments consist only of the coordinate
transformation angles. Mulsiplication of the coordinate wansformation matrices Tesults in
addition of the arguments of the exponential functiens. A second operation which yields
great algebraic complexity is the time differentiation of the position vector to abtain the
velocity and acceleration tenms in the equations of moton. Linearizations can also be
accomplished by parial differentiation of the nonlinear equations of motion with respect to
the state variabies to obtain the coefficients of the state variables in the dynamic equations.
As a result, formulation of the position vector in terms of exponential basis functions,
perhaps the simplest functions to differentiate, alse simplifies the derivation process. The
reader is referred to [19] for a complete treamment of the exponential basis function (EBF)

simulation generation process.
2.3 Tilt Rotor Modelling Points

A single rotor helicopter simulation based on the exponential basis fenction
algorithm has been favorably correlated with flight test data (19). In light of the cormelation
of the exponential basis function simutation and Oight test daa, it is reasonable to assome
that the coupled rotos/fuselage equations derived for the tilorotor aircraft using the EBF
algorithm have a high degree of fidelity. Although there are many similarities in the
general structure of the tiltrotor and single rotor helicopter defining equations, there are
several differences in the two rypes of vehicles which necessitate modgificatzon of the math
model generation sofiware, The most significant of these sofrware modifications are

described below.

The gimballed rotor configuration of the tilrotor is represented in the math model by
a modified, low hinge offset, anticulated rotor system. The gimbal i represented by
modifying the multiblade coordinate flapping equations by adding a relatively small cyclic
flapping spring term to the cyclic flapping equarions, and a large coning spring term to the
coning equations. The cyclic flapping spring represents the effect of the gimbal hub spring,
while the coning spring represents the effect of blade flexibility. The simulation can thus
allpw for motion of the fip path plane about the gimbal axes, as well as represent in-phase
coning motion of the blades out of the gimbal plane. The advaniage in this approach is 10
represent both the jow frequency flapping due to gimbal motion and the higher frequency
first harmonic flapping due to blade flexibility by vsing only three dynamic degrees of
freedom. An ;:xact representation of the gimballed rotor system requires two degrees of
freedom to represent gimbal motion, and three more dynamic degrees of freedom to

represent the out-of-plane bending of each of the three rotor blades,

Current tiltrotor designs utilize a constant speed joint to eliminate two/frev drive
system loads [20].. The constant speed joint maintains .constnm rotational velogity in the
gimbal axis system, effectively alipning the rotor angular velocity vector in a direction
normal to the gimbal piane. As a result, the rotor precesses in a manner similar to a rigid
cone when undergoing cyclic flapping motion, engendering no blade enefrev chordwise
coriolis moments. The action of the constam speed joint is 1aken imo account by a separaw

derivation of the in-plane moment equations using Euler's equations of motion.

Displacernent of the pitch housing relative 10 the swashplae is a result of the
combined effect of gimbal ult and blade flexibility, As a result, the blade pitch/flap
coupling is #tself a function of azimuth. In order to represent this phenomenon, the
equations of motion were modified to accoumnt for different amounts of blade pitch change

due to cyclic flapping motion and coning motion.

The equations of motion of the single rowor helicopter simulation [I9] had been
represented in an inertial axis system. In kecping with standard airplane control system
design practice, a mansformation of coordinares to a stability [16] axis system was
undertaken. The resuliing equations of motion were then modified 1o account for

downwash perturbations on the horizontal 1ail induced by changes in wing lift,

‘The resulting linearized rotor/fuselage model coatains twelve dyramic degrees of
freedom. In addition to the six degrees of freedom of rigid body motion, there is a degree
of freedom assaciated with the flapping motion of each of the three rotor blades on each of
the aircraft’s two rotors. The aircraft rigid body states included in the simulation are body
axis pitch, roll, and yaw angular rates; Euler pitch, roll, and yaw angles; and integral and
proportional body axis vertical, Jongitudinal, and lateral velocity states, Coleman
coordinates are used to express the rotor equations in constant cocfficient form, using
lateral cyclic, longitudingl cyclic, and coning blade flapping angles and rates, Actuator
dynamics are represented as pure time delays shrough Pade approximations. The Pade
approximations introduce additional first order differential equations, wherein the elevator

and rotor cyclic pitch angles are included as dynamic states, which increass the number of

state variables in the simulation to twenty-nine. Table 2.1 derails the dynamic modes
associzted with the nominal 260 knot, aft center of gravity condition considered in this
analysis. The numbering system used to reference cach sune in the model, and the physical

units of each of the state variables, is given in Table 2.2,

3. Physics of In-Plane Loads In Tiltrotors
At High Speeds

3.1 Introduction

Euler's equations of motien can be used 1o formuiate the equations of mation of the
gimbalied rotor system. Fundamental mechanics and linear acrodynamics can then be used
1o derive the in-plane moments exerted on the rotor blades. The resulting equations contain
a compact representation of the effect of rigid body aireraft motion, cyélic fiapping, and
rotor ¢yclic pitch inputs on in-plane roior loads. The form of the in-plane moment

equations allows for a physically satisfying explanation of some of the counter-intuitive

aspects of tilrrotor behavior in high speed flight.

3.2 Derivation of Qut-of-Piane Precessional Moment Equations

In order to precess the rotor at the aircraft pitch rate a net gyroscopic moment must be
exerted on the rotor sysiem. The precessional moment will be made up mainly of one/frev
aerodynamic moments exered on the rotor blades and partially by hub momen:s exerted by
the gimbal spring resmraint. Referring 1o Figure 3.1, Euler’s equations of moton for the

external moments exerted on the system can be writien:

o
4

W = v axk (3.1)

1]

where A is the angular momentum vector expressed in the gimbal axis system, and © is the
angular velocity of the rimbal axis coordinate sysiern with respect to 2 fixed frame. The

angular momentum in the gimbal framne i5 given by:
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A = =3I0k (3.2).

B
Noting the assumed equivalence between cvelic fapping and gimbal motion, one can vse
the cyclic flapping expression
p = aycos ¥, +by sindy (3.3
10 obtain the angular velocity of the pimbal frame with respect to a fixed frame of
reference.
w = B i - (g2api (3.4)

The tonstant speed joimt ensures that when shaft RPM is constant the zngular

rnomenmm in the gimbal axis system is conserved. Therefore, ene can write:
Bafor = O (3.5}
Performing the cross-product operation in egn. {3.1} yields the extemal moments exened on
the ToLOT SYStem:
# o= 300Gl ¥ 3Ip0(by)] (3.86)

The external moments exeried on the rotor sysiem will be composed of a
combination of aerodynemic and hub momenwk. The moments exered on the hub which
resuli from the nth blade reacring against the gimbal spring reswaint, resolved about the X
and y gimbal 2xes, are riven byv:

My = -Kgb sin &
My = ~RgB cos &, 2.7
where KB is the gimbal spring constant end B is the cyclic flapping angle, The total hub

moments ¢xeried by the gimbal spring are the result of the actions of each of the three rolor

blades,
Moo= ok - % (@ cos & 4 by sin B sin & (3.8)
Hy = nil - Eglay cos & + b, sin &) cos 2, (3.9}
therefore:
OO A (3.10)

H}’ = —%—Kﬁ 2y

The hzrmonic pertion of the zerodynamic out-ef-plane moments exerted on each rotor

blade can now be expressed as

Ky o= MTC cos &+ IATS ein py (3.11}
The net gimbal axis moments exened on the rotor systern will be givea by:
. E]
My ‘ng—:l kp sin & = "IP‘.'.‘S
(3.12)
3
M.Y = nil H‘I‘ COS En - !"-.rc

Adding the gimbal spring and out-of-plane aerodynzmic moments yields the sum of owt-of-
plane moments equation:

3 3
A e A M

s - - {(3.13)
3 .
-FRya o+ TMTC 3O by

o(g-z,)

Solving for the one/rev out-of-plane aerodynamic moments exened on ecach blade gives:

MTS - 2IDn(q-a.1) *Kﬁbl
(3.14)

W, = 2y nu':l) + K

a
1
C

3

3.3 Derivation of In-Plane Moment Equations

Now consider nhow the oui-of-plane acrodynamic moments required to precess the
Totor relate to the in-plane biade moments, Figure 3.2 shows the relative wind and airfoil
geomerry for the high inflow condition. One can neglect the aerodynamic drag forces on
the rotor blade ¢lement to write the in-plane and out-of-plane acrodynamic forces exened

on the rotor as;

& = daL sin g
{3.15)

L cos 9

where one can use the exact expression for thin airfoil 1t due 10 angle of actack to obtain

the 1ifs force:

@ = ypacu’sin (o) é (3.16)

For convenience, coliect the zir density, lift curve slope, differential radial element length,
and blade chord length constants into one constamt given by

1

. (3.17)
g =y

pacear

First, in order to gain a generzl understanding of the reladonship berween H-force
and thrust force in the wilt-rotor at high speed, consider only the aerodynarnic forces at the

three-guaner radius Jocarion. Fer the high inflow conditon, the inflow angle ¢ will &= on

the order of 45 degrees. Thus small angle approximations for the inflow angle are not
valid. In airplane-mode flight the rotor opzrates as a propeller, generating only cnough
thrust 10 overcome the relatively small aerodynamic drag forces exerted on the aircraft. As
a result, the Hift produced by the rotor will be much smalier than the helicopter mode lift
which is required 10 sustzin the gross weight of the aircreft. Therefore, the angle of anack
of the blade element, given by the difference of the blade peomemic pitch angle 6 and the
inflow angie, will be small and one can safely use small angie approximations for the 8-¢
term to obiain:
@ = Gt (8- @) sin é

(3.18)
ar = CaU" (6 ~ ) cos &

Taking the variztion of the in-plane 2nd thrust forces gives:



siam) = [2C;D( — @) sin ¢l &0
+ [cy0* sin g) (88 - b9
+ [CUP {8 - @) cos ¢] B¢

(3.19)

aldr)

[2C,ute - @) cos ¢l 5T
+ [CAUZ cos p) (58 - 5p)
+ [ Ut (8 — @) sin gl bp

An order of magnimude analysis can be used to simplify the expressions above to include
only the dominant terms:

atan = [CU* ein ol (58 - b9

(3.20}

a@m = It cos ¢) (68 - 69

Inspeciion of the equations above reveals that the incremental thrust and H-force

perturbations from im are proportional and related by:

B{GH)/6(al} = tan ¢ {3.21)

The thrust and Heforces act through the same radial moment amm, therefore the incremental
in-piane and out-of-plane acrodynamic moements contributed by the blade element are also
proportional, The simplified expression above predicts that the ratio of the in-plans to out-
of-plane aerodynamic moments increases as the airspeed, hence inflow angle, increases.
The insight gained from the simplified three-quarter radins analysis is that & greater
percentage of the required out-of-plane moment is exeried as a chordwise bending moment

on each of the rotor blades as airspeed increases.

In order to obtain a more precise relationship berween the in-plane and out-of-plane
aerodynzmic moments, 2 spanwise integration analysis is presenied which accounts for the
variation in rotor aerodynamic propemies with radial lecation, Refermring again to Figure
3.2, one can note:

sing = Dyp
cos ¢ = Dp/U

(3.22)

One can therefore write the incremental thrust and H-forces by substinuing eqns. (3.22) into

egns. (3.15) and (3.16):

@ = Cu? sin (8 ~
a0 ® /e {3.23)

@r = Cuu? sin (8 - g} Up/D

Using the migonometric identities for the sine and cosine of the sum of two angles yields:

@ = CaUUp [sin & cos ¢ - cos & sin 4]

{3.24)
dar = CpUGp [sin @ cos ¢ - cos & sin ¢}
Using the expressions for sin(g) and cos(p} fom eqns. (3.22) pives:
G = Cp [sin & Uy - cos & B7]
{2.25)

ar = G [sineurz—cosﬂlbur]

The perturbaticn in-plane and out-of-plane aerodynamic forces can be obtained by taldng
the variation of the zbove:
8@ = Gy (lsin e U} sUp
+ IsinBUr-zcosG%] 80p
+ [cos @ Ugbp < sin ¢ U;%) 88
{2.26)

8{aT} = CAlfzsinsBr—cosﬂUp'.l SUp

+ [-cos5 8 Up) &l
* leos @ Op? + sin & Ugnpl 88)

One can use the approximate expressions for psrrbarion tangental and perpendicular

relarive wind velocities and geomeric blade angle given below:

50, = rtf -~ g cos §)

EUT = BW sin § {3.27)

8 = 6-ccosi+e

3 ssiniﬁ

1

to rewrite the pernubadon integral thrust and H-force moment expressions, given below, in

terms of the system state variables.

R
B, = of s(aw) r (3.28)

R
B = o | T staD ¢
Substituting the actual flight conditions and rotor geomerry given in Appendix A into
the expressions above, and then integrating the product of the radial moment arm and the
incrementat thrust and B-forces, yields the permwbation in-plane and out-of-plane

gerodynamic moments.
Bl = (12032.46) (f—q cos &) + (501347.94) &8

+ {1030.53) (5W sin &)
(3.29)

By = (14985.18) (f - g cos §) + (956760.61) 50

+ (1022.39) (W sin &

The expressions above indicate that the thrust end in-pizne moment perturbations 2re very
sirnilar in form. In order to assess the differences in the expressions, submact 2 multiple of

the pesturbation thrust moment from the parurbation in-plane moment to obtain:

Sl — 0.88Mp = (133110} 58 + (209.59) &W sin & (3.30)
Remembering the expression derived for the aerodynamic oui-of-plane moment in

ean.(3.14), one can express the in-plane momen: as:

siy = 0.8{[2(g-2) LB + KpJ sin &

B
+ (133110) 58 + 208.59 (&W sin &) {3.31)
+ [251159 + Kﬁall cos &)

Finally, the one/rev in-plane moments exened on the rotor blade are given by
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. {3.32)
&, = tu.szIﬁn(g—aJ_J +K§bll

+ 209.59 BW 1 s5in &

+ 133110 ﬂls

+ {0.8[21,0 51 + Rﬁall + 133110 @, } cos &

3.4 Intnitive Concepts

Preseruted in Figure 3.3 is a time history of an open-loop aft longitedinal stick step at
260 ¥knots. An order of magnitude analysis reveals that the most significant conuibution to
the in-plane moment is made by the term (g - i)). As the aircraft pitches nose-up, the
tip-path-plane actoaily leads the shaft angular velocity. This unusual behavior can be

attributed to the unique operating conditions of the tiltretor.

First consider the approximare relationships for ineremental thrust and H-force of
ean. (3.20). The change in thrust and H-force is very nearly proporional to the change in
angle of auack. For the case of fixed rotor blage pich, the rotor will experience 2 change in
angle of amack given by:

-1
x - = = §
Ba 1] [tan (UPISP)]

Bp - (3.33)
ba = U—!+—2- ETUPJ'EI - SUP]

U’I‘

D
In 2 typical low inflow condition, the ratio of the win out-of-plant velocity t the
trim in-plane-velocity is small, thus angle of arack changes are due primarily to changes in
the put-of-plane velocity. In the high infiow condition, hewever, the satoe of the tangental
and perpendicular velocities is close to unity, As artesudt, changes in the tangental velocity

can significantly change the blade seciion angle of anack.

Now consider the change in angle of anack ar w=%0 degrees which gives rise 10 the
longirudinal fapping response of the rowr. The change in tangential velocity for the high
speed pull-up maneuver is due Jargely to the body axis venical velocity znd given
approximately by eqn. (3.27). At high speed, the change in the vertical body axis velocity
is large.. The change in the out-of-plane velocity is due primarily to longitudinal flapping

and can be wrinten:

80, = -a;8rsintd (3.34)
The change in anple of auack is given by:
ki o]

6o = ;T = BW-—E+&19}.‘ sin & (3.35)
(0, ) Up

Particularizing the expression above for the conditions at the three-guarter radius Jocavon

and assuming that the ratio of the in-plane and out-of-plane velocities is uniry gives:

1

be = (&7 + 2, B(0.75)R] sin &

(3.36)
48R (0,75

The acrodynamic portion of the precessional moment for a nese-up pich rate must be
supplied by a fosidve angle of amack chiange at w=90 degrees. The anzle of awack chanse
induced by the 8W velocity alone is greater than the angie of atmack change needed 10
produce the precessional moment. As a resuli, 2 negatve longiwdinal flapping angle,
corresponding 1o the tip path plzne leading the shaft normal plane as the shaft pitches nose-

up, is necessary to maintain moment equilibrivm during the pull-bp manenver. As the body

fodds velocity 8W builds up during the manewver, the longitadinat flapping angle becomes
increasingly negative, hence a nepative longimdina flapping rate is produced.

The most significant term in the in-plane momen: expression was shown 10 be given
by:

ﬁMﬂ =z 2 IBB {q—all sin ¥ {3.37)

The large body-axis vertical v.clociw induced by the pull-up mancuver at high spead and the
high inflow condition of the rotor result in the curicus effect of the pitch rate and tip path
piane precessional rate occurring in the same direction. As a result the magnitude of the

pitch rate and longiwudingl flapping angwlar rate sum o give a large ont/rev in-plane

bending moment.

‘The onefrev in-plane moments have been shown to be 2 consequence of airplant
pisch rate. Thus redncing the aircrafi pitch rate whenever possibie is one approach to
alleviating the in-plane loads. Figure 3.5 Hlustrates the effect of pitch rate féedback U]
elevator angle, similar 10 the ref. [1] conwroller design, on the longitudinal stick step
responses. The presence of this type of feedback results in smaller pitch rates, hence lower

in-plane moments, than the open-loop responses.

Rotor cyclic pitch inputs can be used to modify the angte of attack, and hence
aerodynamic forces and moments, experienced by the rotor biades. Through modification
of the onefrev aerodynamic forces and moments exeried on the blade, the optimum rotor
flapping responses for in-plane loads reduction can be produced. Shown in Fipure 3.6 is a
block diagram of the combined rotor cyelic pitch and elevator conmoller which is 1o be
examined in subsequent chapters. The conmoller uiilizes feedback of the system state
variables to the elevator, left rotor longitudinal and tmeral cyclic pitch, and right rotor

laieral and Jongitudinal cyclic pitch to alleviate the one/rev blade in-plane loads,

4, Eigenstructure Assignment Methodology

4.1 Intreduction

The optimal solution fo the tiltrotor maneuvering loads problem is the design of 2
controller which drives the sine and cosine compenents of the in-plane moment expressions
presenied in eqn. {3.32) 10 zero. The in-plane loads arise s a function of the aircraft pitch
rate and the ensuing increase in aircraft angle of atack. As a result, a controller which
minimizes the aircraft pich rate will ensure that the in-plane loads remain smail.
Unforunately, it is sometimes necessary for the pilot to execute high pitch rate maneuvers
in order to adequately perform his mission. As a result, the blade in-plane loads consrolier
should be designed to satisfy the more stringent requirement of driving the loads oward

zero even when the aircraft sustains a substantial pitch rate.

Constraints introduced by the physics of the rotor/airframe interaction, limits on the
atiowable blade flapping responses and cyclic pitch inputs, and tme delays in the conmeller
operation will define the achievable reduction in rotor loads. Additionaily, the controller
must be designed to operate in the presence of 2 wide variery of pilot inputs, many of which
gevelop aggressive pitch rates, The problem considered here is 1o find the controller which
minimizes the in-plane loads withont adversely affecting the handling qualives of the

airceaft,
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4.2 Eigensiructure Analysis

The response of a linear time invariam sysiem expressed in the form:

.;S = Ax + By {4.1)
is piven by:
ot
ey = 121 yov e b
(4.2}

+ o {t-t)
o %3 bouto el ér )

where J;,v;, and w; are respectivety the eigenvalues, and the right and left eigenvectors of
the staie matrix A; £ is the initial state ; and uy, are the conmol inputs. For any combination
of initial conditions and conwl inputs, the state response will be defined by the form of the
right eigenvectors of the state matrix A. The relatonship berween the individual state
responses will be determined by the magnirude of the components of each state in the
eigenvectors of the system. If one desires a particular relationship berween any set of
states, the proper shaping of components of the eigenvector wilt ensure that the given

relationship berween the states is satisfied for any rype of input or initial condition.

in order to minimize the onefrev in-plane moments a specific relationship must exist
berween the aircraft pitch rate, verical body axis velecity, rotor cyelic pitch angles, and
longiudinal and lateral flapping responses. To eliminate completely the onefrev in-plane
aerodynamic moments, both the sine and cosine components of the right-hand side of egn.
(3.32) must equal zero. The rwo simultansous equadons which must be satsfied to
eliminate the one/rev in-plane moments are given below.

0.8[2 I, flg-a) + Bgb, )+ 133110 8, ¢ 208.59 & = O

r {4.3)
0.8{2 Iﬂ D'Dl + KBall + 133110 Blc = 0
The high speed pull-up maneuver described in Fig. 3.3 is dominuted by the shont
period response of the aircrafi. Assuming that enly the short period mode is excited during
the maneuver, the relationship between the swate vector and the time derivative of the siate

vector is given by:

X {€.4)

where plgp is the shon period frequency, Generaliy, the shor period frequency is specified
by handling qualities requirememnis and is not a parameter which can be altered during the
joads conmolier design. Similarly, the coupling berween the aircraft pitch rate and body
axis vertical velociry, hence angle of anack, are selectied based upon handling qualities
criteria.  Thus meating §.8W, and Ksp 28 known quamities, one can write egn. (4.3) in

matrix form.

~0.16 1,0 -208.5%

B g
o 0 W
. o ) 1
R L 0.8, 0 133110 :1
0. 0.16 ) 1
=, heolg0 133110 - (.5)
1c
8is
= .o N
Fow [yab g ] 2y
b1
e
is,

The equarion written above is overdetermined in that there is no unique combinatien
of rator ¢yclic flapping and cychic convrol anples which yields zero in-plane loads.
Physically, however, the rotor conwrol angles and blade flapping responses will not be
independent for fired values of pitch rate and vertical body axis velocity. An approximate
relationship beiween the roter flapping and cyclic control angles can be obtained through
the quasi-static flapping assumnption, wherein one assumes that the rotor flapping states
reach a steady-state condition instantly,

The state vector can be parsitioned into rigid body and flapping degrees of freedom,

and the state equations rewritten in the form:
PR N (e O e ¥ 0 B I
i B | Pz B B,

The quasi-static flapping approximartion assumes that the time rates of change of the

{4.6)

flapping states instantly approach: zero, therefore:

B = 0 (4.7

The lowet row of equations of egn. (4.5) can then be solved algebraically, using the guasi-
statie flapping approximation, to give:
-1 =i (4.8}
B o= —Ap Ay Xvdy B R
For the flight conditions considered in this analysis, the following reladonship exists

berween rotor eyclic flapping angles and cyclic conwrol angles, body mtis velocity w, and

HEHEE

y - [0.84 ~1.45] MR‘["'“‘

1.46 0.82 =0 .0507

pitch rate:

~0.0016 ] (4.9)

0.0008

The expressions abave have been derived under the assumption thar the flapping siate
varables instantly reach sieady-state values, In acmality, some finite time interval will
elapse before the flapping dynamics decay and the blade lateral and longimdinal flapping
angles reach the steady-state values predicied by eqn. (4.9)% The phase relationship
between Totor cyclic conwol inputs and aircraft swate can be better represented by

remembering that the Jowest frequency fixed-frame flapping mode occurs at a complex

frequency of:

- 6.85 % 2.78Bj RAD/SEC

L= w) =
The time to reach steady-state conditions of these low frequency flapping dynamics is given
roughly by the inverse of the undamped nawral frequency of the regressive flapping mode:
0.135 SEQDNIG

The desired short period frequency will be chosen as:

= -3 £33 RAD/SEC

Pap
Thus, if the effect of the flapping dynamics is represemmed by 2 pure time delay, the
relationship between the rotor cyclic contol inputs and aircraft pitch rate and venical

velacity states responding through the shom period dynamics is given by:

a, < q -(3434) {—0)
{b] =iy F ] * My [sw] e
1 is



Cne can write the relatonship berween the cyclic flapping, rotor ¢yclic pitch, and-aircraf

rigid body states more succincdy as:

R

where: r

{4.10)

-3
ea-: e 3T

"L
R

' 3t

HR=e

e—Bj-:

Afier substituting the shove into eqn. (4.5), and performing $ome simple matix
alpebra, one can solve for the desired 8, and 6, paricipation factors in terms of the
specified pitch rate and body axis venical velocity paricipation factors from:

] - Do

1s

-1

[ - s ] B ceam

The desired lateral and Jongiwdinal flapping paricipation facters can then be found from
eqn. (4.10).

One can choose the desired closed-loop coning and airspeed panicipation facrors 10
be eqial 1o the cpen-loop values. The eigenvector which contains the desired coupling of
the state variables is termed the "desired cigenvector”. Table 4.1 compares the open-loop
and desired short period eigenvectors for the tlmotor in-plane loads reduction example. in
reality, the physics of the system may make i impossible 10 use the available controls to
achieve the form of the desired closed-loop eigenvecior in an exact sense. An algorithm is
deseribed in the following sections which produces the controller which mest closely

approximates the desired eigenvecior in 2 weighted least-squares sense,

4.3 Formuiation of Closed-Loop Eigenvalue Probiem

When 2 control of the form shown below is

U o= @ty (4.12)
used on the system of eqn. (4.1), the closed-loop state equations become:
. 4.
z = [h-B6l x+Bv o
The closed-toop eigenvalue problem can thus be formulated:
- = 4.14
[uiI A+ BG ] B; 0 ( )
o]
IpiI-A]Ei = - BGp (4.15)

where ), is the closed-loop pole Jocation and p, is the associated closed-loop eigenvector.
1 i P eig

Now make the substiturion:

Ei *® = GD.
-1 (4.18)

[uiI—A]P_i = Bg,

and note that if j2; is an open-loop eigenvalue of the system one can write:
lwyI-hlp = © {4.17

Bg; = 0
1f the null space of B consists only of the zero vecior, it is tue that when the ith eigenvalue

is invariant under feedback:

g = 0 (4.1B)
1f | is not an apen-loop eigenvalue of the system one can write:
pi = TegI-A10Bg {4.19)
Upon making the substitution:
My = [‘pi z—naria (4.20)
one obraing:
Bi = Migj t4.21)

4.4 Solving for the Achievable Eigenvectors

One would like to make the closed-loop eigenvector comesponding to the short
period mode p; equal to the desired cigenvector v;. One can express this desire in equation
form as:

¥i = Mjgj (4.22)
The equation will have a solution, which is not necessarily unigue, only if:

tank [ Mly; 1 = rank [ B 3 (4.23}
For the tiltrotor aircraft and the chosen desired eigenvalues and eigenvectars, the rank
condition above is not satisfied. As a result, a least.squares algorithm ¢an be oged 10
minimize e difference berween the desired eigenvectors and the best achievable
eigenvectors {211, Therefore minimize the 1exms:
[ys~m !
(4.24)
ST -

At this point, the eigenstructure assignment methodology used in this analysis departs
from the methodology most often presented in the literaure [15]. In the conventional
approach, one partitions the state vector into two components. The first component consisis
of ¢lements whose participation factors in the eigenvectors are specified, while the second

component consists of elemenis whese pamicipation faclors remain unspecified during the

design process. Only the difference berween the specified elements of the achievable
eigenvector and the specified elements of the desired eigenvector is minimized. Generafly,
only m elements of the eigenvector are specified, where m is the number of independent
control surfaces, in order to provide an exact achievement of the specified portion of the

desired eigenvector. In the conventional eigenstruciure assignment approach, the desigrer
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is left with an equal amount of conwel over matching the response of each of the specified
states in the system and no control over the unspecified state responses. In the approach
presented here, & weighted least-squares approach is used to exercise some degree of

conwrol over matching each component of the achievable and desired eigenvectors.

The weighted leas:-squares eigenstructure assignment approach has several
advantages over the conventionzl vector partitioning approach. First, the weighted least-
squares technique gives the designer the ability to place varying degrees of emphasis on
achieving each of the specified components of the eigenvector. In the tiltrotor loads
example, the engineer may want o specify the pitch rate and eyclic flapping components of
the gigenvector withont drastically altering the aircraft angle of arack characteristics of the
short period response. Trade studies can be performed, wherein loads 2re minimized at the
expense of changing the aireraft response, by varying the relatve weightings on the
specified components of the eigenvector. Secondly, the weighted least-squares approach
can be used to place some emphasis on retaining the open-loop characteristics of the
unspecified elements of the eigenvector. In assigning the specified componems of the
cigenvector as closely as possible to the desired eigenvector components, the unspecified
comporents of the eigenvector may be chanped significanty, thereby completely altering
the modal characteristics of the response, Weighting the difference berween the open-loop
and closed-loop unspecified compenents of the eigenvector can ensure that a wenkiy
coupled unspecified state, manifesting itself by a small relative participation factor in the
open-loop eigenvector, is not used excessively to alier the specified participation factors in
the controller design.

The componen weightings used 10 place varving degrees of emphusis on minimizing
the components of the vector of egn. (.24} are weightings of 100 or the piich rate and
longiwdinal and laeral flapping angle and rate states, and weightings of unity on all other

states in the system. The solution 10 the weighted least-squares problem is given by:

{4.25)

gy o= gTwy w0 T

where W, are diagonal weighting matrices, comespending 10 ¢ach mode in the system,
which specify the relative emphasis placed upon achieving each component of the desired
eigenvectors. Remembering eqn. (4.22), the best achievabie eigenvectors are given by:

(4.26)

’ Bp < Mpds
Table 4.2 compares the desired and achjevable short period eigenvectors for the tilmotor

loads minimization problem.

4.5 Finding the Feedback Gains

Remembering the definition of eqn. (4.16), one can construct the mawix eguation:

Q = -
a=lg gl 5! (4.27)

P = [‘9-1!921"‘9::1

The achicvable closed-loop eigenvectors p; are linearly independent, therefore one can
solve for the gains from:

6 = -l (4.28)

The gain mamix above is an amay of feedback gains from each state in the system 1o

each available control surface. This 1ype of control taw i5 known as a "full state feedback”
desigm,  For example, in the case where acteator dynzmics exist in the math model, a full
state feedback controller senses actuator rates and displacements and feeds back
proportional signals to the actuator inputs. A variety of reasons, including sensor noise,
unmodelled dynamics, or processing delays, may preclude the feedback of certain dynamic

states in the sysiem.

A conmoller design which does not vilize al) the sysiem states is referred o as a
"congtrained state feedback™ design. Eliminating a given state Fom the feedback signal is
equivalent to equating a columnn of the gain matrix arbitrarily to zero, When the ith system

staie is suppressed in the feedback law, eqn. (4.27) can be written:
{4.28}
g = - @GP
where the mamix G is the mamix G with the ith column deleted, while the marix P”is the
matrix P with the ith row deleted, The system of eqn (4.29) czn be solved using a weighted

least-squares algorithm in the following manner. Transpose both sides of eqn (4.29) 1o

obtain:
& = - pT (g7 (4.30)
The weighted least-squares sojution of the above is given by:
@T = -t g Tt g et (4-31)
The consmained state feedback gain marsix is therefore given by:
(4.322)

G = - @g®IT [pr g (pTI T

Unforunately, when the equaion zbove comtaing complex mode shapes,
corresponding to oscillatory modes, the gain mairix which best satisfies the least-squares
problem may 2lso be complex. One can find the real mamix (GNT which best satisfies eqn.
(4.29) by considering the complex conjugate pair rows of eqn, (4.29):

g’ =teHT @07
{4,33)

T T T
@=} = -(p*) (g
i i

First adding the two equations above, and then subwacting the lower equation from the
upper equation yields:

T T. T
real [g.”] = - real I{p,")71 (G")
9 By {4.34)

imag g T = - inag [(@ ) (6H7T
i i

This procedure can be repeated for each complex conjugate pair of eigenveciors in the
system to obtain 2 reformulated version of egn. (4.29), in which both the Q” and P! marices
are teal valued. The resvltng conswained swmte feedback gain memix GY, which best

sauisfies the weighted least-squares problem, will also be real valned.
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The weightng mamix in the constrained state feedback design represents the relative
degree of emphasis.placed vpon maching each desired eigenvector in the system. In
general, it is not possible to replicate the closed-ioop eigenstructure produced by a state
feedback design l;y the. xriore restmiclive constriined state feedback conmoller. AS & resalt,
in order 1o closely march any pamicular desired eigenvector, the designer must accept some
degree of variation i the other sigenvectors cavsed by differences in the full state feedback
and constrained state feedback controllers. It shouid alse be noted that the conr;tm.ined stae
feedback congoller places the desired eigenvalues in only an approximate sense, whereas
the full state feedback conmoller has the ability 10 place exacty the desired eigenvalues.

The short period eigenvectors were weighted exuemely heavily (100:1) in relation to all

other eigenvectors in the constrained state feedback comroller design.

Presented in Table 4.3 are the feedback gains which preduce the achievable short
period eigenvector. Shown in Fig. 4.1 are the closed-loop longimdingd step responses far
the eigenstrucrure assignment based conwroller, In comparison to Fig. 3.5, one can observe
thar the pirch rate, angle of antack, and verical acceleration reponses are unchanged, while
the in-plane loads are reduced. Figure 4.2 presents a direct comparison of the camulative
in-plane moments, defined as the square root of the sum of the squares of the sine and
cosine componems of the in-plane moments, for the ref. [1] type controller and the
contoller which urilizes rotor cyclic pisch inputs, it is apparent that, using both rotor cyclic
pitch and elevator inputs, eigenstructure assignment can be used 1o design an effective in-

plane joads controller.

%, The Rotor In-Plane Moment Controller

5.1 Introduction

In the previous chapter, the ecigenstrucivre assipnmen: methodologpy was
demmonstrated by designing a conwmoller which minimized the in-plane rotor joads
encountered during the shon peried dynamnics of the abreraft. The design has not yet been
optimized to give acceptable long term perfermance, nor has any consideration been given
10 the control authorities required to minimize the loads. In the following sections, the
eigenstructure assignment design procedure will be exiended to the longer term dynamics
of the aircraft through proper shaping of the closed-loop phugoid eigenvector. In addition,
the contro] usage of the in-plane load contreller will be constrained to remain within the

authority limits of the rotor cyclic pitch conwols for pitch rates of up tw fifty degrees per

second.

5.2 Consideration of Cyclic Pitch Authority Limits

The optimal short period in-plane load controller designed in chapter 4 uses roughly
385 deprees of Jongimdinal cyclic pitch control for each degree per second of aircraft pitch
rate. At the 385 degf(deg/sec) rate of control usage, the ten degree longimdinal cyclic
authority will be satarated at a pitch rae of 26 deg/sec. In order to retain conwolier
effectivengss for pitch rates up 1o 5G deg/sec, the control usage per urit pitch rate must be

halved.

Remembering that the longitudinal eyelic pitch angles are nelnded 25 dynamic states

in the math model, one can Himit the controf wsage by halving the longiudinal and laweral

cyctic control angle panicipation factors in the desired shon period eigenvector.
Application of the eigensimucture assignment methodology discussed in chapter 4 produces
the ciosed-Joop respenses shown in Figure 5.1, The limited authority controller sacrifices
performance, in the form of higher in-plane moments, for an increase in the range of pitch
rate over which there is a reduciion in rotor Joads. The limited authority controiler can

preduce a 50% reduction in in-plane moments for pitch rates up 1o 50 deg/sec.

5.3 Design of Phugoid Eigenvector

In order to understand the interaction between the short period and phugoid mode
dynamics of the aircraft, consider again the puli-up maneuver shown in Figure 3.3. The
longiwdinal stick step first produces aircraft pitch rate, which then quickly is integrated to a
significant Euler pitch angle in the first second of the maneaver. The inerease in pitch
angle Jeads to a component of the ajrcraft forward velocity along the verical body axis of

the aircraft.

The short period dynamics decay within twe seconds of the initiation of the
manguver, leaving the body axis vertical velocity as a virteal initial condition as seen by the
phugoid mode. The body axis velocity §W produces an increase in the lift force exerted on
the aircraft, engendering an inemial axis vertical acceleration which evenmually results n a
steady state rate of climb, Afier 2 period of ten seconds, the aircraft rate of climb almost
cancels the component of the relative wind projected on the body venical axis, and the

relative wind is once again aligned with the bedy longitudinal axis.

When the in-plane loads coatroller is designed to alter only the short period dynamics
of the aircraft, the step control input results in feedback signals which remain constant after
the conclusion of the shont perivd dynamics. The rotor cyclic pitch angles will retain some
steady state value, causing steady state rotor cyclic flapping after the completion of the

maneuver. The presence of steady state cyclic flapping will produce vnnecessary

aerodynumic one/rev morments on the rowor biades which oppose the hub moments exened
by the gimbal spring reswraint. As a result, it is desirable to rewm the rotor to the initial
operating conditions of zero cyciic pirch comrol and zero cyclic flapping through the

phugoid dynamics of the aircraft,

At the completion of the short period dynamics excited by the pull-up manegver,
when the aircraft piwch rate and roter flapping raies are essentialiy zero, the in-plane

moments are given approximately by:

By« [0.8Kp by + 133110 8y, + 209.59 89} sin ¢ {5.1)

+ {0.8%g & * 133110 #;,) co8 @

The body axis velocity 8W is ar this time decaying through the phugoid dynamics of
the aircraft, while the cyclic pitch terms remain constant. In order to drive the roter cyclic
piich controls back to the neutral positon, while retaining low in-plane moments through the
latter phase of the maneyver, it is desirable to dynamically coupie the rotor eyclic pitch and
&W velocity pertubations during the phugoid dynamics. In this way, the inital retor cyclic
pitch angles will be seen as an inital condidon, in analogy to the bedy axis vemical

velocity, which will be eliminated through the phugoid dynamics.

One can select the coupling berween the states in the equation 2bove to minimize the

long term in-plane moments through shaping the phugoid eigenvecior in a similar manner
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to that developed for the short period sigenvector in chapler 4. The desired phugoid
eigenvalue can be placed arbitrarily close to the open-loop phugoid pole. The resulting
desired phugoid eigenvector can then be incorporated into the eigenstructare assignment
conzoller design process. Table 5.1 presents the finalized closed-loop short peried ang
phugoid eigenvectors. Shown in Fig, 5,2 are the time histories of the aircraft responses 1o a
longitudinai stick step input, demonsmating the long-term performance of the in-plane foad

controller,

5.4 Controlter Evaluation

The feedback gains developed for the finulized in-plane ioad controlier are given in
Tabie 5.2, while the closed-loop pole locations are detailed in Table 5.3. The effect of the
load controller on the comulative in-plane moment i iHustrated in Fig. 5.3, wherein the
open-loop, elevator-only, and combined rosor cyclic pitch and elevator controllers are
compareg for longitudinal stick step inputs. It shonld be remembered that aimos: identical
pitch rare responses are produced by the elevalor-only and combined elevator and cyelic
pitch controllers, while the in-plane loads are halved by the intreduction of active rotor

eyclic pitch control.

The robusmess propenies of the controller can be demonstrated by the use of the
stability robusmess tests developed by Lehtomahki [10]. When modelling ermors are
represented as a multiplicative error at the plant input, one can show that the resulting
controller will be siable in the presence of the worst modelling ervor by conducting the
following singular value test. Stability is ensured if the maximum singolar value of the
ciosed-loop wansfer functien marrix, refating the closed-loop feedback signal to the elevator
and cyclic pitch coatrols, is less than the invetse of the maximum singular value of the
multiplicative modelling emmor at all frequencies. Essentially, the stability robusiness
criterion dictates that the bandwidth of the controller be limited to the frequency sange

where the mathematical model of the plant has high fidelity.

In this analysis, modelling uncertainty is maindy a result of neplecting the in-plane
rotor dynamics. The lowest natural frequency of the in-plane dynamics eccurs at
approximately twenty radfsec, therefore the maximum singular value of the closed-loop
feedback transfer fanction marrix should crossover well before twenty radfsec. Figure 5.4
shows tha cm'ssovcr occurs well below the rotor in-plane nawral frequencies, as a resuit
the controlier is ensured stability in the presence of lead-lag dynamics.

The eigenstructure assignment methodology should produce a reduction in the in-
plane loads for all input forcing frequencies which excite the short period and phugoid
modes. Shown in Fig, 5.5 is the Bode magnimde plot of the sine component of the in-plane
loads, produced as a function of longimudinal stick input frequency, for the elevator-only
and combined elevator and cyclic pitch comrollers. Throughout the range of possible pilot
input frequencies, which occur below two henz, the in-plane loads frequency response
produced by the combined elevator and eyclic pitch controller is roughly six decibels less
than that engendered by the elevator-only controller. At high frequencies controlier
effectiveness decreases, in keeping with the suability robusiness constraint, and the

combined cyclic pitch and elevater and clevaior-only controllers result in effectively the

same loads.

It is imeresting to consider the effect of the rotor flapping state feedback gains on
control system performance. Although methods exist 1o obtain accurate measurements of
the rotor flapping states [6], the elimination of these feedbacks is beneficial from the
standpoint of simplified controlier implementation, Senting the rc10r siate feedback terms
10 ZeTO Causes a negligible difference in aircraft and in-plane ioads responses in comparison
10 the fult element conwoller results shown in Fig. 5.2 Sinaija:iy, the frequency response
characteristics of the controller, from both performance and stability robusiness
perspectives, are unaltered by eliminating the rotor siate feedbacks from the controller

design,

6. Conclusions

A combined cyclic pitch and elevator controller has been developed which can
reduce rotor in-plane joads by fifty percent in comparison to existing coniroller designs.
The controlier has been designed to compensate for the effect of realistic actuator
dynamics, while exhibiting robusmess to high frequency modelling errors. The optimal
conToller design includes feedback of the rotor flapping states, however, eliminatior of the
rotor state feedback in the interest of reduced controller complexity results in very little

degradation in loads alieviation capabiliry.

The in-plane loads controller primarily utilizes constant gain feedback of pitch rate,
Euler pitch angle, and body axis vertical velocity to roter latersl and jongitudinal cyclic
pitch angies. Active rotor cyclic pitch changes are appropriately phased with aircraft pitch
rate and angle of attack changes, thereby eliminating the tendency of the rotor tip-path-
plane 1o lead the mast during precession. When the aircraft anains peak pitch rates,
controller inputs produce a flapping respense which precesses the tip-path-plane in an
opposite direction o the mast angular pitch rate. The resulting maximom total rotor
angular rate, defined as the sum of aircrafi pitch rate and longitudinal flapping rate, is
reduced, thereby alleviaring the acrodynamic moments which must exist in order to precess
the rotor, Also, rotor cyclic pitch is used io exert in-plane serodynamic ferces on the blade,

partially canceliing the in-plane forces engendered by the out-of-plane precessiconal

moments.

Eigenstructure assignment methodolegy has been used 1o incorporare realistic
controller anthority limits into the controlier design process. The ten degree longitudinal
eyclic pitch authority of the cuntroller is not exceeded when pitch rate is less than fifty
degrees per second. Flapping motion during aggressive pitch axis maneuvers is reduced in
comparisen Lo the fixed cyclic pitch configuration, thus the risk of rotorfairframe

intetference is lowered.
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MODE FREQUENCY
(rad/sec)
Symmetric Progressive Flap, ~-6.5 + 72,83
Antisymmetric Progressive Flap., -6.5 + 72,81
Symmetric Coning -6.& + 40,74
Antisymmetxic Coning -6.3 + 41.5%
Symmetric Regressive Flap. =7.0 + 2,831
Antisymmetric Ragressive Flap. -6.9 + 2,81
Short Perxiod -1.5 + 2.3i
Roll Convergence ~1,7003
Dutch Roll -0.2 + L.5i
Phugodd -0.1 + 0,21
Spiral -0,0569
Heading 0.0000
Integral Loagitudinal Velocity ¢.0000
Integral Vertical Velocikty 0.0000
Elevator Actuator -20.000
Right Rotor Long. Cyelic Pitch Act. -20.000
Right Rotor Lat. Cyclic Pitch Act, -20.00¢
Left Rotor Long. Cyelic Pitch Act. ~20.000
Left Rotor Lat. Cyclic Piteh Act. ~2G.0090
Table 2-1: Tiltrotor Open-1cop Modes
a1 260 Knots
NUMBER STATE URITS
1 Elevator Deflectieon in
2 Rt. Rotor Lat, Cye. Pitch deg
3 Rt. Rotor Long. Cyc. Pitch deg
4 Lt. Rotor Lak. Cyc. Pitch deg
5 Lt. Roter Long. Cye¢. Pitch deg
8 Airspeed ft/sec
7 Lateral Velocity ft/sec
B Vertical Velocity £t /sec
'] Roll Rate rad/sec
10 Pitch Rate rad/sea
11 Yaw Rate rad/sec
12 Pitch hngle rad
13 Roll Angle rad
14 Integral Vertical Velocity £t
15  Heading Angle rad
16 Integral Long., Velocity £t
17 Integral Lat. Velocity £t
18 Rt. Rot, Coning xad
19 Rt. Rot. Long. Cyc. Flap rad
20 Rt. Rot. Lat. Cyc. Flap rad
21 Lk, Rot. Coning rad
22 Lt. Rot., Long. Cyc. Flap rad
23 Tt. Rot, Lat., Cyc. Flap rad
24 Rt. Rot, Coning Rate rad/sec
25 Rt, Rot. Long. Cye. Flap Rate rad/sec
26 Rt. Rot. Lat. Cys. Flap Rate rad/sec
27 Lt. Rot., Coning Rate rad/sec
28 Lt, Rot. Leng. Cyc. Flap Rate rad/sec
2% Lt Reot, Lat, Cys. Flap Rate rad/secs

Table 2-I1: Description of Simulation State Variables



STATE

Db N

STATE

v WNR

OPER-LOOF
0.00 + D0.00i
0,00 + 0.00%
0.00 + 0.00%1
0.00 + 0,001
0,00 + 0,001

-2.21 - 0.451
«~0.00 - 0.001
-32.15 - 176,281
-0.00 + 0,004
1.00 + 0.00i
0.00 4 0.00i
-0.20 ~ 0,313
0.00 + D,003%
-47,91+45.335
0.00 - 0.004
0.31 4+ 0.77%
0.00 + G.004
-0.00 - 0,023
0.31 + 0.263%
-0.18 - D,0EL
-0,00 - D.02%i
0.31 + 0.2€i
=0.18 - 0.0831
0.06 + 0,032
~1,06 + 0.324
0D.48 - 0.25i
0,06 + 0,031
~%1.06 + .31
0.4B - 0.283

DESIRED
Z2.768 - 061
0.29 + 2.574

~16.22 - 21.7Bi

0.28 4+ 2.57%

-16,22 -~ 21.78i
-0.40 - 0,691
-0.00 - 0.00i1

-65.195 - $8.11i
-0.00 + 0.001

1.00 4 0.00%
-0.00 + 0,004
-0.17 - 0,175

0.00 - 0.00%
-5.49% + 27.22i

0.00 - 0,004
-0.05 + 0.18Bi

0,00 + 0.001

0.00 - 0,003
~0.25 ~ 0.25i

0.06 - 0.15i

0.00 - 0.004
~-0.25 ~ 0,251

0,06 - 0.153

0.00 + 0.024

1.49 - 0.02i

0.28 + 0.621

0.00 + ¢.,014

1,49 - 0.02i

0.28 + 0.621

PLRTICIPATION FACTOR

Table 4-1: Open-Loop and Desired Short Period
Eigenvectors for In-Plane Loads Reduction

DESIRED
2,78 - 063
0.29 + 2,571
-16.22 - 21.78i
0.29 + 2.574
~16.22 - R%.7Bi
-0.40 - 0,684
-0.00 - 0.004
~65.19 - 98,11i
-0.00 + 0.004
1.00 + 0.004
~0.00 + 0,004
-0.17 - 0,174
0.00 - 0,004
~5.49 + 27.22i
0.00 - 0,001
-0.05 + 0.183%
0.0¢ + 0,001
0,00 - G.004
-0.25 - 0.254i
¢.08 - 0,154
0,00 - 0.001
-0.25 - 0.251
0.06 - 0,153
0.00 + 0,013
1.48 - 0.023
0.28 + 0.62%
0.00 + 0,0%%
1.49% - 0.02%
0.28 + ¢.B2%

PARTICIPATION FACTOR

Table 4-If: Desired and Achievable Short Period
Eigenvectors for In-Plane Loads Reduction

ACHIEVABLE
2.03 - D214
0,31 + 2.69i
~16.45 - 21.73i
0.31 + 2,691
-16.45 - 21,73i
-0.48 - 9.514i
~0.00 - 0.003
~64 .30 - 96,561
~0,00 - 0.00i
3.00 + 0.004
-0.06 + 0,001
~0,17 - 0.171
0.00 + 0.001
~5.38 + 26,811
0.60 + 0001
-0.01 + D.16i
0.00 + D.004
0.00 - 0.004
~0.15 - 0.204
0.15 - D.01%
0.00 - 0,004
-0.15 - 0.204i
0.i5 - 0.01i
6,01 + 0.0Z4
3i.05 + D.1561
~0.42 + 0,504
Q.03 + 0.01i
1.05 + 0.3i541
-0.42 + 0.5041

STATE

vesdanashp
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ELEV.

(&n)

[ =R = I = ]

-0.0005

0
0.0025

0
-1.2053
0.0001
=-0,0528
0.,0001

o

L)

o

0
0.0670C
~0,3305
~0.0499
0.0670
-0,3305
-0, 04589
0.0112
0.0005
0, 0047
0.0112
0.0005
0,0047

STATE

W mn AW N

RT. LAT, RT. LONG. LT, LAT,

cYe. cYC.

(deg) {deqg)
0 0
0 0
0 1]
1} 0
s} e

0,016 -0.10089

o

¢

-0.01240 0.13181
0

-0,0001

-0.8659 1,8240
0.000L -0.0002
0,.1317 ~1.5241

0 ~0.0001

0 0

Q 0

) 0

0 ¢
0.1162 =0.6766

-0.0032 ~1.4783
0.0841 -0.9376

0.11862 ~0.&767

-0.0032

-1,4784

0.0841 -0.9375
0.0103 -0.0363
0.0021 ~0.0154
0.0004 0.0181
0.0103 -¢.,0383
0.0021 ~0,0154
0.0004 0,0182

Table 4-II1: Feedback Gains for In-Plane Loads

Minimization

PHUGOID SHORT
=0.00 + 0.003 2.62
0.00 + 0.004 0.00
0.1¢ + 0.01i -6,78
0.00 + 0.004 0.00
0.10 + 0.01% -6.78
1.00 + 0.00i ~0.40
~0.00 4+ 0.004 -0.00
0.7% + 0.071 ~65.19
g.00 + 0,001 -0.00
0.00 - 0.00i 1,00
0.00 + 0.0041 -0.00
-0.00 + 0,013 -0.17
=D.00 + 0.0041 0.00
-3.64 + 2.47% -5.49
-0.00 - 0.00% 0.00
-1.80 + 3.363% -§¢.,08
0.00 - 0,00% 0,00
-0.00 + 0.004i 0,00
-g.00 - 0.00i -0.25
.00 + 0.0041 0.0€
-0.00 + 0.004 0.00
-0.00 - 0.00% =-0.25
0,00 4 0.001 0.08&
0.00 + 0,001 0.00
0.00 + 0.00% 1.49
-0.00 - D.00L 0.28
0.00 + 0.00i1 0.00
0,00 + 0.00i L.49%
0.00 + 0.00i 0.28

0.3162
-0.0032
0.0841
0.1162
-0.0032
0.0B41
0.0103
0.0021
0.0004
0.,0103
0.0021
0.0004

P

1+ 0+

I+ + 4+t

[ S

+
+
+
+

PARTICYPATION FACTOR

ERIOQD

0.08i
0,004
10,461
0.00i
10.464
0.69i
¢.004i
9B.11i
0.004i
0,004
G.004
0.17i
0.00i
27.22i%
0.00i
0.18i
0,001
0,001
0,253
0.15i
0.001
G.255
0,184
0,013
0.02:1
0.621
C.024
G.02i
0.862i

~-0_ 6766
-1.,4783
-0.9376
-0, 6767
-1,4784
-3, 9375
-0, 0363
~-0.0154
0.o0l81
~3.0363
-0,0154
0,1082

Table 5-I: Finalized Closed-Loop Shont Period

and Phugeid Eigenveciors



STATE ELEV. RT. LAT. RT. LOKG. LT. LAT LT, LONG MODE FREQUENCY

cYC. CYC. cxc, cyc.
(in) {deg) (deg) (deg} (deq) Symmetric Progressive Flap. -6.5 + 72,81
Antisymmetric Progressive Flap. =6.5 + 72.8i
1 0 e 0 ¢ 0 Symmetric Coning -6.4 + 40,74
2 0. 0 0 ¢ 0 Antisymmetric Coning “6.3 + 41.5i
3 0 0 0 9 0 Symmetric Regressive Flap. -7.0 + 2,81
4 0 G o 0 o Antisymmetric Regressive Flap. -6.9 + 2.8
5 0 o 0 0 0 Short Paricd -3.0 + 3.0%
& 0.0107 0.0011 0.0030 0.001x 0.0030 Roll Convergence -1.7003
7 0 o 0 0 o Dutch Roll -0.2 4 1.54
B -0.00289  -0.0030  0.055L  -0.001p  0.0551 Phugoid 0.1+ 0.24
9 0 o] -0.0001 0 0.0001 spiral -0.0569
10 -1.3827 -0.0915 1.3025 -0, 0315 1.3026 Heading 0.0000
11 5.0001 0.0000 ~0.000% ©.0000  0.0001 Integral Longitudinal Velocity 50000
12 0.1660 0.0128  0.0309 0.0128  0,0305 Integral Vertical Velocity 0. 0000
13 0.0001 & -0.0001 o -0.0001 Elevator Actuator -15.089
14 M M 0 0 0 Out-0f-Phase Long. Cyc. Piteh Act,  -20.000
15 0 0 o 0 0 In-Phase Long. Cyc. Pitch Ack. -19.558
16 0 0 0 0 0 In-Phase Lat, Cyc. Pitch Act. -20.000
7 0 0 ° 0 0 Out-~0f-Phase Lak. Cyc. Pitch Act.  -20.000
18 0.114% 0.0108 -0¢.2715 ©.0108 -0.27:5
19 ~-0.2825 -0.0061  -©,6159 -0.0061 -0.6159 Table 5.]11; Finalized Closed-Loop Eigenvalues
23 -0.0080 0.0058% ~0.4466 0,0059 ~-0.4466
21 0.13i50 0.0108 -0.2718 0.0108 =0.2735
22 -0.2825 -0,0061 ~0.6159 ~0.0063 ~0.6159
23 -0.0080 0.0058 -0.4465 3.005%9 -0.44865
24 0.0150 0.0011 -0.0318 ¢.,0011 -0.01:8
25 0.0013 ¢.0002 -G.0077 ¢.4a002 =0.0077
26 0.0641 00,0001 0.0073 0.0001 0.0073
27 00,0150 0.001L1 -0.6118 0.0011 -0,0118
2 0.0013 0.0002 -0.0077 0.0002 -0,0077
29 0.0041 0.0001 0.0073 ¢.0001 0.0073
Table 5-T1: Finalized In-Plane Loads Conroller
Feedback Gains
w=0 deg
' 1
gimbal ) =90 deg

T 180 deg l \‘ w=270 deg
w i igimbal
LEFT SIDE VIEW : TOP VIEW
T =0 deg

weg0deg —— — —— AT T > | y=270deg
1
W
=180 deg
FACNT VIEW
Figure 1-1: Arist's Conceprion of Commercial Tilmotor Figure 3-1: Gimbal Axis System
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Figure 5-2: Closed-Loop Longiredinal Stick Step Responses
For Finalized Combined Elevator and Rotor
Cyclic Piwch Controiier

5

ML N SECHNDE
Figwre s.2m

WML R SECOHDS
Fguie 526

Figure 5-2, continued
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Figure 5-3: Comparison of Longitudinal Stick Step
In-Plane Loads Responses for Variows Conmoller
Configurations
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Figure 5-4: Stability Robusmess Test for Finalized
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