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Abstract 
A general framework for cost effective unsteady flow predictions of high resolution around full helicopter 
configurations is formulated. Starting point is the Helmholtz decomposition of the velocity field in which the vortical 
part is associated mainly to the wake whereas the potential (irrotational part) is associated to the flow induced by the 
presence of moving solid boundaries. Reduction of computational cost to a minimum, is accomplished by combining 
vortex blob approximation of the wakes with boundary integral representations of the potential part. High resolution is 
achieved by introducing particle-mesh techniques in the wake and sub-grid evaluation of the boundary integral terms. In 
the present paper the basic part of the methodology is described and numerical results are presented for the limiting case 
of. incompressible and inviscid fluids. Viscous as well as compressibility effects can be introduced by domain 
decomposition techniques, which are most suitable for taking into account such localised and close to the boundaries 
flow particularities. These issues are also discussed and some preliminary results are presented. 

I INTRODUCTION 
The flow problems associated to helicopters and tilt 
rotor aircrafts constitute a separate category in CFD, 
because of the dominant role of several independently 
moving bodies and of strong vortex-to"solid 
interactions. To complete the picture, one should add 
the flexibility of the blades, the controls as well as 
noise which has always been an issue of major concern. 
This constitutes the complete aeromechanical problem. 
From an analysis point of view, the ultimate goal is the 
definition of the suitable theoretical framework within 
which aerodynamics, aeroelasticity and aeracoustics 
can be treated in combined form. This perspective has 
been pointed out by Morino [1] who proposes as 
general framework the Poincare decomposition. 
Alternatively one could use the Helmholtz 
decomposition [2]. The difference of these two 
theorems is in the rotational part of the flow which in 
the Helmhotz decomposition is expressed as volume 
convolution of the vorticity instead of getting it 
indirectly as in the Poincare theorem [!]. This is a 
fundamental difference, which forces all of the 
subsequent analysis. At NTUA the Helmholtz 
decomposition has been chosen for its direct link to 
Vortex Methods (VMs) which to our experience can 
provide powerful computational tools. 

The most important issue when considering the 
complete aeromechanical problem for multi-component 
aircraft configurations is the computational cost. It is 
true that current research developments concentrate 
mostly on grid based CFD methods such as the finite 
volume and finite element methods. Besides being 
popular, CFD methods contain in principle all the 
physics and so their only drawback is the cost. It is 
expected that computer hardware will be able to 
overcome the present barriers and that in future, 
simulations of high resolution will be possible. 
Meanwhile, fast engineering tools are needed and most 
probably they will be always used for everyday 
calculations even if CFD concludes its developments 
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soon and successfully. 
Key point towards cost effective modelling is 

the proper use of the domain decomposition concept. 
To this end the flow-field is decomposed into the near
field in which the regions close and around the solid 
boundaries are contained, and the far-field which 
contains the wakes of the different components. The 
near-field will include any weak shock waves, the 
boundary layer regions as well as the part of the wakes 
in contact with the solid boundaries. The rationale for 
such a decomposition is twofold: 

a) Regarding numerics, there are basically two 
possibilities: either use a grid based field method 
or a grid-free Lagrangian vortex method. Field 
methods are most suitable in handling boundary 
conditions, flow non-linearities such as shock 
waves and boundary layers, as well as turbulence 
closure. Because of the finite extent of the grid, 
specific inflow conditions are required. They can 
be set either by extending the grid over a large 
region and then set undisturbed conditions or by 
matching with a far-field solution. Extension of 
the grid is possible only at the expense of high 
numerical diffusion of free vorticity leading to 
suppression of the wake induced effects. This 
leaves matching as the only reasonable choice. On 
the other hand vortex methods are most suitable 
in solving vortex convection problems in 
particular because of their having minimum 
numerical diffusion. This is due to their inherent 
ability to concentrate the numerical points only in 
regions of significant vorticity. However vortex 
methods have major difficulties in handling 
viscous boundary conditions and therefore they 
are inappropriate for the near-field. All of the 
above, makes the combination of a field method 
for the near-field with a vortex method in the far
field quite attractive. 

b). The limiting case of incompressible (or subsonic) 



and inviscid flows has always played an important 
role in aerodynamics. From an engineering point 
of view, such an approximation besides giving a 
first estimate of loads and of the flow in general, 
for certain flight conditions, can be even a 
reasonable compromise. In the past, a lot of work 
was done ori panel methods, recently renamed to 
Boundary Element Methods (BEMs). Extensions 
to compressible flows were also realised based on 
the full-potential equations [3, 4]. Finally, always 
within the same general context, there exists work 
on also including viscous effects based on 
viscous-inviscid strong interaction theory [5, 6, 
7]. Common theoretical background for all these 
works, is the theory of boundary integral 
equations. The most attractive feature of this 
theory is that it produces grid-free numerical 
models which are for this reason, computationally 
efficient. There is an extensive literature on all 
aspects of boundary integral methods which is not 
possible to review here. There is however one 
important aspect which is usually ·overlooked. 
Boundary integral theory constitutes the suitable 
theoretical tool for defining correct matching 
procedure between field and vortex methods [8, 
9]. There are few works in this connection, all 
dealing with 2D flows [8, 10]. We are not aware 
of any work on 3D flows. Possibly this is because 
all previous work concerned lJI - w field methods 

which are not extendible to 3D. Also worth 
noticing is the lack of work on turbulent flows 
even for 2D flows. This is probably because 
almost all the work on turbulence closure has 
been developed for ii - p and not lJI - w 
formulations. In the present paper boundary 
integral methods are used in defining coupling 
conditions of ii - p field methods with vortex 

methods. 

Based on the above remarks, research work at 
NTU A was directed towards the development of a 
concise prediction tool for multi-component 
configurations with several options for the near-field 
analysis all sharing the same far-field analysis 
formulated by grid-free vortex methods. The code was 
named GENUVP (=GENeral Unsteady Vortex Particle 
code) because of its relation to vortex particle or vortex 
blob approximations. In its current state, the basic 
version of GENUVP, performs unsteady calculations 
on multi-component configurations containing one or 
more rotors [11, 12]. The model also includes rigid 
body controls and beam like elastic deformations of all 
blades [13, 14]. Acoustic pressure predictions are 
performed a posteriori using the aerodynamic results 
and the Ffowcs-Williams Hawkings equation [15]. The 
basic version uses boundary element methods (BEM) 
for approximating the near-field,. There are also two 
more versions still in the process of development. The 
first uses a home-made Euler finite volume solver 
(FLUX3D) [16] whereas the second uses an also home
made incompressible Navier Stokes solver equipped 
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with the Spalart Almaras turbulence model (NS3D) 
[ 17]. So far they have been successfully tested the first 
in the case of the flow over a wing and the second in 
the case of the flow over a wind turbine blade with 
massive separation extending from the hub up-to about 
half of its span. The present paper focuses on the basic 
version of GENUVP. However indicative results from 
the other two versions are also presented. 

2 MATHEMATICAL FORMULATION 

2.1 Helmholtz decomposition 
Consider the unsteady flow of an incompressible and 
inviscid fluid around a multi-component configuration 
consisted of N 8 bodies. The bodies are allowed to 

move independently, a necessary feature for helicopter 
configurations. Let u(x;t),x E D,t:?: 0 denote the 

velocity of the fluid where D is the flow field. Then 
according to Helmholtz decomposition theorem, ii can 
be split in two parts: an irrotational and a rotational 
one. Usually the presence of solid boundaries is 
included in the irrotational part uso/id whereas the 

wakes are, as expected, included in the rotational part 

Uwak~ . So, 

(ll u(x; t) = u .... (x; 1) + """' (x; tl + ii.,, (x; 1) 

where ii"" denotes a given external field possibly 

varying in space and time. Green's theorem provides 
the means to express it solid through surface singularity 

distributions suggesting the use of BEM's in 
approximating this term. As for ii • ..,, Biot-Savart law 

gives, 

(2) 
_ _ f m(x;t)x(x, -x) 
u.,.., (x, ;I)= 

1

_ _

1

, dD 
D.,{t) 47r X 0 -X 

where Dw (I) denotes the support of vorticity. From 

(2), the use of VMs in approximating u.,u is straight

forward. So decomposition (1) implies as suitable 
numerical model the combination of BEMs with VMs. 
The two parts in ( 1) must be linked to each other 
through appropriate conditions which will feed ii.,, 
with vorticity continuously iii time. The exact form of 
these conditions is discussed in section 2.4. 

2.2 Boundary Integral Methods and the 
approximation of iiso/id 

Boundary Integral Methods are based on Green's 
theorem and are used in describing the kinematics of 
fluid flows. Consider a flow field D extended to infinity 
and bounded by a closed surface S containing all solid 
boundaries together with their wakes. In potential 
theory, wakes are introduced as vortex sheets, i.e. 
moving surfaces across which the velocity exhibits a 
tangential discontinuity whereas pressure remains 
continuous. In this context the scalar potential 1/J 

associated to a velocity field ii, admits the following 
representation: 
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(3) t/J(x) = -5a(x)-
1
-ds -5!-l(x)!_-

1
-ds 

' 4nr av 4nr s s 

where r = !Xo - Xj , v denotes the unit normal 

to S with direction towards D and a, 1-1 denote surface 

distributions of the jumps of iJrjJ I iJv (sources) and 

-r/J (dipoles) respectively. Differentiating (3) [18], 

(4) u(x,) =! a(x) 
4
:, dS +! y(x) X 4:, dS 

where y denotes the surface vorticity defmed as 

f = 'V 1-1 X ii . Since there is only the non-entry 

boundary condition to satisfy for determining the two 
unknowns a, J.l. , an artificial interior problem is 
specified which extends rjJ within S . Depending on 

the character of the interior problem chosen, the 
different formulations can be classified either as 
indirect or as direct. 

Indirect formulations were first introduced by 
Hess [19, 18]. In all of the different existing variants, 
non"lifting bodies are represented by sources, thin 
lifting surfaces by dipoles and thick wings by a 
combination of the two. In the last case, 1-1 is given 

specific functional form leaving free only the values of 
the circulation distribution which is determined by 
proper use of the Kutta condition along the edge of the 
wing. For lifting bodies active boundary is also the 
wake which is introduced as a surface carrying dipoles. 

Direct formulations were first introduced by 
Morino [20] who assumed the volume within S to· be 
stagnant. So, 

In (5) ()rjJ I iJv is given directly by the non-entry 

boundary condition whereas r/Js is determined as 

solution of the integral equation obtained from (5) for 
x, E S. Worth noticing is that Morino's direct 

potential formulation is the same for lifting and non
lifting bodies. The difference will come from the wake 
which imposes the existence of a discontinuity for r/J, 
along a line on the surface of any lifting body.' For a 
blade or a wing this line can coincide with the trailing 
edge and the discontinuity is identical to the circulation 
distribution also determined by the Kutta condition. 

Similarly, the direct counterpart of ( 4) for the 
velocity has the form: 

(6) u(x,) = 5 vCx).u(x) 
4
:, ds + 

s 

5 cvcxl x ii(xll x 4:, dS 
s 

in which ii. u is known from the boundary condition 
leaving as unknown the tangential to S velocity ii x ii . 
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For x, E S, the vector product of (6) with v(x,) gives 

two integral equations one for each of the two unknown 
components of v x ii . The doubling of the size of the 
problem is certainly a drawback in using the direct 
velocity formulation. However the direct calculation of 
the surface velocity renders this formulation most 
suitable for coupling BEMs with either integral viscous 
boundary layer models or with field methods. For 
lifting bodies, again the wake is introduced as dipole 
surface, which in the direct velocity formulation is 
transformed into surface vorticity. More on the_wake of 
lifting bodies and the conditions that quantify the 
singularity distributions on it will be discussed in 
subsequent sections. 

Regarding the numerics of BEM's there are 
basically two approximation philosophies: either use 
dense paneling with piecewize constant singularity 
distributions [18,19], or introduce high order schemes 
[21, 22, 23]. Low order schemes are easy to implement 
but lead to high cost which in fact led some groups to 
develop high order methods. Besides being more 
complicated in coding- them,- they do not match easily 
with vortex methods, which have zero order ac_curacy. 
Also high order panel methods have order mismatch 
with standard finite volume methods, which use 
pieceWize constant approximations in space. Finally, 
for lifting bodies-speeial--WFiting of the Kutta condition 
is needed [24]. For these -reasons we decided to 
proceed. with zero order BEM's without disregarding 
their high cost when paneling gets dense. Fortunately, it 
is possible to reduce signiftcantly the cost by applying 
sub"grid techniques. 

As pointed out early by Hess [19], exact 
integral evaluations are necessary only when the 
distance between control point and the panel center is 
small. In fact when the distance of the evaluation point 
from the panel gets bigger than 4 times the maximum 
diagonal of the panel, the integral evaluation can be 
reduced to a point calculation. Reversing this result, 
one can expect that the error will be also small if 
distant panels are grouped into larger ones over which 
the integrals are evaluated [25]. A strategy to such a 
grouping has been implemented by introducing a 
sequence of paneling at different levels of refinement 
(Fig.l). Calculations start at the lowest level (coarse 
paneling). Depending on the distance between the 
panel center and the evaluation point, the calculations 
will either proceed with the integral evaluation over the 
large panel or pass to the next and more refined level of 
paneling. Consider a panel of surface S, which contains 
n panels of the highest level in which the unknown 
singularity X is defined. Let I1 denote the value of the 
integral evaluated over S for unitary singularity 
strength. Then the collective contribution of the n 
panels is approximated by: 

' S-
(7) I = ~>1 --'- X, 

i=l s 
where 51 denotes the surface area of the i-th high level 
panel. Depending on the number of unknowns the final 
system is either solved directly or iteratively in which 



(a) The three levels of paneling 

I control point I 

(b) The activation of the different levels 

Figure I The sub-grid scheme for the evaluation of 
the boundary integrals 

case the matrix need not be stored. Thus panelings of 
the order of several thousands can be used even on 
ordinary Workstations. 

2.3 Vortex Blob Approximations and the 
management of the wake 

Vortex methods were first introduced by Rosenhead 
back in 1930 [26]. Until early 70's, vortex like 
methods were applied in aeronautics as part of panel 
methods to approximate the wake of lifting bodies 
usually as a set of vortex filaments. Almost 
simultaneously Basu and Hancock [27] were the first to 
introduce point vortices in order to predict the unsteady 
flow around a moving airfoil, whereas Rehbach [28] 
was the first to formulate a 3D point vortex method for 
predicting unsteady separated flows over delta wings. 
At the same period Chorin [29] published his 
pioneering work on how vortex methods can be applied 
to simulate the unsteady viscous flow around a 
cylinder. An excellent review of 3D vortex methods 
was written by Leonard [30]. In 1982 Beale and Majda 
publish the first complete work on the mathematical 
theory of vortex methods [31]. Since then a lot of 
papers have been published on vortex methods and 
their .applications to all sorts of areas in fluid 
mechanics which is impossible to review [32]. So the 
presentation will be restricted to the type of method we 
implemented in"GENUVP. 

Vortex methods are defined as one-point 
quadrature numerical schemes in approximating the 
volume integral in (2). To this end Dru (t) is 

decomposed into volume elements Dru./t),j E J(t) to 

each of which a point vortex is defined so that the zero 
and first moments of ill are conserved: 
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Let Q J t ) and Z J t) denote the intensity and the 

position of the j-th vortex. Then, 

(8) U/tl = f w(x;t)dD, 
D"'.; 

u /tl x Z/t) = J w(x;t) x xdD 
D,.,; 

so that, 

(9J m(x:rJ = L,u1(t)o(x-i1(t)). 
}eJ(t) 

Because the velocity given by (9b) is highly singular, 
instead of the Dirac function 8(.) in (9a), a smooth 
approximation is used known as cut-off or regularizing 
function which can be viewed as localized vorticity 
distribution function. That is why such vortices are 
called vortex blobs. Following, Beale and Majda [33], 
(9b) is written as: 

_ _ ~ U/t)xii1 u,....,(x,;t)= L.., 
4

nR 3 /,(R) 
jel(t) } 

(10) 

where ii1 = x, - Z1 , e denotes the cut-off length and 

/, (R) = 1- exp(R1 I s)3 • Usually E is associated to the 

numerical scales determined by the time step and the 
grid size of the paneling. 

Convection of free vorticity is carried out in 
Lagnrangian description as defined by the 
corresponding material equations: 

(II) 

where D denotes the deformation tensor. For 
compressible (barotropic) fluids, (llb) should be 
modified to include density variations, by substituting 

Q by Q I p . In this case to each blob, besides the 

intensity and the position, also the local density is 
associated. The density is determined by solving the 
continuity equation, again in Lagrangian form. 

Conventional vortex methods involve direct 
evaluation of the velocity and the deformation at every 
blob position based on Biot Savart law. This means 
that for N vortex blobs a complete time step requires N2 

point-to-point calculations. In engineering applications 
N will increase continuously in time and so the 
computational cost will grow exponentially leading at 
large times to prohibitive levels. One way of having 
reasonable cost, is the use of Particle-Mesh (PM) 
techniques [34] which will reduce the cost to N.logN 
operations. The concept is simple: For a large number 

of blobs, ii and D are evaluated at the nodes of a 
cartesian grid containing Dru(t). Then local inter 

polation is used to determine u and D at the exact 
positions of the blobs. To this end, the vector potential 



A of Uwake is introduced: V X Uwake = A and the 

corresponding Poisson equation: 

(12) v' A= -Iii, in Dw 

is solved by means of a Fourier type method 
implemented by Daube [35]. This choice has been 
made in order to keep the cost to a minimum. More 
specifically at every time step the PM calculation 
procedure involves the following steps: 

The projection step. 
Vorticity is evaluated over a cartesian mesh that 
includes all vortex blobs, by projecting the intensity of 
the vortex blobs located within a cell of the mesh to the 
vertices of the cell: 

1 "- -(13) m,.j.k = BD LJn,t;cx,.1., -z,) 
' 

where iii. · k is the nodal vorticity and x · · k is the t,j, t,j, 

position of node (i,j,k), 8D is the volume of the grid 
cell, and t;(.) is the projection function. The 

projection function has the form: 

(14) t;(x) = w(x) · w(y) · w(z) 

with w(.) being defined by one of the following 
functions, 

{
I -h/25,x5,h/2 

w(x) = 
0 elsewhere 
NGP(nerest grid point) scheme of zero order 

{ 
\x\ 1-

w(x) = 

0 

h 
-h/2~x5,h/2 

elsewhere 

CIC (cloud in cell) scheme of first order 

l
f(x2 +3hx+2h2 +c) /2h2 ,-3h/2 5, x 5, -h/2 

l-(x2 +c)/h2
, -h/25,x5,h/2 

w(x)-
- f(x2 -3hx+2h2 +c)/2h2

, h/2 5, x 5, 3h/2 

0, elsewhere 

TSC (triangular shape cloud) scheme of 
second order 

where h is the grid step and c is a free parameter. A 
fair compromise is the ere scheme. 

The solution step. 
Equation (12) is discretized with standard central 
differences leading to three heptadiagonal linear 
systems, 

(16) 

A+l,j,k - 21\,j,k + ~-!,j,k Al,j+l,k - 21\,j,k + 1\.j-!,k 

c,x' + tl.y' + 
- - -
A,,j,k+l- 2A,,j,k + A,,j.k-1 

tl.z' 
-cO . . k 1,), 

The values of A at the boundary nodes of the grid, are 
provided by point-to-point Biot-Savart calculations: 
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(17) - L n, 
A. = I I /,j,k - -

n 4n zn - xi,j,k 

To solve (16) first a two-dimensional Fourier transform 
is performed resulting tri-diagonal linear systems. Then 
the Thomas algorithm is applied. Finally a reverse two
dimensional Fourier transform follows, which provides 

the nodal values of A . Once the nodal values of the 
vector potential are obtained, standard central 

differences are used to evaluate the velocity 'V x A 
and the deformation vector d = (tii'V)ii at the nodes of 
the grid. 

The interpolation step. 
The velocity and the deformation of vorticity of each 
vortex blob are calculated by means of the same 
procedure used for interpolating the nodal values of 
vorticity as follows: 

(18) 

dQ, - ~- - ---=d = d.. Z -x. dt ' <.],,t;( ' '·1·') 

where ii, and d, denote the velocity and rate of 

deformation of the nth vortex blob, whereas ii1,1., and 

d1,J.k denote the velocity and rate of deformation at 

grid node i,j,k. Summation in (18) runs over the 
neighbouring nodes according to the interpolation 
scheme. 

Accuracy in PM methods is restricted by the 
cell size. In order to improve the error estimate of PM 
schemes, Anderson [36] proposed the introduction of 
local corrections. Because of the 1/r character of the 
Green function associated to (12), the PM 
approximation at a point x, , will be correct as far as 

concerns distant blobs. For those blobs contained in a 
correction area defined around i

0 
, a correction .D..U is 

added to ii, as calculated by (!Sa). tl.ii is defined as 

the velocity directly induced by the blobs contained in 
the correction area minus their contribution already 
included in the PM calculation-of ii,. The second term 

is estimated by subtracting their contribution to A at 
the neighbouring nodes to x, before (18) is applied. 

Experience showed that even corrected PM schemes 
are not sufficiently accurate and therefore they should 
not be applied to areas of major importance. In 
GENUVP a mixed scheme has been followed which 
excludes from the PM calculations areas close to the 
solid boundaries. In these areas the Biot Savart law is 
used. For example in the case of helicopters, the PM 
region starts downstream the tail rotor and extends to 
infinity. 

2.4 The near-t9-far field coupling conditions 
For an inviscid flow, vorticity can be released into the 
free flow along specific surface lines such as the 



the ctliHdwise dipole dls!r1buf!on 

Figure 2 The dipole distribution on the wind and 
along the wake 

Figure 3 The wake element in the velocity direct 
formulation 

Figure 4 The generation of vortex blobs 

trailing edge and the tip of any lifting body as well as a 
a prescribed separation line. This process produces the 
wake. In most panel approximations, wakes are 
introduced as vonex sheets, which retain their surface 
characier. Depending on the formulation, the extra 
unknowns will be either the dipole intensity or the 
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surface vorticity over the wake surface. In the ftrst 
case, the dipole intensity at the points of emission is 
determined by the zero pressure jump condition. 
Kelvin's theorem then fixes this value for all 
subsequent time, provided that the wake evolves in a 
Lagnangian way following the mean flow (See Fig. 2 
where superscript n denotes the time step). In the 
second case there are two unknowns (Fig.3). Again the 
zero pressure jump is used but now together with the 
divergence free condition of the surface vorticity. So 
the surface vorticity of the pan of the wake produced 
during the current time step is determined. In 
GENUVP, only the strip of wake generated during the 
current time step retains its "surface" character (Fig. 4). 
Subsequently, surface vorticity is treated in particle 
form through integration. From every panel of the near 
wake, one or more vortex; blobs are generated 
depending on the desirable length scale. For 
consistency reasons with the general invariance 
constraints, the integration should conserve the zero 
and fust moments of vorticity as in (8) except that 
instead of cii , the surface vorticity y is introduced. 

This also holds when the wake is represented by 
dipoles. In this case it is important to include in the 
integration also the line vortex elements which appear 
along the boundaries of the wake panels (Fig. 5). 

sv 
~ 

Figure 5 The integration scheme for generating 
vortex blobs 

In a number of applications, it is important to 
also include separation. A reasonable large-scale 
approximation is possible by assuming that the 
principle consequence of separation is the formation of 



a pronounced shear layer. For an inviscid 
approximation, this layer will reduce to a second vortex 
sheet carrying the corresponding vorticity in condensed 
form. Provided that the location of separation is 
known, it is possible to determine the vorticity fed into 
this second sheet by imposing a zero pressure jump 
condition. The double wake concept was first 
introduced for simulating the flow over a delta thin
wing [37]. For thick airfoils Vezza and Galbraith [38] 
formulated a method of ·this type based on vorticity 
representations whereas in [39] the source-dipole 
method of Basu and Hancock was extended to unsteady 
separated flows. Also in [39] a 3D thin wing model was 
formulated for rotating blades in which vorticity is also 
released from the leading edge at a rate determined by 
coupling the whole calculation with a section-by
section application of the ONERA stall model. In all 
these works the location of separation is input 
externally. In [ 40] a fully predictive method is 
proposed for unsteady flows around airfoils, in which 
separation is predicted by means of a strong viscous
inviscid interaction scheme similar to the one Drela 
formulated for steady flows [7]. 

a) The doublo·wake mo~ol in 'vorl'-x slloet.' lorm 

.. , 
~====~==~-v~~-
b) The dipole distribution on tho wing and the two vortex shoots 

c) Tho double wake model in hybrid form (she&! model 
of the near wake and blob model in tho far wake) 

Figure 6 The double-wake scheme in the case of a 
source-dipole indirect formulation 

Figure 6 shows schematically the double wake model 
in the case of an indirect source-dipole formulation. 
The bound dipole distribution is given a two-branch 
form defined by two parameters Jl.,Jl,. Both branches 

are linear with respect to the surface length. The two 
wakes will start from the trailing edge and the 
separation point respectively. Continuity for the dipole 
distribution is imposed at both emission points. 
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According to Kelvin's theorem, the values of 
flw,f.is are fixed to their initial values at all subsequent 

times. So the dipole distribution over the two wakes is 
fully defined by the history of the values of Jl.,/1,· In 

order to determine the extra unknown 11, , just 

downstream of separation, the velocity normal to the 
separation line is set to zero. Similarly a double wake 
can be also defined for the direct velocity formulation 
in which case the div free condition for the surface 
vorticity should be applied also at the separation point. 

2.5 Extension to aeroelastic analysis 
Aeroelastic coupling requires in addition to the 
structural model, two interfaces. The first will 
communicate to the aerodynamic part of the calculation 
the deformations in order to deform the geometry of 
the bodies as well as the deformation velocities which 
will be added into the non-entry boundary conditions as 
external velocity. The second will feed back to the 
structural model the aerodynamic loads plus their 
derivatives with respect to the deformation velocities 
which will determine the aerodynamic damping of the 
system. In rotor applications, a simple but powerful 
structural model which is easy to implement, is the 
beam approximation. Rigid body motions such as 
rotation, pitch, teeter as well as any other control 0t the 
hub, can be directly included. The model implemented 
in GENUVP was first developed for wind turbine 
blades [13, 14]. In considers flap and lead-lag bending, 
torsion and radial tension. The calculation process 
concerns time domain calculations during which at 
every step the aerodynamic and structural calculations 
are performed sequentially. 

2.6 Extension to viscous flows 
The main issue in coupling field with vortex methods is 
the correct formulation of the coupling conditions. Let 
S denote the solid boundary and D the flow-field, 
which is decomposed into the near field D1• and the far
field D, separated by a closed surfaceS, (Fig 7). In D,. 
a grid based Navier Stokes solver is used. On S the 
non-slip boundary condition is applied whereas on S, 
the velocity is assumed known. In order to determine 
the velocity on S,, one can use either a purely vortex 
model or a boundary projection technique. 

For the purely vortex model, (1) is applied over 
the entire flowfleld with u,,id denoting the body 

velocity and ii..u. denoting the velocity induced by the 

entire vorticity field. This part is calculated by the 
particle-mesh technique. Of course the vorticity used in 
this calculation, will be that of the previous time step 
and so the scheme will be explicit. Upon conclusion of 
every time step vorticity is convected in the form of 
blobs. Those found outside D, are retained as vortex 
blobs belonging to the far field. 

In the boundary projection scheme, (1) is 
applied in D, by adding to (6) the extra volume term 
for the vorticity contained only in the far-field. As 
explained earlier, expression (6), when applied on S, 
provides for a given normal velocity distribution 
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Figure 7 The coupling of a grid-based method with a 
vortex blob representation of the far field. 

u
11 

= U · V , the two tangential components u1, t0_ of 

ii on S,. This means that the only unknown is u,. Using 
the definition of W , u11 can be expressed in terms of 
u1 , !0, and eli . A surface Poisson equation is derived 

which is integrated overS,. So the only unknowns left, 
are the surface values of w . They can be determined 
by integrating (lib) in a Lagrangian sense as in [10]: 

(19) w(.r;t + &J = w(x- u(x;t);t) + 
8t. (w(x- ii(x;t);t)'V)u(x- u(x;t);t) + v.t. 

where v.t. stands for the viscous terms. At the end of 
every step vorticity is convected. During this process, 
vortex particles from the far field can cross S, on their 
way into the near field. In this case they are distributed 
over the boundary nodes. Also vorticity from the near 
field can cross So on its way into the wake. In this case 
the amount of vorticity which is leaving the near field, 
is transformed into vortex blobs (Fig 7). 

2.7 Extension to compressible flows 
For compressible flows, a volume convolution term for 
the velocity divergence should be added to (1). For 
aerodynamic calculations and flows with weak shocks 
only, this term will be important in the inner region 
only, provided of course that D;, is sufficiently large. In 
this case the analysis presented in the previous section 
can be followed with some modifications. In the purely 
vortex model, the velocity divergence term should be 
added in the convection velocity calculations of the 
vorticity whereas the projection model will remain the 
same since in Do compressibility effects are assumed 
negligible. 

Cll•S 

3 RESULTS & DISCUSSION 
Figure 8 shows an early stage of the computations on a 
full helicopter configuration using the basic version of 
GENUVP. All components are included. Wakes are 
produced by, the main and tail rotor blades, the end
plates and the stabilisers. 

Figure 8 Simulation of full helicopter configuration. 
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Figures 9 and 10 give comparisons of predicted 
pressure distributions against measurements obtained 
on the BO 105 main rotor blade in the DNW wind 
tunnel [41]. A three level surface grid of about 10000 
panels was used with 90 time steps per revolution. 
Convergence to a periodic solution was attained after 7 
full revolutions. A run of this type for the complete 
configuration would last 5 days on a single processor 
Workstation. The first case corresponds to a hover 
flight situation whereas the second to a descent at 6°, 
both at Ma=0.645. Results are presented at 0.75, 0.87 
and 0.97 radial stations. In the hover case one azimuth 
position is given, whereas in the descent case results 
are shown at azimuth positions 330' and 30' 
(advancing side) and at 240° (retrieving side). The 
agreement with measurements is reasonable. There are 

are compared to measurements. Although the 
agreement is quite satisfactory, it is noted that for a 
complete validation, comparisons should include also 
velocities. This is a task under way within the future 
main-tail rotor interaction tests for the BO 105 planned 
to take place in the DNW. 

In Figure 12 compressible results are presented 
for the case of the ONERA M6 wing in steady flow 
(Ma =0.8395, a=3.06°). In the inner region FLUX3D 
was used over a grid of 280x40x27 extending to 5 
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however differences especially at the 30' azimuth , 
,__. 

~ ~ position of the descent case which indicate that the time -o 

step as well as the density of the vortex blobs during 
B VI, need further refinement. 

The next test concerns the HART experiment 
[42]. In Figure 11 the calculated vortex trajectories 
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Figure 11 Vortex trajectories from the HART 
experiment 

chords around the wing. In these calculations only the 
vortex type of coupling was tested. The comparison is 
quite favourable at least for FLUX3D. As regards the 
testing of the coupling there is need for a detailled 
parametric study and therefore the results from this 
point of view should be regarded as preliminary. 

Finally in Figure 13, results from again a steady 
calculation are presented, this time in the case of an 
incomopressible turbulent flow. The test refers to the 
case of wind turbine measured by NREL in the USA 
[43] for which the assumption of incompressibility is 
certainly valid. The interesting feature in this test is that 
at mean wind speed of 13rn!s, the flow exhibits massive 
separation over a large extent of the blade. In the inner 
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Figurel2 Steady calculations around the ONERA M6 
Wing 

part covering the region around the blade, NS3D was 
used. The grid in NS3D is curvilinear and the 

' l 



arrangement staggered. Also for the pressure, NS3D is 
based on the SIMPLE algorithm, whereas for 
turbulence closure the Spalart-Almaras model is used. 
The coupling with an outer vortex type solution, which 
again was based on the vortex type model, permits to 
confine the grid near the blade (again of the order of 5 
chord lengths) and yet include the wake induced 
effects, which to a large extent regulate the flow. For 
full convergence and for a grid of about 106 points, the 
run lasts about 2 days on a single processor of a 
modern workstation. This i$ a quite encouraging result 
since full CFD calculations with multi-block techniques 
extending the grid both upstream and downstream of 
the rotor, as reported by NREL, need 107 points and 
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several days on high performance computers. As 
regards the quality of results they are quite satisfactory. 
There are however differences in the hub region. They 
could be due to the absence of the hub in the numerical 
simulations and the artificial boundary condition 
applied over the first inboard station. 

4 ·coNCLUSIONS 
In the present paper Helmholtz decomposition was 
used in formulating cost effective numerical schemes of 
high resolution for unsteady flow simulations around 
multi-component configurations. 

First the case of incompressible and inviscid 
flows was considered, for which Boundary Element 
and Vortex methods were coupled. High resolution 
under reasonable cost was accomplished by 
introducing: (a) Particle-Mesh techniques in the 'wake, 
and (b) Sub-grid quadrature for calculating the 
boundary integrals. Due to its grid-free character, the 
method is suitable to also include aeroelastic and linear 
acoustic couplings . 

Next, extensions to compressible and/or viscous 
flows were considered within the context of domain 
decomposition methods. In this connection two ways 
for coupling standard CFD methods in the near field 
with vortex methods in the far field have been 
proposed, based velocity integral relations of bouRdary 
element type. 

A series of typical validation tests was presented 
and predictions were compared to measured data. The 
overall quality of the predictions is supportive of the 
promising features of the whole methodology. 
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I. ABSTRACT 

Cost and weight considerations factor heavily into 
the design of the BA 609 civil tiltrotor. Therefore, aero
dynamic design solutions must be developed in a timely 
manner within stringent constraints. Computational, em
pirical, and wind tunnel testing tools are being used to 
produce optimal aerodynamic solutions that satisfy these 
constraints. Because of the detailed results that are avail
able from computational fluid dynamics (CFD) methods, 
these tools are being used to produce new aerodynamic 
design solutions that address complex flow issues. This 
paper describes some of the successes obtained by using 
computational fluid dynamic methods during the design 
of the BA 609 Civil Tiltrotor. 

2. INTRODUCTION 

To predict aerodynamic characteristics and air-loads, 
Bell Helicopter has pursued several approaches including 
wind tunnel testing, empirical methods, analytical meth
ods, and computational fluid dynamics (CFD) methods. 
The goal of constantly improving the design process has 
led to the development of many new techniques and up
grades in aerodynamic design methodology. The advent 
of computational methods for aerodynamic design and 
analysis for rotorcraft vehicles provides new opportunities 
to improve the design approach. As these methods are 
developed, computational results are continually corn
pared to wind tunnel test data to validate the accuracy of 
the computations (Ref. I). 

Developments in high-speed computers have also 
had an impact on the time required to perfonn aerody
namic design and the types of problems that may be 
solved. As computers have become more capable, solu
tions with increasing detail have been produced. In addi
tion, improved modeling of the physics of the flow and of 
the configuration geometry is also made possible. Inter
active graphic workstations have allowed a new approach 
to the design of aerodynamic components and the devel
opment of computational grids for complex shapes. 
Supercomputers have generated solutions to problems 
that heretofore would have taken too long to be of practi
cal use in the design process. 

The development of CFD methodology at Bell Heli
copter Textron, Inc. was initiated in the early 1970's with 
two-dimensional (2-D) airfoil analysis and design meth
ods. This included both incompressible and transonic 
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full-potential methods. In the early 1980's, three
dimensional (3-D) potential flow solutions became the 
standard for distributing external airloads on rotorcraft. 
In 1987, evaluations of transonic full-potential codes for 
rotor blades were conducted. Navier-Stokes methods 
were being used for some practical rotorcraft component 
problems in 1991. By 1995, full rotorcraft configurations 
were being analyzed using Navier-Stokes codes. This 
growth in capability has paralleled advances in computer 
hardware and the development of tools that improve the 
productivity for CFD methods. As a result of this growth 
in capability, state-of-the-art methods were in place to aid 
in the design of the BA 609. 

3. CFDTOOLS 

Several aerodynamic computational tools have been 
used during the design of the BA 609. These tools are 
used for grid generation, Navier-Stokes analysis, surface 
manipulation, and inverse airfoil design. 

3.1 Grid Generation 

Surface grids are generated from point distributions 
extracted from a CATIA surface definition. For the 3-0 
aircraft models, surface grids for the individual compo
nents are generated with proper overlap at the intersec
tions using the GRIDGEN (Ref. 2) code. A body con
forming volume grid for each surface component is pro
duced using a hyperbolic grid generator code, HYPGEN 
(Ref. 3). This code generates highly clustered and 
smoothly varying grids by solving a hyperbolic differen
tial equation. A graphical user interface simplifies input 
and execution and a check for negative cell volumes is 
conducted while executing. The PEGSUS (Ref. 4) code 
is used to develop the hole cutting and connectivity sten
cils for the component grids. 

3.2 Navier-Stokes Code 

The primary CFD analysis tool being used at Bell 
Helicopter is the OVERFLOW code (Ref. 5) developed 
by Pieter Buning at NASA. OVERFLOW is a Navier
Stokes code with various boundary conditions and turbu
lence models available. A primary advantage of this code 
is its ability to solve problems using overset grids. This 
feature allows complex geometries to be modeled to any 
desired level of accuracy. For the cases used in the BA 
609 studies. OVERFLOW was run using the Spalart
Allmaras turbulence model (fully turbulent), centml
differcncing of the spatial tcnns, and the three-factor di
agonal implicit scheme. 
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3.3 Post Processing 

FOMOCO (Ref. 6) is used to calculate the forces 
and moments from the OVERFLOW solution. Since 
OVERFLOW uses overset grids, the overlapped regions 
of the surface grids must be eliminated and connectivity 
established between adjacent grids before the surface 
pressures are integrated. The FOMOCO code performs 
these operations. Visualization tools are used to interpret 
the computational results. These include the FAST code 
(Ref. 7), which reads OVERFLOW-generated files and 
the Bell ADAM post processor that visualizes surface 
pressures, integrates forces, and distributes airloads to 
NASTRAN models. 

3.4 Inverse Design Tools 

Inverse tools currently being used include conformal 
mapping methods for single element airfoils and predic
tor/corrector techniques for multi-element and transonic 
airfoil design (Ref. 1). Inverse airfoil design methods are 
advantageous over trial-and-error perturbation methods 
since the pressure distribution, which determines the 
boundary layer development and the lift (moment) of the 
section, is specified a priori. Thus, the performance is 
specified and the coordinates that will produce that per
formance are determined. If geometric constraints are 
critical, inverse design methods can be used to determine 
the best aerodynamic configuration with the given con
straints. Since inverse conformal methods are extremely 
fast (Ref. 1 ), these design methods are nearly instantane
ous on a modem graphic workstation. As soon as a se
lected design parameter is adjusted, the result appears on 
the screen. The ability to work interactively on a graphic 
workstation greatly improves productivity for airfoil de
sign. 

4. APPLICATION OF CFD 

During the design of the BA 609, CFD methods 
were used to develop performance enhancing surface 
contours. CFD was also used as a tool to generate air
load distributions for structural design. The CFD meth
ods were used to develop new inboard rotor and empen
nage airfoils, to improve the wing-to-fuselage fairing, to 
reduce the size and lower the drag of the tail cone, to de
termine inlet and exhaust locations. and to provide airload 
distributions for the structural design of landing gear 
doors, wing fairings, spinners. nacelles, over-wing fair
ings, conversion actuator fairings, wing skins, tail sur
faces, and fuselage. 

4.1 Development of New Inboard Rotor Airfoils 

To minimize costs and risks, the V-22 rotor airfoils 
were also used on the BA 609 rotor. However, since the 
flex beam motions inside the blade cuff do not scale di
rectly and reduced steady pitch link loads were desired, 

the inboard blade airfoils required redesign. The goal was 
to reduce the pitching moment in the inboard region by 
60% while maintaining the V-22 lift characteristics and 
minimizing the drag. The approach taken was to use very 
fast inverse conformal mapping techniques to generate 
airfoils with desired moment characteristics that satisfy 
the clearance constraints. The trailing edge was then 
blunted by fitting a straight line to the airfoil surface aft of 
98% chord. The resulting airfoil was analyzed using po
tential flow with boundary layer methods to determine if 
the performance of the new section was acceptable. Fi
nally, OVERFLOW Navier-Stokes analysis of the new 
design shapes and the baseline V -22 airfoils was con
ducted to make the final section selection. 

Fig. 1 illustrates the user interface for an inverse 
conformal mapping solution that was generated. The 
upper left window depicts the input pressure distribution 
and the lower left window shows the resulting airfoil and 
clearance constraint. The panel on the right shows the 
input parameters that define the specified pressure distri
bution. Since this method is a conformal mapping, the 
trailing edge thickness of the airfoil is zero. Input veloc
ity parameters were adjusted to provide a thick trailing 
edge when a linear fit to the trailing edge is computed at 
98% chord. Using the inverse methods, a family of air
foils with different trailing edge thicknesses was created, 
all satisfying the clearance constraint. After defining the 
geometry, a Navier-Stokes trade study was conducted to 
determine the trailing edge thickness required to satisfy 
the maximum lift design requirement. Fig. 2 shows a 
typical grid distribution about a candidate inboard region 
airfoil. Results indicate that as the trailing edge thickness 
is increased, the maximum lift capability is increased; 
however, the drag level also increases. The trailing edge 
thickness for the final airfoil was chosen to maintain the 
maximum lift capability of the corresponding V-22 airfoil 
section. In Fig. 3, the resulting BA 609 28% thick airfoil 
is compared to the V-22 28% airfoil. Fig. 4 shows that 
the BA 609 airfoil lift curve slope is steeper than the V-22 
airfoil, and that the maximum lift coefficient is matched 
by the final BA 609 airfoil shape. In Fig. 5, the drag 
curve of the BA 609 airfoil is compared to the V-22 air
foil. The figure indicates that minimum drag is equiva
lent and the low drag region is much wider for the BA 
609 section. The pitching moment of the two airfoils is 
compared in Fig. 6. Results show that the pitching mo
ment at zero lift coefficient was reduced by 66% with the 
BA 609 cuff airfoil. 

As a result of this procedure, new inboard BA 609 
airfoils were developed that provJde improvements in 
perfonnance compared to using scaled V-22 airfoils. In 
addition, because of the reduction in pitching moment, the 
pitch link loads were also reduced. 

4.2 Wing-to-fuselage Fairing Design 

With a three-dimensional CFD solution, we can ex
amine the flow in detail at any location on the aircraft. In 
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Fig. l. User graphical interface for subsonic inverse airfoil design method. 

Fig. 2. Typical grid for Navier-Stokes analysis 
is 301 x 101 x 3 nodes. 

CJ2-3 

V-22 cuff airfoil 

XIC 

Fig. 3. The BA 609 cuff airfoil has less camber 
and more trailing edge thickness. 



Angle of attack, a (deg) 

Fig. 4. The BA 609 cuff airfoil improves the lift 
coefficient versus angle of attack. 

Coefficient of drag, Co 

Fig. 5. The BA 609 cuff airfoil drag curve is 
much wider than for the V-22 cuff airfoil. 

this capacity, CFD technology provides an unmatched 
diagnostic capability for rotorcraft design. In the BA 609, 
CFD was used to determine the cause of an aerodynamic 
issue found in a wind tunnel test and a CFD-based design 
solution was implemented to correct that issue. 

Preliminary BA 609 tests, conducted at the Texas 
A&M University 7- x \O-ft (2- x 3-m) wind tunnel, found 
that the vertical tail effectiveness was reduced at high 
angles of attack. This situation could lead to decreased 
directional stability of the aircraft and was undesirable. 

To investigate this situation, the BA 609 was mod
eled using computational fluid dynamic methods while 
the wind tunnel test was still in progress. A three
dimensional model had been generated to represent the 
baseline configuration. The OVERFLOW code generated 
results for angles of attack where the reduced tail effec
tiveness was observed in the wind tunnel test. These runs 
were performed on a Cray supercomputer at NASA Ames 
Research Center. A typical solution for this three
dimensional model of the BA 609 required approximately 
15 hours of CPU time on a Cray C90. Fig. 7 shows the 
computed flow for the baseline BA 609 model at the wind 
tunnel model conditions. The solution indicated a flow 
separation in the area where the wing joins the body at 
this high angle of attack. The separated flow creates a 
large region of turbulence, which moves aft along the 

Coefficient of moment, C M 

Fig. 6. The BA 609 cuff airfoil pitching moment 
is reduced by 66o/o. 

Fig. 7. Computed flow about the baseline 
BA 609 at wind tunnel conditions. 

fuselage and impinges on the vertical tail. Based on 
evaluations of these computational results, a modification 
to the wing/fuselage fairing was pursued to improve the 
effectiveness of the vertical tail at high angles of attack. 

A project was initiated to develop a new 
wing/fuselage fairing using the computational methods to 
generate results. The objective of this computational de
sign effort was to eliminate the computed flow separation 
at the wing-to-fuselage junction. New fairing shapes 
were created by adjusting the surface grids at the 
wing/fuselage intersection and regenerating the volume 
grid and holes for these grids. Two iterations were re
quired to produce a configuration that produced substan
tially improved computed flow. These geometry itera
tions and the generation of computational results for the 
new designs required a total of three weeks for comple
tion. Fig. 8 shows a comparison of the computed results 
for the modified fairing and the original baseline design. 
It shows that the new fairing significantly reduces the 
flow separation at the wing-to-fuselage junction. Based 
on these results it was felt that the BA 609 configuration 
could be improved with the CFD-developcd fairing. 

The surface coordinates of the new design were 
transferred to CATIA and stereolithography was used to 
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Fig. 8. The new BA 609 at wing/fuselage fairing 
significantly reduces flow separation. 

Fig. 9. Wind tunnel testing of the new fairing 
design produced improved performance. 

generate a part for the wind tunnel model shown in Fig. 9. 
That part was sent to the wind tunnel in time to be incor
porated into the model while the test was still in progress. 

Wind tunnel testing with the new fairing showed a 
16% improvement in the directional stability and a 
0.18 ft2 (0.0167 m2

) reduction in the drag. Since no parts 
had to be fabricated for the computational analysis, CFD 
was able to provide a low-cost alternative to conventional 
trial and error wind tunnel testing methods and provided 
significant insight into the cause of reduced vertical tail 
effectiveness. 

4.3 Midwing Exhaust Pressures 

In order to cool equipment in the midwing area, in
lets and exhausts for cooling flow are necessary. Initial 
cva\uatlons of the size and placement of the inlet and ex
haust were based on a panel method solution (Ref. R). 
When final sizing and placement studies were conducted. 
the OVERFLOW code was used to provide additional 
midwing fairing pressure information. At low angles of 
attack, the panel method and Navier-Stokes solutions 
wen::: equivalent, as is shown in Fig. 10. In this tigure, the 
pressures aft of the wing on the 8 A. 609 from the panel 

code and OVERFLOW are given. The pressure coeffi
cients shown in the left of the figure are at the station 
shown by the plane in the right of the figure. As can be 
seen, at an angle of attack of zero degrees, the panel 
method solution is very similar to the Navier-Stokes so
lution. This indicates that the flow is smooth and that 
there is no flow separation on the fuselage at this cruise 
condition. However, at very high angles of attack, the 
boundary layer thickens and the pressures from the panel 
method produce results that are different from the Navier
Stokes results (Fig. 11 ). The recovery of pressure aft of 
the wing is not as positive for the Navier-Stokes solution 
as the panel method would indicate. Because the Navier
Stokes code models the thickening of the boundary layer 
and flow separation, it was used for the placement and 
sizing determination of the midwing fairings for the BA 
609. Using the Navier-Stokes results ensures that ade
quate cooling flow is obtained at all flight conditions. 

4.4 Distribution of Airloads 

Computational fluid dynamic results are also being 
used to calculate airload distributions on the BA 609. 
During the design of external components, surface pres
sures are needed to establish the airload contribution to 
the total load. Critical load conditions are established for 
each external component by considering combinations of 
maximum local flow velocity, extremes in local flow di
rection, and Mach number as determined by the design 
flight envelope and maneuvering requirements. CFD 
analysis is run at the selected critical flight conditions to 
produce a detailed distribution of pressures on the surface 
of the model. The Navier-Stokes grid model that was 
used for these runs is represented in Fig. 7. Therefore, the 
approach was efficient in that only new cases were ron for 
the airload distributions on the existing grid model. 

For the external structural components, the CFD 
pressure results for each case are mapped onto a 
NASTRAN model using a method developed at Bell. 
Fig. 12 shows a NASTRAN surface geometry for the BA 
609 nacelle. Pressures from an OVERFLOW run have 
been mapped onto this geometry. The surface pressures 
are depicted by colors in this figure. The dark regions 
depict suction pressures and the lighter regions depict 
positive pressures. As part of this process, input files are 
generated that represent the distributed pressure on the 
NASTRAN model. This deck is transferred to the struc
tural loads groups to provide air load information for the 
design of the structure. For the BA 609. this allowed fast 
generation of critical air loads and incorporation of this 
CFD information into the structural design codes. 

5. SUMMARY 

Computational fluid dynamics is becoming an inte
gral part of the aircraft design process. Navicr-Stokcs 
codes allow details to be modeled and new designs to be 
produced that improve the aerodynamic characteristics. 
In addition, methods have been developed that allow the 
CFD air toad distributions to be mapped to the 
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Fig. 10. Panel method and Navier-Stokes pressures are similar at low angles of attack. 

NASTRAN structural design code. As a result of the 
application of CFD to the design of the BA 609, new de
sign concepts are being developed that improve the per
formance, lower the operating cost, and provide the 
minimum weight solution. 
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Abstract 

This paper describes the numerical analysis of 
a stall suppression system for helicopter rotors. The 
analysis employs a finite element method and in
cludes advanced dynamic stall and vortex wake 
models. The stall suppression system is based on a 
transfer function matrix approach and uses blade 
root actuation to suppress stall directly. The rotor 
model used in this investigation is the UH-60A 
rotor. At a severe stalled condition, the analysis 
predicts three distinct stall events spreading over the 
retreating side of the rotor disk. Open loop results 
show that 2P input can reduce stall only moderately, 
while the other input harmonics are less effective. 
The responses of the stall index, a measure of stall, 
to individual input harmonics are highly nonlinear. 
Such nonlinear stall behavior makes the closed-loop 
controller ineffective in suppressing stall and the 
combined effects of individual harmonics non
additive. Also, stall reduction does not guarantee 
gains in rotor performance. 

1. Introduction 

Active control has the potential to directly 
suppress rotor blade stall and thus can expand the 
helicopter flight envelope. Unlike fixed-wing air
craft, stall does not limit the low speed operation of 
helicopters. Stall on rotor blades limits the rotor 
structural envelope, in particular, the helicopter 
maximum speed and the rotor loading capabilities. 
At the stall boundary, the large blade pitching mo
ment induced by stall can cause stall flutter and 
excessive loading, leading to fatigue of structural 
components. In addition, stall increases the rotor 
shaft torque, causes excessive vibration, and ad
versely affects the aircraft handling qualities. Suc
cessful control of stall can enhance the utility of 
rotorcraft. 

Classical treatments of rotor stall indicate that 
stall typically occurs near the retreating blade tip. In 
forward flight, a blade encounters a time-varying 
dynamic pressure due to the combined effects of 
blade rotation and vehicle forward speed. Thus, the 
dynamic pressure is greater on the advancing side 
than the retreating side. To balance the roll moment 
on the rotor, the basic trim control provides low 
angle of attack on the advancing side and high angle 
of attack on the retreating side. As the rotor loading 
or the forward speed increases, stall is initiated due 

to the large angle of attack requirement on the re
treating side. 

Operating in an unsteady environment, the 
blade encounters the most severe type of stall 
known as dynamic stall. In forward flight, the blade 
experiences time-varying dynamic pressure and 
angle of attack arising from blade pitch inputs, elas
tic responses, and non-uniform rotor inflow. If 
supercritical flow develops under dynamic condi
tions, then dynamic stall is initiated by leading edge 
or shock-induced separation. Even with limited 
understanding about the development of supercriti
cal flow in the rotor environment, flow visualization 
results of oscillating airfoil tests at low Mach num
ber suggest that supercritical flow is associated with 
the bursting of the separation bubble as it encounters 
the large adverse pressure gradient near the blade 
leading edge [!]. Dynamic stall is characterized by 
the shedding of strong vortices from the leading 
edge region. The leading edge vortex produces a 
large pressure wave moving aft on the airfoil upper 
surface and creating abrupt changes in the flow 
field. The pressure wave also contributes to large 
lift and moment overshoots in excess of static values 
and prolongs flow separation, both causing signifi
cant nonlinear hysteresis in the airfoil behavior. 

The other type of stall typically observed in 
two·dimensional wind tunnel tests involves trailing 
edge separation. The phenomenon of trailing edge 
separation is associated with either static or dy
namic conditions. Separation starts from the airfoil 
trailing edge, and with increasing angle of attack, 
the separation point progresses towards the leading 
edge region. Trailing edge separation contributes 
to nonlinear behavior, such as hysteresis, in lift, 
drag and pitching moment due to the loss in circu
lation. In contrast to dynamic stall that is charac
terized by abrupt changes in airfoil behavior, trail
ing edge stall progresses at a moderate rate. 
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A recent investigation of blade pressure data 
from the UH-60A Airloads Program [2] has helped 
improve understanding about rotor stall behavior. 
Test results reveal that stall is not confined solely to 
the retreating side but rather spreads to the first 
quadrant of the rotor disk. Since stall is strongly 
coupled with the blade dynamics, especially the 
torsion mode, this coupling manifests in a stall cycle 
that begins in the fourth quadrant of the rotor disk 
and continues up to the first quadrant in two cycles 
(three stall peaks). The stall cycle has a frequency 



closely matched with the blade torsion frequency. 
Flight test data also indicate that rotor stall exhibits 
behavior similar to that observed in airfoil oscillat
ing tests where the shedding of the strong leading 
edge vortex dominates the flow pattern. 

Passive control of blade stall typically employs 
the tailoring of blade twist and planform for effi
cient blade load distribution. Modern rotors often 
employ blade construction with multi-airfoil sec
tions -- thick, high-lift sections inboard and thin, 
transonic sections for the tip region. These designs 
aim to provide efficient rotor disk loading and low 
drag and thus, are employed primarily for perform
ance benefits; however, they also provide stall alle
viation. The design of the BERP rotor [3] is one 
notable example of passive methods. The BERP 
blade has multiple airfoil sections and a prominent 
tip shape designed to operate efficiently in the tran
sonic regime (low angle of attack advancing blade 
tip) and to generate high lift in subsonic flow condi
tion (retreating blade tip). 

In an effort to expand the helicopter flight en
velope, this analytical study explores the use of high 
frequency blade pitch actuation to alleviate blade 
stall. The availability of high-frequency blade
mounted actuators has made active stall suppression 
realizable. Earlier investigations of active rotor 
control have focussed on swashplate actuation [4]. 
This scheme places a limit on the number of har
monics available for excitation at N-1, N, and N + 1 
per rev, where N is the number of blades per rotor. 
With the blade-mounted actuators, the excitation 
frequency is not limited by the swashplate constraint 
but by the bandwidth of the actuators. ZF Luft
fahrttechnik GmbH of Germany built and flight
tested an individual-blade-control type actuator with 
excitation frequencies varying from two to twelve 
per rev on an MBB B0-105 helicopter [5]. More 
recently, the same company is building larger ac
tuators to be retrofitted into a full-scale UH-60A 
rotor for wind tunnel testing at NASA Ames. 

2. Previous Stall Suppression Works 

In the fifties and early sixties, Stewart [6], 
Payne [7], and Arcidiacono [8], conducted separate 
analyses to investigate the potential of using higher 
harmonic control to delay the onset of retreating 
blade stall. These investigators discovered that 
higher harmonic control could be used in combina
tion with the basic trim control to redistribute lift on 
the rotor. Such lift redistribution could be adjusted 
to relieve retreating blade stall while maintaining the 
rotor trim states. The resulting effect would be to 
raise the speed limitation of helicopters. 

In 1961, Bell Helicopter Company conducted 
a flight test on an UH-IA helicopter equipped with a 
rotor head mechanism capable of generating two
per-rev blade pitch [9]. The test explored the po-

tential of 2P blade pitch to improve rotor perform
ance and cabin vibration. Test results showed no 
reduction in the rotor shaft torque with any combi
nations of amplitude and phase of the 2P input. A 
post-test analysis revealed that the drag reduction on 
the retreating side due to 2P control was offset by an 
increase in profile drag in the fore and aft portions 
of the rotor disk. Even though stall alleviation was 
not attempted in the test program, such conclusions 
confirmed the previous analytical predictions that 
2P control could be used to redistribute the rotor 
loading. 

In the early eighties, Kretz [10] wind tunnel 
tested a "stall barrier feedback" system on a six-foot 
diameter two-bladed rotor for stall suppression. The 
system relied on three pressure sensors mounted at 
85 percent blade radial station to monitor stall. The 
pressure sensors provided feedback signals that 
activated the high frequency actuators to avoid stall. 
The feedback pressure signals were based on the 
threshold values adapted from airfoil test data. Test 
results yielded no concrete conclusions to substanti
ate the benefits of this stall suppression system. 

3. Scope of Current Investigation 

The objective of the current study is to analyti
cally evaluate the effectiveness of an automatic stall 
suppresSion system for helicopters using higher 
harmonic blade root input. The effects of stall sup
pression on rotor performance are also investigated. 
Stall suppression is formulated as an optimization 
problem in which the stall behavior of a rotor is 
quantified and subsequently minimized using higher 
harmonic control (HHC). Thus, the system sup
presses stall directly. 

In this paper, the term higher harmonic control 
refers to blade pitch input with harmonic content 
greater than one per-rev. Since the focus of the 
paper is on the aerodynamic performance aspects of 
stall suppression, the effects of HHC on blade loads, 
control system loads, and vibratory hub loads, which 
can be significant, are not discussed. 

The analysis used in this study will be de
scribed, followed by a description of the HHC sys
tem for stall suppression. The analysis is then used 
to model a stalled condition for the UH-60A rotor. 
An evaluation of the open and closed-loop stall 
suppression system is provided. Finally, specific 
findings from this study are presented. 

4. Aeroelastic Analysis 

The NASA Ames-version of the University of 
Maryland Advanced Rotorcraft Code (UMARC) 
[II] is adopted to investigate the potential of active 
control to suppress rotor stall. UMARC/ A is a finite 
element code that includes advanced unsteady aero
dynamics and vortex-wake modeling. The structural 
and aerodynamic modeling of UMARC/A makes 
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the code a suitable analysis for studying active con
trol effects on rotor behavior. 

The rotor blade is modeled as an elastic, iso
tropic Bernoulli-Euler beam undergoing small strain 
and moderate deflections. The blade degrees of 
freedom are flap bending, lead-lag bending, elastic 
twist, and axial deflections. The finite-element~ 
method based on Hamilton's principle allows a 
discretization of the blade model into a number of 
beam elements, each with fifteen degrees of free~ 
dam. 

The blade airloads are calculated using a non
linear unsteady aerodynamic model proposed by 
Leishman and Beddoes [12]. This model consists of 
an attached compressible flow formulation along 
with a representation of the nonlinear effects due to 
trailing edge separation and dynamic stall. In the 
attached flow formulation, the normal force (or lift) 
and pitching moment includes both circulatory and 
impulsive (noncirculatory) components. Physically, 
the circulatory components model the shed wake 
effects, while the impulsive components originate 
from the pressure wave generated by the airfoil 
motion. For dynamic stall modeling, an artificial 

normal force cN' is computed based on the attached 

flow lift and the dynamics of the pressure distribu
tion, represented by a time-lag model. This quantity 
incorporates the effects of stall delay and is used as 
a criterion of stall onset. 

The trailing edge separation model is based on 
Kirchhoff's formulation, which relates the separa
tiQ.n_location f to the airfoil force and moment be
havior. The variation of the separation location with 
angle of attack is constructed from static airfoil data, 
then the results are curve-fitted. The value of the 
separation location is a measure of the degree of 
nonlinearity in the lift behavior. Information about 
the flow separation point also allows the reconstruc
tion of the airfoil static behavior, a precursor to the 
modeling of the airfoil dynamic characteristics. 

For dynamic stall, stall onset is based on the 
criterion that leading edge separation initiates only 

when the artificial normal force CN' attains a critical 
value, CNl• corresponding to a critical leading edge 
pressure. In this model, CNJ is the maximum lift 

coefficient from the airfoil tables and is a function 
of the Mach number. Once initiated, the excess lift 
due to dynamic stall is governed by the dynamics of 
the vortex lift, defined as the difference in lift be
tween the attached (linear) and separated flow (non
linear) regimes. The vortex motion over the airfoil 
upper surface induces a large change in the pitching 
moment. The vortex induced pitching moment is 
computed based on the vortex lift and the position of 
the center of pressure. 

A prescribed wake model is used for the in
flow calculation. The coupled blade response and 
trim control settings are solved for simulated wind 
tunnel conditions. For trim, the rotor shaft orienta
tion is prescribed, and the blade collective and cy
clic pitch inputs are automatically adjusted to de
sired values of thrust and hub moments or blade 
flapping schedules. A modal reduction technique is 
employed in the blade response solution to reduce 
the computational requirement. The modal equa
tions are solved iteratively using a robust finite
element-in-time method in which the periodic 
boundary conditions are inherent in the formulation. 
The converged solution satisfies the governing 
equations for both rotor trim and blade response, 
which include higher harmonic control effects. 

5. Higher Harmonic Control System 

The controller algorithm, based on a transfer 
function matrix approach, is implemented in 
UMARC/A. Depending on the control objectives 
considered (to suppress stall or to reduce rotor shaft 
torque) each element of the transfer matrix repre
sents the sensitivity of the controlled parameter (z) 
to each harmonic of the blade root actuation (u). In 
this investigation, the transfer matrix is computed 
using a finite-difference-method in which each har
monic of the control input (sine and cosine compo
nents) is perturbed individually. The control law is 
formulated as an optimization problem: 

min (qzr +u[Rui) 

subjected to 

(!) 

Zj = Zj_1 +(I- r)Tj (Uj- Uj_1) (2) 

In Eq. I, the parameters q (a scalar) and R (a 
diagonal matrix) assign relative weightings to the 
controlled parameter Zi and each component of the 

input vector, respectively. Since the controller is 
based on a harmonic method, the controller cycle i 
is once-per-rotor revolution. 

For stall suppression, Zi is the stall index com

puted at each controller cycle by: 

42120 
Zj = L L;F(rm·'Vnl (3) 

m n 

where the double summation is over the 5040 com
putation points over the rotor disk (42 points in the 
radial direction X 120 azimuth steps), and the lift 
excess F is: 
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, 
if CN ~ CN1 (4) 

otherwise 

Note that F is defined over the entire rotor 
disk, with r being the blade radial station, ljf the 

azimuth angle, and M the local Mach number. With 
this definition, the stall index is a measure of the 



severity of stall on the rotor disk in term of the ex
cess lift over the stall area. The excess lift is the 

amount of artificial lift CN' over the airfoil maxi
mum lift CNl, adapted from the dynamic stall model 
described earlier. 

In Eq. 2, the control rate factor r, with value 
between 0 and I, limits the control update rate, and i 
denotes the controller cycle. The transfer matrix 
updating is an option in which Ti is updated at each 

controller cycle, based on a secant method [13]. 
The T matrix updating, when used in combination 
with the control rate limit, helps improve the con
vergence of the controller when nonlinear effects 
dominate. This approach was successfully applied 
to another control problem - vibration suppression 
of rotors under stalled conditions - with significant 
nonlinearity in the model [4]. 

The vector Ui represents the control input that 

includes harmonics from 2 to 6 per rev: 

U; ; [ 8zc 8z5 ··· 86c 865 ]T (5) 

In terms of the elements of Ui, the higher har

monic schedule for the jth blade is: 

ekHc('l'); £Ak cos(k'l'i -</Jk) (6) 
k=2 

Besides stall suppression, a second controller 
is also investigated. This controller aims to improve 
the rotor performance using higher harmonic blade 
root pitch. For this system, the controlled parameter 
(Eq. 3) is simply the rotor shaft torque. Except for 
the change in the definition of z, this controller re
tains the same structure as that of the stall suppres
sion controller. Note that this controller does not 
restrict the input harmonic to 2P as in other investi
gations (such as [14] or [15]) but includes a wide 
range of input harmonics (2P to 6P). 

6. Rotor Model 

This study uses the UH-60A as the rotor 
model. The rotor is fully-articulated with 20 deg 
swept tip blades. The blade is modeled with eight 
elastic beams along with a coincident flap-lag hinge 
for root boundary conditions. The pitch-link is 
modeled with a restraining spring. The blade sweep 
is not modeled explicitly, but the sweep effects are 
included using chordwise offsets of center of gravity 
and aerodynamic center. Table 1 lists the generic 
rotor parameters and the computed blade frequen
cies. The airfoil tables of the SC-1095 and the SC
!095R8 are adapted from those reported in Ref. 15. 

In order to simplify the analysis, a wind tunnel 
trim simulation is used. The prescribed variables 
are the rotor shaft tilt, cyclic flappings, and rotor 
thrust (CT/cr). The baseline flight condition corre
sponds to a Crlcr of 0.13, advance ratio of 0.236, and 

3 deg forward shaft tilt. The computed airloads are 
shown in Fig. 1. The lift distribution shown in Fig. 
1(a) does not reveal any significant stall events. 
However, the drag distribution (Fig. !(b)) suggests 
more than one stall event inboard of the blade mid
span on the retreating side of the rotor disk. The lift 
excess F(r,'Jf), defined in Eq. 4 as a measure of stall, 
is shown in Fig. !(c). This figure clearly shows that 
the inboard drag rises are associated with the three 
stall events starting near 180 deg azimuth and con
tinuing into the first quadrant. With regards to the 
flight test data of Ref. 2 which shows that the three 
stall events occur near the blade tip, these computed 
results suggest that the analysis is probably deficient 
in the inflow modeling. 

7. Open Loop Studv 

An open-loop study provides the sensitivity of 
the stall index to the amplitude and phase variation 
of single harmonic inputs. For each harmonic, the 
input phase is varied at constant amplitude, and then 
the amplitude at the optimum phase is varied. These 
results aim to provide insight into the input-output 
behavior of the system and help define the type of 
controller (linear versus nonlinear) to use. The 
effectiveness of the closed-loop system is also esti
mated based on open-loop data. Representative 
results are presented in this paper. 

Figure 2 shows the variation of stall index to 
the 2P phase sweep in increment of 30 deg at 1 deg 
amplitude for the same flight condition (11 ; 0.236, 
CT/cr; 0.13) mentioned above. From Eq. 6, 210 
deg phase (for minimum stall) indicates that the 
blade pitch is minimum at 15 and 195 deg azimuth. 
Since Fig. l(c) indicates that the peak stall region 
occurs between I 80 and 240 deg azimuth, this result 
suggests that stall is reduced by lowering the blade 
pitch at the peak stall region. 

The effects of 2P amplitude variation in in
crement of 0.5 deg at 210 deg phase on the stall 
index are shown in Fig. 3. This result indicates that 
the stall index varies nonlinearly with the 2P am
plitude. Increasing the 2P amplitude above 1 deg 
generates more stall. The 1 deg amplitude appears 
to be an optimum value for this phase angle. 

For the 2P phase sweep at the same operating 
condition, the shaft torque variation exhibits a dif
ferent trend than that of the stall index. Such re
sults, shown in Fig. 4, indicate that the shaft torque 
is reduced at all phase angles of 2P input at 1 deg 
amplitude. While minimum stall occurs at 210 
phase angle (Fig. 2), the minimum torque is at 60 
deg. In fact, in the phase region where stall is 
minimum, the rotor shaft torque only achieves a 
moderate reduction compared to the minimum value 
at 60 deg phase. 

CI3-4 

Since the three stall events are spread over the 
retreating side of the rotor disk, the open loop re-
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suits with the other hannonics (3P-6P) show rather 
complicated responses with HHC input. For exam
ple, the 3P results (Fig. 5) show two local minima 
for stall at 120 and at 270 deg phases. The first 
minimum phase input reduces the first stall event 
and increases the second event shown in Fig. 6(a), 
and vice versa for the second minimum phase input 
(Fig. 6(b)). Neither input phase causes significant 
stall reduction. The maximum stall case is shown in 
Fig. 6(c), in which the 30 deg phase input increases 
the first stall event significantly while reducing the 
second event by only a small amount. The 4P input 
can increase stall significantly while reducing stall 
only moderately with variation in phase at 0. 7 deg 
of 4P amplitude. The 5P input is less effective than 
the 4P input, while the 6P input, like the 3P compo
nent, shows little potential to reduce stall. Results 
of the open loop study with individual blade pitch 
harmonics from 2P-6P suggest that 2P is the most 
effective type of input for stall reduction for this 
flight condition. 

8. Closed Loop Studv 

For the closed loop study, the analysis em
ploys trial open loop input to generate the transfer 
function and then operates automatically to mini
mize the stall index (Eg. (3)). The HHC amplitude 
(the RMS value of all harmonics) is constrained to 
be less than 3 deg. This study yields no satisfactory 
stall reduction. Different combinations of the num
ber of input harmonics yield results that, at best, 
match the open loop 2P results shown above. A 
typical closed loop result using a controller with 2P 
and 4P input is shown in Fig. 7. This figure shows 
the stall index variation with the controller cycle. 
The controller reduces stall only by a small amount 
at the first cycle and then converges to a steady state 
value larger than the uncontrolled value. Using 
transfer matrix updating only causes a periodic 
shooting of the stall index above the steady-state 
value. Since 2P and 4P are the two best individual 
inputs for stall reduction, these results suo-crest that 

00 

the combined effects of the different input are not 
additive for stall reduction. In particular, the com
bination of 2P and 4P input does not reduce the stall 
but rather generates more stall. The nonlinear be
havior associated with active stall control for this 
rotor system would require a more robust, nonlinear 
controller. 

The same controller performs quite satisfacto
rily when used to reduce the rotor shaft torgue with 
2P input. Again, the HHC amplitude is constrained 
to be less than 3 deg. The result is shown in Fig. 8. 
The controller using 2P input converges to a steady 
7.2 percent reduction in shaft torgue. The transfer 
matrix update algorithm causes a small deviation at 
the 5ili controller cycle. 

9. Concluding Remarks 

Analytical study of stall suppression for a UH-
60A rotor is conducted at a moderate forward speed 
(p. = 0.236) and high thrust (C,/cr = 0.13) condition. 
The UMARC/ A analysis predicts three distinct stall 
events spreading over the retreating side of the rotor 
disk for this flight condition. The results of this 
investigation show that stall on the UH-60A rotor 
can be reduced only moderately with higher har
monic control at this stalled condition. Open loop 
results show that 2P input can reduce stall moder
ately, while the other input hannonics are less ef
fective. The responses of the stall index, a measure 
of stall, to individual input harmonic are highly 
nonhnear. Such nonlinear behavior makes the 
closed-loop controller ineffective in suppressing 
stall and the combined effects of individual har
monics non-additive. 

Furthermore, since stall is only one of the phe
nomena affecting rotor performance, stall reduction 
does not guarantee a gain in rotor performance (i.e., 
reduction in shaft torque at constant operatin<r con
ditions). The blade pitch schedule that im;roves 
rotor performance would be different from the one 
that reduces stall. 

For future plans, this study will include better 
inflow models to improve the stall prediction capa
bilities of the UMARC/A analysis. Also, the study 
will focus on the stall reduction potential of HHC 
at higher forward speeds. High speed flight condi
tions may exhibit different stall patterns that can be 
suppressed more effectively with active control 
than the flight condition considered in this paper. 
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Table 1 Blade and rotor properties 
Number of blades 
Blade radius, R 
Blade airfoils 
0.48R-0.84R 
other stations 

Flapping hinge offset 
Rotor solidity 
Thrust weighted, cr 

Blade pretwist 
equivalent linear rate 

Computed blade frequencies, per re\ 
(@ 258 rpm and I 0 deg 8,) 
Rigid lag 
Rigid flap 
First elastic flap 
First torsion 
First elastic lag 
Second elastic flap 

4 
26.833 ft 

SC-!095R8 
SC-1095 
0.0468 R 

0.08317 
Nonlinear 
-15.67 deg 

0.283 
1.039 
2.779 
4.011 
4.538 
5.021 



(a) 

A:imuth.doo 

Fig. 1. Blade airloads over rotor disk: (a) normal 
force (or lift), b) drag, c) lift excess F(r,\jf) (Jl = 
0.236, C,/cr = 0.13). 

26-

24 

X 2 2[ • 
" 

20f -= 
~ 18[ 

1 6~ 
l 
' 14 
0 90 180 270 360 

2P Phase, deg 

Fig. 2. Variation of stall index with 2P phase, I deg 
amplitude (Jl = 0.236, CT/cr = 0.13). 
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Fig. 3. Variation of stall index with 2P amplitude, 
210 deg phase angle (Jl = 0.236, CT/cr = 0.13). 

~ 0 

• , 
F 
~ ·1 

~ 
.c 

"' ~ -2 

0: 

.5 
• ·3 

"' c 
0 .c 

" 4~_£~--~~--~~~ 
0 90 180 270 360 

2P Phase, deg 

Fig. 4. Reduction in rotor shaft torque with 2P phase 
angle, I deg amplitude (Jl = 0.236, Crfcr = 0.13). 
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Fig. 5 Variation of stall index with 3P phase an· 
gle, 0.7 deg amplitude (l.t = 0.236, C-rfcr = 0.13). 

Fig. 6. Lift excess over rotor disk: (a) 120 deg 3P 
phase, (b) 270 deg 3P phase, (c) 30 deg 3P phase 
(~ = 0.236, CT/cr = 0.13). 
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Fig. 6. Concluded. 
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Fig. 7. Response of stall index to controller with 2P 
and 4P input(~= 0.236, C-rfcr = 0.13). 
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Numerical Simulation of the BK117 I EC145 Fuselage Flow Field 

Eberhard Scholl 

EUROCOPTER DEUTSCHLAND GmbH, 81663 Milnchen, Germany 

The need for increasing their competitiveness and reducing development times forces the helicopter industry to 
introduce improved aerodynamic tools for analyzing the flowfields around helicopter components. CFD methods have 
rapidly matured over the last few years and are now powerful enough to be integrated in the industrial design process. At 
EUROCOPTER DEUTSCHLAND, a commercial CFD software was installed and applied during the BKI17 upgrade 
development program. An extensive validation by calculating the flowfield around the existing BK117 fuselage and 
comparing the results to wind tunnel test data was performed in order to prove the accuracy and reliability of the CFD 
method. The fuselage aerodynamics of the upgrade helicopter EC145 were investigated by simple wind tunnel tests 
measuring the aerodynamic coefficients and CFD calculations. The application of the CFD method supplemented the 
wind tunnel tests and provided surface pressure distributions as input for stress analysis of the fuselage structure. 
Furthermore, a first attempt was made to use CFD simulations for estimating the aerodynamic efficiencies of horizontal 
stabilizer and endplates and for simulating the influence of the rotor downwash by activating the actuator disk model of 
the CFD software. 

Introduction 

As time-to-market for the design and 
development of a new helicopter or an upgrade of 
an existing helicopter has to be decreased to be 
competitive in the world market, there is a pressing 
need for improved aerodynamic methodologies 
capable of analyzing the flowfield around 
helicopter components such as main rotor or 
fuselage and empenage m vanous flight 
conditions. 

The unique ability of helicopters to hover or fly 
at very low speed in any directions and the 
unsteady operation of its rotating rotor blades 
generate numerous specific and complex 
aerodynamic problems which have permanently 
been challenging the engineer's skills since the 
pioneering flights. Up to recent times, theoretical 
and numerical methods were unable to 
satisfactorily cope with these problems and the 
empirical approach based on flight tests and wind 
tunnel tests was extensively used by the industry. 

Flight tests are extremely expensive and time 
consuming while the solutions found are often 
palliatives rather than optimized configurations. 
The wind tunnel methodology can be more 
efficient for conventional problems such as 
fuselage drag reduction but many low speed 
interactional conditions have been found difficult 
to simulate with sufficient confidence. 

Paper presented at the 25th European Rotorcraft Forum, 
Rome, Italy, September 14-16, 1999 

CFD methods developed by the research 
community have rapidly matured over the last few 
years and are now available as powerful 
commercial products. Solutions with engineering 
accuracy for surface pressure can be obtained for 
realistic three-dimensional configurations such as 
those applicable to complete commercial aircraft. 
Therefore, the fixed-wing industry increasingly 
uses those CFD methods and has already 
incorporated them in its design methodology thus 
reducing the number of wind tunnel tests with a 
greater number of configurations being explored 
numerically. 

In the rotorcraft industry, CFD applications 
have historically lagged behind fixed-wing 
applications by five to ten years due to much 
smaller market size, less personnel with CFD 
experience and higher complexity of rotorcraft 
aerodynamics. But the need for increasing the 
competitiveness has forced the helicopter industry 
to invest in introducing CFD methods into their 
design processes. Recently, first industrial CFD 
applications were published showing the efforts to 
improve the aerodynamic design of helicopter 
components. Hassan et a!. [1] conducted Euler 
simulations for the isolated AH-64D™ Longbow 
Apache ™ fuselage in order to investigate and 
solve tail buffeting problems in low speed descent 
flight. Serr and Cantillon [2] simulated air intake 
flowfields using a Navier-Stokes method with the 
goal to meet engine manufacturer requirements by 
design optimization. Performance prediction and 
flowfield analysis of a rotor in hover by 
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application of a coupled Euler/Boundary Layer 
method was presented by Beaumier eta!. [3]. 

In 1997, a development program was started at 
EUROCOPTER DEUTSCHLAND (ECD) to 
upgrade the BK117-Cl helicopter currently in 
service to the new BK117-C2 helicopter with first 
deliveries in 2000. This upgrade includes the 
redesign of the fuselage in order to increase the 
cabin volume. Due to the restricted program time 
scale and the high costs of an extensive wind 
tunnel test campaign it was decided to perform 
only simple wind tunnel tests for evaluating the 
aerodynamic coefficients of the redesigned 
BK117 -C2 fuselage and to supplement these tests 
by CFD calculations using a commercial CFD 
software. This paper deals with the first CFD 
applications at ECD during the fuselage design 
phase of the upgrade helicopter BK117-C2. 

The BK117 upgrade development program has 
entered the flight testing phase with the first 
prototype taken off to its maiden flight in June 
1999. Furthermore, it was decided to give the 
BK117-C2 upgrade helicopter its official name 
EC145, which is now used for the remainder of the 
paper. 

Aerodynamic Design of the EC145 

Based on the BK117 helicopter, which was 
developed from 1978 to 1982 in a cooperation 
between ECD (formerly Messerschmitt-Bolkow
Blohm (MBB)) and Kawasaki Heavy Industries 
(KHI), this cooperation was renewed to develop 
the EC145. The main technical features of the 
EC145 are 

• a new fuselage shape with increased length and 
width for increased payload volume and 
improved accessibility, 

• a completely new cockpit design based on the 
ECI35 helicopter including advanced avionics, 

• rotor blades with advanced planform and 
modem airfoils for increased performance, and 

• new hydraulics and a new control system using 
flexballs for connecting pilot controls and 
hydraulic actuators. 

The complete upper deck including engine, 
gearbox and dynamic system as well as tail boom, 
vertical fin and tail rotor were left unchanged. 

The aerodynamic and aeroacoustic layout of the 
new rotor blades and first results of flight tests on a 
BK117 test helicopter were presented by Bebesel 
eta!. [4]. Besides the improved performance, a low 
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noise radiation could be confirmed for the new 
EC145 rotor blades. 

The design of the EC145 fuselage shape 
required the investigation of the aerodynamic 
characteristics to provide information on fuselage 
airloads and flight stability for the upgrade 
helicopter. For the determination of the fuselage 
aerodynamic coefficients in the full incidence and 
sideslip angle range measurements using a 1 :5 
scaled model were performed in the 
EUROCOPTER wind tunnel at Marignane in July 
1997 (Reymond et a!. [5]). The increased cabin 
volume and the new cockpit shape changed the 
fuselage contribution to the aerodynamic stability 
of the EC145. To retain the same stability 
characteristics as for the BK117, the horizontal 
stabilizer and the endplates had to be adapted. 
Therefore, the CFD flow simulations of the EC145 
fuselage should supplement the wind tunnel tests 
in order to provide 

• an accurate prediction of the surface pressure 
distributions for the determination of airloads 
for stress analysis of local fuselage parts such 
as doors and windows, and 

• an estimation of the horizontal stabilizer 
pitching and endplates yawing efficiencies for 
design changes of the empenage. 

Choice of Numerical Method 

The choice of the numerical method used for 
the CFD simulation of the EC 145 fuselage was 
based on industrial and technical requirements: 

• The CFD software should have an user
friendly graphical interface and a good 
documentation to reduce user training and 
speed-up the handling. 

• Maintenance of the CFD software and user 
support should be guaranteed. 

• The CFD software has to be parallized and 
capable of running efficiently on workstation 
clusters since this is the only hardware 
configuration affordable and available at 
EUROCOPTER. 

• A flexible post-processing should allow for an 
extensive flowfield analysis and load 
integration. 

• The complex fuselage and empenage geometry 
ask for a flexible and efficient grid generation 
strategy. This can only be fulfilled by using the 
unstructured grid approach. 
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• The freestream velocities encountered by the 
fuselage are below Ma = 0.3 and therefore the 
incompressible flow model is best suited for 
fuselage flow simulations. 

• The CFD method should converge fast and 
accurately predict the surface pressure 
distribution. 

During an European research project it was 
demonstrated that commercially available 
unstructured CFD methods are mature to fulfill the 
requirements listed above and that accurate 
predictions of fuselage surface pressure 
distributions can be obtained (Costes et al. [6]). 
After an assessment of some commercial CFD 
methods, the FLUENT!UNS software [7] was 
chosen and introduced in the aerodynamic 
department of ECD. FLUENT!UNS solves the 
incompressible Navier-Stokes equations for 
conservation of mass and momentum on 
unstructured grids with additional conservation 
equations for the turbulent kinetic energy and 
dissipation in order to model turbulent flows. 
Furthermore, the FLUENT!UNS software offers 
the possibility to introduce an actuator disk model 
into the computational domain which allows for 
consideration of the influence of main rotor 
downwash on the fuselage and empenage 
aerodynamics. 

Since the simulations reported in this paper 
were the first of this type performed at ECD, no 
attempt has been made to adapt or optimize 
turbulence modeling. For all calculation reported 
herein the standard k-8 model with default 
parameters has been selected. Furthermore, the 
hardware resources available at ECD restricted the 
number of grid points. Hence, the obtained grid 
resolution was inadequate for accurately predicting 
viscous and turbulent effects and an accurate 
simulation of flow separation, skin friction, and 
drag forces was therefore not expected. 

CFD Method Validation by BK117 Fuselage 
Flow Simulations 

Before stepping into the aerodynamic 
simulation of the EC145 fuselage, the chosen CFD 
method FLUENT!UNS was validated by 
calculating the flowfield around the present BK 1 I 7 
fuselage. For this fuselage, wind tunnel 
measurements including surface pressure data are 
available, which were acquired during wind tunnel 
test campaigns in 1978 and 1981 by KHI (Nakano 
et al. [8], [9]). To support the introduction of 
FLUENT!UNS into ECD, the company FLUENT 
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DEUTSCHLAND performed demonstrative flow 
calculations for the BK 117 fuselage. The 
geometrical surface description of the BK 117 
fuselage was given to FLUENT DEUTSCHLAND 
as a CAD surface description. A geometry model 
suitable for CFD flow simulations was created by 
removing gaps and overlaps of the CAD surface 
and by closing the engine inlets and exhaust 
outlets. The final BK 117 fuselage geometry is 
shown in Figure 1 together with the computational 
domain as defined by FLUENT DEUTSCHLAND. 

~=~ 
e.__/ 
. '~~·'·· 

Figure I: Computational domain and geometrical 
model for the BK117 fuselage flow 
simulation. 

For generation of the surface grid depicted in 
Figure 2, the ANSA software was used which 
allows for a fast and efficient triangulation of the 
complex fuselage surface with a high degree of 
automatisation. The tetrahedrals of the volume grid 
were generated using TGRlD, which is part of the 
FLUENT!UNS software package. The final grid 
consists of 86.000 surface triangles and 500.000 
tetrahedral volume elements. 

For method validation, three different flow 
conditions were selected. Zero incidence and zero 
sideslip angle a. = 0°, ~ = 0° was considered as 
reference case. One high incidence angle case (a. = 

-15°, ~ = 0°) and one high sideslip angle case (a. = 

0°, ~ = 10°) should verifY the CFD method 
accuracy at the limits of operational flight range. 
Flow computations were converged up to a 
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residual drop of 3 to 4 orders of magnitude and the 
convergence of the pressure field was assured by 
monitoring the change in overall fuselage lift 
coefficient 

figure 2: Details of the BK117 fuselage surface 
grid. 

Figure 3 depicts a sketch of the cross sections 
for which the comparisons of calculated and 
measured surface pressure distributions are 
presented. 

Horizontal 
cross sections 

Vertical 
cross sections 

Center 

Side 
Left/Right 

Figure 3: Analyzed cross sections for pressure 
coefficient distributions. 

Reference Case: a= 0°. B = 0° 

The flow condition with zero incidence and 
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figure 4: Pressure coefficient distributions at 
center cross section (a=0°, j3=0°). 
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zero sideslip angle was chosen as reference case figure 5: Pressure coefficient distributions at side 
for setting up, investigating and verifYing the cross section (a=0°, j3=0°). 
parameters defining convergence behavior and 
accuracy ofFLUENT/UNS. 
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Figure 6: Pressure coefficient distributions at 
horizontal cross sections ( a.=0°, ~=0°). 

The comparison of calculated and measured 
pressure coefficient distributions in vertical and 
horizontal cross sections are presented in Figures 
4, 5, and 6, respectively. The overall agreement 
between CFD simulation results and experimental 
data is very good. 

A more detailed analysis reveals that the 
discrepancies found in the aftbody region on the 
lower surface (Figures 4, 5) are due to low grid 
resolution combined with an insufficient 
turbulence modeling. The pressure level on the 
aftbody (clamshell doors) is predicted too high and 
the suction peak in the high curvature region at the 
beginning of the aftbody is not correctly resolved. 

In contrast to the CFD model, the wind tunnel 
model was equipped with a rotating rotor hub 
including blade stubs. Therefore, the calculated 
pressure distribution on the upper surface deviates 
from the measured values after station 1.0 (upper 
part of Figure 4). 
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Figure 7: Pressure coefficient distributions at 
center cross section (a.=-15°, P=0°). 
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Figure 8: Pressure coefficient distributions at side 
cross section ( a.=-15°, ~=0°). 
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Pressure coefficient distributions at 
horizontal cross sections (a=-15°,~=0°). 

The discrepancies found in the nose region for 
the side vertical cross section can be explained by 
inadequate grid resolution of the high geometrical 
curvature in horizontal direction. Due to the layout 
of the Figures, these differences can not be clearly 
identified in the pressure distributions of the 
horizontal cross sections (Figure 6). 

Finally, the big differences at the lower 
horizontal cross section between stations 0.8 and 
1.0 are attributed to a different geometrical 
representation of the sliding door attachment in the 
computational model and the wind tunnel modeL 

High Incidence Angle Case: a= -15°, B = 0° 

Fuselage flow conditions with high incidence 
angles are usually encountered during climb or due 
to main rotor downwash in very low speed flight. 

The calculated and measured pressure 
distributions for the vertical cross sections are 
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shown in figures 7 and 8, and for the three 
horizontal cross sections in figure 9. 

For the comparison of CFD simulation results 
and experimental data, the same conclusions as for 
the reference case can be drawn: a good overall 
agreement but increased differences in high 
curvature regwns due to insufficient grid 
resolution and turbulence modeling. The high 
freestream incidence pronounces the discrepancies 
in the nose region at the side vertical cross sections 
and on the fuselage aftbody. 

High Sideslip Angle Case: a= 0°, B = -10° 

In contrast to fixed-wing fuselages, helicopter 
fuselages often operate under high sideslip angles 
occurring during sideward flight or low speed 
trimming with zero bank angle. 

1.2 0 

I 0 ., 
0.8, 
0.6 

0.4 0 

00.. 0.2 cg, 

of' 
0 0 !J 
~v 

·0.2 

·0.4 

·0.6 

Center cross section 
Upper surface 

·0 .• ~-_,..::::::=;======:::::.. ___ _ 
0" OAO 0.60 0.30 1.00 

Station 

1.2 90 I I 
+ Experiment,Jl=10° · 

o I .,. Experiment,j)=-10° I 
o.a 

0 
c.. _:Oc.__;_FL:::U:.:E:.:NT::..IU:.:N:.:Sc:"':::'"'='":::'o"-'" I 

06 

o" 

0.40 060 0.80 1.00 

Station 

1.20 1.40 
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figure I 0: Pressure coefficient distributions at 
center cross section (a=0°, ~=-10°). 

Figures 10. 11. 12 and 13 show the pressure 
distributions for the cross sections defined in 
Figure 3. Since the fuselage shape is symmetrical 
up to the tail boom, the calculated pressure results 
in the center cross section are compared to 
experimental values for the wind tunnel cases with 
positive (a= 0°, ~ = 10°) and negative (a= 0°, ~ = 
-I 0°) sideslip angle. Furthermore, results for both 
right and left side cross sections are presented. 

C14- 6 



( 
\ 

SchOll, Eberhard 

0.0 

oro 

0.< 

MO 

• 
0 

0.60 0.80 1.00 

Station 

Experiment 
FLUENTJUNS calCtJiation 

Left side cross section 
Upper surface 

120 1.40 

Left side cross section 
Lower surface 

·0.1 ° 
o""" -o.z 

-0.3 

-0.4 

-0.5 

·0.6 

·0.7 

~~~~~~~~ 
020 0.40 0.0) o.ao 1.00 uo 1.40 

Station 

Figure II: Pressure coefficient distributions at left 
side cross section ( a=0°, ~=-1 0°). 
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Figure 12: Pressure coefficient distributions at 
right cross section for a=0° and ~=-10°. 
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Figure 13: Pressure coefficient distributions at 
horizontal cross sections (a=0°,~=-l0°). 

As for the previous two validation test 
conditions, the overall agreement between 
measurements and calculation results is good. 
Problem areas with greater discrepancies are again 
high curvature regions at the cockpit and the 
aftbody. The comparison of pressure distributions 
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for the horizontal cross sections prove, that the 
CFD method is able to accurately simulate the 
flowfield on the luv side as well as on the lee side 
of the fuselage. 

Prediction of Horizontal Stabilizer Efficiency 

The CFD method validation was concluded 
with an assessment of the ability to predict the lift 
efficiency of the BK 117 horizontal stabilizer and 
its contribution to the BK 117 fuselage pitching 
moment. The pitching moment contribution of the 
horizontal stabilizer does not only influence the 
aircraft's stability and handling qualities, but also 
determines the pitching moment to be produced by 
the main rotor and thus the rotor shaft loading. 
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Figure 14: BK117 horizontal stabilizer Z-force and 
pitching moment contribution. 

In Figure 14 the BK 117 horizontal stabilizer 
(H/S) force in fuselage z-direction and the H/S 
pitching moment contribution predicted by the 
CFD calculations are compared to the results of the 
wind tunnel tests (Nakano et aL [8]). As ordinate 
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the fuselage freestream incidence angle is used. 
The H/S force and pitching moment contribution 
were obtained by integrating the calculated 
pressure distribution on the horizontal stabilizer 
using the corresponding tool of the FLUENT fUNS 
software. 

In contrast to the CFD model, the wind tunnel 
model was equipped with a fixed rotor hub and 
small blade stubs. Despite the missing hub wake 
influence in the CFD simulations, the agreement 
between calculated values and wind tunnel data is 
very good. The HIS pitch efficiency, which is 
determined by the slope of the pitching moment 
curve, is predicted to be slightly higher than 
obtained by experiment. Obviously, the CFD 
method is able to account correctly for the 
influence of the fuselage wake on the HIS 
aerodynamics. 

For the pre-design of the EC145 horizontal 
stabilizer, simple analytical formulas for estimating 
the HIS lift curve slope and pitch stability 
contribution were used (Hoerner and Borst [10]). 
All wake and interference effects were taken into 
account by introducing efficiency factors which 
were adapted to the BK117 wind tunnel test data. 
The results obtained by these adapted analytical 
formulas are also shown in Figure 14. 

EC145 Fuselage Flow Simulations 

The geometrical definition of the EC145 
fuselage shape was prepared as a CA TIA model by 
the ECD pre-design department. In the 
aerodynamics department, this model was revised 
to remove all CAD surface gaps and overlaps and 
supplemented by closure surfaces for engine inlets 
and exhaust outlets. Furthermore, the main rotor 
disk plane was introduced in order to allow for 
activation of the FLUENTIUNS actuator disk 
modeL The computational domain was increased 
compared to the BK 117 simulation model to 
reduce as much as possible any farfield influence 
on the calculation results. Figure 15 presents the 
computational domain and the final geometry of 
the EC145 fuselage CFD modeL 

The surface grid generation was performed 
using PCUBE, a grid generation software 
developed by ICEM CFD which is included in the 
FLUENTIUNS software package. Although the 
graphical user interface of PCUBE greatly 
facilitates the set-up of the surface grid generation 
process, the computational time required and the 
low quality of the triangularisation at high 
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curvature regions deteriorates much the efficiency 
of the unstructured grid generation. 

Figure 15: Computational domain and geometry 
model with main rotor actuator disk for 
EC145. 

Since the goal of the ECI45 fuselage flow 
simulations was not only to provide pressure 
distributions on the fuselage surface, but to assess 
the capability of estimating empenage 
aerodynamic loads by CFD methods, the surface 
grid was refined on the horizontal stabilizer (HIS) 
and the endplates (E/P) as shown in Figure I 6. 

Figure 16: ECI45 fuselage surface grid detaiL 

The finally obtained surface grid consists of 
51.000 triangles and the volume grid produced 
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automatically without any user input by TGRID 
contains 363.000 tetrahedral elements. 

Flow calculations using the same parameter set
up as for the BK 117 validation cases were run for 
various flight conditions covering the full 
incidence and sideslip angle range of a helicopter. 
All computations were converged up to a residual 
drop of about 3 orders of magnitude and the 
monitoring of the overall lift coefficient was used 
as an indicator of the level of pressure field 
convergence. 

Prediction of Surface Pressure Distributions 

For demonstration purposes, Figures I 7 and I 8 
show calculated pressure distributions at the center 
vertical cross section and two horizontal cross 
sections for an incidence angle of a = -I 8° and a 
sideslip angle of ~ = 10°. This is a representative 
flight condition for a push-over maneuver which is 
one of the extreme cases for limit load estimation 
and stress analysis of the fuselage structure. The 
predicted pressure distributions are supposed to 
have the same inaccuracies in the high curvature 
regions cockpit and aftbody as found in the BKI I 7 
validation. 
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Figure 17: Pressure coefficient distributions at 
center cross section ( a=-18°, 13= I 0°). 
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All calculated surface pressure distributions 
were provided to the stress analysis department 
and used as air pressure load input for 

- FEM simulations and stress analysis of the 
fuselage structure, 

- FEM simulations and determination of the 
necessary thickness of the wind screen Plexiglas 
window, and 

- stress analysis and structural design of side 
windows, sliding and clam shell doors. 

Furthermore, a preliminary definition of the 
location of the static ports for altimeter and flight 
speed indicator could be made based on the 
calculated pressure distributions. 
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Figure 18: Pressure coefficient distributions at 
horizontal cross sections ( a.=-18°, 
~=JOO). 

Prediction ofEmpenage Efficiencies 

Compared to the BK II 7, the new fuselage 
shape changes the aerodynamic stability of the 
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EC 145 helicopter. In order to retain or even 
improve the BK 117 stability characteristics, the 
EC145 horizontal stabilizer (H/S) and endplates 
(E/P) have to be redesigned. 

Using the simple analytical formulas adapted to 
the BK117 wind tunnel results, a first version of 
the EC145 empenage was defined and tested in the 
wind tunnel (see Reymond et al. [5]). Figure 19 
shows the analytically predicted slopes of HIS lift 
force and pitching moment efficiency in very good 
agreement with the measured aerodynamic 
coefficients. In this and the following Figures, a. 
and ~ denote the fuselage freestream incidence and 
sideslip angles. 
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Figure 19: EC145 horizontal stabilizer Z-force and 
pitching moment contribution, old 
design. 

For three incidence angles the HIS force and 
moment values were extracted from the CFD 
simulation results. The calculated coefficients for 
a. = 6° are very close to the experimental data, but 
for a. = 0° and a. = -6° the gap between CFD 

CI4- 10 



Schall, Eberhard 

calculation and wind tunnel data increases. In the 
wind tunnel experiment, the model was equipped 
with a rotating hub and comparatively large blade 
stubs. Therefore, the difference between 
calculation and experiment may be explained by 
the missing rotor hub wake m the CFD 
computations, since for negative incidence angles 
this wake starts to interact with or even impinges 
on the HIS. If the EC145 results are compared to 
BK117 validation (Figure 14), the hub rotation and 
the increased size of the blade stubs seem to 
significantly influence the estimation of the HIS 
aerodynamics. 
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FiQ.Ure 20: EC145 endplates side force and yawing 
moment contribution, old design. 

figure 20 presents the slopes of E/P side force 
and yawing moment as predicted by the adapted 
analytical formulas together with the aerodynamic 
coefficients measured in the wind tunnel and 
calculated by the CFD simulations. With the 
analytical formulas the slopes measured later-on in 
the wind tunnel tests were accurately predicted. 
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The agreement of the CFD results and the 
experimental data is very good and much better 
than for the HIS. This supports the explanation of 
the missing rotating hub wake causing the 
differences in calculated and measured H/S 
aerodynamic coefficients, since these wake effects 
are not experienced by the E/P. For zero sideslip 
angle CB = 0°), the experimental E/P force and 
moment coefficients were accurately simulated 
while the slopes are slightly overpredicted by the 
CFDmethod. 
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Figure 21: EC145 horizontal stabilizer Z-force and 
pitching moment contribution, new 
design. 

Unfortunately, some design changes of the H/S 
and E/P were necessary due to structural and 
design constraints during the development phase of 
the EC145. By using the adapted analytical 
formulas, the geometry of the new empenage was 
designed to have equal aerodynamic efficiencies as 
the old one. The new HIS was increased in span 
and has a smaller chord. For the new E/P, the 
leading edge back sweep of the upper and lower 
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part was increased. The final HIS and E/P designs 
were introduced in the CFD geometry model, the 
computational grid was regenerated and flow 
calculations were performed in order to analyze 
more accurately the differences in aerodynamic 
efficiencies caused by the redesign. 

Calculated lift force and pitching moment 
coefficients for the new HIS design are compared 
to the results for the old version in Figure 21. The 
aerodynamic efficiency, characterized by the force 
and moment slopes, is reduced significantly by the 
new HIS design. Currently, no explanation can be 
found for this unexpected behavior and a more 
detailed analysis will be performed to investigate 
the cause of this HIS efficiency deterioration. 

- - - - Analytical formula, old EIP 
----b-- Calculation, old EIP 
---- Analytical formula, new EIP 
-·-'V-·- Calculation. new E/P ' 
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figure 22: EC145 endplates side force and yawing 
moment contribution, new design. 

figure 22 shows the CfD prediction results for 
the aerodynamic characteristics of the old and new 
EIP versions. It is clearly demonstrated that the 
objective not to change the EIP efficiency by the 
redesign was reached, although the trend of 

Numerical Simulation of the BK117 I ECI45 Fuselage Flow Field 

efficiency reduction by the new design as indicated 
by the analytical formulas is reversed in the CFD 
results. Nevertheless, the differences in 
aerodynamic coefficients of both E/P designs are 
small and should not change the analysis 
concerning helicopter loads and handling qualities 
for the yaw axis. 

Simulation of Main Rotor Downwash Influence 

Finally, CFD simulations were performed to 
investigate the influence of main rotor downwash 
on the aerodynamic coefficients of the horizontal 
stabilizer. FLUENT fUNS provides an actuator disk 
model with the possibility to specifY arbitrary 
pressure jump distributions across a predefined 
surface. In a first attempt to activate this model, a 
constant pressure jump distribution derived from 
the main rotor thrust was prescribed in the main 
rotor disk plane (see Figure 15). Although this 
approach does not account for the strong tip 
downwash velocities induced by the tip vortices of 
the main rotor blades, the averaged influence of the 
main rotor induced velocity field on the integrated 
aerodynamic H/S loads should be captured. 

figure 23: Streamlines in a vertical cross section 
plane for a CFD simulation of the 
EC 145 fuselage with and without main 
rotor actuator disk model. 

The effect of the main rotor actuator disk model 
is visualized by the streamlines drawn in Figure 23 
for the flow case a = 0° and ~ = 0°. Due to the 
rotor-induced downwash velocity field the local 
HIS incidence angle is strongly changed. 

The effect on the aerodynamic efficiency of the 
HIS is presented in Figure 24. As expected, the 
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change in local HIS incidence angle causes the H/S 
to produce much more downlift and thus a higher 
pitching moment contribution. Furthermore, the 
linear correlation between HIS force or moment 
coefficient and fuselage freestream incidence angle 
is no longer valid and non-linear effects are 
introduced by the rotor downwash. 
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Figure 24: EC145 horizontal stabilizer Z-force and 
pitching moment contribution, influence 
of rotor downwash. 

These results clearly demonstrate the 
importance of incorporating a model for the main 
rotor downwash velocity field into fuselage CFD 
simulations to be able to reliably predict horizontal 
stabilizer efficiencies for helicopters. 

Conclusions 

At EUROCOPTER DEUTSCHLAND the 
commercial CFD software FLUENT/UNS was 
introduced into the industrial design process and 
was used for the first time in the EC145 
development program. The CFD method was 

Numerical Simulation of the BKI17 I ECI45 Fuselage Flow Field 

extensively validated by simulating the BK 117 
fuselage flowfield. The accuracy of the predicted 
surface pressure was found to be good and the 
calculated empenage aerodynamic load 
coefficients show a satisfactory agreement with 
wind tunnel data. EC145 fuselage CFD simulations 
supplemented the wind tunnel test by providing 
surface pressure distributions, by estimating 
horizontal stabilizer and endplates efficiencies and 
by investigating the aerodynamic influence of 
empenage redesign and main rotor downwash. 

The main conclusions regarding the technical 
results obtained using the commercial CFD method 
FLUENT/UNS are: 

• a good and robust convergence of the 
numerical scheme. 

• surface pressure distributions can be reliably 
predicted in the full incidence and sideslip 
angle range and were successfully utilized as 
input for stress analysis of fuselage structure. 

• aerodynamic efficiencies of endplates can be 
calculated with sufficient engineering accuracy 
for design purposes. 

• the prediction of horizontal stabilizer 
aerodynamic efficiencies depend strongly on 
the incorporation of all interaction effects such 
as those induced by rotating rotor hub wake 
and main rotor downwash. 

Further work at ECD on fuselage CFD 
simulation will be devoted to 

• a more detailed analysis and improved 
prediction of the interactional aerodynamics of 
horizontal stabilizers, 

• a more refined main rotor actuator disk 
modeling employing realistic pressure jump 
distributions in the rotor disk plane, and 

• incorporation of the tail rotor as actuator disk 
model in order to investigate the influence of 
tail rotor induced velocities on endplates. 

For the prediction of fuselage drag and other 
flow features associated with viscous effects the 
pure unstructured approach seems to be not 
suitable due to the enormous number of grid 
elements required to resolve boundary layers. The 
current developments dealing with the hybrid 
approach employing prisms in the boundary layer 
looks promising and attempts will be made in the 
future towards first applications to helicopter 
fuselages. 

Regarding the efficiency enhancement of the 
industrial design process by the introduction and 
application of a CFD method it can be concluded 
that 
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• the geometry modeling for CFD applications 
should be improved by taking into account the 
requirements of CFD in the construction of the 
CAD models, 

• the unstructured approach strongly facilitate 
the grid generation task for the complex 
geometry of a helicopter fuselage, 

• the performance of the PCUBE tool and the 
time required for surface grid generation is not 
acceptable and has to be improved (in fact it 
was reported that the current unstructured grid 
generator tool of ICEM CFD has an 
appreciable enhanced performance compared 
to PCUBE), 

• the graphical user interface of FLUENT fUNS 
allows for an easy selection of all parameters 
and fast set-up of calculations even for an 
inexperienced user, 

• for some analysis the post-processing tool of 
FLUENT fUNS turns out to be insufficient, but 
a Jot of interfaces to common and powerful 
visualization and analysis tools (e.g. 
TECPLOT) overcome this drawback. 

Although there are things to improve, the CFD 
capability enabled ECD to strongly accelerate the 
aerodynamic design process of the ECI45 fuselage 
and a significant amount of time and cost for wind 
tunnel tests was saved. 

In order to further enhance its aerodynamic 
prediction capabilities, EUROCOPTER in 
cooperation with the French and German research 
establishments ONERA and DLR started a long
term research project called CHANCE in July 
1998. The main goal of this research partnership is 
the development, validation and industrialization 
of a CFD method capable to simulate the flow 
fields around isolated helicopter components (main 
rotor, fuselage, tail rotor) as well as around the 
complete helicopter. 
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Aerodynamic Perturbations on the Frigate La Fayette Deck 
Effects on the Helicopter Flight Dynamics 

A. Taghizad, Ch. Verbeke, A. Desopper 

(ONERA) 

ABSTRACT 
A specif1c study has been carried out at ONERA since 1997 under the support of the French Ministry of Defence 
(SPA6) in order to develop an aerodynamic model of the frigate La Fayette landing area and to improve ship landing 
operations simulation reaiism. 
Wind tunnel tests have been performed in ONERA-Lille on a 1150"' scaled model frigate to measure the 3D unsteady 
aerodynamic field around the landing deck with a hot films anemometer. Mean velocity and turbulence components 
have been measured for different wind conditions. During these tests the air-sea boundary layer was also simulated. Two 
test campaigns were performed one in 1997 and one in 1998. 
The La Fayette aerodynamic wake model includes a mean wake model and a turbulence model for the velocity 
fluctuations. The turbulence model is based on the power spectral densities of velocity fluctuations measurements. 
This model was connected to the Eurocopter Helicopter Overall Simulation Tool (HOST). Simulations of flights above 
the deck with this model demonstrated important effects of the ship air-wake on the helicopter flight dynamics. 

1. Introduction 
Flying a helicopter above or around a frigate deck, 
landing on it or taking off from it, are considered by 
pilots as highly risked operations. Indeed, not only the 
frigate moves, but also in the neighbourhood of the 
deck, the helicopter has to face with the changing 
aerodynamic wake of the ship superstructure. This 
unsteady flow provides high mean speed gradients to 
which aerodynamic turbulence (fluctuations) is added. 
These conditions have important effects on helicopter 
global performance, and behaviour. 

Under SPAe funding, ONERA has performed wind 
tunnel tests on a 1/50"' scaled La Fayette frigate model, 
and has developed an aerodynamic wake model of the 
ship landing area. This model was then used in order to 
study the effects on flight mechanics. 

The work has been carried out between 1997 and 1998. 
The 97 activities were described in a previous paper 
[ 1]. 

The following topics are presented in this paper : 
• Wind tunnel tests and data analysis, 
• Air-wake model development in HOST 

(Helicopter Overall Simulation Tool), 
• Demonstration of the effects on helicopter loads 

and flight dynamics, 
• Real-time version of the air-wake model. 

2. Wind tunnel tests and data analysis 

2.1 Test equipment 
Wind tunnel measurements were carried out in the 
ONERA-IMFL low speed wind tunnel (SH). This wind 
tunnel has a closed circuit and a test section of 2.4 m in 
diameter. The first 50 meters of the marine atmospheric 
boundary layer was also simulated. The measurements 
were performed on a 1/50"' scaled La Fayette frigate 
model, configured with its Crotale Missiles (figure 1 ). 
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3D unsteady velocities were measured using crossed 
hot film anemometer. Two velocity components were 
simultaneously measured (u, v), and then (u, w) after a 
90° rotation of the sensor. Thus, 2 redundant 
longitudinal velocity measurements (Uv, Uw) were 
provided. Speed measurements error is estimated as 
2.6% of the infinite upstream wind. 

The measurements were performed in a volume 
surrounding the landing deck. Figures 2 and 3 show the 
test volume and the selected test points positions 
inside ; 8 horizontal planes above the deck were 
considered. 

Detailed data measurements were realised in 1997 with 
a 50 kt wind and three side-slip conditions (0°, 15° and 
180°). Some tests at 25 kts and oo of side-slip were also 
performed. All these measurements were done with a oo 
bank angle on the ship. In order to study the effects of 
the ship bank angle on the air-wake a new campaign 
was organised in 1998 with a 50 knot wind at 15° of 
side-slip and 10° of frigate bank angle. 

Figure 4 gives a summary of these test configurations. 

2.2 Velocity decomposition 
The three velocity components are decomposed into 
two parts : the mean value and the fluctuations around 
this mean value. For example, the longitudinal velocity 
is decomposed into: 

U(x, y,z,t) = U mea" (x, y,z) + u(x, y, z, t) 

U : the lom!itudiil.al velocity mean value, mean ..... 

u : fluctuations around u mean 

x, y, z : space co-ordinates of the local point 
:time 



The fluctuations (u, v and w) can be considered as 
turbulent terms. 

In addition, measured velocities are normalised by the 
free stream velocity. 

U ( )
- um,a,(x,y,z) 

m x,y,z -
V free stream 

u(x, y,z,t) U(x, y,z,t) 
Du= = Um(x,y,z) 

V free stream V free stream 

The normalised velocity fluctuations are characterised 
by their Power Spectral Densities (PSD): 

Du => pu: longitudinal turbulence PSD 

Dv => pv : lateral turbulence PSD 

Dw => pw: vertical turbulence PSD 

This approach is similar to the one used in [2] and [3]. 

For the frequency, the results will be presented function 
of the scale I frigate (wind tunnel frequency I 50). 

2.3 Ship air-wake mean velocity distribution 

Wind speed and side-slip effects 
Figures 5 and 6 give the mean velocity components 
(Urn, Vm, Wm) evolution respectively along the 
vertical axis and the lateral axis (height 4.4 m above the 
deck), on the deck centre (point A), for a 50 kt wind 
speed without side-slip (B = 0°) and for a zero degree 
ship bank angle. 

These figures show a clear downward deviation of the 
flow (Wm<O), due to the hangar wall cliff-effect 
(h=6.60m). The longitudinal component of the mean 
air-wake decreases with the height above the deck. The 
maximum vertical velocity is reached on the centre 
line, while the longitudinal velocity decreases to a 
minimum in the same area. The lateral velocity 
component shows that the air-wake is deviated from 
both sides toward the centre. 

Figure 7 is the 3D flow visualisation of measurements 
at 50 kts with 15° side-slip conditions. Arrows 
represent the mean velocity projections on visualisation 
planes, whereas coloured areas show turbulence levels. 
Light colours corresponds to the highest turbulence 
level. The effect of the lateral hangar wall can easily be 
seen. 

Ship bank angle effect 
The 1998 wind tunnel campaign was carried out to 
study the effect of the frigate bank angle (<j>) on the ship 
air-wake. Figures 8, 9 and 10 present the mean 
velocity components evolution along the vertical axis 
on 3 different locations of the deck. 
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These plots show a visible longitudinal speed reduction 
below the hangar height but also high lateral speeds. 
This lateral speed decreases when moving towards the 
deck and even changes sign when moving to the right 
side of the deck. 

Figures II, 12 and 13 illustrate lateral and longitudinal 
sections of the air-wake. These figures show that 3D 
vortices exist. Figure 14 is a 3D illustration of the air
wake in term of velocity arrows and longitudinal speed 
levels. 

Comparisons of the results with and without frigate roll 
angle show that this bank angle introduces major 
changes on the mean air-wake, with the apparition of 
3D vortices above the landing deck. 

2.4 Aerodynamic wake fluctuations 

Wind speed and side-slip effects 
Figure 15 gives an example of normalised velocity 
fluctuations on the deck centre (point A), at 2.4 m 
above it, for a 50 kt wind speed and 0° side-slip. 

Figure 16 shows a 3D presentation of the vertical 
velocity (w) Power Spectral Density (PSD) evolution 
along the vertical, the lateral and the longitudinal axes 
on point A. We can notice high turbulence rates 
concentrated below the hangar wall height, above the 
deck. 

Figure 17 presents a comparison of the 3 velocity 
components spectral densities on different test planes 
above the deck centre, at 50 knots of wind and side
slips of oo and !5°. As general remarks for the 2 cases, 
it can be noticed that on planes below the hangar height 
(first 3 rows from the bottom), spectral densities show a 
maximum energy concentration approximately around 
0.5 Hz. This maximum of energy decreases with the 
height. For the planes above the hangar height. PSDs 
start getting flat. Large differences can be seen on the 
power densities amplitudes between oo and 15° side
slip configurations. 

Ship bank angle effect 
Figure 18 presents the velocity components power 
spectral densities along the vertical axis on the deck 
centre. It can be noticed again that the highest 
turbulence appear below the hangar height, mainly 
between the 3"' and the 5"' test plane. Figure 19 is a 3D 
visualisation of the longitudinal turbulence levels. 

Comparisons of results with and without frigate roll 
angle show that major changes occurs with the frigate 
bank angle. Both the maximum speed fluctuations areas 
the PSDs maximum amplitudes change when the frigate 
has a roll angle. 



2.5 Synthesis 
From all the wind tunnel measurements, the following 
conclusions can be done : 

• A detailed database is available at 50 kts of frontal 
wind (B=0°) and 0° ship bank angle ( <\> = oo ). 

• A detailed database is also available at 50 kts with 
15° of side-slip and <j> = 0°. The mean flow and the 
speed fluctuations PSDs change considerably with 
the side-slip. However, interpolations between 15° 
and 00 of side-slip at 50 kts will be "tolerated", in 
order to extend the database to intermediate side
slips. 

• A partial database has been generated at 25 kts, 
without side-slip and ship bank angle (<I> = 0°). 
PSDs results have shown the respect of Strouhal 
number similarity. The measurements show that 
except above the deck, the mean wind and the PSDs 
normalised components have similar evolutions. 
Above the deck, these components will have to be 
interpolated or extrapolated using the results at 25 
and 50 kts in order to extend the database at other 
speeds. 

• A detailed database is available at 50 kts with 15° 
side-slip and 10° ship bank angle. The ship angle 
introduction brings important changes on both mean 
wake and turbulence terms. However, despite these 
discrepancies, the air-wake parameters observation 
tend to show quit close evolutions of mean 
velocities and PSDs. Therefore, assuming quasi
static conditions, an interpolation of the results at 
50 knots of wind speed and 15° side-slip in 00 and 
10° bank angle configurations can be envisaged. 

• A 50 kt rear wind database at <j> = 0° has been also 
generated. 

3. Air-wake model development in a flight 
dynamics code 

3.1 Model realisation 
The La Fayette air-wake model includes a mean wake 
model and a model of velocity fluctuations 
(turbulence). 

a- Mean alr-wake model 
The test area above and around the ship deck is actually 
a grid according to the test points definition. At any 
point (H) of this area the 3 mean air-wake components 
are interpolated, using the mean air-wake 
measurements of neighbouring points. 

The approach consists in locating for example the 
helicopter centre of gravity in the test area elementary 
parallelepiped (figure 20). The mean air-wake on this 
point is defined via its components in the frigate axes, 
using a linear combination of measured mean velocities 
on the elementary parallelepiped tops, in respect with 
their distance to the considered point. 

Cl5-3 

In order to avoid any velocity discontinuity when going 
in/out of the test area, a transition region has been 
defined, where velocities are interpolated between the 
test area and the free stream. Figure 21 illustrates this 
method. 

b- Velocity fluctuations model (turbulence) 
Velocity fluctuations are generated using the 3 velocity 
components PSDs. 

The approach consists in locating the helicopter centre 
of gravity in the test area elementary parallelepiped. 
Fluctuations PSDs on this point are defined using a 
linear combination of measured PSDs on the 
elementary parallelepiped tops, in respect with their 
distance to the considered point. Fluctuations are then 
processed using a signal generation method ensuring 
the similarity between PSDs of measurements and of 
the generated signal. 

The method consists in: 
a- Calculation of measured velocity fluctuations 

PSD. 
b- Identification of a mathematical model (S) 

fitting the experimental PSD. 

c- Velocity fluctuations computation from the 
identified PSD, using the following method 
[4]: 

Example of u generation: 
N ,..,.---,,---,-,. 

li._x,y,z,t) =22:,~ S(x,y,z,f)· !:f .ca{2Jifit+qj(x,y,z)j 
i=l 

N: NuniJer r.f sanples ins 

f.: Terrporal frequency for ilh sanple 

qj: PmvJom. phase lJetv,w-z 0 and 2:n; >lith a wlifonn 

prd:ability density 

Figure 22 is an example of vertical turbulence 
generation on the deck centre (height = 2.4m) at 50 
knots of wind speed. 

The frigate air-wake model has been connected to the 
Eurocopter simulation oode HOST (Helicopter Overall 
Simulation Tool) [5]. The connection was first done by 
assuming the helicopter as a mass point. A first model 
was developed with the test results obtained during the 
1997 test campaign at <j> = oo [I]. 

3.2 Model improvements 
For this task the objective was first to complete the 
previous ship air-wake model with the test campaign 
data on ship bank angle effect and to improve some 
aspects of the physical modelling. 



Model validity domain extension 
With the last wind tunnel tests data, the model validity 
domain can be extended to the configurations in which 
the ship has bank angles up to 10' starboard. 

The new validity domain of the model becomes : 

AT~=Oo: 

~ = oo 

~ = 15° 

~in ]0°,I5°[ 

~ = 180° 

AT~=l0°: 

-7 AIR-WAKE CALCULATION AT ANY WIND 
CONDITION, 
-7 AIR-WAKE CALCULATION AT 50 KNOTS 
OF WIND, 
-7 AIR-WAKE CALCULATION AT 50 KNOTS 
OF WIND BY INTERPOLATION, 
-7 AIR-WAKE CALCULATION AT ANY WIND 
CONDITION, 

~= 15° -7 AIR-WAKE CALCULATION AT 50 KNOTS 
OF WIND, 

AT~ in ]0°,10°[: 
~ = 15° -7 AIR-WAKE CALCULATION AT 50 KNOTS 

OF WIND BY INTERPOLATION. 

Model user domain extension 
In order to improve operational simulations realism, 
one of the requirements was to realise an air-wake 
model able to take into account the complete ship 
motion (roll, vertical, swerve, pitch, .. ). 

Because of the limited data base available, and the fact 
that the ship motion can lead to configurations where 
the air-wake model comes out of its validity domain, 
this requirement could be fulfilled only under very 
extensive and simplifying hypotheses. The task 
consisted in extending the validity domain by 
extrapolations on the parameters such as the side-slip 
(~)and the bank-angle (<j>). 

The main hypotheses are the followings : 
• No <1> effect on the air-wake for frontal winds (~ = 

0'), 
• For V=50 kts, ~=15' : interpolation/extrapolation on 

<j>, 
• For V=50 kts, 0<~<30': interpolation/extrapolation 

on <1> and~-
• For V=50kts, -30'<~<0: interpolation/extrapolation 

on $ and ~. using symmetry to the longitudinal axis, 
• For V=50 kts, 1~1 > 30' : only atmospheric boundary 

layer effect, 
• For any other V, extension of the results at 25 and 50 

knots, 
• The remaining ship state parameters (vertical, swerve, 

pitch, ... ) act only on the deck test area position, 
without any additional effect on the aerodynamics. 

Separation of the effects of the wind velocity and of 
the ship velocity 

Wind tunnel tests have been performed using an 
atmospheric boundary layer simulation facility. In such 
a case the relative blown wind to the ship is considered 
to be the atmospheric wind in the boundary layer. 
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But in reality, the relative wind is a combination of the 
atmospheric wind and of the ship speed : 

V relative = V airfship = V wind - V ship 

In an extreme situation, when there is no wind and the 
ship is moving, the model as described above provides 
an air-wake submitted also to the atmospheric boundary 
layer effect, whereas no influence should exist. 

The following approach was used to cancel this effect. 
Let's consider 11u=Uair_wake -Ubound_tayer as the 

isolated frigate effect. 

( !J.u ""·' ) ( U oic _woke ) ( U bouad _layu ) 

l V wind _tunnel = l V wind _tunnel -l V wind _tunnel 

l-U:-ba_ua_d =-1"-'-Y'_' ) . . d d f th . d - 1smepenento ewm 
V wind_ tunnel 

intensity 

and is only a function of the altitude ( f(Z) ). 

l Uaic wake ) • • 
IS gtve~ by the test measurements. 

V wind_ tunnel 

So, in real conditions,. when Yrelative is a combination of 
the wind and the ship speed, 

l !J.u ""' ) l:iu = . vrelative . 
V wind _runnel 

Then, the air-wake speed is calculated by 

U = 6.u + U bound _layer 

or 

U = · Vrelative + f (Z) · V wind l !J.u,,., ) 

V wind _tunnel 

Multi-element air-wake model 
In the first version of the air-wake model the 3 unsteady 
airspeed components are calculated on the helicopter 
Centre of Gravity (CoG) and applied to its different 
elements (main rotor, horizontal stabiliser, ... ). The 
evolution considered here consists in determining the 
local airspeed of each element using its relative 
position to the CoG. 

This improvement raises the question of speed 
perturbations phases in different spatial locations. 
Additional wind tunnel tests would have to be 
organised in order to consider this topic. The tests 
should contain simultaneous speed measurements on 
different deck points. The analysis of speed fluctuations 
phases from one point to another will provide some 
lights on the turbulence spatial propagation. 

Despite the lack of simultaneous measurements data, 
this evolution have been implemented in the model, 
with the possibility of changing the phase between the 



different points, or just taking into accoum the mean 
velocity field, which is independent of perturbations 
phase problem. 

This version of the model is a major evolution but it 
needs a large computer memory capacity and higher 
calculation time. 

Results of simulations with and without this 
improvement are presented in paragraph 4. 

4. Demonstration of the effects on helicopter loads 
and flight dvnamics 

In order to demonstrate the frigate aerodynamic wake 
effects on helicopter flight dynamics, off time open 
loop simulations of flights above the deck were carried 
out with HOST. 

4.1 Mass point model- ship in roll motion 
Results of a Dauphin descending flight , obtained with 
the mass point version of the model, at a speed of 10 
knots and -1 o slope angle are presented on figures 23 
and 24. 

The frigate faces with a 50 knot wind at 15' side-slip. It 
has a sinusoidal roll motion of 5 seconds period and 5° 

1. 5 . 2m amp Ilude (t/> =- sm-, T=5s). 
T 

The helicopter is trimmed with the local mean air-wake 
conditions at the starting point located on the 
longitudinal symmetry axis (y=O), 11.9 m above the 
deck (Z=9.5 m in the frigate axes) and 23 m behind its 
rear extremity (X=25 min the frigate axes). 

The simulation being realised in open loop, the 
helicopter controls keep their trim values. Figure 23 
illustrates the local wind components (UF-FGW, VF
FGW, WF-FGW), the helicopter flight parameters 
(helicopter attitudes, ground speed components, ... ) and 
trajectory coordinates. Figure 24 shows the 
aerodynamic loads on different helicopter elements 
(main rotor, fuselage and horizontal stabiliser). Blades 
flapping are also presented on this figure. 

The plots show the unsteady airspeed effects on 
different flight parameters. Aerodynamic loads and 
moments are very sensitive to airspeed fluctuations, 
therefore these parameters are highly disturbed. 
Helicopter angular rates follow these variations with a 
first order dynamic. The effect on the vertical speed is 
similar. These primary parameters variations end up by 
changing helicopter attitudes and speed. 

During this simulation the helicopter tends to come into 
the wind direction (15' left) by turning on the left side 
(-7' in roll and -10' in heading). 
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4.2 Multi-element model simulations, without ship 
motion 

Simulations of hovering flights above the deck have 
been performed with the multi-element model and the 
flight parameters were compared with those generated 
with the mass point model. 

The mutli-element model is based on the calculation of 
the local wind speeds for the fuselage, the main rotor 
and the horizontal stabiliser. Since the tail rotor and the 
fin are located close to the horizontal stabiliser, the 
airspeed calculated for this element was also applied to 
the 2 others. 

Since no conclusion on turbulence spatial length was 
available, the speed fluctuations phases were 
considered to be the same at the different locations. 

The hover flights were .generated with a 50 knot wind at 
13' side-slip. The helicopter was trimmed with the 
local mean airspeeds at the starting point located on the 
longitudinal symmetry axis (y=O) at 4.50 m above the 
deck and 2.5 m in front of its rear extremity (x=O in 
frigate axes). 

Figures 25 and 26 illustrate the local wind components 
and the helicopter flight parameters (attitudes, ground 
speed components, trajectory coordinates, loads, 
moments and blade flapping) for the multi-element 
model. Figures 27 and 28 are the same evolutions 
generated with the mass point model. 

The 2 simulations show important changes on the 
helicopter dynamics and consequently on the 
trajectories. The main difference is seen on the 
helicopter initial reaction. With the mass point model 
the helicopter starts by pitching down and so going 
forward whereas, with the multi-element model it 
initiates first a pitch up which results in a deceleration 
and a rearward flight. 

So, the introduction . of actual airspeeds for the 
helicopter's main components has a non negligible 
effect on the reactions to the ship air-wake. However, it 
has to be emphasised that this study was performed 
with the assumption that the turbulence phase doesn't 
change with the spatial positiOn. So, further 
investigations should be perlormed to study this effect. 

5. Model for real-time simulation 
In order to carry out piloted simulation tests in the real
time environment of Eurocopter simulator "SPHERE", 
the ship air-wake model was modified and partly 
simplified to reduce its calculation time. 

In this purpose, the computer memory capacity use and 
calculation algorithms were optimally rearranged. 

In addition, the 3 turbulence components power 
spectral densities are no longer calculated by 



interpolations, but several characteristic PSDs were 
defined according to the area flown by the helicopter. 
So, the PSDs are calculated once and stocked in the 
memory. 

Thus, with these modifications the turbulence 
generation procedure is much quicker. 

First piloted simulation tests were carried out by 
Eurocopter. All the pilots emphasised the significant 
improvement of ship landing operations simuiation 
realism provided by the ship air-wake model. 

6. Conclusion 
This paper presents an ONERA activity on helicopter 
ship landing operations simulation improvement. 

The first phase of this activity started with wind tunnel 
tests in ONERA-IMFL, on a 1/50"' model of the French 
frigate La Fayette. A detailed database was provided at 
50 kts for 3 wind side-slip configurations (0', 
15', 180'). A partial database was also generated at 25 
kts of wind with 0' side-slip. The effect of the frigate 
roll angle was also studied for a side-slip angle of 15° 
and a roll angle of I 0'. The data analysis showed 
important aerodynamic effects due to the hangar cliff
effect and ship lateral wall effects. 

These data were used in order to define and to develop 
a ship air-wake model of the La Fayette deck area. It 
includes a mean air-wake model and a model of 
velocity fluctuations (turbulence). 

This model, connected to the Eurocopter HOST code 
(Helicopter Overall Simulation Tool) demonstrated 
important effects of the ship mean and turbulence 
aerodynamic wake on helicopter loads, moments and 
on its flight dynamics. 
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Figure 1: Frigate La Fayette 1/SOth model 
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Figure 2 :Test planes position 
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Figure 3 :Test points position 

Ship bank angle ( 4J) = 0° 
• Frwd wind oo 
• Fnvd wind 15° 
• Rear wind oo 

Ship bank angle ( ¢) = I oo 
• Frwd wind 15° 

Test Configurations 

(50 and 25 kts) 
(50 kts) 
(50 kts) 

: Areas I to 6 2*2584 points 
: Areas 2, 3, 5 and 6 1824 points 
: Area I and Vz Area 2 720 points 

(50 knots) : Areas 2, 3, 5 and 6 1824 points 

Planes height to the deck 

2.4 m/4.4 m/6.4 m/10.9 m/13.4 m/15.9 m/18.4 m 

Figure 4 : Summary of test configurations 
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Figure 5 : Mean velocities evolution along the vertical axis on the deck 
centre {pt A) - Wind = 50 kts, 6 = 0" 
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Figure 6 : Mean velocities evolution along the lateral axis on the deck 

centre (ptA, height=4.4m) - Wind =50 kts, 6 = 0" 

Figure 7 : 3D visualisation of tests at 50 kts; 6 = 15° ; q, = 0" 
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Figure 8 : Evolution of mean velocity components 
along the vertical axis on point A 
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Figure 9 : Evolution of mean velocity components 
along the vertical axis on point B 
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Figure 10 : Evolution of mean velocity components 
along the vertical axis on point C 

20 

15 =---·----- ----- --- --__.-:::-------------------.. --~---- ---- __ ---:;::;..-:;;::.-- .. -- --··- - ---- ------ ·---~ --.......... 
10 

---- ---- --------- __.. - ---. --- ........... ............. ............... 

' '· " '·, ', N 5 -- ' ·, " 
., 

' 
' ' .. \ .,_ '-. 

0 

-5 \ 
-10 

N 

-10 -5 0 5 10 15 20 25 
y 

Figure 11 : Lateral section of the flow on plane n' 8 
Wind =50 knots, ~ = 15', lj> = 10' 
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Figure 12 : Lateral section of the flow on plane n' 3 
Wind =50 knots,~= 15', lj> = 10' 
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Figure 13 : Longitudinal section of the flow on plane n' 5 
Wind =50 knots,~= 15', lj> = 10' 
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Figure 14 : 3D flow visualisation 
Wind = 50 knots, ~ = 15', <1> = 10' 
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Figure 15 : Example of normalised velocity fluctuations, 
on the deck centre. Wind = 50 kts ; fl = 0' ; <I>= 0' 
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Figure 16: Vertical velocity PSD evolution along the 
vertical, the lateral and the logitudinal axis. 
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Figure 17: Comparison ofu, v, w PSDs evolution in altitude Figure 18: u, v, w PSDs evolution in altitude on 
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ship bank angle= 0' sbip bank angle = 10° 

""' " ~0 -ji ~ 

i "' 
i:'· ;~ 
1--' 

Figure 19 : 3D visualisation oflongitudinal turbulence levels. 
wind= 50 knots,~= 15', <P = 10° 
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Objective: 
A voiding velocity discontinuity when entering the test area 

1- Creation of a transition area. 

2- Interpolation of air-wake mean velocity between the test area 
and infinite free stream. 
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Figure 21 : Model limit conditions 
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Figure 22 : Example of vertical velocity turbulence 
generation on the deck centre 

_ id•~ntifi{~d 

_generated 

SIMULATION NON Lii\TEAIRE. FICHIER 365NI_WO HOST D 

CONDITIONS:equill 

ICVI:W&l3:20:31 SIMULATION NON LINEAIRE- F!CHIER 365Nl.WO HOST D 

CONDillONS:equill 

,. UF·fG)'ilM . . WF-FGWMIS FYG-RI'D.\..1\ l'W-"""' I!;'F·f0'MIS. : . 

: r~"J\II!f]'·'V~~ :[\;~"1\Aiff'~i~'i ~~~~wt~~¥ : [; •. wNv.;JM; ; u_\wr. "' ""]j··;···· r ·""''~ . . ,_. "' .. . ~- . ~ .. I . . . 
: ~~1tvA'\\1h"li!j.N 

~~ ' , ' . 
"'"" 

:J~ , ' . 
TEMISS 

""" 
.+~~~\ _, 

s 
TEMISS 

:~ .. -• 
-·. • !E>tl'SS 

~~--
.2(1 ·~·~~---·~ , ' ' TE.\!PSS 

1 
Th'\li'SS 

·n'"" __ ------·.------
-1 ; • 

-~ ' . 
1 

iB!!'SS 

'~-"':.,_::::: ·: I ................ . 

.'l V'\ 
' iEMPSS 

"~-~2F.:::;:::: ::;::::::;;:::-:_::~_: __ . 

' ""'" 
'~""""" .. 
i~=~· ; .. ,_,.....;. , ' ' 

1EMI'SS 

' , ' 
"'"'' uf"'"'S.:: ': 

::. nrfflf!vf . ' ' TEMI'SS 

' TE'>'J'SS 

Figure 23 : HOST simulation- Helicopter parameters 
Flight above the deck at 10 knots ; slope angle= -1' 

Relative wind = 50 knots ; P = 15' 
frigate in sinusoidal roll motion 
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Figure 24: HOST simulation- Helicopter forces and moments 
Flight above the deck at 10 knots ; slope angle= -1 o 

Relative wind =50 knots ; p = 15' 
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Helicopter parameters 
Hover flight above the deck 

Relative wind =50 knots ; P = 13' ; frigate still 
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Fignre 26 : HOST simulation (mnlti-element model) 
Helicopter forces and moments 
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Figure 27 : HOST simulation (mass point model) Helicopter 0 

parameters. Hover flight above the deck. 
Figure 28 :HOST simulation (mass point model). 

Helicopter forces and moments. Hover flight above the 
deck. Relative wind= 50 knots ; P = 13' ; frigate still wind = 50 knots ; P = 13' ; frigate still 
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1. Introduction 

The desire to significantly expand the 
flight envelope of rotorcraft, on a cost-effective 
basis, has led to the reinvestigation of concepts 
that had been previously discarded. The 
compound helicopter configuration is one of 
these concepts, which has been shown to be 
technically successful in the past, through the 
development of aircraft such as the Lockheed 
AH-56A Cheyenne and Fairey Rotodyne, if not 
financially and politically successful. The 
compounding of a helicopter originally evolved 
as a method of increasing the forward velocity 
potential of the conventional helicopter. 
However, it also offers the potential for 
improved manoeuvrability, greater service 
ceiling, range and productivity. These benefits, 
through the use of additional propulsion and lift 
for the aircraft, come at the cost of increasing 
the level of complexity of the design and with 
hover penalties though. These are unavoidable 
due to the interactions between the various 
aircraft components and the redundancies in the 
provision of lift and propulsion inherent in the 
configuration. 
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Figure 1: The Compound Helicopter 

There is a seemingly endless number of 
variations in the configuration possible for a 
compound helicopter, a typical configuration 

/ 
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type being shown in figure 1. Part of the 
designer's difficulty lies in determining which 
of these choices are worthy of further 
investigation and, conversely, which should be 
discarded. While many aspects of the design of 
such an aircraft seem intuitive, the purpose of 
this work was to develop a systematic means of 
eliminating unrealistic configurations and 
identifYing those that hold the most potential for 
development. The intention was to devise a 
simple theory that could be implemented with 
minimal computational complexity, thereby 
allowing a wide range of configurations to be 
investigated in a short period of time. Once this 
had been completed then the configurations that 
had been selected as having greatest potential 
could be analysed using a more detailed and 
intensive simulation. This methodology also 
has the advantage that it highlights the trends 
involved with any change made to the 
configuration, which may be lost in an 
optimisation routine. The designer will 
therefore have an understanding of the effect of 
any modification forced on an aircraft design 
after the initial configuration has been chosen. 

2. Design Issues 

Whilst compounding the helicopter 
offers many advantages, there are many hurdles 
that must be overcome before the aircraft's full 
potential will be realised. From an 
aerodynamics point of view there are the 
difficulties encountered with the blockage 
caused by the wing in hovering flight, which 
reduces the thrust available from the rotor. 
There is also the detrimental effect that the 
wing and rotor have on each other's lifting 
capability when flown in close proximity to one 
another during forward flight. Whilst the wing 
is necessary to alleviate the onset of retreating
blade stall on the rotor, it also comes at a weight 
penalty that restricts the payload of the 



compound helicopter in comparison to a 
conventional one. Weight growth, compared 
with a helicopter, to meet a common mission 
has been a consistent finding amongst 
compound helicopter configuration studies and 
this will call for speed increases to maintain a 
similar productivity level to the conventional 
helicopter. The other main addition to the 
compound helicopter is that of supplementary 
propulsion, which also adds to the weight 
difficulties, not to mention the cost of the 
aircraft. Increased power requirements of the 
compound helicopter will necessitate that not 
only does the aircraft outperform the 
conventional helicopter in terms of speed, but 
that it also has a productivity advantage to make 
its cost premium worthwhile. 

3. Development of the Generic Model 

To meet the need for computational 
simplicity and enable the analysis of a large 
selection of configurations to be achieved 
quickly and efficiently, a closed form solution 
for the aircraft trim attitude and rotor thrust 
requirements was devised. The need for a 
mathematically tractable solution, due to the 
high level of interdependency between aircraft 
components, simplifications, such as the use of 
a point source model, small angle 
approximations and the neglect of the rotor drag 
force, had to be made. A series of simultaneous 
equations were derived which enabled the goal 
of a closed form solution to be achieved. The 
inclusion of a wing to the model also brought its 
own problems with interdependencies that 
could ouly be solved by eliminating some of the 
smaller terms in the simultaneous equations 
relating to the wing induced drag. This caused 
difficulties later on with an underestimation of 
the forward trim tilt of the non and partially 
thrust compounded aircraft. 

As the developed wake of a rotor at 
high speed begins to approximate that of a 
circular wing, the interference effects of the 
rotor on the wing were calculated using a 
horseshoe vortex representation of the rotor
wake. The reduction in wing incidence that the 
rotor wake caused was found by performing a 
standard integration of the vortex-induced 
downwash across the wing using the Biot
Savart law. The resulting definite integral, 
relating the incidence change to the wing 
geometry and rotor thrust, was included in the 
trim analysis. 
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The trim analysis did not make any 
allowance for the impact of compressibility 
effects on the advancing blades or the influence 
of retreating blade stall, so practical limits were 
applied, after solving the trim equations. To 
account for the compressibility effects a simple 
restriction of the advancing blade tip to a Mach 
number below 0.92 was applied. Aircraft that 
operated with the wing stalled were eliminated 
immediately, even if the configuration was 
feasible, as this is inefficient and would require 
an inappropriate degree of freedom in the 
design process. The rotor thrust limit caused by 
retreating-blade stall was determined by forcing 
the first three terms of the Fourier series for the 
aircraft's rolling moment to zero. Should a 
particular configuration be deemed feasible, 
then the power requirements were found using 
actuator disc theory, including Stepniewski's 
factor. For some analyses take-off limitations 
were applied including an estimation of the 
wing blockage in hover, derived from the work 
of Lynn [1], and the ability to hover at 5000ft 
with one engine inoperable. Further limits were 
applied to account for the gust response 
problems that may occur for an unloaded rotor, 
10 percent of the aircraft MTOW being the 
lower limit of the rotor thrust imposed. So that 
unrealistically low rotor speeds would not 
appear in the results from the analysis, another 
limit was applied, to ensure the aircraft retained 
a minimum of a third of the lateral control 
travel in hovering flight, so that manoeuvring 
flight remained possible. 

To analyse the productivity of the 
different configurations, it was necessary to 
know the relative empty weights of the various 
aircraft. This was achieved by taking the 
baseline helicopter to have an empty weight of 
half the MTOW. To this weight was added the 
weight of the wing, power plant and 
transmission using, as a basis, the results of the 
statistical analyses of Torenbeek [2] and 
Tischenko, et al [3]. The results of the latter 
study were modified to include the findings of 
Lastine [4], regarding the weight penalty 
incurred by a compound helicopter 
transmiSSIOn. Once the weights of these 
components were known, not only could the 
payload, and hence productivity, of the aircraft 
be determined, but using this weight break 
down and the power requirements, the cost was 
estimated using the results of Harris and 
Scully's study of the cost ofrotorcraft [5]. This 
was then linked to the productivity as a cost-
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effectiveness measure, the productivity estimate 
simply being the payload multiplied by the 
maximum velocity of the aircraft, in order to 
maintain the results in a generic format rather 
than tying them to a specific mission. 

The final performance measure 
included m this paper was that of 
manoeuvrability. The maximum load factor 
was determined at the bottom of a symmetrical 
pull-up manoeuvre, to avoid the need for a new 
trim solution, for the various configurations. 
This simply took the maximum lift that could 
be generated by the rotor and wing and related 
it to the aircraft's weight. This assumed that the 
aircraft would be flown in a similar manner to a 
fixed wing aircraft, and unfortunately, due to 
the nature of the trim models used, could not 
account for the change in rotor inflow and the 
wing and stabiliser offsets from the 
aerodynamic centre of the aircraft. 

4. Configuration Analysis Work 

In keeping with the goal of finding 
generic configuration trends, the analysis was 
not tied to any specific mission, rather it was 
used to investigate the general performaoce 
parameters of power requirements, velocity 
capability, manoeuvrability, productivity aod 
cost-effectiveness. The closed form trim model 
aod actuator disc theories are intrinsically 
limited in the configuration variables that can 
be examined. Those studied in this work were 
therefore restricted to the wing span, wing 
setting angle relative to the fuselage, wing 
aspect ratio, supplementary thrust ratio to 
aircraft drag in the direction of flight, wing 
location, rotor speed aod supplementary 
propulsion efficiency. Secondary variables 
such as blade number, fuselage drag aod 
additional aircraft geometry are necessary to 
enable the calculation of the performance 
parameters. However, the significance of their 
influence is better investigated with higher 
fidelity simulations, aod much work along these 
lines has already been completed for the 
conventional helicopter, so these were felt of 
lesser import for this study. 

To best observe the trends, the analysis 
was used to produce 3-D surface plots, 
representing the effect of varying two aircraft 
parameters on a single performance attribute. 
This was achieved using Matlab® software, the 
effect of modifying the remaining primary 
variables being found by creating a series of 
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plots and cross-referencing between them. 
While the model can be utilised for any aircraft 
size and geometry, a 4 Yz tonne aircraft using a 
4 bladed rotor and of similar dimensions to the 
Sikorsky S-76 was used for the analysis 
contained herein. 

5. Model Limitations 

In order to achieve the aim of a closed 
form trim and rotor thrust solution the 
assumptions made have imposed some 
limitations on the model. The elimination of 
some of the smaller wing induced drag terms 
resulted in a minor underestimation of rotor 
thrust, but more significantly this created a 
underestimation of the forward trim tilt of the 
aircraft when combined with the small angle 
assumption. This latter effect was most 
noticeable for the winged helicopters that did 
not use thrust augmentation. The 
underestimation was of the order of three 
degrees for aircraft using extremely large 
wings. This did not affect the fully thrust 
compounded aircraft, due to its level fuselage 
attitude (the rotor disc attitude aod fuselage 
attitude were linked for simplicity), so more 
confidence can be placed in these results. 

The interference model assumed that 
the rotor wake is fully formed and approximates 
to that of a circular wing. At lower velocities 
this assumption will begin to break down, hence 
the configurations with which this model has 
been analysed have been limited to velocities 
above I 00 knots. Also restricting the aoalysis 
were the rudimentary boundaries used for the 
compressibility and retreating blade stall limits 
on the rotor, due to the use of actuator disc 
theory and the closed form trim solution. The 
former simply constrains the tip speed below a 
set Mach number aod does not take account of 
the critical drag rise on the power of the 
aircraft, or the effect that the reduced blade 
incidences of the unloaded rotor have on the 
local Mach numbers on the blade. Dynamic 
stall has been included through a quasi-static 
estimation, but the effect of the changes in the 
rate of pitch change with reduced rotor speed 
could not be included. 

6. Maximising the Velocity Potential 

The conventional helicopter is limited 
in velocity by the boundaries of retreating-blade 
stall and compressibility effects on the 



advancing blade. The addition of 
supplementary thrust and a wmg to the 
helicopter allows these boundaries to be 
manipulated, but also brings a new restriction in 
the form of the problem of rotor gust-response. 
Whereas the conventional helicopter power 
requirements are set by the hover condition. the 
compound helicopter's power requirements are 
set at the maximum velocity. 

Looking at figure 2 of the maximum 
velocity capability of a range of configurations, 
varying the supplementary thrust ratio and the 
wing area, all of the limits mentioned in the 
preceding paragraph become apparent. With a 
reduced rotor speed to show the benefits of 
compounding, the point representing the 
conventional helicopter and a large portion of 
the aircraft utilising only a small amount of 
thrust compounding, on the left-hand side of the 
figure, are constricted by retreating-blade stall. 
The higher plateau, which represents the aircraft 
attaining the compressibility limit, is notably 
only reached by aircraft using both thrust and 
lift compounding, hence overcoming retreating
blade stall. The addition of thrust or lift 
compounding separately does not benefit the 
aircraft in speed potential significantly. The 
third boundary that of rotor gust-response, is 
denoted by the large drop otf in velocity 
capability of the configurations to the right of 
the plot, and the chamfer formed in the 
compressibility plateau is caused by the power 
limit of 3000-hp imposed on the program. 
There is a fifth limit that of the supplementary 
wing stalling, but this was avoided throughout 
the analysis for the reasons noted in section 3. 

COMPOUND HELICOPTER VELOCITY CAPABILITY (Au.,llary TMrust vs W<ng Area) 
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Figure 2: Velocity Capability- Varying 
Supplementary/Auxiliary Thrust and Wing Area 

A point highlighted by this velocity 
analysis and previous work has been the need to 
reduce the rotor speed to realise the full velocity 
advantage of the compound helicopter. Past 
research has suggested the use of variable speed 
rotors. but these can create difficulties in 
avoidance of resonant conditions. The analysis 
conducted to produce figure 3, however, 
indicates that the full velocity potential of the 
compound aircraft could be utilised with a 
constant reduced rotor speed, while still 
maintaining a control margin for low speed 
manoeuvrability. This can be achieved because 
of the retreating-blade stall avoidance afforded 
by the wing in forward flight and the excess 
power a compound helicopter will have in 
hovering flight. It will however, necessitate the 
use of high inertia blades, for safety reasons, 
and assumes that the majority of the compound 
helicopter's power is available to the rotor 
during hover. The three main features of this 
plot are the curved surface representing the 
intrusion of the gust-response limit on the rotor, 
the flat slope to the left, being caused by the 
basic compressibility limit applied. The 
partially hidden limit towards the peak is that of 
retreating-blade stall. Of note is the small wing 
area necessary to achieve the maxrmum 
velocity potential of the aircraft. 
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Figure 3: Velocity Capability- Varying Rotor 
Speed and Wing Area 

7. Aircraft Power Requirements 

One of the main results highlighted by 
the analysis was that some aircraft parameters 
were found to be performance determining, 
such as the wing angle and wing area, whereas 
others such as the wing location and wing 
aspect ratio only had a major influence at 
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extreme locations or aspect ratios. Examining 
the effect of the wing location in figure 4, it can 
be seen that when the wing is in close proximity 
to the rotor the effective wing incidence is 
greatly reduced, although increasing the rotor
wing gap to a distance of half the rotor radius, 
the interference effects are reduced to negligible 
proportions. A major feature of this plot is the 
significant minimum just below and behind the 
rotor, which is caused by the use of a single 
horseshoe vortex to represent the rotor wake. A 
more uniform interference effect would be 
expected in real life. Away from this region it 
does, however, give a reasonable comparison to 
flight test data, full thrust compounding being 
used in this particular plot to eliminate the 
influence of fuselage trim attitude changes. 
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Figure 4: Wing Incidence- Varying Rotor-Wing 
Gap and Rearward Offset 

The wing aspect ratio was also found to 
be of secondary importance to the design of the 
aircraft, figure 5; the benefits of an 'optimum' 
aspect ratio only being of the order of 50-hp. 
Conventional fixed wing aircraft wisdom states 
that increased aspect ratio will improve the 
efficiency of the aircraft, although there are 
structural and manoeuvre constraints that """o'~"'"J 
be applied. In the case of the compound, 
helicopter there is the added difficulty of the I 
rotor wake. As the wing aspect ratio is 
increased, not only does it position the tip 
further into the high-energy hover downwash, 
but it also incurs greater interference ftom the 
'trailing-vortex' portion of the rotor's wake in 
high-speed forward flight. For this reason 
interference effects largely negate the increase 
in wing efficiency gained by increasing the 
aspect ratio. As long as the worst inefficiencies 
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are avoided. the aspect ratio should be chosen 
for other practical reasons such as mmm1;smg 
the hover download and structural 
requirements. 

COMPOUND POWER REOUir!EMENTS !l·:,o; A~-·~ -:o A~::<te: R~:'o' 

Figure 5: PmYer Requirements- Varying \-Ving 
Aspect Ratio and Area 

Of the parameters investigated, the 
supplementary thrust ratio to drag, the 
supplementary propulsion efficiency, the wing 
area and wing angle relative to the fuselage 
were found to be performance determining. In 
terms of the power requirements, the addition of 
supplementary thrust to the aircraft will not be 
beneficial if the rotor is capable of supplying all 
of the aircraft's thrust requirements, unless the 
supplementary propulsion is extremely 
efficient, due to the increased ram drag it will 
have in comparison to the rotor. That thrust 
compounding is power intensive can be seen in 
figure 6, but it does come with the advantages 
of increased wing effectiveness and can 
eliminate the need for changes in fuselage tilt. 

COMPO UNO HELICOPTER POWER REQUIREMENTS [V vs Aux Thrus!) 

Figure 6: Power Requirements- Varying 
Velocity and Supplementary Thrust 



The addition of the wing is necessary if 
the limit of retreating-blade stall is to be 
overcome and greater velocities attained, but it 
does not necessarily produce reduced power 
requirements. In figure 7 a small reduction in 
total aircraft requirements is gained by using a 
wing of small area and angle, probably due to 
the reduction in rotor thrust necessary. As more 
wing area and incidence is added then the 
greater profile and induced drag incurred by the 
wing raise the total power requirements, as the 
supplementary propulsion's higher parasite 
power outstrips the reductions made in the rotor 
induced power level. The cut away region at 
large wing areas and angles represents the limit 
imposed on the rotor by gust-response 
considerations. 

Wir>g Aro~ R:l~o 

Figure 7: Power Requirements- Varying Wing 
Area and Aspect Ratio 

A further feature of note IS the 
positioning of the trough in the total power 
requirements, which appears to reduce in wing 
incidence as the wing area is increased. This 
suggests that there is an optimum ratio of wing 
lift to rotor lift, which seems to be reinforced by 
the similar shapes of figures 8 and 9, of the 
effect of varying the wing angle and the wing 
area respectively, against the aircraft velocity. 
Any distinct mathematical relationship for the 
rotor to wing lift ratio though will be disguised 
by interference effects and inefficiencies of the 
two lifting devices. The viable configurations 
of both of these plots are bounded on the right 
hand side by rotor gust response limits and 
retreating-blade stall limits to the left. 
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Figure 8: Power Requirements: Varying Wing 
Angle and Velocity 
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Figure 9: Power Requirements: Varying Wing 
Area and Velocity 

8. Productivity 

The productivity of a compound 
helicopter is potentially degraded in comparison 
to a conventional helicopter, despite the 
increase in speed capability, through the 
addition of the wing, extra transmission and 
larger power plant(s), as the weight of these 
items reduce the payload that can be carried. 
The analysis, used within, simply determines 
the productivity of the aircraft using the product 
of the payload and the aircraft's maximum 
velocity, a fixed upper power limit being 
imposed. This gives a good generalised 
indication of the relative productivity of the 
various configurations, but should be taken with 
some caution. The reason for this caution is 
that a configuration with excellent speed 
capability and poor payload may come across 
with the same productivity as one with poor 
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speed perfromance and excellent payload, 
although the usefulness of these two contrasting 
aircraft will come down to the specific mission 
to be performed. The generalised productivity 
analysis does, however, give the designer an 
idea of the type of configuration, which they 
should be aiming for. 

Figure 10, shows the productivity when 
varying the supplementary thrust ratio and the 
wing area. It shows the main features found 
when analysing the productivity of the various 
compound helicopter configurations. An 
interesting outcome was that certain fully thrust 
compounded configurations, utilising a small 
wing area to avoid retreating-blade sta!l, 
sufficient power and a reduced rotor speed to 
off-set the compressibility limits on the 
advancing blade, could exceed the productivity 
of the conventional helicopter by up to 30 
percent. The productivity of the fully thrust 
compounded aircraft with a small wing area in 
the figure comfortably surpasses that of the 
conventional helicopter, which is limited, along 
with many of the partially thrust compounded 
aircraft by retreating-blade stall. This was 
found to be the case even when both aircraft 
employ an optimum rotor speed, despite the 
conservative nature of the analysis, which 
favours the conventional helicopter. 

COMPOUND HELICOPTER PAOOUCTIVITY (Au>Jiiary Thruo:r v.: Wi!l(l Ar"") 

Figure 10: Productivity- Varying 
Supplementary Thrust Ratio and Wing Area 

Figure I 0 can be compared with figure 
2, portraying the velocity limits, where the same 
four regions are apparent. Aircraft limited by 
gust-response, to the left of the plot, have a 
significant productivity penalty due to the 
reduction in velocity potential caused by the 
gust response restrictions combined with 
payload reductions. The central region of an 
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almost constant upward slope represents the 
aircraft limited by advancing blade 
compressibility limits, the upward slope being a 
result of the payload penalty imposed on the 
aircraft by the addition of larger wings. The 
addition of more wing area to the aircraft, after 
the retreating-blade stall limitations have been 
overcome, being detrimental to the productivity. 
A slightly concave portion of the slope is 
evident just before the peak, which is due to the 
speed of the aircraft being power limited below 
that imposed by the rotor limitations. High 
power levels and/or high supplementary 
propulsion efficiencies are required to 
overcome the power limitations of the fully 
compounded aircraft and obtain its full 
productivity capability. Beyond the peak and to 
the right of the Mach limited configurations, the 
aircraft are constrained by retreating-blade stall. 
Thrust compounding on its own has a neutral or 
slight benefit on the productivity of the aircraft 
due to the slight unloading benefit it allows the 
rotor for the avoidance of retreating-blade stall. 
Although when combined with the wing the 
improved wing effectiveness, and stall 
alleviation, it brings gives the substantial 
productivity benefits seen. 

9. Cost Effectiveness 

While it is important to have a highly 
productive aircraft, the aircraft's initial cost has 
to be reasonable, otherwise the customer will 
not be in a position to purchase it, despite the 
benefits it provides. Simply the benefits of its 
productivity have to be affordable. Previous 
portions of this analysis have shown the fully 
compounded helicopter to be potentially more 
productive than the pure helicopter, however 
the fully compounded aircraft is more power 
intensive. This latter point is potentially 
detrimental to the compound helicopter's 
overall viability, since the power plant is 
probably the most expensive component of the 
aircraft. 

Using the same geometry and aircraft 
parameters as for the productivity plot of figure 
10, a plot of the initial cost of the aircraft 
divided by the productivity is given in figure 
II. Interestingly a trough forms where a 
configuration moves from being limited by 
retreating-blade stall to where it is fully 
alleviated and compressibility becomes the 
limiting factor, which corresponds to the ridge 
in the previous figure between these two 



limitations. The most cost-effective aircraft on 
this trough are those that have the smallest 
wing-area, and therefore the greatest thrust 
compounding ratios. The addition of wing area, 
apart from that required to alleviate retreating
blade stall is again shown to be detrimental, 
partly due to the cost, but mainly due to the 
reduced productivity outlined in the previous 
section. Gust-response limits again form a 
region of poor worth on the right-hand side of 
the plot. 
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Figure 11: Initial Cost/Productivity 

Altering other parameters for this 
analysis such as the rotor speed can have a 
significant effect on the cost effectiveness of the 
aircraft. Increasing the rotor speed improves 
the velocity capability and hence the 
productivity of the, previously retreating-blade 
stall limited, aircraft to the left of the trough, 
which improves their cost/productivity ratio. 
Increasing the power limit is advantageous to 
the productivity of the aircraft to the right of the 
trough, although the large cost of this additional 
power exceeds the benefit gained from the 
increased productivity, unless the 
supplementary propulsion efficiency is 
sufficiently high 

l 0. Manoeuvrability 

As a conventional helicopter increases 
in forward velocity, the increase in collective 
blade incidence required reduces the incidence 
available to trim and manoeuvre the aircraft 
before the retreating-blade will stall. This not 
only places a limit on the velocity of many of 
the potential compound helicopter and 
conventional helicopter configurations, but it 
also restricts the rotor thrust available at any set 
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velocity, hence limiting the manoeuvre loads 
that can be supported by the aircraft. The 
addition of a wing, however, endows the 
aircraft with a second source of lift that 
incidentally increases in lifting effectiveness 
with increasing forward velocity, in contrast to 
the rotor. For this reason the compounded 
aircraft is expected to have greater 
manoeuvrability at high speed than the 
conventional helicopter. 

Of particular interest in figure 12 is the 
low manoeuvrability of the conventional 
helicopter at the relatively high speed and the 
limited effect that thrust and lift compounding 
give when applied separately. This plot, of the 
load factor that can be maintained in a sustained 
symmetrical pull up manoeuvre, for varied wing 
area and supplementary thrust, shows only 
minor manoeuvre benefits for the winged 
helicopter, as the increased fuselage tilt required 
when the rotor thrust is reduced limits the 
effectiveness of the wing. Similarly the 
addition of supplementary thrust separately 
provides little additional manoeuvre capability, 
due to the low level of rotor unloading it 
enables. It is when these two compounding 
components are combined, however, that the 
full manoeuvre benefit of the compound 
helicopter is shown. The addition of 
supplementary thrust to the winged helicopter 
enables it to be 'flown' in a similar manner to a 
conventional fixed wing aircraft through the 
manoeuvre maximising the effectiveness of the 
wing, as can be seen most notably with a full 
thrust compounding ratio. The addition of the 
moderately sized wing and auxiliary thrust in 
figure 12 improves the load factor capability by 
2g, but there is a conspicuous area past the peak 
in this figure that is cut away. This area 
represents configurations that would be limited 
by rotor gust response difficulties in level flight, 
however, this does not preclude the following 
of the favourable manoeuvre trends to a much 
greater load factor through the use of a 
mechanism such as variable incidence wings or 
flaps to improve the wings lifting ability. 



( 

COMPOUND HELICOPTER M"'NOEUVAE CP.?ABILITY (Aux•~3ty Thrust v~ Wong Are•) 

Figure 12: Manoeuvre Capability- Varying 
Supplementary Thrust and Wing Area 

The final points highlighted by the 
manoeuvre analysis, not shown, are the ability 
of the fully compounded helicopter, using both 
thrust and lift augmentation, to maintain its 
manoeuvrability to high speed, unlike the 
helicopter. This is mainly as a result of the 
increase in wing effectiveness as the aircraft 
velocity increases, supplementing the rotor's 
decrease in effectiveness. The same effect 
enables a compound helicopter utilising a 
reduced rotor speed to have a much superior 
manoeuvre envelope at high speed compared to 
the conventional helicopter despite the 
reduction in rotor thrust available. 

11. Conclusions 

The results of this closed form analysis 
show that a computationally inexpensive theory 
such as this can give a good insight into the 
problems and trends with designing a 
complicated aircraft such as the compound 
helicopter. It does have some drawbacks 
however, with inaccuracies in the tri~ 
estimation and the rudimentary nature of the 
boundaries that have to be applied to account 
for rotor compressibility, dynamic stall effects 
and gust response. 

The trends revealed by the analysis 
show that there are certain performance driving 
parameters, such as wing area and the auxiliary 
thrust ratio, whilst others such as win<> , 0 

location, only significantly influence the 
performance at certain extreme conditions. An 
additional point highlighted by the analysis is 
that the optimum aircraft configuration will 
vary somewhat depending on what performance 
parameter the designer is trying to extend. 
From a productivity perspective, a wing of 
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small area is beneficial, whereas if 
manoeuvrability or altitude is the desimer's 0 

goal, a greater wing area is advantageous. Full 
thrust compounding on the other hand was 
important in boosting the velocity capabilities 
of the aircraft and improving its 
manoeuvrability, but incurred a large power 
penalty unless the efficiency of the 
supplementary propulsion device was high, to 
negate the disadvantages of its high ram drag. 

The analysis highlighted the benefits 
possible through fully compounding the 
helicopter of increased velocity, increased 
productivity and increased manoeuvrability. 
Apart from the need for a highly efficient 
supplementary propulsion device, the other 
main conclusion of this work is that the 
development of a variable incidence win<> or 0 

efficient flaps will be needed to fully exploit the 
compound helicopter's promise. This is 
necessary to avoid rotor gust response 
difficulties, minimise the power requirements of 
the aircraft throughout the speed range and to 
realise the aircraft's exceptional manoeuvre 
potential. 
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EC 120 DESIGN 

Our new helicopter, the EC 120, is the first 
EUROCOPTER · helicopter to have 
incorporated an industrial design process 
from the time the general specifications 
were drawn up. 
As a discipline, industrial design helps 
improve man/machine interfaces and is 
dedicated to users' satisfaction. 
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At the end of the eighties, Eurocopter, then Aerospatiale Helicopter Division, initiated the 
P120 study i.e. a four-blade helicopter with high engine power. The Pre Project unit of the 
Engineering Department consulted two agencies in Paris, Volanis design and Picard 
I DEl, to assist Aerospatiale with the shape and outfitting studies. 
This first contact between company and industrial design helped sensitize the Engineering 
Dept. to this field associated with human factors. 
The projects were presented as 1/5'"·scale models and perspective drawings of the 
helicopter fuselage and cockpit internal outfitting; they proved really helpful and were 
highly appreciated by the Engineering Dept. 

This design gave personality to the helicopter as it was being thought out. A designer's 
drawing is both a synthesis of the engineering work and a projection for new proposals. 
Marketing analyses are also facilitated by the designer's suggested changes. 
Since he is not necessarily an aerospace specialist, the designer will naturally come up 
with innovating ideas showing the helicopter in a different and unusual light. Innovation is 
playing a significant role from the conceptual and commercial standpoint when 
manufacturers may come up with the same type of product over a short period of time. 
Originality is today increasingly based on the services helicopters do offer and it is those 
novelties that underline the competition's obsolescence. 
Twenty years after the Ecureuil, Eurocopter elected to integrate industrial design in the 
Engineering Dept.and the work that was done on the P120 demonstrated that a specialist 
in this field could become a full time member of the engineering team. 

P120 is now, for strategic and commercial reasons, a simpler, lighter and cheaper EC120, 
and EUROCOPTER DESIGN has been integrated as a company unit. 

The EC 120 program was started in 1992 and our first job was to put this new helicopter 
into shape. 
Interior design is obviously the field in which the industrial designer must focus the most 
attention and numerous elements connected to passenger comfort were studied. All 
layout proposals must however match with the general shape of the aircraft and 
correspond to the prevailing character of the helicopter. One consideration took 
precedence with regard to the outline of the EC120: this aircraft had to be esthetically 
pleasing for the next 30 years. The direct consequence of this requirement was to refuse 
any concessions to fashion; nothing changes more quickly than fashion. 
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The shape of the EC120 seems to have been sculptured as it moves through the air and 
at the same time, it conveys the traditional brand image of EUROCOPTER products. 
The drawing below is the first rough sketch of the EC120. 

Well before the interior drawings were started, the design work consisted in visiting 
several small helicopter operators in the area. 

About twenty operators, pilots, mechanics and passengers were met and we have had 
very opened discussions. Dozens of photos were taken. The photos and the operators' 
comments were analyzed and this analysis became the database that the designer used 
to make his suggestions for the EC 120. 

Before analyzing the EC 120 in more detail, let's take a quick look at what had happened 
in the past. 

----:--'--- '-·· ... . 
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When the BELL engineers decided to put in a proposal to the MOD invitation for bids, they 
presented the OH4, which was not particularly adapted for a commercial market. 
Convinced that they had a good helicopter, BELL called in an industrial design 
consultancy to improve the helicopter in all the areas where it wasn't up to standard, 
without modifying the very satisfactory technological aspects. The Jet Ranger took form 
from this design study and went on to become the best selling turbine helicopter world
wide. 
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The f1rst known experience in this field in France was the study conducted by Raymond 
Loewy on the Alouette 11. Unfortunately this "Governor" Alouette was not a true industrial 
design study in that Raymond Loewy proposed a simple styling, decorating study, which 
had for first consequence to make the helicopter a lot heavier. 

·-- .---~~--::~C-rf?f~·~.--
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Now to come back to our EC 120, EUROCOPTER wanted the design to be part of the 
work covered by the Preliminary Design Department, which was tasked with drawing up 
the general specifications and the initial dimensioning studies, before it was handed over 
to the Design Office. This study should also be useful for other programs in any case. 

Using the reports of findings on existing helicopters, the designer first concentrated on the 
weak points which operators put up with, either consciously or unconsciously. 

This is how the scope of the industrial design stage went much further than simply drawing 
the general silhouette of the helicopter. 

Creativity is offering users what they need, before they know they need it!. .. this means that 
there is no chance that it will come out of clinical tests. 

An enthusiastic acceptation comes from a good surprise, and a surprise will never 
come out of a Gallup Poll, because the average of any opinions will always give an 
average opinion. It is up to the designer to analyze human behavior and to draw from it 
the lessons that will generate innovating proposals. 
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When a designer realizes that nothing has been provided to carry the mandatory 
documents that are just as indispensable for each flight as the main rotor, i.e.: the Flight 
ivlanual, the Aircraft Log Book, the insurance certificates, the weight sheet, the maps and, 
for public passenger transport, the Operating ivlanual and the safety directives, and, 
consequently, that the owners of new helicopters end up by making cases themselves out 
of plywood with a hammer and nails, then he does not think of styling nor is his aim to 
catch the eye; he does his job as a designer and proposes rational solutions, using all the 
typical aeronautical parameters. His answer must be a certifiable product that takes into 
account the ergonomic aspects as well as the weight, cost and industrialization· 
requirements. Hence the first thing we did was to identify the largest possible number of 
anomalies. 

Observing, on the spot, the way in which human beings behave is far more effective than 
anonymous answers to a questionnaire. 

The designer applies behavioral ergonomics, semiology ; in other words, he tries to 
identify problems by noting attitudes that he considers to be abnormal. When he 
discovers that three out of ten passengers fall when embarking or disembarking, he tries 
to find out why this happens. His findings will have immediate effects as regards to the 
size and the position of the footsteps, as well as the number and locations of the hand 
grips. 
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Let us anaiyze this siide together: 

This gentleman is a business man, who is not used to traveling in a helicopter. As he 
approaches the helicopter, he is eithe1· a little anxious or enthusiastic, in any case he is 
inevitably already stressed when he arrives with his attache case. Now he must pass 
under the rotor, which is spinning. A ilight line technician has placed some steps in front 
of the door and he is ready to help our friend to board. 

i'leve1·theless, if we take a closer look, his left foot misses the step and he desperately 
gropes for a non-existent handgrip with his left hand. He hits his shim harshly, then as he 
straightens up he lliis his head on the top of :he door opening. What a welcome on board! 

'''e jesigner's aim is to produce 'he stimulus that makes people want to become owners. 
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TECHNICAL ASPECTS 

GENERAL CONCEPT: 

Because the general outline of the helicopter had to remain ageless over decades, the 
design department chose the following principles: natural balance of volumes, harmonious 
interaction of shapes and extreme simplicity of lines. These considerations had an 
immediate consequence: good aerodynamic integration. The first reduced scale model 
tested in the wind tunnel gave excellent results and nothing has had to be modified 
subsequently. 

EC120 structure is a novelty for EUROCOPTER. Human factors imposed as much space 
as possible for passenger's luggage and that lead to the split fuel tank concept. 
The fuel tanks were divided into two units offering a large cargo space with a rear access 
thus improving the helicopter's comfort and efficiency for the users. 

The wide canopy surrounding the crew is an industrial design decision, which is 
apparently running against recent developments favoring composite nose cones. 
However, this choice was based on the need to enhance pilots and passengers visibility, 
this requirement is particularly well adapted to the missions conducted by such a light 
helicopter. 
It is also with daily usage in mind that industrial design recommended two different cabin 
openings, with a flap door on the right hand side and a sliding door on the left one to meet 
every expectation. 

;? i 
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SEATS 

The seat is the interface through which the cockpit is adapted to the anthropometric and 
physiological characteristics of the pilot. 

Nowadays pilots count their flying time in thousands of hours and they are more sensitive 
to the discomfort of their seat, which can cause backache, lumbago, stiff necks and other 
traumatisms. 

The EC120 seat was also drawn to harmonise with the helicopter's soft shapes and 
everything was done to integrate this seat secondary fonctions. The side bar, for example, 
is an integral part of the back and its role is to facilitate passengers access to the rear 
seats. The headrests are also part of the back and they contribute to the aesthetics of the 
whole. The legs made of mass machined aluminum include attachment points for the 
future optional items. Even highly technical concepts such as energy absorption with leg 
deformation were integrated by the designer and these legs, a very novel concept in 
themselves, were deliberately left as visible structural parts. 
The seat bucket is designed to follow the body shapes as closely as possible, in order to 
optimises crew comfort and preserves the aft passengers' visibility. 
These minimal principles naturally helped reduce the seat's cost and weights. 

The EC 120 seat must be considered from three essential aspects: immediate 
environment (including accessibility), comfort of the cockpit and man-machine interface. 
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A helicopter must be a uniform whole. Skipping over areas that are not considered to be 
particularly "noble" such as stowage space or handles could be detrimental to a helicopter 
and cancel out considerable efforts that may have been made elsewhere. 

All our actions and aspirations are directed towards finding the happy medium, harmeny, 
and equilibrium. The helicopter is no exception. 
The EC 120, and particularly its seat and its accessories must reflect the rigorous thought 
whose aim is to satisfy all those whose lives are organized in, around, for or are 
dependent on this helicopter. 

POSSIBLE FUTURE EVOLUTIONS: 

The design work done on the EC120 is obviously a first step in this field, and the 
proposals we made can be useful on any other machine. 

When we met light-weight helicopter operators, we noted that they were really concerned 
about the quality of the cabin appearance and that it was absolutely necessary to have a 
multipurpose cabin. 

Both these considerations lead us to the same answer: functional modules fitted into the 
pilots' seats. 

We owe it to our customers to offer them the guarantee that when they buy an helicopter, 
they will have a pleasant, attractive and functional cabin, whatever types of missions the 
helicopter will be carrying out. 

The differences between the helicopters will only be created by the different FUNCTIONS, 
hence MODULES that correspond to specific missions. 

The interchangeability of functional modules will no doubt be one way of making the tool 
even more suitable for the requirements. 

Let us take as an example the optional intercom system. 
At the present time, if a customer wants to fit an intercom system on his helicopter, he 
must first refer to a specialist in this type of installation, take the helicopter to his facilities 
and have it grounded for several days. When he collects his helicopter, he will, of course, 
have paid for the intercom system, plus the installation, plus the transfer, plus the 
grounding. He will have a costly installation permanently installed but he will only use it for 
certain specific missions. 
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Now let's imagine that EUROCOPTER offers an "Intercom System Module", which is in 
fact a compact component that can be installed in just a few seconds on the back of the 
pilot's or copilot's seat and powered by plugging it in to the center console. 

The customer would have the equipment he wanted without having the inconvenience of 
transferring his helicopter for the installation and the grounding period and he would be 
able to purchase this equipment directly from EUROCOPTER. 

He would be able to install his module only when it was needed, so he would add extra 
weight to the helicopter only when the FUNCTION was required. Moreover, an operator 
with several helicopters would only need to buy one intercom system, which he could 
install on any one of his helicopters at any time. 

The same could be true for a large number of equipment items such as the Public 
Transport kit, the radio-telephone or the mini bar, a whole host of optional equipment that 
the operator could instantly install and remove, thus adapting his helo to the requirements 
of the moment. 

Nowadays we deliver a significant part of light helicopters "green", that is to say with very 
little or no equipment. This is a problem that concerns the design department directly. It 
would be very interesting to follow up some of these helicopters that are sold unequipped 
to find out what happens to them afterwards and why we couldn't provide these aircrafts 
with a complete equipment. 

The interchangeable module could be the answer. 
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Example of proposals: 
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IN CONCLUSION 

Technology for technology's sake is not only tremendously expensive, it is also a self
perpetuating quest that puts off what should be done today in the pursuit of what may be 
possible tomorrow ... or the day after. We now have an opportunity to adapt our ways o( 
working to the changes in our civilization, which, day after day, are redefined around a 
production process that combines techniques, culture, usage value analysis and sociology 
of life styles. 

Designing a product implies making a multitude of choices and "micro decisions" which 
give rise to an optimized industrial and commercial reality. The challenge consists in 
designing helicopters with such choices of compromise that the resulting aircraft prove to 
be the best solutions for the largest number of customers ... therefore operators and 
manufacturers. 

The designer refuses all dogma and constantly fights against generally accepted ideas. 

The EC 120, because of it size and the market it is aiming at, has been a great opportunity 
to develop new industrial design concepts. This EUROCOPER light single carries some 
specific thoughts that may open a new era for helicopters at the begining of the millennium 
to come. 

If we are not careful, very rapidly we could find ourselves with two types of helicopters: on 
one hand, the best machines, those that fly fastest and highest; on the other, those that 
sell because they are more functional, easier to live with and better suited to the 
passengers' everyday interests. 
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Introduction 
The main objective of CE-NET is to provide an infrastructure to support the shaping of the 
Concurrent Enterprise as being a full scale Concurrent Engineering implementation across partners' 
organisation boundaries within the Extended/Virtual Enterprise and a combination with Electronic 
Commerce area for trading models. 
CE-NET is characterised by a multisectoral nature, with the involvement of different industrial 
sectors to promote cross-fertilisation of efforts dedicated to industrial competitiveness, exploiting 
the opportunities of re-using experiences and technological solutions deriving from different 
contexts, based on the sharing of general cultural features of the CE working environment. Bilateral 
confidential Benchmarking and CE Best Practice activities are essential part of the CE-NET 
operations and nodes interaction, especially between industrial manufacturing oriented nodes. 

1 - Areas forming the Concurrent Enterprising domain 
The following areas are not considered as a sequential progression but rather as a potential 
combination for generating a better comprehensive approach, defined as the ultimate type of 
operating environment, where synergy and complementarity between RTD projects of the areas 
mentioned below appears more evident and coherent. 

1.1 - Concurrent Engineering (CE) 
Defmition: 
"Concurrent Engineering is a systematic approach to the integrated, concurrent design of products 

. and their related processes including manufacturing and support. This approach is intended to 
cause the developers from the outset to consider all elements of the product life cycle from 
conception through disposal, including quality, cost schedule and user requirements" [IDA88]. 
The manufacturing industries will gain enhanced competitiveness through the exploitation of CE 
technology, including the following benefits: 
• Greater productivity and improved quality. 
• Flexibility and improved collaboration with partners, suppliers & clients I customers i.e. no IT 

restriction on the choice of business partners if CE technologies are universal. 
• Improved price - performance. 
• Greater ability to respond to change. 
• Improved Information management tools & enhanced working environment. 
• Unlocking potential for growth & generating new business. 

1.2 - Virtual Enterprise (VE) 
Definition: 
''A Virtual Enterprise (VE) is a temporary business organisation set up between trading partners, 
operating from geographically dispersed sites, for the duration of a common project. A VE is not a 
joint venture physically collocating the necessary resources on a same geographical site for 
achieving its business goals but rather a distributed organisation using remote resources. 
Multidisciplinary team members are electronically collocated and operating together through 
computer networks such as Intranet or Extranet". 
Importance of VE technology to industry can be summarised as follows: 
• Capacity of using remote resources 
• Pooling of core competencies 
• New way of organising operations across dispersed geographical sites, IT-enabled, customer 

initiated and solution oriented 
• Remote collaboration and resource utilisation. 
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Virtual Enterprise concepts have been widely studied in the VIVE (VIrtual Vertical Enterprise) 
Project which addresses the creation of networks of companies co-operating on specific business 

( opportunities. Further information is available at the URL http://www.ceconsulting.it/VIVE 

( 

1.3 - Electronic Commerce (EC) 
Electronic Commerce is a wide domain from buying goods on the Internet up to business 
collaboration between trading partners. 
The intersection between Virtual Enterprise and Electronic Commerce (Concurrent Enterprise) only 
concerns inter-enterprises electronic trading of models and collaboration across trading partners. 
Virtual models placed on the Business Network could be considered as trading knowledge objects. 
EC has a deep impact in the business, such as: 
• Speed up access to electronic catalogues 
• Facilitate and accelerate sales and buying procedures 
• Globalise the market 
• Provide an opportunity to access the global market when appropriately organised 

Concerning inter-enterprises relationships, the use of EDI can lead to 
• Accelerates orders to be placed to providers 
• Help to reduce stock 
• Contribute to reduce cost to buy 

2 - Concurrent Enterprise 
Applying Concurrent Engineering and Electronic Commerce in the context of inter-enterprises 
business collaboration within the Virtual Enterprise is named Concurrent Enterprising. See the 
definition below for Concurrent Enterprise. 

2.1 - Definitions 
Concurrent Enterprise: 
·~ concurrent enterprise is a boundarylessness organisation operating concurrently with the 
market, trading partners, and users in a reactive and flexible way for improving creativity aptitude 
and innovation potential to meet the ever changing market demand". (MPallot, V. Sandoval, 98) 
Concurrent Enterprises are able to trade product models on a Business Network. 

Engineering: 
Engineering is a discipline aiming at defining the way of developing a product. 

Enterprising: 
Enterprising is a discipline aiming at defining the way of doing business with trading partners. 

2.2 - Concurrent Organisation - a universal model 
"Enterprises are made of people whose individuality has a piece of the necessary knowledge, and 
altogether they constitute a new entity that is not only a juxtaposition of knowledge pieces but much 
more a puzzle where the symbiosis process helps to have pieces at the right place like a kind of 
sum. 
A concurrent organisation is characterised by a system having a main conducting flow or stream 
where all existing entities belonging to that system are contributing to this flow in a complementary 
harmonised way (symbiosis). 
An enterprise should be organised around a specific flow. This is a knowledge flow, which starts by 
needing understanding and then continues by creating ideas that are transformed into solutions 
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satisfying the needs. Concurrent organisations are multidimensional where different systems can 
contribute to another one, from infinitely small toward infinitely large or vice-versa. To understand 
how a concurrent organisation operates it is necessary to know interdependencies between its 
constituting entities. Here it might be helpful to explain to decision makers, such as politicians, and 
managers, that before undertaking any decision, they should try to simulate its impact in running a 
model made of interdependencies just to check whether it will be consistent or not." (M. Pallot, V. 
Sandoval, 98) 
"A concurrent enterprise operates concurrently with the market, trading partners and users. To build 
a concurrent enterprise we need the concurrent engineering as normal engineering practices and the 
advanced know-how in virtual enterprise building, application and management. This new type of 
enterprise encompasses the electronic commerce Era. So every company must do any effort to 
adopt the new approach following a concurrent enterprising process, that means the process 
enabling the building of this kind of enterprise. Nevertheless, there are many factors, constraints 
and problems that need to be overcome before to set up concurrent enterprises. 
First of all, the lack of adequate infrastructures in a wider sense. Within this context, one important 
point concerns concurrent systems technologies and tools for the sharing and interactive use of 
remote resources and concurrent activities in geographically dispersed locations, in the context of 
heterogeneous hardware and software architectures and systems. This point is a fundamental one to 
allow the concurrent enterprising process. Other points are interoperability and interworking 
particularly at the network management and service levels, to increase capacity, flexibility, 
reactivity and functionality and to promote the introduction of new services (including the evolution 
of the Internet) ; technologies for network integration (fixed and mobile, including satellite links) 
and new service independent architectures and systems, to ensure all users will have affordable 
access to broadband multimedia services; basic technologies and tools supporting real-time 
embedded systems applications and services." (M. Pallot, V. Sandoval, 98) 

2.3 - Concurrent Enterprise - a scenario 
The following is a description of a potential scenario for Concurrent Enterprises developing new 
products. Concurrent Enterprises are trading models on a business network constituted of potential 
providers. 
Enterprises send information about their future or available models on the market that could be used 
in a business project (a kind of electronic catalogue) to a business network When a participant of 
the business network place a call for models (specific call for proposals), through its Virtual Buying 
Office, it automatically filters answering models that could be appropriate to the request. When 
there are several answers for designing a future model, an assessment of capabilities for operating in 
this virtual environment could help to select the most appropriate provider. Otherwise, parts of the 
models could be used by the Virtual Design Office for simulating its appropriateness within the 
targeted product or processes. 
As soon as models are selected and contracts established, the real product and processes 
development starts in identifying the necessary interactions between trading partners. A Virtual 
Interaction Room support electronic collocation of people where constraints could be demonstrated 
in order to undertake the best decision for the product and processes architecture. In case of 
conflicting situation, a Virtual Negotiation Room provides the necessary tools for demonstrating 
any potential solution to the appropriate experts of trading partners. Finally, a Virtual Project Office 
facilitates the management and administration of the project across trading partners. 
Concurrent Enterprising constitutes a strong opportunity for developing new telecom technologies, 
applications and services such as Telepresence or Telecooperation (P.Pulli, T. Pyssysalo, K.Kuutti, 
J.Simila, J.P. Metsavainio, O.Komulainen) 
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2.4- Required R&D actions for Concurrent Enterprising 
A life-cycle thinking of knowledge should be the basic framework behind the thematic network, i.e. 
the development stages: research, development work, dissemination and exploitation including 
deployment. From a planning viewpoint this is in line with a top-down identification of visions and 
needs, and a bottom-up initiation of projects/activities in the different phases of the life-cycle of 
concurrent enterprise knowledge - visions and short term as well as long term actions have to be 
integrated and attuned. Therefore, this is an iterative continuos improvement or learning process 
open for refmements and a corresponding initiation of new or modified initiatives to fulfil the goal 
of realising the concurrent enterprising concept. 
The life-cycle approach can be illustrated in the following way. 

Researdb • •·· •· •:.:· •: . . :> :. . ·Deyel(l\>ment: · ...... ·• · .... . : · .. ,·Deployment: .·· .. ·.···•.•.···••c·;,:·•· . 
Create visions Define specific application Collect and categorise existing 

areas based on basic research knowledge 
Defining research Define thematic oriented Develop dissemination, 
purposes/ areas technology projects exploitation and deployment 

channels and methods 
Proof of Concepts projects Develop technologies Develop trainingprograms 
Development and elaboration of Examine organisational Broadcast training programs 
basic concepts preconditions 
Thematic scope and framework Forecast and evaluate societal Find best practice and related 
description consequences technologies 

3 - CE-NET Overview 
It is widely accepted that for the effective advancement of the integrated product development 
environment within the overall context of concurrent enterprise there is a clear need for different 
organisations to continuously communicate with each other in order to exchange and share the latest 
developments/information. However, currently there is a lack of coherent infrastructure or 
mechanisms for the effective and constant cross-fertilisation of the research effort undertaken by 
various bodies whether they are in industry, academia or software vendors. Many of these 
organisations and institutes are involved in a range of concurrent engineering related projects both 
at European and National level. 
Due to the lack of effective co-ordination of these developments one is not able to fully exploit the 
potential benefits from the output of the RTD efforts currently in progress Thus, the prime aim of 
the Concurrent Engineering Network of Excellence (CE-NET) is to establish a well co-ordinated 
and effective support infrastructure throughout Europe in order to share and exchange the latest 
developments in the concurrent enterprise domain. 
However, specific objectives are: 

• To provide the means for effective communication of tool and techniques available for the 
implementation of CE 

• To integrate better the work undertaken in different national and European RTD projects 
• To provide means for better cross-fertilisation of CE practices across different industrial 

sectors 
• To raise level of awareness of potential benefits accruable by applying CE approaches 
• To develop and provide means for better exploiting the results ofRTD projects 

These will be achieved by undertaking the following activities: 
• Collect information about the existing industrial experimentation on CE implementation, CE 

studies events and reports for further utilisation and to avoid overlapping 
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• Cross-fertilisation by increasing awareness of CE concepts, approaches, technologies, 
implementation practices and their impact 

• Provide concepts and guidelines to implement and apply CE between trading partners in a 
concurrent enterprise especially within the SMEs 

The CE-NET consortium consists of some 26 organisations representing 12 countries. All members 
of the consortium, except ESoCE, will be involved as Associate partners. Each member of the 
network is positioned according to its specific skills in order to contribute to and to reap the benefits 
from the network most effectively. ESoCE will be the co-ordinator for the network. 

EsoCE is an independent technical and non-profit society. Its mission is to promote the adoption 
and application of CE approach in industry and SME environment. 
It has a networked structure, gathering similar organisations from all the European countries 
Main objectives ofESoCE are: 

• Improve and spread knowledge onCE point of view 
• National and international exchange on information regarding CE initiatives 
• Promote the participation of Industry to CE projects 

3.1 - Objectives and Results 
The CE-NET partners, large industrial companies such as Daimler-Benz Aerospace, Nokia, Odense 
Steel Shipyard, Signaal, Taylor Woodrow, and Thomson-CSF, are recognised as major players in 
the domain of CE implementation as well as SME's organisations such as Adepa, ATM, BCM, 
CCC, FIMET and InfoCom. Furthermore, academia is also very well represented by active research 
institutes in different fields related to CE such as Ecole Centrale Paris, Ladseb-CNR, P AKT, SISU, 
Tampere University of Technology, University of Bremen, University of Nottingham, University of 
Twente and VTT. So far, CE-NET partners are involved in a lot of initiatives and RTD projects 
related to CE. 
Otherwise, there are a lot more organisations (large industrial companies, SMEs and research 
institutes) involved in CE related initiatives and projects as well as simply interested by the 
implementation ofCE that represents a good potential to rapidly increase the number of participants 
to the network. 

3.1.2 - Long Term Goal 
Today, around the globe, there is an increasing pressure from the market forces to design and 
develop products with an increasing level of in-built complexity in the shortest possible time within 
a multi-company collaboration framework (providers often represent a large part of project 
success). 
The complexity includes: the product itself: references, functionalities, security, technology, 
materials, integration, processes etc. 

The global market and business environment requrres European industry to mcrease its 
competitiveness and its ability to: 

• manage multinational consumers, suppliers and corporate sites; 
• establishing profitable consortia to cope with requirements and feature of large multinational 

progranrrnes. 

This increasing level of complexity can be best managed through the provision of an adequate 
integrated product/processes development environment which allows each individual participating 
company to concentrate to its core expertise and so contributing the global solution. The new shared 
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business process will be the heart of the Concurrent Enterprise through the full scale CE 
implementation within an Extended/Virtual Enterprise. 
The main long term goal is to support the creation and functioning of the Concurrent Enterprise 
through the following three different phases: 
1. Awareness and Foundation : define the concepts and processes for the Concurrent 
Enterprise. 
2. Development and experimentation elaborate the functions of the Concurrent Enterprise, 
experiments IT solutions, specify the needs & requirements, and develop necessary technology in 
deploying R&D projects collaboration between nodes. 
3. Training/education and technology transfer: identifying training and education requirements, 
and elaborate related programme and technology transfer activities. 

3.1.3- Objectives of this first phase 
The prime aim of the CE-NET IS to establish a well co-ordinated and effective support 
infrastructure throughout Europe in order to share and exchange the latest developments in the 
broadest scope of CE implementation. Nowadays, the ultimate level of CE implementation IS 
represented by the Concurrent Enterprise paradigm (which is the implementation of CE within the 
Extended/Virtual Enterprise) that is often called Collaborative Engineering in US. 

The overall duration of this phase is 18 months, and the allocated budget is 392 KEURO. The main 
tasks are: 

• Build up a CE information database 
• Develop and edit a CE newsletter 
• Organise CE events: Conferences & workshops 
• Build up a CE tools & techniques database 
• Best CE practices and benchmarking 

3.2- Organisation and Project Management 

3.2.1 -Network organisation 
The CE Network is composed ofNodes and a Network Co-ordinator and has a Management Board 
and a Technical Committee. Nodes are also members of external organisations such as industry 
sectoral associations, research networks, SME's associations, working groups, user's groups and 
related initiatives. All those connections will be used as charmels of dissemination and for 
collecting user's needs and market trends as well as the newest technology (see figure 3.1). 
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Figure 3.1 -The CE Network 

3.2.2- Network Nodes 
Members of the network form nodes which can be a corporation or a part of it like a corporate's 
research centre, an independent research centre, an industrial company, an university or an 
industrial association. A national node can also be a co-operative group of these. 

Each node will carry out the following tasks: 
• To follow and collect information about its own, national, and regional R&D projects and 

activities on CE. 
• To set up an Internet Server, based onCE-NET's common taxonomy to disseminate 

information 
• To measure, how effectively the information distributed by the node is exploited by potential 

users 
• To identify needs and technologies for coming research projects and themes for workshops 

organised by the Network. 
• To report its experiences to the Network 

3.2.3 -Network Co-ordinator 
The Network Co-ordinator (NC) is globally responsible for the overall administration of the 
network and act as the Network Secretary in the Management Board (MB). 

The Network secretary (Network Co-ordinator) will be nominated by the MB and will have the 
responsibility to: 

• Co-ordinate the overall contractual, financial and administrative aspects, including the 
reporting of the Network financial and budgetary status to the MB. 

• Collect and submit to the CEC of cost statements for the project 
• Draft the quality plan of the project 
• Found and maintain the project archive 
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• Co-ordinate communication between the consortium and the European Conunission or any 
external organisations 

• To organise meetings of the Management Board and Technical Conunittee 
• To support nodes arranging conferences or workshops 
• To co-ordinate events and work between the nodes 

The Network Secretary (Network Co-ordinator) will prepare the MB meetings that will be 
synchronised, when possible, with the TC meetings and Network events (conference and/or 
workshops) in order to have more efficient co-ordination and to reduce the travelling costs. 

3.2.4 - Management Structure 
The management of the Concurrent Engineering Network of Excellence (CE-NET) will be 
organised on two levels: 
1. Network management level will be carried out by the Management Board (MB). 
2. Technical management level will be carried out by the Technical Conunittee (TC). 

In order to reduce the management overhead, the same representative of a project member may fill 
several positions in the management organisation. 

Management Board 
The MB will have the responsibility for the financial, administrative and exploitation aspects of the 
Network and will supervise the technical decisions. The MB will be chaired by an elected chairman 
who will act as chairman of the Network, seconded by a vice-chairman and they will be assisted by 
the Network secretary (filled by the Network Co-ordinator). 

The MB will in particular: 
• Decide the overall strategy for conducting the Network 
• Review the progress of the project according to the strategy 
• Review the policy and strategy for exploitation and publicity, authorise external presentation 

in meetings according to the information sensitivity classification level 
• Assess any change to the procedures and contracts 
• Elect the chairman and the vice-chairman of the Network and approve the nomination of the 

Network secretary 
• To review the Network expansion policy 
• To oversee the administration carried out by the Network Co-ordinator 
• To accept new members and nodes 
• To approve the actions plan 

Technical Committee (TC) 
The TC will have the responsibility of the technical decisions. The TC will be leaded by the 
Network Co-ordinator. It will be composed of the technical representatives of the project members. 

The TC will in particular: 
• Decide the technical directions according to the strategy defined by the MB. 
• Assess the progress of the project, commission the corrective actions if necessary and 

authorise appropriate amendments to the work plan according to the reconunendations ofWP 
leaders in order to meet the project objectives. 

• Approve the Quality Plan submitted by the Network Co-ordinator. 
• Assess any change to the work programme and any technical reconunendations to the MB. 
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• To define the action plans according to the long term strategies. 
• To develop the information infrastructure (Intemet CE-NET Web server). 
• To define and update the Network common taxonomy for the CE reference database. 
• To prepare the Conference and workshops thernes. 
• To review the working groups reports. 
• To prepare recommendations and future directions. 
• To assess the project proposals for the second phase. 

The TC will normally meet three times during the frrst phase in a synchronised way with the MB 
meetings. The Network Co-ordinator will prepare the TC meetings that will be synchronised, when 
possible, with the MB meetings and Network events (conference and/or workshops) in order to 
have more efficient co-ordination and to reduce the travelling costs. 

3.3 - How to participate 
To join CE-NET a web site is available at the following URL 

http://esoce.pl.ecpfr/ce-net/ 

It is possible to take part to ESoCE initiatives. Further information available at 

http://www.ceconsulting.it/ESOCE/default.html 

APPENDIX A 

Profile of the Author 

Roberto SANTORO, CE Consulting-Italy 

Mr. Santoro is directly involved in the development and dissemination of Electronic Commerce and 
Concurrent Engineering methodologies for adoption by European Industry, and has been acting for 
several years as expert reviewer ofEU fmanced RID projects within the ESPRIT programme. He is 
the promoter and co-ordinator of the European Society of Concurrent Engineering in Italy and the 
representative of Italian Confederation of Industrial Employers in the UNICE (Union of European 
Industrial Employers) CALS/Electronic Commerce Group. 
Mr. Santoro is managing director of CE Consulting, an engineering service Company devoted to the 
development of advanced engineering methods and of the associated Information Systems, enabling 
integrated product development. 
Mr. Santoro is providing business and technical leadership to a number of innovative European 
projects for which CE Consulting is the co-ordinating partner. Major examples include: VIVE 
(Virtual Vertical Enterprise), which addresses the constitution and operation of Virtual Enterprises 
specially devoted to Small and Medium Enterprises (SMEs) for the general market and in particular 
for responding to the new supply infrastructure requirements by Large Enterprise; CEPRA 
(Concurrent Engineering in Practice), which provides best practice tools and techniques to SME in 
the Aeronautics sector for adopting Concurrent Engineering. 
Mr. Santoro is participating to the ESPRIT Project WeCAN (Wide Electronic Commerce 
Awareness Network of Excellence) dealing with awareness issues for the adoption of Electonic 
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Commerce by Small and Medium Enterprises. WeCAN supports Organizers of awareness activities 
by providing Best practice examples and case studies. 

Mr. Santoro has been earlier leading, within the Datamat Group, the development of advanced 
Information Technology Systems and Engineering Services for the Industrial Sector. 

Untill988 Mr. Santoro has dedicated his professional activity to the design, licensing and operation 
of Nuclear Power Plants. As Managing Director of NUTECH European Operations since 1982, he 
provided management and technical direction to a variety of engineering projects for the European 
Nuclear Industry, requiring the integration of multiple engineering disciplines. 

Born 1952 in Bari, Italy. Doctor in Mechanical Engineering, University of Genoa, Italy - 1976. 
Highest grade with Honours. 

Contact information: 

Roberto Santoro 
CE Consulting Managing Director 

Piazza Ungheria, 6 
00198 Rome-Italy 

Phone: +39.0684405713 
Fax: +39.0684405721 
Email: rsantoro@iol.it 

URL http://www.ceconsulting.it 
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ACT/FHS for the Next Generation Technologies Evaluation and 
Demonstration 

Abstract 

Heinz-Jurgen Pausder, DLR, lnstitut fOr Flugmechanik, Braunschweig, Germany 
Ulrich Butter, Eurocopter Deutschland GmbH, MOnchen, Germany 
Frank Steinmaier, Liebherr Aerospace GmbH, Lindenberg, Germany 

An advanced flight research helicopter, the Active Control Technology Demonstrator and 
Flying Helicopter Simulator (ACT I FHS) is being developed by DLR (Deutsches Zentrum fOr Luft
und Raumfahrt) and industry (Eurocopter Deutschland and Liebherr Aerospace). The develop
ment program is commonly funded by the German Ministry of Defense, the DLR and the indus
try partners. Using an EC 135 helicopter as a baseline vehicle, the ACT/FHS is designed as a 
flying laboratory capable to be used as a flying simulator and to support the research and de
velopment requirements of major programs of DLR, industry, and test centers. These programs 
will focus on the technology concepts for extended operational flight envelopes of the future 
helicopters, the man vehicle interface and cockpit technologies, and the safety concepts for 
digital control system design. The ACT/FHS system architecture reflects the envisaged broad 
application range. The hierarchically structured system includes a reliable quadruplex 1:1 fly-by
light control system with smart actuators and a modular experimental system which will be 
realized as a simplex system but can be extended into a redundant system. The test bed will be 
flown by a safety pilot from the left hand seat and an evaluation pilot from the right hand seat. 
The modular experimental system provides the evaluation pilot with the capabilities needed for 
in-flight simulation and for demonstration of digital control, sensor, display, and cockpit tech
nologies. The development of the ACT I FHS was started in 1995. The first flight is scheduled 
for 2000 and first application programs are planned in 2001 after achieving the test certifica
tion. The development approach, the status, and selected features of the scheduled application 
programs are described. 

1. Introduction 

Over the last decades, piloted simulators and demonstrators have emerged as recognized 
and widely accepted tools to support the research and development approach for future con
trol and cockpit technologies. In the preamble to the proceedings of an international sympo
sium on "In-Flight Simulation for the 90's" (Ref. 1) the following evaluation of flying simulation 
and its incorporation into the overall design process has been expressed: 

"Within the aerospace community flight simulation has become virtually synonymous with 
the reproduction of the cockpit flight environment in a ground-based flight simulation facil
ity. As this discipline has matured and assimilated the advanced in digital processor and elec
tronic imaging technologies, ground-based flight simulation has found its legitimate domain 
of pilot-in-the-loop investigations both as research and development and as a training aid. 
Nevertheless ground-based flight simulation does have limitations related to incomplete -
and sometimes conflicting - nature of visual and motion cues which are presented to the 
evaluation pilot. 

In-Flight Simulators and Variable Stability Aircraft have played an unique role in aerospace 
research, development and for test training by providing the proper environment and im
mersing the pilot in a real flight situation." 

In the fixed wing aircraft industry and research, the value of piloted flight demonstration 
and flying simulation has been exploited more extensively compared to the rotorcraft commu
nity. For helicopters, flying test beds become increasingly important as fly-by-wire/light control 
systems are considered within the overall design and as autonomous systems are integrated to 
support the pilot and the crew and to reduce the extensive workload within delicate and critical 
flight phases. Indeed, the crew station design undergoes fundamental changes with the avail
ability of advanced cockpit technologies. 
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In (Ref. 2), Huber and Hamel overviewed the status and the future directions for helicopter 
flight control design including the ground based and airborne simulation facilities. Extensive 
experience with the development and the operation of flying helicopter simulators and demon
strators have particularly been made in the United States, in Canada, in Germany, and also in 
France. 

The major forces impacting on the ale overall system design can be classified as external or 
internal factors to the design process. Primary external factors are the mission and mission envi
ronment. The next generation of helicopters, both civil and military, will have to meet extended 
operational requirements including operation close to the ground with high agility and high 
precision maneuvers, in extremely bad visual environment at night and in adverse weather, and 
over unknown terrain and obstacles. In addition, the flight safety must be guaranteed and the 
operational and development costs have to be reduced. 

The operational demands dictate the functional requirements which can be allocated to the 
human element (pilot) capabilities, the vehicle (baseline helicopter) characteristics, and the inte
grated system elements. Figure 1 sketches these internal elements and the areas of interfaces. 
The design of a well balanced integrated system has to consider the limitations of the baseline 
helicopter, the probability of degradation due to failures of integrated systems, and the work
load of the pilots. Indeed, it is necessary to use the full capabilities offered by the technologies 
for active control, digital cockpit equipment, and intelligent sensors which support the pilot to 
improve the performance in current missions and to accomplish new complex missions. To 
meet the operational demands for future rotorcraft, advanced guidance systems, high authority 
and high bandwidth control systems, active controllers, and sensor systems combined with 
enhanced visual information for the pilot's tasks have to be integrated. Much of the work is 
needed to develop practical pilot-vehicle systems that allow to make full use of the adaptive 
human pilot without exceeding his capabilities. With modern technologies it will be possible to 
partly or fully transfer pilot tasks to automatic intelligent systems such as guidance and control 
of the aircraft, navigation, system monitoring, and mission planning. With the digital systems 
taking major steps forward, helicopters become highly complex and there may be concerns 
that development time, technological risks, and costs will be increased. 
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For the effective reali
zation of the envisaged 
benefits from these 
technologies, the use of 
flying simulators I dem
onstrators is required. 
Recognizing the de
mands for a flying test 
bed, the program for the 
development of the Ac
tive Control Technology 
Demonstrator I Flying 
Helicopter Simulator 
(ACT I FHS) was 
launched (Ref. 3). 

Figure 1: 

Integrated System 
Aspects 



( 

2. Background and Project Objective 

DLR's Institute of Flight Mechanics has gained international reputation in the field of in-flight 
simulation, covering the methodology and the simulator flight vehicle development and opera
tion (Ref. 4). The fixed wing test bed ATTAS, based on the VFW 614 aircraft, has been used 
successfully as a flying simulator since 1986. Until 1995, DLR has operated the in-flight simula
tor A TTHeS (Advanced Technology Testing Helicopter Simulator) which was based on a BO 105 
helicopter (Ref. 5). A TTHeS was equipped with a full authority, but non-redundant digital flight 
control system. Applications of the airborne test facility covered a wide variety of pilot-vehicle 
topics like handling qualities research, test pilot training, helicopter simulation in flight, control 
system design, and active controller evaluation. ATTHeS was used in research and industry pro
grams, many of them performed within international cooperations. A summary of the applica
tion programs is given in the statistics of Figure 2. 
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Figure 2: ATTHeS Flight Test Statistics 

In 1995, the German Ministry of Defense, German helicopter industry and DLR has launched 
the program for the development of an advanced flying simulator called Active .(;_ontrol Iech
nology Demonstrator I Elying Helicopter .$.imulator (ACT I FHS). 

The overall objective of the ACT I FHS project is the development of an airborne test bed 
which will meet the various application requirements from industry, DLR, and official test cen
ters. The use of the ACT I FHS will concentrate on the investigation and assessment of the 
technical feasibility and operational benefit of key technologies for future helicopter systems 
and the establishment of the design criteria for the integrated systems. The major applications, 
as specified by the main users, are: 

• In-flight simulation; 
• System development and integration; 
• Technology demonstration. 
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The ACT/FHS in-flight simulation capability will be used to support the development of ad
vanced systems and to adapt them to the pilot and the baseline helicopter. A primary objective 
of an ACT/FHS simulator will be the simulation of the dynamics of future helicopters with high 
fidelity and the evaluation of the performance and flying qualities of future helicopter designs 
to establish a basis for the specification and certification of tomorrows technologies. 

The field of system development and integration requests specific capabilities and provisions 
for the integration of new active control and intelligent crew station functions. New concepts, 
including high authority control systems, active controllers, advanced display systems and 
modes, vision enhancement concepts, and mission packages have to be validated in flight as 
integrated part of the complete system and with specific emphasis on an improved mission 
effectiveness and on an optimized interface to the human pilot. 

The third area of application of the ACT/FHS will be the demonstration of the functionality 
with respect to the operational benefits of new technologies. The technology demonstration 
shall be possible up to the certification tests for the new technology systems. 

The specified different areas of use require the ability to integrate in ACT/FHS and evaluate 
hardware and software systems with various safety standards depending on whether experi
mental or operational equipment shall be tested. In-flight simulation and system development 
need an adequate flexibility to allow configuration changes, hardware and software modifica
tions, and system upgrades. Systems and software have to be tested, which did not go through 
a safety examination in any detail. A slight reduction of the flight envelope can be accepted for 
these tests. The flight demonstration of technologies has to be performed in the full envelope. 
For the evaluation of the operational benefits and a pre-certification assessment, an operational 
standard with a proof of the failure probability of the integrated hardware and software must 
be provided. 

An additionally indispensable fact for the accomplishment of the two-edged demands on 
safety and flexibility for modifications is that the test helicopter will be flown by a two-man 
crew. A safety pilot on the left hand seat is the pilot in command. The right hand seat is 
equipped for the evaluation pilot. Both pilots have access to the basic flight control in the 
ACT/FHS. When the evaluation pilot is flying, the experiment configuration mode can be 
switched on. However, access priority to control the helicopter is assigned to the safety pilot 
who can take over the control from the evaluation pilot at any time. 
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Figure 3: Required System Standards 

3. Baseline Helicopter 
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With these con
cept features, it will 
be possible to test 
non-redundant, non
qualified experimen
tal equipment with 
non-validated soft
ware (experimental 
standard), partly re
dundant equipment 
(development stan
dard), or fully redun
dant, highly reliable 
equipment (opera
tional standard) (Fig
ure 3). 

As a result of an assessment using technical evaluations and the operational costs the EC 
135 helicopter was selected to be the appropriate vehicle as a baseline for the in-flight simula
tion facility (Figure 4). For the selection of the aircraft, a representative test configuration was 
defined: 
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• 2 50 to 500 kg of payload 

• 3 men crew (2 pilots, 1 flight test engineer) 

• Fuel for 2 flight hours with maximum continuous power 

Figure 4: EC 135 Helicopter 

4. System Architecture 

The EC 135 is a light twin-engined 
multi-purpose helicopter with space 
for two pilots and five passengers. 
The EC 135 was selected in particular 
because it shows a very homogene
ous, well balanced assessment result 
without significant weaknesses. Its 
bearingless main rotor and digital 
engine control represents modern 
helicopter technology. Furthermore, 
the EC 13 5 has low operating costs. 

A hierarchical system architecture of the control system provides the pilots to fly the 
ACT/FHS in four different modes. The system is designed in a modular structure and with stan
dardized interfaces and consists of the two interwoven technology units (see Figure. 5) 

• a core system and 

• an experimental system. 
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Figure 5: System Architecture 

The mechanical con
trol is used as a 
backup system. 

Core System: The 
core system is the 
direct link (1: 1) fly-by
light control system 
(more details in Ref. 
6). It is the primary 
flight control system 
of ACT/FHS for the 
safety pilot and the 
evaluation pilot. The 
core system is de
signed in a rigid archi
tecture according to 
the high safety stan
dards for civil certifica
tion. In this 1:1 mode 
the pilot commands 
are directly processed 
through an interface 
computer to the ac
tuators. The system 
consists of the incep

tors with position transducers and trim actuators, the interface unit, optical data links to the 
actuators, and the smart actuation system with integrated actuator control electronics. It is a 
digital system with four-times redundancy and dissimilar hardware and software. The mechani
cal part of the actuators is designed as a duplex system. Built-in test functions provide continu
ous monitoring as well as pre-flight check and diagnostic tests for maintenance. The architec
ture of the core system is presented in Figure 6. 
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Figure 6: Core System 

Experimental System: The evaluation pilot can switch to an experimental system with a flight 
control system computer which is interfaced into the direct link control path of the core system 
via the interface computer. The experimental system is designed with an open architecture and 
provides the level of flexibility to modify, to add, and to upgrade the test-software/ hardware 
which is needed to achieve the capability for in-flight simulation and in-flight technology dem
onstration. The experimental system is a simplex system but provision are provided for an up
grade to a duplex or a duo-duplex system. Well spread standards for the elements and stan
dard interfaces are used to be prepared for system modifications and upgrades. The experi
mental system contsists of the following elements: 

• The control system computer with a hardware/software architecture necessary for the com
putational requirements of the different application programs. It is connected to the inter
face computer in the core system by a bidirectional highspeed optical link and a standard 
ARINC system. 

• A sensor package and a data acquisition system suitable for the acquisition of the experi
mental data. This includes sensors for fixed body, flight state, rotor state, and positioning. 

• A data management computer which distributes data to the on-board telemetry, the data 
recording and the display system. With the data management computer it is possible to op
erate parts of the experimental system (e.g. display system) without the installed control sys
tem computer. 

• A programmable cockpit display system for the evaluation pilot with an extensive computa
tional capability for real-time data processing. The display system can be used as a multi
function-display and for the presentation of guidance information, digital maps, and test 
specific information. 

• A test engineer's keyboard and display system for monitoring and managing the experi
ments. 

• The control system computer is equipped with additional standard interfaces which allow to 
integrate additional experimental equipment (e.g. mission equipment or active controllers). 

Mechanical Control System: During the operation in the evaluation pilot's modes, where the 
evaluation pilot has the full authority of the controls, the safety pilot's controllers are back
driven by the actuators which enables the safety pilot to monitor the actuators motions. If mal
function of the core control system should cause the loss of fly-by-light control the safety pilot 
can activate the mechanical back-up through an emergency cut off switch on the cyclic stick. 
The fly-by-light control can only be activated or reactivated on the ground. The principle of the 
transitions between the different modes are presented in Figure 7. More details about the sig
nal processing within the core system are given in Ref. 7. 
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Figure 7: Modes and Transitions 

Ground Stations: As 
an integrated part of the 
overall ACT/FHS facility, 
DLR's telemetry and en
gineer's ground station is 
adapted to the specific 
ACT/FHS utilization requi
rements. In addition, a 
ground based system 
simulator will be used for 
the training of the pilots 
and their familiarization 
with the ACT/FHS and for 
the pre-flight and compa
tibility testing of hard
ware and software modi
fications. Consequently, 
the simulator cockpit lay
out for the two pilots is 
equivalent to the cockpit 
environment of the flying 

test bed. An extended nonlinear model of the EC 135 and the coresystem is implemented. 
Hardware components of the experimental system are integrated which are identical to the 
onboard equipment. 

5. Safety Concept 

Functionality and reliability requirements for the two system units, the core system and the 
experimental system, are quite different. The core system, which is the backbone of the flight 
control system, has to fulfil civil certification safety requirements. For the experimental system, 
which shall provide a maximum of flexibility, reliability is not an explicit requirement. 

Fault Tolerant Design: The complete functional chain of the core system from the position 
transducers to the direct drive control valves is designed as a quadruplex redundant system. In
lane monitoring within each of the four individual control channels is performed to detect and 
isolate component failures and deactivate faulty channels. The pure fly-by-light link of the core 
system has been designed in view of a catastrophic failure probability with less than 1 o·' per 
flight hour. 

Electrical power supply for the core system is provided by duplex essential bus bars. Tran
sient power interrupts, which might occur due to short circuits or power switch-overs, are 
backed off by two buffer batteries. Hydraulic power is supplied by a duplex hydraulic system. 

Dissimilar hardware for the active electronic components combined with dissimilar software 
is used to avoid that a generic design error would cause the the break-down of the complete 
system. The fail safe architecture of the control electronic is supplied by software monitoring as 
well as by hardware based watchdog circuits. The actuator command signals are consolidated 
in the actuator control electronics. The consolidation is designed in such a way that a generic 
failure, which is supposed to affect only one channel, would be compensated by the remaining 
healthy control channels. 

Safety Functions: Beside the inherent integrity and reliability, the core system has to protect 
the aircraft against imported failures. Actuator commands, generated by the experimental sys
tem, are processed through the interface computer. Although these signals are monitored with 
respect to validity, parity, and update, the experimental system is able to produce runaways 
which must be stopped from being passed to the actuators to avoid that the aircraft is endan
gered. For this reason the incoming signals are processed through a runaway limiter, which can 
be distinguish between runaways and aggressive maneuvers. The limiter cuts off actuator 
commands exceeding certain combinations of signal rate and time of duration (Figure 8). Pilot 
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control commands are processed through a phase compensation filter to avoid pilot induced 
oscillations, which might occur due to actuator rate saturation. Resistance against electromag
netic interference is achieved with shielded electronic equipment and optical signal transmis
sion. Figure 9 shows a schematic signal flow within the interface computer unit, including the 
runaway limiter and the phase compensation filter. 
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Backup System: In addition to the electronic flight control system, a mechanical backup pro
vides aircraft control in case of a total failure of the electronic system. 

Safety Pilot: According to the safety philosophy adopted for the ACT/FHS, the safety pilot is 
the pilot in command and he has the responsibility for mode switching under normal operating 
conditions and a system reversion in case of failures. Switches for passing the control authority 
from the safety pilot to the evaluation pilot and back to the safety pilot are installed on the 
safety pilot's collective grip. The switches for the evaluation pilot for changing between the 
direct and the experimental modes are placed at the same positions at his collective grip. 
Switches for emergency cut-off of the experimental system as well as emergency cut-off of the 
complete electronic system and reversion to the mechanical backup are installed on the safety 
pilot's stick (Figure 1 0). 
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Figure 10: Safety Pilot's Controllers 

In the evaluation pilot's modes, the motions of the actuators in all four axes are backdriven 
to the safety pilot's controllers which allows the safety pilot to monitor the activity of the ac
tuators and enables him to quickly react in case of a failure. The safety pilot gets immediately 
control by applying a specified control force in any of the control axes. 

In the case of any failure within the flight control system the safety pilot is alerted by a mas
ter caution indicator. Detailed failure information is displayed on the pilot's control panel. Reset 
switches on the panel allow the pilot to reconfigure the system after a transient failure. In the 
case of a severe system failure, e.g. three channels lost, a red warning light combined with an 
audio tone appears. 

In summary, the safety philosophy for the ACT/FHS is based on a three level concept: 

• The aircraft is automatically protected against system failures by a variety of safety features 
implemented in the system. 

• The safety pilot is permanently aware of the operational situation and can take control at 
any time 

• A mechanical backup control is available in case of emergency. 

6. Schedule and Development Status 

The development project was started mid 1995. The baseline helicopter was modified to 
provide structure, electric, cooling, hydraulic, and data link provisions for the integration of the 
ACT/FHS specific components. The mechanical control links have been replaced by a flexball 
link system. Prototypes of the core system elements are manufactured and tested. The integra
tion of the core system has been started. Figure 11 overviews the system integration. As exam
ples the main rotor actuator triple with the electronic control units is shown in Figure 12 and 
the cockpit interface unit for two Janes is shown in Figure 13. The first flight with the core sys
tem installed is scheduled for the second quarter of year 2000. 

Extended component and overall system testing on the ground are performed. The flight 
tests needed for certification and performance evaluation in the mechanical mode and in the 
direct link mode for both pilots including the mode transfer procedures will be conducted fol
lowing the first flight. The integration of the experimental system and the flight tests for the 
overall system are scheduled for the second half of 2000. The flight tests also include the final 
adaptation of the parameters implemented in the filters, limiters, mode transfer functions, and 
override forces and the pilots· evaluation of the transient behavior and the degradation charac
teristics after system failures. These tests will be performed with the similar software type for 
the core system. The development of the dissimilar software can be started after the final defi
nition of the parameters. 
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Figure 11: System Integration 

Figure 12: Main Rotor Actuator Triple Figure 13: Interface Computer (2 Lanes) 

Having considered the demands on the experimental system it was decided to use a VME 
bus architecture for the processing hardware. Future modifications and upgrades ask for a well 
established processor family with an availability of all standard interfaces. The graphics proces
sor is an 02 machine from Silicon Graphics. Other components like the 1 Oin flat panel displays 
and the control display units are off the shelf components for airborne use. The data recording 
is based on a silicon disk with SCSI interface. The sensor package includes the basic helicopter 
sensors and is completed by an attitude and heading reference system, DGPS, rotor data acqui
sition system, accelerometers at the pilot's seat, and an air data sensor. The swivel head air 
data sensor is mounted on a noseboom, specifically designed for the EC 135 (see Figure 14). All 
the experimental systems are ruggedized versions or have been ruggedized for the airborne 
environment. Most of the systems will be installed in equipment racks located in the baggage 
compartment, the flight engineer"s panel and the evaluation pilot's panel. At present, the ex
perimental system components are preintegrated in a mock up and are ground-tested in the 
ACT/FHS ground simulator. 
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7. Research Use Strategy 

The certification for the expe-rimental 
aircraft with the fully developed 
dissimilar software type will be applied 
for mid 2001 which marks the end of 
the development program and the 
beginning of the user phase of ACT/FHS. 
During the first half of 2001 the 
ACT/FHS will be used with the similar 
software which slightly restricts the flight 
envelope. 

Figure 14: Noseboom with Swivel Head 
Air Data Sensor 

At first, the flying simulation capability has to be realized for the ACT/FHS. Therefor, the first 
research efforts will be the flight validation of linear and nonlinear mathematical models of the 
EC 135 helicopter. They are needed for an adequate simulation fidelity of the ACT/FHS ground 
based system simulator. In addition, they are the fundamental prerequisites for the design of 
high bandwidth control systems. To achieve the required simulation fidelity in flight, an explicit 
model following control system (MFCS) has to be implemented. The MFCS forces the basic 
helicopter to respond to the pilot's inputs as an explicitly calculated command model which is 
useful when a high flexibility is required to vary the commanded model without any changes of 
the control system. DLR has a long expertise in the field of flying simulation based on the MFCS 
performance with the formerly operated ATTHeS simulator. The principle of the model follow
ing control design and the achieved simulation fidelity is described in Ref. 8. DLR started the 
MFCS design for the ACT/FHS in a simulation environment with the aim to have the full in
flight simulation capability available when the ACT/FHS will be delivered for full operation use 
in mid 2001. 

After the completion of the development program DLR will be the owner and the main op
erator of the airborne test bed. Special priorities of use are assigned to the partners which have 
shared the work in the development phase and the financial budget for development. 

The strategy of ACT/FHS utilization considers the following common long term goals with the 
key aspects which should contribute to improve the overall helicopter efficiency: 

• development of 24h all weather helicopter capability, 
• development of autonomous helicopter capability, 
• qualification and certification of new technologies related to the active control of the heli

copter, 
• improvement of weapon efficiency and mission equipment, and 
• overall optimization of the helicopter platform with advanced control and pilot assistant 

systems related to performance and cost trade offs. 

In order to meet these objectives the partners have agreed upon an integrated approach which 
will be followed within the research and development activities of research centers, test cen
ters, and industry. The evaluation of key technologies will include the interactions between 
flight control laws, man machine interface aspects, navigation systems, actuators, processors, 
sensors and has to consider the respective environmental conditions. 

Studies are performed for preparing the first research user program addressing the generation 
of handling qualities data bases to fill identified gaps in the existing specification documents. 
Here emphasis is placed on the specific relation to transport type helicopter, the integration of 
active sticks, the investigation of advanced controller features, and pilot assistant functions. In 
the first phase, industry will concentrate on carefree handling features, advanced and mission 
oriented control laws, and the demonstration of full fly-by-light technology. The main interests 
of test centers are the evaluation of performance and compatibility of mission equipment. 
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8. Concluding Remarks 

The ACT/FHS development program has been launched in 1995. The certification for the 
experimental aircraft will be applied for in 2001, which marks the end of the development pro
gram and the begin of the ACT/FHS use in the full test bed envelope 

The ACT/FHS is designed as a multi purpose test bed for research, industry, and test centers 
for 

• In-flight simulation, 
• System development and integration, and 

• Technology demonstration. 

A hierarchical system architecture will allow to integrate and evaluate hardware and soft
ware components in an airborne environment. The standard of these components can range 
from experimental to operational. The ACT/FHS system is based upon the technology units: 

• A core system, which is the primary flight control system for both pilots (safety and evalua
tion pilot) designed in a rigid, quadruplex structure in accordance to operational safety 
standards. 

• An experimental system for the evaluation pilot, designed with an open structure, providing 
the required level of flexibility for test modifications. 

• An engineer's and telemetry ground station and a system simulator for hardware and soft
ware in-the-loop testing and crew training. 

The realized safety concept is primarily based on the two pilots crew and a hierarchical archi
tecture. 

The ACT/FHS will be used in an integrated approach of research, industry, and test centers 
considering the improvement of the overall helicopter efficiency. The objectives are to contrib
ute to 
• the development of future 24h all weather capability, 

• the development of future autonomous flight capability, 
• the optimization of the overall helicopter system related to the operational requirements. 
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I. Introduction. 

The analysis of helicopter industry for 
last 50 years, i.e. from time of occurrence 
of the first generation of helicopters and 
beginning of their practical application, 
result in that unfavourable conclusion, 
that now rates of development of the 
given area of engineering considerably 
have decreased, it is possible even to 
speak about its begun degradation. 

Speaking about the analysis, the 
author of the report means the not 
traditional analysis of statistics helicopter 
industry, and system historical-scientific 
analysis. The traditional analysis, which 
among other things seldom covers more 
than I 0-15 years, would show certain 
growth of the majority of parameters of 
the aircraft, that could create impression 
of steady progress helicopter industry, 
while the historical-scientific analysis with 
sufficient evidence speaks, that this 
impression is deceptive. The historical
scientific research has other 
methodological basis and pursues other 
purposes, it examines object not by itself, 
and in interaction with other objects and 
phenomena, in which environment it 
arises, develops, functions. The purpose 
of such research to define the forms, logic 
and laws of development of object to find 
system of the factors, causing them, and 
also to establish, as the named system 
functions. (When the question is 
designing, which is the creative process 
initially focused on the account " of social 
aspect of the received result realisation 
" [ 1], the researching object is examined 
in interaction with social environment.) 
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Such tasks can not be solved, if the 
analysis covers only separate historical 
piece of life of the object, - it is necessary 
to consider its development during all time 
of its existence from the moment of origin 
of idea. 

In due time author has carried out 
detailed multidimensional research of such 
kind which has captured all history of 
helicopters design up to middle of the 
1980-Th. years [2]. By continuing it in 
some aspects till now, he has come to the 
above mentioned conclusions. Some of the 
received results are stated in the given 
report, they should be considered as 
preliminary, they will be specified in 
process of a deepening of the research and 
the increases of quantity of the used 
information (today's opportunities of the 
author in this respect objectively are 
limited). However and the received picture 
gives rather clear idea about a modern 
condition of helicopter industry, and also 
about the nearest prospects of its 
development. 

The specified analysis is carried out in 
frameworks of wider research in the field 
of methodology of systems designing, 
which is carried out now in The 
Cybernetics Institute of NAS of Ukraine. 
In case of successful end it will allow not 
only to explain the reasons of the 
generated crisis in helicopter industry, but 
also to find ways of an output from it. 
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II. Features of modern crisis in the 
helicopter industry. 

In the brief generalised form the es
sence of a today's situation in the heli
copter industry can be formulated as fol
lows: a helicopter ceases to correspond 
to the public role. Any technical system, 
especially vehicle, is a part of public life, 
and the requirements to it reflect public 
need for the given technical system, and 
concerning quality of performance its 
particular purposes by it, and concerning 
its ability to be entered in bio- and tech
nosphere, not putting them damage. Dur
ing public development under influence of 
a number of the factors the requirements 
change [2,3]. 

In methodology of designing re-
quirements to system generated by public 
development and reflecting practical need 
for it, are determined as the goal of its 
designing [fex.4,5], or the fore seeing 
greatest possible effect [ 4, p.26]. In this 
case we consider purpose of designing of 
not concrete particular variant, and all 
given class of systems. If in required sys
tem this purpose is not realised, depend
ing on a degree of a divergence of pa-

rameters of system with the requirements, 
or the interest of a society to it is reduced, 
or the system in general can be thrown 
out from public life as useless or even 
harmful. Just it has taken place in due 
time with dirigible balloons and autojiros. 

To answer on question, in what con
dition is helicopter industry today, the 
author has analysed the modern goal of 
designing, and also the most specific 
characteristics of the newest helicopters 
and has compared them. In result the fol
lowing picture has turned out. 

General goal of helicopters design, as 
the earlier carried out historic-scientific 
analysis [2], has shown at an initial 
qualitative level was completely generated 
in 1970s . Since that time it includes three 
basic groups of the requirements: func
tional - technical, economic, ecological. 
Naturally, inside each of groups the de
velopment of the requirements proceeds 
and qualitatively and quantitatively. In 
Fig.! most convenient for tasks of our 
research graphic model of the design goal 
is shown, i.e. constructed with appropri
ate by the character and degree of detailed 
elaboration. 

.t' tg.l. llle Moael or Helicopter .uestgn uoal 
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p q 
HELICOPTER M kg/m2 kg/h.p_ V cr. 

3-d generation 1970 s 

W-30 0,44 40,3 2,5 222 
AS-355C Super Puma 0,51 45 2,4 - 280 
SA- 365N Dauphin 0,5 35,8 2,8 280 
Bell222 0,42 29,6 2,8 250 
S-76 0,48 33,07 3,6 269 
S-70C 0,48 43,7 2,9 268 

1990 s 

AH - 64 Apach D 0,44 60,12 2,8 274 
NH- 90 TTH 0,4 41,7 3,78 250 
EH- 101 C 0,51 53.8 2,06 259 
s- 92 0,38 47,97 2,88 259 
RAH- 66 0,46 69.5 2.87 260 
Ka- 62 0,486 47,13 21,53 260 

Bell KW (OH058D) 0,4 22,84 5.82 219 
MD -520N 0,51 27.68 1,8 249 
R- 44 0,416 13,7 4.18 209 
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It means, that in it parameters reflecting a 
perfection level of a helicopter as just the 
aircraft, in particular, such as cruising 
speed (V cr km I hour), rotor-loading (p 
eg!i2), power loading (q kg/ h.p.), over
all-payload ratio (m) are shown. Just 
these parameters also were analysed first 
of all. The results of this analysis are 
submitted on the diagrams, Fig.2 - 5, 
which reflect their development during 50 
years. 

Besides these parameters the 
operational effectiveness of helicopters by 
complex criteria used in practical 
designing was analysed. In Fig. 6 changing 
of one of them, in particular, given 
reducing productivity [6] - I 6ei2/eg h = 

Gu V cr L I G fuel graphically is shown., 
where 

Gu - payload weight, V cr - cruising 
speed, L - range, G fuel -fuel weight. 

From the diagrams it is visible, 
that for last 50 years in development of 
helicopters three characteristic periods 
appropriate to three generations of 
helicopters are possible to allocate. These 
periods are differ from each other by 
spasmodic changing of parameters, i.e. 
spasmodic increasing of a level of aircraft 
perfection. The time 
interval before occurrence of the next 
generation is equal to approximately I 0 
years. However after the third generation, 
which has appeared in 1970 s, the jump in 
changing of parameters is absent, the area 
of a variation of their meanings for 
helicopters of last twenty years practically 
coincides with area of the third 
generation, tab. I. 

Or else, for past 20 years the 
helicopter as just aircraft essentially has 
not changed. - Obvious delay of its 
development is present. 

It is especially necessary to 
emphasise a situation with speed, so far, 
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as it is known, development of air 
engineering (helicopter not the exception) 
goes on two basic directions: increase of 
speed and increase of carrying capacity. 

Concerning carrying capacity it is 
possible to tell, that here progress is 
absent at all. Mi-26 constructed in 1976 , 
and today is the heaviest helicopter which 
is taking place in operation. Since the 80-
Th. years there is no almost mention 
about increase of carrying capacity as 
about a priority direction of development 
of helicopters in the special literature, i.e. 
in an obvious kind this requirement as if is 
absent, though objectively it always 
costs( stands) before designing. For 
example, in 1988-89 the information 
about Air Forces of USA together with 
firms Boeing, Lockheed and Douglas 
have defined necessity of development of 
the heavy helicopter by carrying capacity 
up to 22,5 tons and about works, 
conducted in this direction, in special 
literature have flown[7]. However in the 
literature of the next years the author did 
not meet the information on progress of 
these works, and while the promised 
helicopter has not appeared. 

At the same time requirement of 
increase of speed was never removed 
from the agenda as one of basic for 
perspective rotary-wing aircraft. And 
since the 60-Th. years as desirable the 
figures compared to speeds of planes, i.e. 
500, 700 and even 900 krnl p.h. were 
referred. And that the speed of helicopters 
for past 20 years practically has not 
changed, is a serious attribute of the crisis 
phenomena in designing. 

Today helicopters on speed have 
appeared are comparable not to planes, 
and with modern automobiles and high
speed trains, thus conceding them in 
profitability and ecological acceptability 
(internal comfort and negative influence 
on an environment), already does a 





helicopter uncompetitiveness, for 
example, in the interurban 
communication. And if for automobiles 
and trains the achievement of such speeds 
is the certain progress, for the helicopter a 
twenty years' delay on these figures - an 
attribute of degra'dation. Not casually a 
years, and in 50-Th. years, and in 60s. 
Then in development of helicopters there 
was a jump, and the interest to the 
combined aircraft died away. Today this 
interest again is high. 

Thus, as actually aircraft the 
helicopter for two decades has changed 
insignificantly. Progress is the reduction 
of structure weight at the expense of 
application of composite materials and 
more careful constructive working up of 
subsystems and separate elements, and 
also decrease of drag at the expense of 
improvement of external aerodynamics. 
However, the decrease of structure 
weight has not resulted in increase of 
over-all-payload ratio, since the "vacated" 
weight has occupied the constantly 
becoming complicated onboard 
equipment. The improvement of the 
onboard equipment is, as a matter of fact, 
main direction of development of modern 
helicopters, at the expense of that their 
reliability, safety of flight, all
wetherability, quality of making certain 
special tasks. 

At the same time the operating 
effectiveness as a whole remains former, 
and the economic parameters are 
worsened. 

Cost of helicopters first of all 
grows. For 20 years, since 1973 for 1991 
the average procurement price of a 
helicopter has grown from $400 000 up 
to $10 000 000 [8], and the growth of this 
parameter proceeds. For example, cost of 
the American helicopter AH-64 Apach in 
1980 was defined as $ 4 210 000 [9], and 
as 1983 - already in $7 200 000 [ 10], now 
-as$ 7 700 000. 

Constant care of the designers and 
consumers of helicopters is the decrease 
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question on the combined aircraft as to 
alternative to the helicopter is keen again. 
It is necessary to note, that this question 
roses always, when helicopter industry 
appeared in crisis: and at the end of 20-
Th. beginning of the 30-Th. 

of the aircraft operation cost, but if within 
the limits of one generation it is possible 
with the help of some particular measures 
[F .Ex.ll] to achieve relative progress in 
this question, as a whole from generation 
to generation the operating revenues 
grow. So for example, in 1967 cost of 
flight hour of the second generation 
helicopter S-61 (Mt.-o = 8,3 o) made $ 
234 [12], and in 1998 cost of flight hour 
of the third generation helicopter 
S-76N (Mt.-o. = 5,3 o) made already$ 

669 [13]. 
The situation with conformity of 

helicopters to the ecological requirements 
is even more difficulty. These 
requirements officially are set from a 
beginning of the 1970s. To that time the 
rough development of aircraft, 
particularly civil, including helicopter 
industry, has made its coexistence with a 
man and as a whole with biosphere 
problematic. In 1971 the first restrictions 
on air noise [14]- from 86 up to 106 EPN 
dB were introduced, depending on take
off weight of the aircraft. However, in 
1988 norms were reconsidered [ 15] in the 
party of some easing, approximately on 3 
EPN dB, that was the compromise with 
opportunities of designing, but also has 
increased harmful influence of aircraft by 
an environment. . 

Accordingly in 1997 the new, 
more strong norms on noise were 
produced. They should enter action this 
year [ 16]. In helicopter industry the 
introduction of these norms has caused an 
alarm, since it threatens with serious 
restrictions on operating of helicopters 
and economic losses. The votes about 
'necessities of balance between noise, 
safety of flight and economic 





opportunities' [f.e.17] are distributed. 
If to recollect, that biologically allowable 
noise level for the man - 55 dB, it is 
natural to assume, that society 
objectively can not allow spreading of 
the given mean. 

In other words, given requirement of 
a society helicopters can not to satisfy, 
and, moreover, in connection with it is 
more strong the divergence between it 
and opportunities of helicopters has 
increased. The existing norms on 
engine emission now do not carry 
categorical character and on various 
parameters are exceeded by the different 
marks of helicopters. For example at 
norm of the contents of nitric oxide NOx 
- 40 g/kg in exhaust gases at some 
helicopters contains and 45, and 52, and 
65 g/kg [ 18]. Though and at existing 
norms the pollution of an environment is 
great, and in process of increase of 
vehicles number the norm will have 
become stronger, also as well as norm on 
noise, about what already there is a 
speech in the documents ICAO [ 19]. 

Thus, the level of perfection 
achieved by helicopters for last twenty 
years, does not allow to name the newest 
modern helicopters as next generation, 
which occurrence in the near future with 
enthusiasm was predicted in 1980 s. The 
designing of helicopters for a past interval 
of time has not offered any essentially 
new revolutionary decisions which could 
cardinal change the basic characteristics 
of the aircraft, and have faster innovation 
character. It is possible to assert that the 
helicopter does not satisfy to the modern 
requirements of the society to technical 
system of the given class and the 
divergence with the requirements in due 
course is increased. Last speaks about 
certainly begun degradation of the 
aircraft, that entails decrease of demand 
on it and decline of all branch. 

Already now unsatisfactory 
characteristics had an effect on scales of 
operating and manufacture of helicopters. 
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In 1992-1993 began appreciable reduction 
of sales of helicopters, restriction of 
flights and even closing of helicopter 
airlines, in particular of urban and 
interurban communication 
[F.Ex.17,20,21]. 

Now m the literature the 
assumption of possible increase of 
demand for the aircraft and increase of 
helicopter sales. Reasons for such 
forecasts are increase of purchases of easy 
engines and hope for the opened markets 
of the countries former USSR and China. 
It is impossible to tell, that it is convincing 
arguments, as others, above analysed 
factors do not confirm optimism of these 
assumptions. If temporary revival caused 
by any circumstances of short-term action 
(for example, demand for military 
helicopters will take place in connection 
with a war-political situation in the 
world), it will carry short character and 
the general tendency of decrease of 
interest to the helicopter will not change. 

In what, in opinion of the author, it 
is necessary to search for the reason of 
crisis and, accordingly, way of an output 
from it? 

The historical and 
scientific and methodological analysis of 
designing of helicopters allows to assert, 
that in a basis of crisis helicopter industry 
the crisis of methods of designing lays. 
The essence of such crisis is detailed 
stated by the author in [3]. Briefly it can 
be formulated as inadequate of methods 
to design goal, i.e. complexity of a design 
task. 

Modern crisis not first in a history 
of helicopter industry, and fourth. They 
always developed under one circuit: in 
process of accumulation of practical 
experience - or experience of tests (at 
early stages of historical development), or 
experience of operating of the aircraft -
the goal of designing became 
complicated. The used methods came 
with it in the contradiction. Development 
of the helicopter was hampered, that 
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resulted in restriction of its using, or - at 
early historical stages - to complete 
refusal of the helicopter as of unpromising 
idea. Then owing to the certain reasons 
there was a radical transformation of 
methods, and the development of the 
helicopter was advanced in steps. The 
general methodological approach to 
solving of a design task was exposed 
usually to transformation, i.e. essentially 
sight on organisation and contents of all 
process of designing as a whole varied. 
The display of the previous crises in 
helicopter industry is in detail described 
in (2]. 

Attributes of modern crisis of methods 
was planned at the end of the 70-Th. 
years, when the helicopter industry 
experienced the certain boom in 
connection with occurrence of the third 
generation. 1960 -1970s were marked by 
burst of designer thought, occurrence of 
ideas of revolutionary scale: the new 
types of lifting and tail rotors, new types 
of main rotor hubs, new materials and so 
on. And nevertheless, the crisis of 
methods was generated and in 1990s was 
showed by natural braking of helicopter 
development. Modern helicopter industry 
uses just the same ideas of 60 - 70-Th. 
years, there was the stagnation planned 
in it. 

The research devoted to the 
methodological analysis of designing of 
systems, which is carried out now in the 
Cybernetics Institute of NAS of Ukraine, 
considers as one of itself tasks to 
establish the contents of methodological 
mistakes made by modern designing, and 
to determine, in what particularly 
discrepancy of the methodological 
approach to design goal consists. The 
situation in helicopter industry is not of 
inherent extremely given area of 
engineering. General crisis of the 
technoshere was planned now, in a basis 
of it the crisis of methodology is. In 
different areas of engineering the crisis is 
shown with a different degree of an 
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acuteness, but it is possible to tell, that 
general degradation of engineering, i.e. 
mcrease of break between its 
opportunities and requirements of public 
development began. 
It is explained by a complex of the socio 
economic and scientific and technical 
reasons, which at the end concentrate in 
the methodological approach to designing 
of technical system. 

The designing of helicopters is one of 
the main objects of our research, and as 
preliminary conclusions it is possible to 
make the following remarks. 

The basic tendency of historical 
development of process of designing -
transformation it from empirical 
designing, inventing in research process. 
In due time the author established this 
tendency, and also the direct forms for 
helicopter design (2], which it is possible 
to consider as an initial illustration of 
logic of systems designing development. 
The helicopter - artificial system, in a 
basis of its idea the natural analogues do 
not are, and until setting up of design 
process was not finished as research 
process, that has taken place in 1930 s, 
the problem of creation of a helicopter did 
not find the solution, in difference, for 
example, from the plane, which, having 
natural analogues, was created as the 
efficient aircraft practically still by 
methods of empirical designing (2]. And 
every time, when in development of the 
helicopter the crisis was formed to leave 
from this condition it was possible, 
reducing a spontaneous - heuristic part of 
designing and expanding analytical, its 
research part. 

The development of designing of 
helicopters, as well as any modern 
science, is gone to the direction of more 
and more integrated, complex, or system, 
examination of natural phenomena and 
public life. 

According to the basic tendencies of 
development, it is necessary to change the 
modern methodological approach to 
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First, of more complete account 
of the factors forming the goal of design
ing, i.e. to expand definitely frameworks 
of the system analysis carried out during 
designing; 

Secondly, of inclusion in structure 
of researched system process of designing 
to make it according to again generated 
goal; 

Thirdly, of using for solving par
ticular scientific and technical problems 
of designing interfering perfection of the 
helicopters basic characteristics, methods 
of the organised heuristics. In that time to 
use besides transforming methods [23], 
containing an essential elements of spon
taneous and more effective, based on the 
morphological approach [23]. 

The detailed ground of the offered 
conclusions will be given by the author in 
the subsequent works. 

Summarising all is higher stated, it 
is possible to tell, that in helicopter in
dustry obvious crisis have developed, 
continuing to progress. In its basis the 
reasons of methodological character are. 
It is necessary to search output from cri
sis, in opinion of the author of the re
port, in change of the general methodo
logical approach for a choice of the de
sign solution. 
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Flight Evaluation of an Adaptive Neural Network Flight Controller 
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Abstract 

This paper presents recent results from our experimental flight controls research 
program, whose main focus is aimed at flight evaluation of a neural network based 
adaptive flight controller. A description is given of the uninhabited helicopter flight 
controls research testbed and associated avionics package. This is followed by a detailed 
description of our adaptive neural network based flight control architecture for attitude 
and trajectory control. Next, a description of the integration of the inertial measurement 
unit (IMU) with the onboard global positioning system (GPS) is presented. The paper 
concludes with results from our simulation and flight experiments. 

Introduction 

Traditional methods of flight control design consist of gain scheduling many 
linear point designs across the flight envelope using a high fidelity dynamic simulation. 
Continued reliance on these (albeit proven) methods contributes greatly to the expense 
associated with producing a new flight vehicle, and also limits achievable system 
performance. This is especially true when the flight system dynamics exhibit strong 
nonlinearities or are uncertain. 

As an alternative, nonlinear techniques such as feedback linearization and 
dynamic inversion have been developed. Despite the power of these techniques, they fail 
to produce truly significant economic or performance-based improvements due to 
continued dependence on precise knowledge of the system dynamics. Research at 
Georgia Tech has recently demonstrated a direct neural network based adaptive control 
architecture that can compensate for unknown plant nonlinearities in a feedback 
linearizing setting. These neural network based controllers look very much like 
traditional adaptive control elements. Neural networks are viewed as highly nonlinear 
control elements that offer distinct advantage over more conventional linear paramter 
adaptive controller in achieving system performance. 

In order to experimentally validate our research, and to support other activities in 
the area of autonomous flight vehicles research, we have developed an experimental 
flight controls research facility using a Yamaha R-50 uninhabited helicopter. The 
objective of this paper is to present an overview of our neural network based adaptive 
control methodology, describe the integration of IMU with the onboard GPS, and then 
summarize some of our flight test results. 
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Uninhabited Aerial Vehicle Research Facility 

The UA VRF was initiated in June of 1997. This facility is dedicated to flight testing of 
advanced control algoritluns on model helicopters. It presently contains two Yamaha model R-50 
helicopters, each having 12 HP liquid cooled engines, a payload capability of 44 pounds and 
endurance of approximately 30 minutes. 

The on-board system consists of a 200 Mhz Pentium based flight control processor with 
32Mb RAM and an R-1 integrated avionics system. The list of on-board sensors includes: BEl 
motion pack 3-axis gyro and accelerometer package, NovTel RT-2 differential GPS with 2 em 
accuracy, 3-axis magnetometer, and 8 channel ultrasonic ranging system. A wireless modem 
digital data link is used to provide a two way communication link with a mission cntrol ground 
station. In addition, an on-board multiplexer switch allows a human safety pilot to engage the 
system, and to over-ride the flight control system in the event of an emergency. The control 
actuators consists of 3 linear servos for cyclic and collective control, and 2 rotary servos for yaw 
and throttle control. The UA VRF also houses two 300Mhz PCs that are used for hardware in the 
loop simulation, which permits accurate simulation and hardware testing of each mission prior to 
flight test. 

Simulation Model 

A nonlinear simulation model of the R-50 helicopter has been developed based on the 
math model given in Ref. 1. The model of Ref. 1 includes, in addition to a six degrees-of-freedom 
fuselage, a first-order representation of main rotor flapping and quasi-steady representation of 
main and tail rotor inflows. This model has been modified to include a simplified control rotor 
model developed in Ref. 2, a pilot's radio controller model and simplified engine and RPM 
governor models. Initial estimates of the aerodynamic data are adjusted using flight test data. 

Adaptive Nonlinear Flight Control 

This section presents an overview of the control system design. The interested reader is 
referred to Refs. 3 through 7 for more background on the subject approach to direct adaptive 
control of nonlinear systems, additional design details, derivation of the neural network update 
law, and a proof of stability. 

The controller can be configured in each of the three rotational axes independently as 
either a rate or attitude command system. Handling qualities are prescribed by the use of a 
command filter which serves both to limit the input rate, and as a model for desired response. 
Specification of "good" handling qualities is not yet well defined for unmanned helicopters, and is 
the subject of future research. Figure 1 presents a block diagram of the control system 
architecture for the longitudinal channel when this channel is configured for rate command. The 
lateral and directional channels are identical in form. The construction of this block diagram is 
discussed in the following. 
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The design starts with an approximate linear model of the rotational dynamics of the 
helicopter which is to be inverted at a nominal operating condition. 

tiJ=A1x 1 +A2 w+Bo (1) 

In Equation (1), ro = [p, q, r]T is the vector of angular rates about the body fixed axes [3], and 
AI, A2 and B represent matrices of the aerodynamic stability and control derivatives at the 
nominal operating point, respectively. The vector of standard helicopter control inputs, li, is 
employed. It contains lateral and longitudinal cyclic pitch, liLAT and liLON, main rotor collective 
pitch, liCQL, and tail rotor collective pitch, liDIR· In this formulation, the main rotor collective 
control position is treated as an additional translational state (i.e. it is assumed relatively slow), so 

that Xl = [u, v, w, liCOL]T. 

The methodology assumes the 'pseudo control' vector, U, to be of the form 

The elements of Uc are the outputs of independent linear controllers, each operating on its 
corresponding error signal. The linear controller designs are used to specify the tracking error 
transients in each channel. Typically the transient is designed to be fast relative to the dynamics of 
the command filter but slow relative to the actuator dynamics. In the example of Figure 1, the 
pitch channel is configured as a rate command system. Integral action is added to provide for 
attitude retention giving it the designation Rate Command, Attitude Hold (R.CAH). 

In some piloting tasks, one may prefer instead an attitude command system. In such case 
the linear controller for the pitch channel example is designed as 

where e denotes the pitch Euler angle. In this case a second order command filter is employed, 
and the second, rather than the first, time derivative of the command is fed forward. An outer 
loop trajectory controller can be set up with the attitude command system performing the inner 
loop function and using a methodology similar to Ref. 8. 

Returning to the case of rate commands in all three axes, the commanded angular 
accelerations are constructed by the command filters as 

The left hand side of Equation (1) is set equal to the desired angular accelerations, the 
elements of which (in the case of rate command systems) are identically the pseudo controls 
constructed for each channel. The result, after substituting using (2) and ( 4), is then solved for 
the vector of helicopter controls 
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Note that the linear model being inverted is only an approximation to the true helicopter 
dynamics, and that inversion error will therefore result in each channel. This inversion error can be 
expressed as a function of the states and pseudo controls. 

The neural network output, U AD, serves to adaptively cancel these inversion errors 
through on-line learning. The learning is accomplished by a simple weight update rule derived 
from Lyapunov theory, thus assuring the stability of the closed-loop system. The subject design 
employs a multilayer neural network with sigmoidal activation functions in the hidden layer. A 
neural network of this type is capable of approximating any smooth function to any desired 
accuracy, provided the number of hidden layer neurons is sufficiently large. Inputs to the neural 
network in each channel are taken as the rotational states, pitch and roll Euler angles, and the 
corresponding pseudo control. 

Control System Implementation 

For the purpose of real-time simulation and flight test, the control system formulation 
presented in the previous section has been coded in the C programming language. It runs in real
time in double precision with an update rate of 100 Hz on a 200 MHz Pentium-based Single 
Board Computer (SBC). The SBC is interfaced via shared memory to a previously developed 
commercial-grade flight control system known as the Rl. The R1 provides for collection and 
management of sensor data, hardware and software interface to both the actuators and the pilot, 
and management of all telemetry links to a ground control station. For the current program, the 
R1 flight control system with SBC has been integrated on a Yamaha R-50 industrial unmanned 
helicopter, which is a 150 pound gross weight production vehicle designed for agricultural 
spraying. The result is a very capable unmanned helicopter testbed. Features of the R1 flight 
control system and its sensor suite are discussed in the following. 

The R1 system is designed to support the integration of independent functional modules in 
order to accommodate a wide variety of research needs. Up to four Motorola 68332 processors 
coinmunicate using high speed serial data transmissions (Motorola Queued Serial Peripheral 
Interface, QSPI). There are two 16 channel 12 bit analog to digital conversion boards interfaced 
to the primary 68332 via the QSPI. The four 68332s provide a total of 64 digital input/output 
channels with precision timing control functions for tasks such as generation and reading of pulse 
code modulated signals. 

The R1 card cage also houses driver circuitry for an eight channel ultrasonic ranging 
system. This system is used to measure range to the ground over prepared surfaces during take
off and landing sequences. The card cage also accommodates a spread spectrum digital data link 
and a Rockwell Micro Tracker differential GPS receiver (3-5 meter accurate sensing of position in 
differential mode with updates once per second). The original sensor suite included an Attitude 
and Heading Reference System (AHRS) based on the Systron Donner Motion Pak coupled with a 
Honeywell 3-axis magnetometer. The Motion Pak is a 3-axis cluster of solid state rate sensors 
and linear accelerometers. The AHRS provides measurements of angular rates, linear 
accelerations, and magnetic field strength from which magnetic heading and the pitch and roll 
attitude angles are derived. 





Alternate sensor suite modules include an upgrade of the GPS receiver to either the 
Novate! RT -20 or the RT -2 (20 and 2 em accurate positioning solutions respectively in 
differential mode with carrier phase lock and 5 Hz update rates), and substitution of the AHRS 
with a complete GPS-aided inertial navigation solution. Planned flight tests will employ the 
inertial navigation solution aided by the RT -2. The system has a 12 channel interface to standard 
pulse width modulated radio control equipment for the pilot interface, and sensors for measuring 
the rotational rates, temperatures, etc. The system operates on a 12 to 28V DC input power 
supply. 

Hardware-in-the-Loop Testing 

Figure 2 presents a block diagram of the real-time, hardware-in-the-loop test facility 
developed to prepare for flight evaluations of the controller. The right half of the figure 
represents the flight control system hardware and software described in the previous section. The 
left half of the figure represents elements introduced in order to conduct simulation studies. Only 
the Flight System elements depicted on the right are employed when flying the aircraft. In such 
case the actuator movements result in the true dynamic response of the aircraft. This response is 
characterized by the sensor suite and digitized at regular sampling rates. This sensor data is used 
for feedback control, and the traditional helicopter control deflections are computed. 

Simulation and Flight Test Results 

Preliminary flight test results for the pitch channel RCAH are presented in Figures 3 and 4 
for the cases without and with adaptive neural network, respectively. It is cleadrom these figures 
command tracking is significantly improved with the adaptive neural net controller. The final 
paper will include additional flight test results for attitude and trajectory command tracking. 

Summary 
Design of a helicopter control system using a combination of feedback linearization and a 

neural network-based technique for on-line adaptation is presented. Hardware and software 
implementation of the controller on an unmanned helicopter testbed is then discussed. Simulation 
as well as flight test evaluation results are presented to illustrate the ability of the neural network 
controller to perform to specification in a real application environment. The final paper will 
include a detailed description of the IMU integration with the onboard GPS and simulation and 
flight test results of the attitude and trajectory controller. 
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NIGHT VISION GOGGLE (NVG) HELICOPTER OPERATIONS" 

K. M. Dodson & N. Talbot 
Flight Department, Civil Aviation Authority, UK 

Abstract 

Night VISIOn enhancing teclmology has been used by 
pilots in military aircraft operations for many years. 
Steady development and refinement of the teclmology, 
together with the availabili1y of associated equipment at 
reducing cost, has resulted in increasing interest in the 
use of Night Vision Goggles (NVGs) for specialist 
civilian aircraft operations. This paper briefly 
summarises the operating principles of NVGs and 
outlines the development, by the UK Civil Aviation 
Authori1y (CAA), of Airworthiness Requirements for civil 
NVG operations, following the findings of a proof of 
concept trial. The need for the requirements and the 
background to their development is explained, together 
with the main issues that the requirements need to 
address. An overview of the requirements is provided in 
Section 5 and the requirements are reproduced in full in 
Appendix l. Finally, an international perspective is 
provided by describing ongoing activi1y within the Joint 
Aviation Authorities (JAA) and the Federal Aviation 
Admirtistration (FAA) with the objective of producing 
hannortised requirements for civil NVG operations. 

1. Introduction 

There is increasing interest in using Night Vision 
Goggles (NVGs) for specialist civilian tasks; most notably 
for Police and Emergency Medical Services (EMS) 
operations. In January 1995, the UK CAA gave approval, 
on a trial basis, for one Police Constabulary Air Support 
Unit to undertake an evaluation of NVG operations using 
a BOlOS. The Devon & Cornwall Constabulary Air 
Support Unit believed the trial to be a great success, 
claiming safety and operational benefits for night 
operations. Consequently, other police forces are 
becoming increasingly interested and it was considered 
appropriate to develop formal requirements to support the 
use of civil helicopter NVG operations. Clearly, 
particular safeguards must be in place since there are 
potential hazards when the pilots view of the outside 
world is maintained solely by Night Vision Goggles. The 
military use of NVGs, over many years, has resulted in 
considerable experience of the benefits and hazards of 
their use. This experience was given due consideration by 
reviewing available military documents including, for 
example, any relevant Military Specifications (Mil Specs). 
The paper describes the background to the development of 
•he civil requirements and the significant airworthiness 
,ssues that need to be addressed. The resulting 
requirements are presented in full in Appendix 1 to the 
paper. 

The Devon & Cornwall Police Constabulary NVG trial 
carne to an end when the BO 105 was retired from service 
in 1998. The same Constabulary now operate a BK117 
and the newly developed NVG requirements are currently 
being used to approve a full NVG modification to tllis 
aircraft. 

Police and Emergency Medical Service NVG helicopter 
operations are being conducted in some other Joint 
Aviation Authori1y States and the FAA in the US have 
recently certificated civil NVG operations. Consequently, 
the JAA and FAA are discussing NVG requirements with 
the intention of producing harmonised airworthiness and 
operational rules. Information on tl1e progress of these 
discussions is also reported. 

2. Principle of NVG Use and Potential Airworthiness 
Problems 

In t11e electromagnetic spectrum, the human eye responds 
to wavelengths between 400 and 700 nanometres (nm) 
wllich we normally see as colours. However, as light 
levels reduce, the human eye is less able to distinguish 
colour and detail. On a dark night, colour perception is 
lost entirely and objects become shadowy, dim shapes. 
Night vision can be improved by increasing the amount of 
light reaching the eye, as with a torch for example, or by 
imaging teclmology by creating a visible phosphor-screen 
image from normally imperceptible radiation, as in a 
Night Vision Imaging System (NVIS). NVIS goggles 
consist of two image intensifier tubes and look much like 
binoculars mounted to a helmet. They operate by the 
amplification of light in the far red and near infra-red 
(IR) section of the electromagnetic spectrum (600 to 1000 
nm). The two main 1ypes of intensifier tube in use are 
classified as Generation II, which uses a multialkali 
photocathode, and Generation III wllich uses the far more 
sensitive gallium arsenide photocathodes. Even at low 
light levels, a Gen III tube produces a very sharp image 
on the phosphor screen with little loss of resolution. 

The basic principle of the use of modern Night Vision 
Goggles is that the outside world is viewed through the 
goggles and the cockpit is viewed by looking "under" the 
goggles using the naked eye. The main way of meeting 
these differing requirements is to provide cockpit lighting 
that contains no infra-red. The use of the unaided eye to 
monitor the cockpit instruments requires them to be 
illuminated by acceptable amounts of visible light. If any 
illumination in the cockpit emits energy witllin tl1e 
response range of the IR-sensitive photocathode, it may 
degrade the performance of the goggles since they have a 
built in automatic gain device which reduces their 
sensitivi1y and resolution as the level of IR energy is 
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increased. Therefore, to operate the goggles at maximum 
efficiency, IR energy must as far as possible be eliminated 
from cockpit illumination systems. This non IR lighting 
has a characteristic blue/green colour and is achieved by 
the use of filters. Standard tungsten filament light bulbs 
produce approximately 95% of their energy in the infra
red wavelengths and hence will cause major interference 
with the performance of NVGs unless filtered. This 
includes warning lights, since a single unfiltered warning 
light illuminating at a critical phase of flight could cause 
loss of all external view, with the resulting obvious 
hazard. 

It could be argued that loss of external view through the 
goggles would not be a problem as a reversion to 
conventional (non-NVG) flight could be carried out. 
Although this would be the case in some flight regimes, it 
is likely that NVGs will be used to manoeuvre the aircraft 
into situations that would be difficult to get out of without 
continued use of the goggles. Examples of this might be 
flight into a cloud topped valley or other operations close 
to obstacles. It would be potentially dangerous to provide 
the pilot with a piece of equipment that could be used to 
fly into difficult situations without also providing a 
reasonable expectation of adequate integrity and 
continued availability. For the purposes of drafting 
airworthiness requirements it is considered that a loss of 
external view for whatever reason in the critical flight 
condition should be classified as Hazardous, in 
accordance with the guidelines of JAR 29.1309 (Ref 1) 
and associated Advisory Material. This classification 
implies that the possibility exists for damage to the 
aircraft and for injury or loss of life, but falls short of the 
Catastrophic classification of JAR 29.1309, which implies 
total loss of the aircraft and occupants. 

A classification of Hazardous seems appropriate for the 
critical flight phase, and drives provision of a defined 
degree of integrity for both goggles and cockpit 
compatibility through the mechanism of a System Safety 
Assessment. 

3. BOlOS Civil NVIS Proof of Concept Trial 

A proof of concept trial was carried out by the Devon and 
Cornwall Constabulary Air Support Unit, with the 
objective of establishing the benefits, if any, to Police 
·operations from the use of Night Vision Goggles. The 
aircraft used was the Air Support Unit's B0105, modified 
for NVG use and operated with GEC Ferranti NiteOp 
Gen III goggles. The initial phases of the trial involved 
the CAA, from both Airworthiness and Operational 
points of view. A CAA Test Pilot and a Flight Operations 
Inspector were involved in initial approval of the cockpit 
modifications and early operational use. The early, joint 
part of the trial was flown using two pilots. 

Approval of the cockpit modifications was done without 
the benefit of formal airworthiness requirements, purely 
on an 'engineering judgement' basis, which was deemed 
adequate within the context of a limited trial closely 
controlled by the operational procedures applicable to 
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police operations. Nevertheless a subjectively good 
standard of cockpit compatibility was achieved but the 
process was lengthy and involved considerable discussion, 
highlighting the need for Airworthiness Requirements to 
simplifY both design and certification of such systems. 

Initial operating rules and crew training and qualification 
standards were established as a result of the initial joint f 

CAA/Police part of the trial. These, combined with the 
airworthiness approval of the cockpit, aiiowed Devon and 
Cornwall Constabulary to continue the trial on an 
operational basis to assess fully the benefits of NVG use 
to their type of operation over a prolonged period of time 
without direct CAA involvement. The basic 
operational/airworthiness framework that was agreed had 
the foiiowing features:-

• Operations covered by Police Air Operators Manual, 
i.e. some aiieviation and special provisions given 
against normal Public Transport provisions. 

• Permissible crew compliment of one pilot and one 
specially trained police observer with crew duties 
defined. 

• Agreed standard of pilot/observer training. 
• Minimum Transit Height for NVG use of 500 feet 

above ground level. 
• No reduction in weather minima already established 

for normal night operations. 
• No take off and landing permitted using NVGs. 
• Mandatory.Radio Altimeter, with low height warning 

system. 
• Flight Manual Supplement to detail limitations and 

procedures, e.g. NVG failure. 
• Specified type of Night Vision Goggle. 

The trial amassed a significant amount of NVG 
experience throughout the Devon and Cornwall 
geographic area. This area consisted of a mix of urban 
and rural areas, including very dark areas with little 
cultural lighting and also a considerable amount of 
coastline. Varied mixes of light conditions, both natural 
and cultural, and of ground texture were experienced 
within the context of a variety of police operational tasks. 
The types of task carried out included training, transit, 
location of 6 figure grid reference points, orbiting for 
search purposes, high (500 - 800ft) hovering and vehicle 
foiiowing. This experience allowed Devon and Cornwall 
Police to write a report assessing the benefits to police 
operations and to identifY any issues associated with NVG 
operations. 

The report concluded that the use of NVGs provided a 
benefit to Devon and Cornwall Police operations. It is 
beyond the scope of this paper to present the benefits to 
police operations but the general experience gained 
relevant to airworthiness issues is described below. 

3.1 Cockpit Lighting/Compatibilitv 

The cockpit lighting was found to be generally 
satisfactory. Particular points identified were the 
importance of the additional low height warning light 
coupled with the radio altimeter, some difficulty with 



differentiation of colour on gauges and the need to fit 
removable Fire Warning Light filters for NVG use. The 
latter was because it had not been possible to achieve 
adequate daylight readability with NVG filtered Fire 
Lights, resulting in the filters having to be removed for 
day use. A longer tenn solution of possibly combining 
filtered lights with audio fire warning was suggested, to 
avoid the configuration change. 

3.2 Night Vision Goggle Equipment 

The NVGs used had proven to be reliable. Attention was 
drawn to the need for separate battery power supply for 
each tube, to reduce the probability of total goggle failure. 
Battery management was highlighted as an important 
issue to avoid in-flight failures and a method for 
recording operating time for individual batteries was 
suggested. 

The importance of correct helmet fitting and use of a 
counterbalance in order to provide a stable platform for 
the goggles were points highlighted, together with the 
importance of correct pre-flight goggle adjustment. 

3.3 Crew Compliment 

It was considered that the combination of pilot and 
specially trained police observer was appropriate and that 
Crew Resource Management had been an important part 
of training. 

3.4 Hazards 

Some potential hazards were identified with suggestions 
to minimise these. 

Depth Perception was a problem in areas of poor texture, 
highlighting the importance of the radio altimeter and 
low height waruing system. Judging horizontal 
clearance was also difficult, e.g. when operating close to 
cliffs. A means around this was to use a horizontal 
reference such as the tide line on the beach but the 
problem was perceived as being similar to the difficulty 
with depth perception. 

In the event of a partial, i.e. single tube, goggle failure, 
continued flight was considered acceptable although 
uncomfortable, but would be an adequate means to fly the 
aircraft to an area 'where conventional uight flight could 
be better carried out'. 

To allow for continued flight in the event of goggle 
failure, it was emphasised that weather minima should 
not be reduced for NVG operations, although it was 
suggested that this might be possible in areas of high 
cultural lighting. The need for the pilot to continually 
make an assessment of the weather/visual cues that would 
be available for non-goggle flight was highlighted. 

Some concern was raised about the effect of goggle and 
counterbalance weight on the helmet in the event of an 
accident. The need to be able to remove the goggles 
quickly was identified and it was recommended that this 
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be done prior to an accident where possible. The problem 
with this action however, ':vould be the consequent loss of 
vision that could make an accident more likely, i.e. in the 
event of total power loss and engine off landing. In this 
case, even though there would be the chance of a heavy 
landing, or roll over, with a likelihood of additional injury 
caused by the weight of the goggles/counterbalance, 
continued use of the goggles to touchdown could 
siguificantly increase the probability of a safe landing 
being achieved. The report concluded that any additional 
risks associated with the additional weight seemed 
acceptable in the context of other perceived safety 
benefits, but it does highlight the aeromedical issues of 
NVGuse. 

4. Background To The Development Of The 
Requirements 

Some nations do not exercise control of police operations 
through their Civil Aviation Authority, using instead a 
system of "State" control which has more in common with 
military methods of control and approval. However, for 
nations who control such activities tluough their Civil 
Aviation Authority, including t11e UK, there is a need for 
appropriate Night Vision Goggle airworthiness and 
operational rules to be developed. 

In the UK, the Civil Aviation Authority took the view tlmt 
the NVG proof of concept trial, using the BOlOS, should 
be considered complete when the aircraft was retired from 
service in 1998. Consequently, any clearance of an NVG 
modification to any other aircraft, including tl1e Devon & 
Cornwall Constabulary's BKl 17 to replace t11e BOlOS, 
should only be made against formally developed 
requirements. The trial had demonstrated a benefit to 
police operations and it was apparent that there was a 
continuing need for NVGs. Hence, it was considered 
appropriate to develop formal requirements to support t11e 
use of civil NVG operations. 

Nevertheless, NVGs are highly specialised equipment and 
t11e CAA had no prior experience of their use by flight 
crew on civil aircraft. Although the CAA had some pilots 
with military NVG experience, the task of developing 
requirements was large and the likely timescale, due to 
other commitments, was inconsistent with the operational 
need. 

However, the Police Constabulary Air Support Unit were 
able to enlist the support of the Home Office, the British 
Government Department responsible for the Police. The 
Home Office agreed to provide financial support to enable 
the CAA to contract an outside agency, with NVG 
experience, to provide advice on the development of the 
airworthiness requirements and thereby assist the 
Authority to produce appropriate requirements more 
quickly than would otherwise be possible. 

Hence, the CAA prepared a project specification and 
invitation to tender and undertook to conduct a technical 
evaluation of the bids received, recommend who would be 
the most suitable contractor, manage the project and, 



following its completion, review the project's findings 
and produce formal draft requirements. 

The project specification outlined the objectives and scope 
of the project as follows: 

• To deternline the airworthiness and operational 
factors influencing the safe, reliable and effective use 
ofNVGs and to evaluate their significance. 

• To recommend ainvorthiness requirements and 
supporting guidance material for the approval of civil 
helicopter NVG operations. 

Whilst the project would also identify the operational 
issues and risks of civil helicopter NVG operations, the 
primary aim was to develop airworthiness requirements, 
in the light of the operational issues identified. 

The project was to include a search and review of all 
relevant literature, together with a review of the currently 
acquired experience of the use of NVGs to deternline t11e 
factors pertinent to the formulation of the requirements 
and any necessary guidance material. A review of all 
available nlilitary certification requirements and an 
assessment of their applicability for civil operations was 
also to be included. One example of such a document is 
tl1e US Military Specification "Lighting, Aircraft, 
Interior, Night Vision Imaging System (NVIS) 
Compatible" MIL-L-85762A (August 1988) (Ref 2) 
wllich addresses the issue of cockpit lighting 
compatibility. 

Following the issue of an invitation to tender, five 
proposals were received and the contract was awarded to 
GKN Westland Helicopters Ltd. The study was duly 
completed and a number of findings and 
recommendations were made which covered the following 
main issues: 

• Lighting Compatibility 
• Low Height WarningSystem 
• Equipment Specification 
• Ergononlics 
o Aeromedical Considerations 
o Flight Manual Supplement 
• Operational Considerations 

These issues are described in more detail in the following 
section. 

5. Outline Of The Draft Requirements 

In order to maintain an adequate level of safety, 1t 1s 
essential that during NVIS operations, continued 
compliance with the existing Airworthiness Requirements 
JAR 29 & 27 (Refs I & 3) is demonstrated. The findings 
of the study described above were used to formulate 
additional airworthiness requirements and advisory 
guidance material to support the approval of civil 
helicopter NVG operations and maintain the levels of 
safety achieved during normal aircraft operation. 
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The findings and recommendations from GKN Westland 
Helicopters Ltd were reviewed and refined by the CAA 
Flight Department to produce "Draft Ainvorthiness 
Requirements For Aircraft Equipped For Operations 
Using A Night Vision Imaging System (NVIS)". This 
material specifies additional requirements and limitations 
for aircraft equipped with NVIS. The requirements are 
intended to be generic and apply to any NVIS. To date, 
however, their application has been limited to Night 
Vision Goggles and it is accepted that they may need to 
be expanded for some alternative NVIS types. 

In keeping with the existing airworthiness requirements, 
the NVIS requirements are broadly objective, to 
encompass changing technology, whilst supporting 
advisory material is also provided that is more detailed 
and identifies an acceptable means of compliance. The 
advisory material is referred to as ACJ (Advisory Circular 
Joint) material in line with the typical Joint Aviation 
Requirement (JAR) format. 

The NVIS Airworthiness Requirements(AR) 1-13 are 
presented in full in Appendix I, but each rule is discussed 
briefly below. It should be borne in mind tlmt these are 
draft requirements subject to further consultation and the 
content could change in the event of justifiable 
conunentary on them and experience gained from their 
application. 

ARl General 

(a) This appendix specifies 
requirements and limitations 
equipped with an NVIS. 

This rule is self-explanatory. 

additional 
for aircraft 

(b) The minimum standard of aircraft to which 
an NVIS will be applied shall be multi-engined 
and certificated for single or dual pilot IFR, 
non-NVIS night operations. 

Because of the possibility of operations with very 
restricted visual cues, and taking into account as 
background information the generalities of the ADS33D 
type handling qualities criteria (Ref 4) developed in 
recent times, it was considered that an appropriate level of 
aircraft stability and control would be that required for 
IMC flight. 

Multi-engined aircraft were considered appropriate to 
reduce the probability of a power off landing having to be 
carried out, and these aircraft being mostly Category A, 
have higher performance and systems integrity standards. 

(c) NVIS operations must not affect continued 
compliance with the basic aircraft 
certification basis. 

It was considered that there was no logical reason for 
compronlising the basic airworthiness standards that 
would apply for normal night flying, when considering 
NVIS approval. The appropriate JAR, FAR and British 



Civil Airworthiness Requirements (BCAR), Section G 
(Ref 5) should continue to be met, e.g. colour 
differentiation of gauge markings. 

(d) NVIS operations must be possible without 
exceptional pilot skill or alertness. 

This rule is intended to avoid unusual complexity or 
difficulty in carrying out normal and emergency tasks 
whilst using NVIS. 

AR2 Lighting Compatibility 

(a) Continued compliance with Paragraph .1381 
of the appropriate JAR must be demonstrated, 
during NVIS operations. 

(b) Any light emitted from equipment, in either 
the cockpit or the cabin, during NVIS 
operations, must be compatible with the NVIS. 

(c) Any subsequent cockpit, cabin or external 
modification, including role equipment, 
involving a light emitting or reflecting device 
will require re-assessment. 

These rules are intended to ensure that there can be no 
light sources within the cockpit that could cause a 
degradation of NVIS performance. This is primarily to 
avoid a hazardous situation due to ti1e illumination of 
unfiltered lights that could cause sudden loss of external 
view. 

The Advisory Material suggests, in some detail, a possible 
test methodology that can be used to demonstrate 
compliance with these rules. 

AR3 

(a) 

Warning, Caution and Advisory Lights 

Continued compliance with Paragraph .1322 
of the appropriate JAR must be demonstrated, 
during both NVIS and non-NVIS operations. 

This rule is intended to ensure that the pilot can still 
differentiate quickly and accurately between the Warning, 
Caution and Advisory lights displayed by the aircraft's 
warning system. 

It is accepted that it may not be possible to use the 
original colours but nevertheless, reds and ambers must 
be identifiable as such, and clearly differentiated from 
each other and whatever advisory colour is used. 

The overall attention getting capabilities of the warning 
system should not be degraded by the NVIS installation. 
Any degradation of the visual attention getting 
capabilities would need to be compensated by, for 
example, an audio warning system. 

The guidelines of Military Specification MIL-L-85762A, 
Section 3.10.9.8 are suggested in the advisory material as 
a means of compliance. 
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AR4 

(a) 

Instrument Lights 

Continued compliance of the NVIS compatible 
instrument lighting with Paragraph .1381 of 
the :1ppropriate JAR must be demonstrated 
durir•g non-NVIS operations. 

It would be possible that measures taken to ensure NVIS 
compatibility could affect adversely normal usage of the 
cockpit. This rule is intended to ensure that normal 
daylight and non-NVIS night use of the cockpit is not 
compromised. This would include the transition from 
day into night flight when it can be difficult to achieve an 
acceptable solution, e.g. for Central Warning Panel 
brightness. 

AR5 Dimming Levels 

(a) The cockpit lighting must have a dimming 
range consistent with NVIS operations. 

The rule is self evident, but advice is given in the advisory 
material to help achieve an acceptable brightness level for 
day, non-NVIS night and NVIS operation. The advisory 
material assumes timt conventional lighting will be 
available for non-NVIS night flying, however it is 
conceivable that only one lighting system would be fitted, 
i.e. an NVIS compatible system which, by definition, is 
viewed by the naked eye and also has to comply with 
normal night lighting standards. The advisory material 
is not intended to prevent tile provision of an NVIS 
compatible lighting system only. 

(b) Inadvertent selection between Day, Night and 
NVIS modes must be prevented. 

The consequences of inadvertent selection of non filtered 
light could be severe. Again an assumption that there 
will be both conventional and NVIS compatible lighting 
in the cockpit is made, and equally, such provision is not 
mandatory. The advisory material suggests some means 
of switching which first requires a positive action, to 
minimise inadvertent selection. 

AR6 Chromaticity and Radiance 

(a) The chromaticity of the light sources in the 
cockpit and cabin must be sufficiently 
separated to ensure colour coding 
discrimination is maintained. 

(b) The radiance of the light sources in the 
cockpit and cabin must be compatible with the 
selected NVIS. 

These rules use the guidance of Sections 3.10.8 and 
Sections 3.10.9 and Appendix A of MIL-L-85762A to 
provide advisory chromaticity and radiance limits for 
cockpit and cabin light sources for a range of NVIS types. 
Using light sources which meet this standard is an 
acceptable means of compliance with the above 
requirement. 



AR7 E>.1ernal Lighting 

(a) External lighting systems must not 
unacceptably impair the performance of the 
NVIS. 

This rule is self evident, but more relevant to civil 
operations than military. Civil aircraft are required to 
display the appropriate lights at all times whereas military 
aircraft will often operate lights-out for tactical reasons. 
The advisory material proposes a qualitative evaluation 
during flight trials. 

(b) Continued compliance with Paragraphs .1383 
to .1401 of the appropriate JAR must be 
demonstrated. 

This rule requires that any external lights fitted, even 
though modified to minimise NVIS interference, must 
still meet the relevant existing requirements. 

AR8 Low Height Warning System 

(a) 

(b) 

(c) 

(d) 

(e) 

A radio altimeter display must be installed at 
every pilot's crew station from which NVIS 
operations are to be flown. 

The fitted radio altimeter should have the 
following characteristics: 

1) A display that is instantly visible and 
discernible during NVIS operations. 

2) An expanded scale below 1000ft. 

3) An integral fail/no track indicator. 

4) An integral low height indicator light. 

If the cockpit has an EFIS or similar 
electronic displays, with an electronic radio 
altimeter presentation, then an additional 
visual low height indicator must he fitted to 
the instrument panel. 

An unambiguous supplementary visual low 
height warning, that is discernible during 
head-up NVIS operations, must be fitted at 
every pilot's crew station from which NVIS 
operations are to be flown. 

An unambiguous indication of radio altimeter 
fail, or no track within normal operating 
range, in addition to that provided by existing 
instrumentation, must be fitted at every pilot's 
crew station from which NVIS operations are 
to he flown. 

The luminous area of the supplementary low 
height repeater light, additional low height 
indicator light (EFIS if applicable) and radio 
altimeter fail/no track light (if applicable) 
must be such that each is clearly visible under 
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(f) 

all the conditions of flight in which the 
aircraft is cleared to fly. 

The operation of any repeater lights must 
follow the logic of the installed radio 
altimeter, and must not flash. 

(g) An unambiguous low height audio cue must be 
fitted, which is readily cancellable. 

Night vision systems do not currently give adequate 
height perception in all conditions of light and ground 
texture. There is a high probability of encountering 
conditions that will result in a lack of height awareness by 
the pilot and a real probability of the aircraft flying into 
the ground, even when operations are not intended to be 
carried out at very low heights. It can be very easy to 
lose 500ft from a nominal operating height (of say 500ft), 
either due to a descent, or more likely, featureless rising 
ground. For this reason, it is considered essential that an 
adequate height reference system, with associated 
unambiguous warnings of low height and system failure, 
is provided to ensure safety of flight using NVIS. 

The importance attached to this is reflected by the 
detailed rules and associated advisory material. The 
effect of these rules is to require at each pilot's crew 
station an analogue radio altimeter with easily readable 
scale, repeater low height warning lights, radio altimeter 
no-track and fail warning lights and an unambiguous 
audio warning of low height. 

AR9 Wire Strike Protection 

(a) A wire strike protection system (WSPS) must 
be fitted to all helicopters cleared for NVIS 
assisted take-off and landing operations. 

This rule could be considered to be operational ratlter 
than airworthiness, and may be removed from these 
airworthiness rules. Currently, no request has been 
received for NVIS certification for take-off and landing. 

ARlO Equipment Specification 

(a) The NVIS must be of a kind and design 
appropriate to its intended function. 

This rule allows investigation of the suitability of any 
proposed NVIS. The advisory material makes 
recommendations as to NVIS characteristics, but rests 
heavily on MIL-L-85762A as being an established and 
accepted standard. Generation III, Type I or II Class B 
NVIS as defined in MIL-L-85762A, are proposed as the 
target standard equipment for civil applications. 

It is arguable that a dedicated civil standard, such as a 
Technical Standard Order (TSO), should be created to 
define minimum NVIS standards, particularly in relation 
to reliability, as integrating military and civil 
requirements can be difficult and there is little control 
over any changes that might be made to military 
specifications. 



' (b) The NVIS equipment and installation must 
comply with JAR 29.1309 Category A 
Requirements. 

This rule is intended to ensure that the view outside the 
cockpit through the NVIS is provided with an adequate 
· ertainty of being maintained. The advisory material 
.tates that "the NVIS equipment and installation should 
be subjected to a system safety analysis in accordance 
with AMJ 25.1309. The loss of external view due to 
either goggle failure or interference by cockpit lighting is 
potentially Hazardous and appropriate consideration must 
be given to this functional failure in the system safety 
analysis carried out", 

(c) Instructions for the Continued Airworthiness 
of the NVIS must be established. 

It is important that the originally certificated NVIS 
standard is maintalned in service. Of particular 
importance is the management of battery life, if this is the 
chosen power source, Battery failure probably represents 
tile highest risk of goggle failure in flight and adequate 
means must be proposed to ensure that the probability of 
failure is low enough to comply witl1 ARlO(b). 

ARll Ergonomics 

(a) The NVIS configuration must not compromise 
the wearer's ability to perform normal duties. 

(b) Where the NVIS assembly constitutes an 
additional fit to the protective helmet (i.e. it is 
not integrated with the protective helmet) a 
fast removal mechanism must be provided. 

(c) A fixed stowage receptacle, able to contain the 
NVIS and batteries (where applicable), must 
be provided within reach of the crew while 
strapped in. 

The ergonomics issues are fairly self evident but a 
requirement to cover these aspects helps to avoid 
unsuitable situations being presented for certification. A 
key issue here is t11e amount of available headroom to 
allow adequate head movement and the ability to hinge 
the goggles into the up position. The advisory material 
makes several recommendations on ergonomic issues to 
ensure easy operation when using NVIS. 

The fast removal and goggle stowage requirements are 
intended to allow for the emergency landing case when 
the crew may wish to remove their goggles before 
landing, The stowage also prevents loose goggles 
becoming a hazard during normal (non-NVIS) 
operations. 

AR12 Aeromedical Aspects 

(a) The NVIS configuration mnst mimmisc the 
risk of impact injury to the wearer. 
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(b) The total mass of the head-borne NVIS 
assembly must not exceed 3.0 kg. If the total 
mass of the head-borne NVIS assembly 
exceeds 2.5 kg, human factors monitoring will 
be required. 

(c) The centre of gravity (C of G) of the total 
head-borne assembly must be as close as 
possible to the natural centre of gravity of the 
wearer's head. 

The aeromedical rules above are intended to minimise the 
probability of injury during accidents and also during 
normal NVIS use. The advisory material discusses the 
relative merits of frangible and non-frangible mounts for 
goggles but recognises that there is no clear answer on 
this subject The head-borne weight limit is based on 
current military advice, as is the rule and advisory 
material relating to centre of gravity, 

AR13 Flight Manna! Supplement 

(a) A specific NVIS supplement must be 
incorporated into the appropriate Aircraft 
Flight Manual. 

It is considered that a Flight Manual Supplement must be 
provided to cover an NVIS modification and subsequent 
use. The Flight Manual Supplement should, as a 
minimum, address Limitations as specifically agreed 
between the Authority and the Operator such as minimum 
heights, types of operation, internal and external lighting 
configuration for NVIS operation, minimum equipment 
and minimum crew. Also included should be the 
procedures for emergencies and malfunctions, including 
NVIS failure, normal procedures and some descriptive 
material covering the NVIS and it's intended operation, 

6. European/International Perspective 

The NVIS requirements described above were prepared by 
the CAA in response to a specific and pressing need to 
generate requirements for the approval of aircraft and 
equipment for NVG operations in the UK As a result, 
the UK CAA acted unilaterally in the first instance to 
produce NVG requirements, However, Police and 
Emergency Medical Service NVG helicopter operations 
are being conducted in some other J AA States and tile 
FAA have also had a similar pressing need to approve 
NVG operations for EMS operators and have ordy 
recently certificated civil NVG operations. 

Consequently, the JAA and FAA have now begun 
discussing the issue of NVG requirements in the 
Helicopter Joint Harmonisation Working Group with the 
intention of producing harmouised airworthiness rules. 

The FAA have produced airworthiness material largely 
based on advisory circular (AC) material, An initial 
comparison of this material with the UK CAA 
requirements has shown a large degree of commonality in 



objective, but witb a different emphasis in the role of 
advisory material versus requirements. It is our intention 
tbat the requirements will ultimately form a Notice of 
Proposed Amendment (NPA) to JAR 27 & 29 but tbe 
precise metbod of promulgation has yet to be decided. A 
specific meeting to debate tbe issues and progress the task 
of producing harmoulsed NVG airworthiness material has 
been arranged with tbe FAA and is timed to coincide witb 
a US Night Vision Conference to be held in October 
1999. Significantly, this conference includes a civil night 
vision workshop which reflects tbe increasing interest 
now being shown in tbe application of night vision 
equipment for civil flying operations. Completion of tbe 
harmonisation process, in due course, will result in agreed 
airworthiness material available for use by botb the J AA 
and FAA. 

A parallel exercise is also ongoing to develop harmonised 
operational rules and it is intended tbat an appendix 
covering NVG operations will form part of JAR-OPS 3 
(Ref6). 

7. Conclusion 

In response to increasing interest in using Night Vision 
Goggles for specialist civilian tasks, the UK CAA has 
developed "Draft Airwortbiness Requirements For 
Aircraft Equipped For Operations Using A Night Vision 
Imaging System (NVIS)". The requirements were 
produced following a proof of concept trial and a 
contracted study to determine all tbe factors influencing 
tbe safe, reliable and effective use of NVGs and tbeir 
significance for tbe approval of civil helicopter NVG 
operations. Consequently, tbe requirements address tbe 
significant airworthiness issues and provide a firm 
framework for tbe assessment of aircraft equipped for 
NVG operations. The requirements are currently being 
used to approve an NVG modification to a BKII7 for 
police operations. Police and Emergency Medical Service 
NVG helicopter operations are being conducted in some 
otl1er JAA States and recently also in tbe US. 
Consequently, tbe JAA and FAA have now begun 
discussing the issue of NVG requirements witb the 
intention of producing harmonised rules. The UK CAA 
draft airworthiness requirements will provide a significant 
input to Ibis process. 
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DRAFT Appendix 1 

AIRWORTHINESS REQUIREMENTS FOR AIRCRAFT EQUIPPED FOR 
OPERATIONS USING A NIGHT VISION IMAGING SYSTEM (NVIS) 

1. Assumptions 

1.1 Whilst it is acknowledged that both safety and 
operational benefits can be derived during NVIS operations, 
nevertheless in some circwnstances NVIS operations could 
carry an increased risk. These requirements have been 
written to minimise any potential risks. Employment of 
NVIS will enhance but not replace normal night VMC 
operations. In the event of a failure of the NVIS, a pilot 
must be able to revert to normal night VMC techniques. 

1.2 "Lighting, Aircraft, Interior, Night Vision Imaging 
System (NVIS) Compatible" MIL-L-85762A (August 1988) 
guidelines will apply as a strategy to overall NVIS 
compatibility. This is a minimum requirement and if the 
applicant can demonstrate an improved capability this will 
be acceptable to the Authority. 

l. 3 These generic requirements are intended to apply to 
any NVIS. To date, however, their application has been 
limited to Night Vision Goggles (NVG) and the 
requirements may need to be e>.:panded for some alt<,rnati·v(. . 
NVIS types. 

l. 4 Pilots involved with NVIS operations 
qualified on type, and be current at non-NVIS,,,p.ight 
in accordance with current regulations. ,.::;f':lJc'r'·· 

3. Airworthiness Requirements 

ARl General 

(a) This appendix specifies additional requirements 
and limitations for aircraft equipped with an NVIS. 

(b) 
NVIS 

st~:M·!if~ of:'air~ra:ft to which an 
and 

non-NVIS night 

not affect continued 
air·cr:aft certification basis. 

appr6ye~1,WJ~' ~\ flight ,, •••• i,'] ~~~i~~-tiliT¥1:~:~~to~g~~c :~:~~~~n:d r~:~~i:~;e18,~~~ 
C:: ''i )!<' must be maintained. Applicable 

1.5 NVIS operations may be 
regimes. 

EO 
GEN (I, II or Ill) G~i[i\l:i;ey6~ (1, 2 or 3) of Night 

Im,!girtg System 
JAR 

NVG 
NVIS 
Rad alt 
WSPS 

Joint Aviation 
Requirements 
Night Vision Goggles 
Night Vision Imaging System 
Radio Altimeter 
Wire Strike Protection System 

E1-9 

P'ii:ajil'aj:ll1s of the appropriate JAR include .771, .773, .1301, 
.1309, .1321, .1322 and .1381. FAA Advisory Circular AC 
20-88 "Guidelines On The Marking Of Aircraft PowerPlant 
Instruments (Displays)" is also applicable. 

(d) NVIS operations must be possible without 
exceptional pilot skill or alertness. 

ACJ Material 

Consideration should be given to the workload required to 
control the aircraft and it's systems during NVIS operations. 
Where possible, control functions associated with all other 
aircraft systems should be simplified to take account of 
NVIS operations. 

AR2 Lighting Compatibility 

(a) Continued compliance with Paragraph .1381 of 
the appropriate JAR must he demonstrated, during 
NVIS operations. 

(b) Any light emitted from equipment, in either the 
cockpit or the cabin, during NVIS operations, must be 
compatible with the NVIS. 

(c) Any subsequent cockpit, cabin or external 



modification, including role equipment, involving a light 
emitting or reflecting device will require re-assessment. 

ACJ Material 

The applicant should ensure compliance by applying the 
NVIS test methodology described below. 

NVIS Installation Test Methodology 

Stage I Prior to fitting to an aircraft, any NVIS compatible 
equipment should be viewed in a dark room facility will/ tl1e 
selected NVIS. During this assessment any unfiltered light 
will be detected and the effect of the lighting on the 
performance of the NVIS will be established. The testing 
should be carried out by suitably qualified engineers who 
have experience of NVIS compatible lighting and who are 
able to recognise the full range of effects due to unfiltered 
light sources. 

Testing of permanently installed NVIS filtered equipment 
should include assessment of readability under simulated 
bright sunlight. 
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at the appropriate stage above. For all changes to tile 
cockpit configuration which include the addition of, or 
relocation of any device including non light emitting 
devices, such as straps, fire e":tinguishers, upholstery, 
clothing, carry-on equipment, etc., the operator should be 
aware that there is a potential impact on overall night vision 
compatibility, and therefore should carry out a cockpit 
assessment, as in stage 2 above. 

Within the process described at stage 4 above, the applicant 
should demonstrate that cockpit transparency transmissivity 
does not significantly impair,the perfofl]lance of the selected 

NVIS. · .. (; ( ,.;:·.•. 

For aircraft typ~~ .• which:i~~l)!~i'()v[~lon for light tight 

§Ifill~ 
unfiltered J.i!l~i'~~~i~?~ .. ~#~~r tl1e cockpit. Equally it will be 
necessary io [:(i~m\l)!#Jfi'~e.~t]i~\ light escaping from cabin 
windows has iib effedt'b1•1:Ji~cockpit NVIS. Such provision 

Stage 2 Following build of the aircraft, or modification, tl1e shC>l\IciiJ;ii'demonstrai¥!~:Jndet!.sfuges 4 and 5 of tl1e testing 
aircraft transparencies are blacked out to simulate a dark .,:niethq~()l0gy:;aJ:>ove. ,:·;: :· · 
night ambient lighting condition. The whole cockpit lighting i ·•·:· :)':i ·'1""· .•• ,,. •• • • 

installation, and where applicable, cabin/equipment Jightirig: ,·· k: .· V\l.ar~;~g;.,c;:;autiona\{d Advisory Lights 
can tl1en be assessed for: :•·•··· 

· .. '·-,':}'. )_:· \ _; .;· :·::::· :::,::>:: :::·j'_',::::::_::i;:' '//:-

a) 
b) 

c) 

d) 

e) 
f) 
g) 

readability of instruments, controls 
lighting balance of self illuminated 

•;' 
panels and displays. :·••·· : ' · · · · 
attention 
caution indicators and tl1e . 

Stage 4 during flight trials the 
installation in accordance with the 
'Lighting System . . .. Exantination' methods 
specified in Sections · ·· of MIL-L-85762A, August 1988 
(or its successor, as agreed by the Authority). 

Stage 5 The tests detailed in stages 2 and 3 should be 
repeated during day and night flight in the aircraft's typical 
operating environment over the extremes of range of natural 
light levels caused by cloud cover, sun elevation, moon 
phase and elevation. 

For any 'additional' cockpit, cabin or external modification 
involving a light emitting device, reassessment should begin 

(a)c( i)CoJ~,W•.¥·~~:;,pq.inpliance with Pm·agraph .1322 of 
.:\]l~i~gproprla~~··i~ must be demonstrated, during both 

. ~~<:and.~Qn~J\lyls operations. 
.,. ·'"···:-'· .. -,_.,.,.,_._.._;T'''· . i--.:y:-.//:·:'·'·: 

i;''i\iJi~·%~~ be possible to obtain fully compatible warnings 
(red) and cautions (amber) captions without compromising 
sunlight readability. The lighting level defined in Section 
3.10.9.8 of MIL-L -85762A, August 1988 (or its successor, 
as agreed by the Autl10rity) is designed to achieve a slight 
measure of incompatibility or flare in the NVIS, which 
provides a positive attention getting benefit, whilst not 
compromising tl1e view out of tl1e cockpit. 

The overall attention getting capabilities of the warning 
system should not be degraded by the NVIS installation. 
Any degradation of the visual attention getting capabilities 
would need to be compensated by, for example, an audio 
warning system. 

AR4 Instrument Lights 

(a) Continued compliance of the NVIS compatible 
instrument lighting with Paragraph .1381 of the 
appropriate JAR must be demonstrated during non
NVIS operations. 

ACJ Material 

The most common method of ensuring NVIS compatibility 
is to place filters over light sources to prevent emission of 
light from the portion of the spectrum which is visible to 
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NVIS. Where NVIS filters are used, it is preferable that 
they remain installed for day, night and NVIS flight, in 
order to simplify testing and subsequent operational 
management of the aircraft. This prevents problems 
associated witl1 stowages, loose articles, aircraft departing 
without filters fitted and filters falling off during flight. 

Other methods of achieving NVIS compatibility include the 
use of: 

Light emitting diodes 
Electro-luminescent panel floodlighting 
Incandescent floodlighting. 

The lighting installation for non-NVIS operation should not 
be degraded by virtue ofNVIS compatibility. 

AR5 Dimming Levels 

(a) The cocl<pit lighting must have a dimming range 
consistent with NVIS operations. 

ACJ Material 
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disruption of cockpit vision at the high intensity. Instnunent 
and panel lighting is variable from extinction to full 
brightness. 

NVIS: Warnings and cautions are presented at a fixed 
luminance of 15 footlamberts (fL) which maintains attention 
getting capabilities whilst not degrading the operation of the 
NVIS, in accordance with Section 3.10.9.8 of MIL-L-
85762A, August 1988 (or its successor, as agreed by the 
Authority). Instrument and panel lighting is variable from 
extinction to full brightness and any non-NVIS filtered 
equipment lighting is extingui~hed. 

Night and 

AR6 
'<:,,., .. ·::;;:;.,, 

NVIS equipment presents an image to an observer by (a)":·• ·•:The light sources in the 
intensifYing light that is beyond the part of the spectrun1 ,fOCkpl('"c~li4> fabin separated to 
visible to the naked eye. The term used for emitted energy is' .. ensri~c;~p1.9~\'.cq~ing dis:d'iifuii!ia.tion is maintained. 

Acit±~t~Al;' .. · .. ········} ... 
radiance and is equivalent to luminance when referring i6· .. 
visible light emitted directly from a light source. The t~hh• · 
for visible light reflected from a surface is illuminanc~!anil. ·/' .. , .. , ·• "'•:::•·:.'', •:;:S!•!• 
the equivalent for reflected energy visfBie .lf'Nyi'S conip~~)iFJY''is being achieved by filtering existing 
spectrum is irradiance. The term bri.ghltn~~.~~~§{i :~nerally i'Jl*~dsourc~~. lli~Ii filters should be selected to ensure the 
used to describe luminance and !,·:d~sjitd\'c6ipil),· separation. If NVIS compatibility is being 
irradiance cannot be termed ···a9i\t"Wbil'i,b~.:iri~talling intrinsically compatible light sources 
to the naked eye. It is true, '$~~·,:.~~;' :cfuomaticity co-ordinates need to have similar 
compatible light, corbifr·~~paration. 
NVIS to ove:rlo:1d 
user. 

To 

Day, Night and 

view out of the 
the visible 

should 
and controls, 

·~i .. ·'Lnu~• the goggles, with 

defined as follows: 

Day: Warnings and cautions are presented at full 
brightness. Instnunent and panel lighting are extinguished. 

Night: Warnings and cautions are presented at a 
brightness clearly discernible for night operation. If a 
dimming capability is provided, all annunciators, including 
master warning and caution, may be dimmable as long as 
the annunciation is clearly discernible for night operation at 
the lower lighting level. Undimmed annunciations have 
been found unacceptable for night operation due to 
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Sections 3.10.8 and Appendix A of MIL-L-85762A, August 
1988 (or its successor, as agreed by the Authority) provides 
guidelines for the chromaticity of all cockpit and cabin light 
sources for a range of NVIS types. Using light sources 
which meet this standard is an acceptable means of 
compliance with the above requirement. 

NVIS Class B standard cockpit lighting (as defined in MIL
L-85762A, August 1988 or its successor, as agreed by t11e 
Authority) is aimed at NVIS equipment with 665nm illters 
and will cause flaring of NVIS equipment filtered to a 645 
nm cut off. However, experience has shown that this degree 
of NVIS flare has littJe effect on flight safety and therefore 
may not, as an isolated featnre, render non compliant an 
applicant's solution to NVIS compatibility based on 645nm 
cut off filters. 

(h) The radiance of the light sources in the cockpit 
and cabin must be compatible with the selected NVIS. 

ACJ Material 

Sections 3.10.9 of MIL-L-85762A, August 1988 (or its 
successor, as agreed by the Authority) provide the radiance 
limits for cockpit and cabin light sources for a range of 



NVIS types. Using light sources which meet this standard is 
an acceptable means of compliance with the above 
requirement. 

AR7 External Lighting 

(a) External lighting systems must not unacceptably 
impair the performance of the NVIS. 

(b) Continued compliance with Paragraphs .1383 to 
.1401 of the appropriate JAR must be demonstrated. 

ACJ Material 

If, during night flight assessment, as part of the NVIS 
installation test process, it is found !bat the performance of 
!be NVIS is impaired by !be external lights, it may be 
necessary to modifY the external lighting installation to 
obtain compatibility. 

External lights which are non-NVIS compatible are 
increasingly likely to cause unacceptable flaring as height is 
reduced. The lighting of ground support vehicles should be 
assessed if appropriate. 

The addition of external reflective surfaces, such as a white 
aerial on a skid, may also affect NVIS performance and may·· 
be subject to flight test. · 

ARS Low Height Warning System 

(a) A radio altimeter display 
every pilot's crew station from 
are to be flown. 

~~;\~yduld normally be expected by 
giving bolb position and rate 

information. 

(b) If the cockpit has an EFIS or similar electronic 
displays, with an electronic radio altimeter presentation, 
then an additional visual low height indicator must be 
fitted to the instrument panel. 

ACJ Material 

The visual low height annunciation provided by an EFIS 
display is urdikely to be as obvious as a discrete 
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incandescent lamp. The additional visual low height 
indicator is intended to provide an equivalent standard to 
that provided by an analogue altimeter with integral low 
height indicator light. 

The additional visual low height indicator should be fitted as 
close to !be electronic radio altimeter presentation as 
possible, and in clear association. 

The additional low height indicator is considered cautionary 
and should Jberefore be coloured an1ber accordingly. The 
NVIS YELLOW colour as . A of M!L-L-
85762A, August 1988 
Authority) is !be clo:sesl<a:t'P\\'~~*~\i@)\),lbis 

be fitted on the 
edge of the coaming 

por:iti<)n :sltc,lild be such that !be pilot 
·"''"5 ''" cue from the full range 
·all phases of flight. 

light is considered cautionary and 
amber accordingly. The NVIS 

defined in Appendix A of M!L-L-
1988 (or its successor, as agreed by !be 

closest approximation to tlris which retains 
compatibility. 

(d) An unambiguous indication of radio altimeter 
fail, or no track within normal operating range, in 
addition to that provided by existing instrumentation, 
must be fitted at every pilot's crew station from which 
NVJS operations are to be flown. 

ACJ Material 

The warning(s) may be provided, depending on !be aircraft 
configuration, by visual and/or audio means. 

The rad alt failfno track indicator is considered cautionary 
and lberefore any visual indications should be coloured 
amber accordingly. The NVIS YELLOW colour as defined 
in Appendix A of MJL-L-85762A, August 1988 (or its 
successor, as agreed by the Aulbority) is !be closest 
approximation to Ibis which retains a measure of NVIS 
compatibility. 

If !be rad alt failfno track indicator incorporates a light, !ben 
it should be co-located with the low height indicator on the 
instrument panel coarning in front of the pilot. 

Confusion with the low height repeater should be avoided. 
This could be achieved by providing dedicated audio cues. 
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(e) The luminous area of the supplementary low 
height repeater light, additional low height indicator 
light (EFIS if applicable) and radio altimeter fail/no 
track light (if applicable) must be such that each is 
clearly visible nuder all the conditions of flight in which 
the aircraft is cleared to fly. 

ACJ Material 

Since viewing distances in cockpits vary, the size of an 
object is defined in terms of angle subtended at the eye. The 
accepted acuity angle subtended at the eye for warning 
indicators, based on human factors research and used to 
define MlL STD 14 72D character sizes, is 6 milliradians. 
Allowing for the degraded vision offered by NVIS 
equipment, 10 milliradians is probably acceptable, but no 
data is available to prove it. Low height repeater lights 
fitted to current helicopters cleared for NVIS operations 
subtend up to 22 milliradians at the eye datum position. 

(f) The operation of any repeater lights must follow 
the logic of the installed radio altimeter, and must not 
flash. 

Appendix I 

the Authority) should be the target standard equipment for 
civil applications. Class B NVIS equipment allows red to be 
used in the cockpit. 

It is recognised that some commonJy used NVIS do not 
comply with Class B requirements; however, experience of 
aircraft modifications has shown that a satisfactory level of 
compatibility can be achieved with such equipment. Where 
a class B NVIS is not available, compatibility with the 
cockpit installation shonJd be demonstrated as acceptable by 
following the NVIS Installation Test Methodology as 
described under section ---c,,,,,.,. 

lighting to 
when the , 

the · 

Tllis may be 
occnJt 
'·The 

and 
the 

~g~ed, w~hui~ar~:~~o::n~~;~a~~!~ht audio cue must be,,,~J~~~~,r~~~"Ji}R 
29

. 

ACJ Material helicopte~s{otifAR 2s. 

~~;;rJ:~~;:;~ installation must 
·:J A Requirements for 

aeroplanes). 

~r~:~~~:r ~~=u~c=~~:toc:C~~:i~e~:~~di~u~u~0s2ki~ . ACj~t~~~ji · ' 
uot extinguish any low height visual indicatio~~: ·' :,, . ,. ':[~~ ~S ~qui~~e~t and installation should be subjected to 

Audio cues should be designed to be,L¢~\&i~~iit''~ith the 
overall aircraft audio cueing philos9p~Yii' , ,,,),{' · 

AR9 Wire Strilq>.J'rritection 

Th~'J#9~~·.S~~W~·~form of wir~¥tP!i9M~h system fitted to 
existing:,gFfi¢pRt~~:'i~,?nsists .. p~'~,;,i;ji:riingement of wire 
deflectors ~ ~i\~J.\#~.de~<;esfg~~ ,(!lat wires are deflected 
to a cutting•'~~~c!ii:~~,~i·,ser~f~<r:~efore they can damage 
critical aircraft s2#118h~~~;: : ~Jg&neral specification for a 
WSPS does not cn#~~~~i'9i¥:f: The system selected should 
be based on a consi~~ri1~6ii"'of the wire threats within the 
intended sphere of op~h\fiil~s. 

ARlO Equipment Specification 

(a) The NVIS must be of a kind and design 
appropriate to its intended function. 

ACJ Material 

Generation III, Type I or II Class B NVIS as defined in 

'a,s)iste~,i~~ety analysis in accordance with AMJ 25.1309. 
' T))e:')q~~:>:q~'htemal view due to either goggle failure or 
· '*l~,t\~.i\i4c~by cockpit lighting is potentially Hazardous and 
appropriate consideration must be given to this functional 
failure in the system safety analysis carried out. 

(c) Instructions for the Continued Airworthiness of 
the NVIS must be established. 

ACJ Material 

Maintenance procedures should be specified and observed 
e.g. battery checks etc. The maintenance tasks should be 
included in the maintenance schedule of the aircraft as 
appropriate. General procedural instructions for equipment 
testing should be provided to prevent performance 
degradation which may become a source of hazard. 

Appendix material to the appropriate JAR gives guidelines 
on the Continued Airworthiness information that should be 
determined. 

ARll Ergonomics 

(a) The NVIS configuration must not compromise 
the wearer's ability to perform normal duties. 

ACJ Material 

MIL-L-85762A, August 1988 (or its successor, as agreed by The applicant should provide details of pilots' normal duties 
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and demonstrate that they can be carried out safely, with 
emphasis on the considerations listed below: 

a) The NVIS configuration should allow full head 
movement commensurate with all aspects of anticipated 
operation. If a goggle type NVIS incorporating a hinging 
mechanism is used, this should include the case of the NVIS 
hinged into the up position. In order to ensure free head 
movement, adequate clearance with all structure, with the 
pilot sat at the eye datum position should be demonstrated. 
The applicant should ensure that pilots are able to locate and 
operate from the eye datum position defined by the aircraft 
manufacturer such that they are able to consistently repeat 
the same seat adjustment position. If tlris is not possible, or 
if specific pilots choose to fly from an alternative seating 
position, then the applicant should ensure tl1at nrinimurn 
clearances are not compronrised for each pilot and that these 
pilots are able to consistently repeat the same chosen seat 
adjustment position. 

b) The NVIS, should not impede the pilot's ability to 
scan the cockpit instruments. 

c) The NVIS configuration should not prevent the 
pilot viewing the outside world with the un-aided eye. 
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If the pilot elects to remove the NVIS in an emergency 
situation, then locating the NVIS in a stowage receptacle is a 
reliable means of ensuring that the NVIS does not become 
loose in the coc!<pit. Since under emergency conditions, time 
and convenience are of the essence, the stowage receptacle 
should be positioned for easy access. Good accessibility will 
also benefit general usage under normal conditions. 

AR12 Aeromedical Aspects 

(a) The NVIS eontfigllf.~Jt!on minimise the risk 
of impact injury to the 

'' ~f§~t~f,~. ~'~~~~~,~~::~~)~~g~~~~:.1~b.~etw~ een the eyes and d) The NVIS should not require continual adj!ustm<;~\· ,'' ~~ and will provide 
in flight the eyes in the event of an 

visor should be considered for the 
e) The NVIS should be easily removed and '"''f'f"' to the eyes or face is possible 

;:;ing fl~~~re the NVIS assembl,~,, ~~~~l~t~s ,il,l~~~~!l;,~~~~~'i:~~~~?~,~~~~an~~d if used, should be worn at all 

additional fit to the protective h~liij~~'J'(ii#i·h is iii(ti§~!iK':~r~:;unalJle to wear a protective visor because of 
integrated with the protective h¢iffi~t):•it<fast removal spectacles should be fitted with safety lenses. 
mechanism must be provided. . {.' •;·:\j} 

. '•; ".; ~ ... '• ., -, . ' . 
. ;; :·:)::\'':,· 

~~~~.~~.:~~i~li~~:~~;J!!·!~\le~ i~~iJ11opf•ma·v··· i!J~if~:~~~t~~ 
Jl~'f:i#!< of in]~\illi ihe 

removal''ffi~thod 
mririM one hand 

ACJ Material 

When the NVIS is in the aircraft but is not being 
used for NVIS operations, then it should be restrained in the 
event of an accident. The restraining system should meet the 
general specification for crash protection specified for that 
aircraft. A dedicated stowage is recommended, since it is 
more likely to remain uncluttered by other items. The design 
of the stowage receptacle should be commensurate with the 
need to protect delicate optical eqnipment but should also 
enable the NVIS to be quickly stowed. It should be possible 
to open and close the stowage compartment with one hand, 
using a single action. 

The applicant should ensure that helmet fittings are 
performed with the NVIS attached, in order to nrininrise 
NVIS movement relative to the pilot's eyes. 

The relative safety merits of frangible and non-frangible 
NVIS mounts used on NVG types are difficult to deternrine. 
There are differing perspectives on the subject. Military 
users in the UK wear non-frangible types which have the 
benefit of being less likely to be accidentally knocked off, as 
well as reducing the likelihood of a loose object hazard in 
the coc!<pit following a hard landing. Frangible types are 
used in the US, and US studies reviewing historical accident 
data claim evidence for reduced risk of neck injury witl1 
frangible mounts. The applicant is advised to consider these 
issues, particularly with respect to NVIS stowage if the pilot 
elects to remove tl1e NVIS. 

(b) The total mass of the head-borne NVIS assembly 
must not exceed 3.0 kg. If the total mass of the head
borne NVIS assembly exceeds 2.5 kg, human factors 
monitoring will be required. 

ACJ Material 

Any additional weight over and above that of the helmet is 
undesirable because of the muscular and skeletal loads 
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imposed on the neck in maintaining control over the head. 
These loads can result in both short and long term medical 
problems. Total head-borne mass is linked with weight 
distribution on the head as covered under requirement 
AR12(c). The aeromedical impact of increased weight on the 
head in fixed wing applications particularly under "g" loads 
's well known and is the basis for the target figure stated. c) 

The total head-borne mass is made up of the protective d) 
helmet, any additional electro optical equipment, the safety 
visor and counterweight. e) 

In exceptional circumstances, where total head-borne mass 
is permitted to exceed 2.5 kg, an annual human factors 
review will be required, particularly with respect to 
continued acceptance by the pilots and reported instances of 
medical related problems. 

(c) The centre of gravity (C of G) of the total head
borne assembly must be as close as possible to the natural 
centre of gravity of the wearer's head. 

ACJ Material 

Centre of gravity of the total head-borne assembly is the 
primary factor associated with both long and short term neck 
strain injuries and is linked with total head-borne weight as·:: ·· 
covered under requirement AR12(b). In order to minimise.: 
strain on the neck, it is necessary to balance the head-bbrnci• 
mass about the natural C of G of the head. The mol11eni 

induced by the head-borne assembly u~~:~:~~~!~'~el~~:~! 
should not exceed 90 Newton.centimetres 
to the AO (Atlanta Occipital) 
Aviation Life Support Equipment 
and Neck Injury Amongst Night 
Rotary Wing Mishaps. US A ~m,;·.::o;';\'( 
Laboratory · ····· 

98-02, 

(a) 

ACJ Material 

mnst be 
Aircraft Flight 

The Flight Manual Supplement should, as a minimum, 
address the following issues: 

a) General. 

b) Limitations: as specifically agreed between the 
Authority and the Operator. 

1) Minimum heights. 
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2) Weather minima. 
3) Internal lighting. 
4) External lighting. 
5) Minimum equipment. 
6) Minimum crew 

Emergency and malfunction procedures. 

Normal procedures. 

1) 
2) 
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J.ABSTRACT 

Recently, accidents of small aircraft, especially that of helicopters, have been increased in Japan. 
The various reasons for that are supported. One of the most attractive and most important causes is 
an operation in bad weather (poor visibility). The cause can be divided into two cases, one is the 
loss of communications and his/her position during the unexpected rapid weather change, and the 
other one is the excessive workloads by the loss of visual cue (ex. Vertigo). 

Under the above circumstances, the drastic improvement of the helicopter operations safety in 
bad weather has been researched and developed from 1994 to 2000 by ATIC (Advanced Technology 
Institute of Commuter helicopter Ltd.). Our goals are; 

I. To improve the ability of instrument flight of helicopters. 
2. To improve the ability of the IFR operations based on the future navigation systems with the 

Global Positioning System (GPS). 
After introducing the outline of whole "Flight Safety study", this paper mainly describes the 

Automatic Flight Control System with DGPS helicopter precision terminal procedures to enable 
near zero-zero approaches to a hovering at heliports, including the recent result of flight simulation. 

2.ABBREVIATIONS 

ACAH Attitude Command Attitude Hold 
ACC Actuator Control Computer 
ADC Air Data Computer 
AEO All Engine Operative 
AI Attitude Indicator 
ATC Air Traffic Control 

OEI One Engine Inoperative 
PFD Primary Flight Display 
SID Standard Instrument Departure 
SPICE Stick & Pedal Interface & 

Control Electronics 
STAR Standard Instrument Arrival Route 
TA Category A 
VFR Visual Flight Rules 

ATIC Advanced Technology Institute of VMC Visual Meteorological Conditions 
VOR VHF Omnidirectional radio Range Commuter helicopter 

BLD Balked Landing 
CLD Continued Landing 
CNS Communication, Navigation, and 

Surveillance 
CP Collective Pitch 
DGPS Differential GPS 
DME Distance Measuring Equipment 
FBW Fly By Wire 
FCC Flight Control Computer 
FD Flight Director 
FMS Flight Management System 
GPS Global Positioning System 
IFR Instrument Flight Rules 
IMC Instrument Meteorological Conditions 
ILS Instrument Landing System 
IRS Inertial Reference System 
LDP Landing Decision Point 
MFD Multi-Function Display 
ND Navigation Display 

3. INTRODUCTION 

3.1 Technical problem for helicopter IFR 
operation 

Recently, though safety and dispatch 
reliability of the helicopter are taken seriously, 
the operation by the instrument flight is 
required in order to realize safety and 
reliability in which the helicopter is equivalent 
to the fixed wing aircraft. However, there is a 
CNS problem in present helicopter IFR system 
and especially, the technical problem have been 
left for the safe operation in bad weather. 
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I. It is difficult to operate IFR using the 
ATC from the ground in low altitude 



because communication and radar 
system does not work at this region. 

2. Present IFR systems and standards 
are for fixed wing aircraft, so they're 
not suitable for the IFR operation of 
the helicopter. 

3. The IFR operation to a low altitude at 
the heliport is very difficult in present 
IFR system. 

From such circumstances, the accidents also 
occur frequently because of sudden weather 
change in ·vFR operation (14 times for 12 years 
from 1985). Not only foregoing problem but also 
other problems such as noise and low dispatch 
reliability have been left in technical problem 
to be solved. 

Heliport I Airport Airport 

Fig. 1 Present helicopter IFR operation 

3.2 Outline ofATIC 

The Advanced Technology Institute of 
Commuter helicopter (ATIC) was established 
in March 1994 with investments from the 
Japan Key Technology Center (organization of 
the Ministry of International Trade and 
Industry and the Ministry of Posts and 
Telecommunications) to address these 
technical aspects of helicopter flight. 

There are two research themes in the ATIC -
noise reduction and flight safety improvement. 
ATIC Research Dept. No. 1 is undertaking 
research into external noise-reducing 
technology, while research into helicopter flight 
safety technology is being conducted by ATIC 
Research Dept. No. 2. 
For flight safety, many researches have been 

executed and future air navigation system 
(FANS) using the GPS has been constructed in 
the world. The helicopter IFR operation using 
infrastructures such as GPS system has been 
also considered in Japan and it will be 
operated in early 21" centuries. 

two of "simplification of the navigation'' and 
"simplification of the flight". In this paper, we 
describe mainly the simplification of the 
navigation. 

We have studied the following technologies to 
reduce the pilot workload. 

1. technology which accurately navigates the 
fixed flight path from the takeoff to the 
landing by manual operation and automatic 
operation. 

2. technology that the pilot can intuitively 
recognize that the operation is rightly carried 
out. 

3. technology which can display information 
effectively for pilot. 

Research progress of the ATIC research Dept. 
No.2 is shown at table 1. The concept study was 
carried out in 1994, and the flight simulations 
were performed 8 times from 1995 to 1998. The 
ground test was carried out from 1998 to 1999 
using hardware and software that will be 
actually used in flight test. 

Table 1 ATIC schedule 

We briefly introduce the flight verification 
system, then describe the development of flight 
management system for civil helicopters, which 
reduce the pilot workload, including the results 
of the evaluations obtained using the latest 
flight simulations. 

For the above circumstances, the ATIC 
research Dept. No.2 has studied the helicopter 
which can ensure safety and operation Fig. 2 The Flight Experiment Helicopter 
reliability under IMC by dividing the goal into 
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Fig. 3 Configuration ofthe On-board System 

4. CONFIGURATION OF THE ON-BOARD SYSTEM 

An overall configuration diagram for the on
board system is shown in Fig.3. The on-board 
system consists of a flight control system and a 
flight management information display 
system. The flight control system is used to 
improve the flying qualities and simplify the 
control operation. This system utilizes a full
authority Fly-By-Wire (FBW) control system 
to achieve both the response required in Visual 
Meteorological Conditions (VMC) and high 
stability required for instrument flights under 
Instrument Meteorological Conditions (IMC). 
We can thus adopt sophisticated flight control 
laws, which enable great improvements in 
flying qualities. The flight management · 
information display system guides the 
helicopter and helps the pilot's judgments. 
The flight management computer guides the 
helicopter using positional information 
obtained from the Global Positioning System 
(GPS) receiver. In addition, during take-off 
and landing, the Differential GPS (DGPS) 
offers more accurate positional information by 
using compensation information obtained 
through a data link. With this information 
helicopter can track an accurate flight path 
that extracts the helicopter's capabilities, such 
as a curved approach and landing path. The 
automatic flight is carried out by linking the 
FMC and FCC. There are three flight control 
laws in FCC, RCAH (Rate Command Attitude 
Hold), ACAH (Attitude Command Attitude 
Hold), ACVH (Attitude Command Velocity 
Hold), and ACAH is used in automatic flight 
because it is the most stable control law m 

these laws. The navigation commands that 
calculated in FMC are transmitted to FCC and 
are transformed to the control commands. 
They're also transferred to SPICE for backdrive, 
the side stick moves under automatic flight as 
well as the case in which the pilot operates. So, 
the pilot can intuitively understand the 
condition of the control visually. And pilot can 
always do override under automatic flight 
when the pilot applies the force to the ASSC. 
The information display function helps the pilot 
make decisions by displaying information 
required during flight in an integrated and 
optimized form using two Multi-Function 
Display (MFD) units. Thus, the flight control 
system and the flight management 
information display system together reduce the 
pilot workload in piloting and other non· 
piloting operations. 

5. DEVELOPMENT OF FMS 

5.1 Flight Management System 

In the ATIC research Dept. No.2, the research 
has been studied on the problem of the 
navigation within the CNS problem. Concretely, 
the flight management system based on GPS or 
DGPS has been studied by changing system 
such as VORIDME or ILS used at present. 
Especially, we have studied automatic flight to 
hovering and FD flight to LDP. The automatic 
flight is defined as a system for flying the 
designed flight path automatically by 
navigation command calculated in guidance 
function. In the meantime, the FD flight is 
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defined as a system for flying manually, while 
the pilot uses FD as a reference. The minimum 
height ofFD flight is defined as a height ofLDP 
considering the failures such as an engine 
failure under IMC. The minimum height of the 
automatic flight is defined as a height of 
hovering considering CAT ill (near zero-zero 
approach) affixed wing aircraft. 
And we have researched not only flight 

management system, but also approach profile 
that extracts the helicopter's capabilities when 
the GPS is sanctioned as primary navigation 
mean. 

5.1.1 Efficiency of FD flight and automatic 
flight 

The effectiveness of these flights is divided 
into two cases whether the GPS is approved as 
primary navigation means or not. 

The FD flight using the GPS is used as 
supplementary navigation means, when the 
GPS is not approved as primary navigation 
means, and the conventional route is used. The 
pilot workload is reduced, because a control is 
easier than usual method in this case. The 
flight safety is also improved by using the FD, 
because it is possible to move safely to the 
position where helicopter can be controlled 
from ground when weather changes rapidly 
from VMC to IMC. When the GPS is approved 
as primary navigation means in the FD flight, 
it is possible to reduce the pilot workload more 

Flir,bt M~ut~"'•at 
Sy>'IOII\ 

and more in comparison with the case as 
mentioned by flying the GPS route and using 
DGPS on approach of which the high precision 
is required. Furthermore, it is possible to set 
the flexible flight route, because it is not 
necessary to use the ground navigation aids in 
the route setting. Operation reliability is also 
improved, because the navigation becomes 
possible to near LDP even in IMC. In addition. 
there is the possibility of the application by the 
low cost in comparison with the installation of 
the automatic flight, because there is no 
improvement of the flight control system such 
as the case of the automatic flight. 

The advantage of the automatic flight in not 
approving the GPS as primary navigation 
means is equal to the application of the FD 
flight except that the navigational accuracy is 
improved. 

Though it is also ahnost equal to the case of 
the FD flight in which the GPS is approved as 
primary navigation means, the operation 
reliability is improved more and more in 
comparison with the FD flight, because a 
helicopter is navigated to the hover in the 
automatic flight. 

5.1.2 Details of the Flight Management System 

Fig. 4 shows the block diagram of the flight 
management system. The guidance function is 
the most important in the flight management 

A.,, 
Control 

Co111putor 
(FCC} 

Fig. 4 Block Diagram of Flight Management System 
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system. And it is coupled to the flight control 
system, then FD flight and automatic flight are 
accomplished. There are four functions as other 
functions in flight management system. Engine 
failure control function watches the engine 
condition. Parameters control function watches 
the sensor conditions. Waypoint control 
function controls the waypoint used by the 
guidance function, and display control function 
controls outputs for display. 
The guidance function judges the condition of 

the helicopter from the state flag (ex. Go 
Around flag) and waypoint data. And the 
guidance function adjusts the command gain 
necessary for calculating the navigation 
command. And the errors from the preset 
course are also calculated, and it is multiplied 
by command gain adjusted in advance, then the 
navigation command is created. The calculated 
errors are used for not only a calculation of the 
navigation command but also a decision of 
disengagement for automatic flight and 
changing the waypoint. 
The guidance function is based on the 

traditional PID control to calculate the four 
axes navigation commands which are pitch 
attitude command (e command), roll attitude 
command (~ command), yaw rate command(r 
command), and vertical speed command (H dot 
command) which are supplied to FCC (table 2). 
Those navigation commands are fed to 
actuators for automatic flight and to MFD for 
pilot FD manual flight. 

Table 2 Navigation Command 

Reference 

"""' 
Response 

En-route Typ. 
Approach [I overing BLll 

CLD 

Pitch Attitude Velocity Error X&m Velocity Error 
Command 

Roll Attitude Lateral Deviatio YError Lateral Dcviatio 
Command 

Yaw Raw Heading Error 
Command 

CP Row 
Height Error Torque Error Command 

5.1.3 Design of the approach profile 

It is necessary to develop IFR operation 
ability by utilizing capabilities of the helicopter 
in order to improve the flight safety and 
dispatch reliability under IMC, and there are 
some problems to be solved for the IFR 
operation in approach and landing. These 
elements are concretely required. 

1. It shouldn't interfere with the operation of 
fixed wing commercial aircraft around the 
airport, and it should be operated 
simultaneously. 

2. The operation in the pinnacle heliport 
should be enabled. 

3. Noise problem in the building roof 
operation in urban area or heliport 
operation should be overcome. 

In this study, the course which combined an 
steep angle profile of 12 degrees considering 
low noise with the TA vertical take-off and 
landing approach profile was designed (Fig. 5). 

Dcc.:lcmtc to 50 kt~ 
·-··--·-- .. -

Abatement j 

:;~;.~: IO~ll< 
sohtr ~ 

l~Th l l 
"""'" '" x:,.::u.b~-tm~"'&'"'"""'z"""'.:"'".cw ... :u 

Fig. 5 Approach Profile 

By flying at 50kt and -lOOOfpm, the region 
that is easy to generate slap noise is avoided 
under low-noise profile approach. The 
transition segment for connecting with the 
conventional TA profile is set after the low
noise profile end, and the speed is decelerated 
from 50kt to 40kt, and the height is also 
descended from 500ft to 200ft. It is similar to 
the TA profile after the transition segment end. 
This profile has been confirmed that it is 
available for the practical use by using actual 
helicopter (BK117). 

Fig. 6 shows the comparison the above
mentioned flight path with the course in the 
ILS approach used in the conventional 
helicopter IFR operation. We see from fig. 6 
that it is not necessary to operate in low 
altitude for long time if we use the new course, 
then it's possible to solve the noise problem 
very easily. And, it is also possible to prevent 
the interference of the fixed wing aircraft 
because the conventional ILS approach course 
can be avoided by flying this course. In addition, 
it is also possible to land on heliport and 
building roof in urban area where ILS has not 
been provided. 
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Fig. 6 Comparison with New App. and ILS 

5.1.4 Design requirement of the guidance 
function 

The design requirement of the guidance 
function for automatic flight is shown in table 3. 
These values are designed, as the error for 
automatic flights, without including the error 
of GPS and the accuracy of hardware. The 
flight path for the automatic flight is divided 
into three of en-route, approach and hovering. 
And requirements for height error, lateral 
deviation, speed error are set for each segment. 
En-route is defined as the segment from SID to 
STAR and approach as the segment to the 
hovering after the STAR. 

Table 3 The Design Requirements 
f A . Fr h or utomatJc llgl t 

---------
En-route Approach Hovering 

Herr[ft] ±30.0 ±30.0 ±5.0 
Dev[ft] ±50.0 ±50.0 ±20.0 

Verr[kt] ±10.0 ±10.0 -

5 .1. 5 Override function 

Fig. 7 shows the re-engage region for 
automatic flight. It has been designed in order 
to return automatically to the route when the 
pilot finished override if the helicopter is in the 
region. 
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Increase torque to the OEI ratings 80 min. power 
and accelerate to 65 knots 

Increase torque to the OEI ratings 2.5 min. power 
and accelerate to 50 knots 

lOOOft 

200ft 

LDP 
Engine failure 

Ground tuud1 

5.1.6 One engine failure mode 

We have also studied the guidance function for 
BLD and CLD in order to operate even one 
engine failure (fig. 8, 9). The BLD is executed 
by pushing the button as a pilot judgment. 

5.2 Information- display system 

Since visual cue is insufficient under IMC, the 
manual operation becomes very difficult. We 
have studied the presentation method, 
especially the display of the PFD for 
information display system that the pilot can 
easily acquire the attitude of the helicopter 
eveniniMC. 
The PFD that we designed for flight test is 

shown in fig. 10. The AI display changed at the 
MFD full size to recognize the attitude of 
helicopter with ease. And, the meter 
confirmation of the pilot was simplified by 
switching airspeed indicator to hover meter 
(horizontal velocity indicator) by airspeed. 
Fig. 11 shows the ND that we designed for 

flight test. We see from fig. 11 that a pilot can 
intuitively recognize the circumstances around a 
helicopter because the NO shows an airway that is 
combined with topographic map. The conventional 

F.~ngine failure 

. .h~d~~men; of 
Go Ammtd 

Fig.8 BLD Profile 

Fig.9 CLD Profile 

display of ND usually shows only a horizontal plane, 
but this ND also shows a vertical plane under the 
display of a horizontal plane, so a pilot can recognize 
the relation with a helicopter and the ground. 

Fig. 10 Primary Flight Display 
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Fig. 11 Navigation Display 

6. RESULTS OF THE FLIGHT SIMULATION 

The flight simulations have been performed 
four times for this study, and the various data 
required to design the guidance function were 
obtained from the results of those tests. A 
simulated cockpit for the simulation was 
prepared and used in this study connected to a 
dome-type flight simulator of Kawasaki Heavy 
Industries, Ltd. (KHI)(Fig.12, 13). 
Our primary evaluation results thus far are 
described below, based on the latest simulation. 

Fig. 12 Simulated cockpit for simulation 

Fig. 13 KHI dome-type flight simulator 

Fig. 14 shows the waypiont for flight 
simulation. The wind conditions were checked 
around the Gifu Air Base used by flight test 
carried out from the middle in 1999, we set 
wind direction 315', steady wind of 20kt and 
gust. 
The automatic flights were carried out from 

en-route to hovering in AEO and BLD/CLD in 
OEI. By performing sufficient flight 
simulations prior to a flight demonstration, 
satisfactory performance, reliability, and safety 
can be established before starting the flight 
tests. 

' + 
·O:aEGIN········ 

·1·:MUKOOE:IA······ 

Fig. 14 Waypoint for flight Simulation 
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6.1 Results of the evaluation on en-route 100 lOl I 
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Fig. 15 shows the time histories of the velocity 
error on en-route. We see from the graph (a) of 1; 

0 
fig. 15 that velocity error was within ±3 knots i! 
in no wind condition. It is satisfied with the 

50 

-50 

i 
I 

J ( I 
\'-.1 

50 I L 
l I 

' <7 I"" fJ :::;., 

-50 

design requirement for automatic flight that we 
established. On the other hand, the graph (b) of 
the velocity error in wind condition is not 
smoother than the result of the above. It is 
considered that it is based on the effect of the 
gust. There is a part that exceeds the design 
requirement in wind condition. But the design 
requirement has been established under no 
wind condition and the helicopter 1s 
controllable in this case, of course there is no 
tendency to diverge by gust. 

·" I 180 dC'r:>= turn sC"gmclll L -1 !_!~~~!!lill!'''~lo~ro~tio~o>~·og~m!oo!<f!ro!m~l2~0k~-~~~ro"80"k'"" 
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}I ·-· 
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~o !0<1 tun.:[>.:<:) 
(3) nn,lintl condition 

~~1l~~~~t!~~~"~'-~ }o~''vj '-.,-.. , .r· J 

50 !00 ume[.<«) 

·• 
(b) wind condition 

Fig. 15 V error (En-route) 

Fig. 16 shows the graph of the deviation and 
height error on en-route. The frame in bold line 
in the graph shows the design requirement of 
the automatic flight set in ATIC. 

In case of there being no wind, there is a part 
in which the height error deviates from the 
design requirement a little. It is occurred in the 
leg that decelerates from 120kt to 80kt. This 
cause is because the rate-of-climb arises in 
order to do the pitch-up in the deceleration. 
And, it is equal on the height error in case of 
the no wind condition and wind condition. On 
lateral deviation, there is a part that deviates 
from the design requirement. It is occurred 
near the changeover from the turning descent 
leg to the level straight-line leg. 

-100 -100 
-100 -50 () 50 100 --JOO -;,0 0 :->0 100 

DEV(ft) DEV(fi) 

(a) no wind condition (h) wind condition 

Fig.16 Results of Evaluation (En-route) 

6.2 Results of the evaluation on approach 

Fig. 17 shows the time histories of the velocity 
error on approach. We see from the graph (a) of 
fig. 17 that the velocity error was within ±3 
knots in no wind condition and it was satisfied 
with the designed requirement. Attitudes of the 
helicopter were changed so frequently by 
deceleration and descent that the velocity error 
fluctuated frequently in comparison with the 
case of en-route. The graph (b) of fig. 17 shows 
the velocity error in the case of wind condition. 
We see from the graph (b) of fig. 17 that the 
motion of the velocity error calmed down from 
about 120 seconds. The wind condition causes 
this result. At the beginning of the evaluation, 
though the helicopter was under the influence 
of gust because airspeed was used for reference 
speed, reference speed was changed to the 
ground speed by height of helicopter (about 500 
ft), then the helicopter was out of influence of 
gust. It is clear that the velocity error was 
satisfied with the design requirement because 
it was within± 5 knots in both cases. 

1! Deceleration segment from SOkts to 50kts I 
I Low noise profile 

' Transition pronle 

' ./1--l'l 
\ ·. 1'A proftle -

' I I 

" 100 150 
(a) no wind condition 

' I 
" : ' • " fl ~ 'l 1\ ! l . . i _..., 

_,..o li>.-'1 ! \'. ~~~~ \f , 
-" I ;·· ... .; I \f 

., I 
IOU 

(b) wind condition 

Fig. 17 V error (Approach) 
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Fig. 18 shows the graph of the deviation and 
height error on approach. We can see from fig. 
18 that both deviation and height error were 
satisfied with the design requirements. The 
accuracy on the approach is better than that on 
en-route, because by using the gain scheduling 
by the airspeed, it becomes higher gain as lower 
speed. 

-:'0 f--f--f--t-t-t-t-H 

-1 00 '-:--''--J'--J-l.-l.--,-'-1.-1 
-100 -50 0 50 100 

-100 LJ__.l.:-J_ IL...JLl--'--' 
-100 -50 0 50 100 

DEV(ft) DEV(ft) 

(a) no\\ ind condition (h) wind condition 

Fig.18 Results of Evaluation (Approach) 

6.3 Results of the evaluation for BLD 

The results of the evaluation for BLD were 
satisfied with requirements of torque and 
velocity that were designed by the flight 
manual. In this paper, we show the most 
important factor, height loss. Fig. 19 shows the 
graph of height loss at BLD. The height loss 
was 60 ft in the case of no wind condition, and 
it was 7 ft in the case of wind condition. This is 
because the wind direction becomes head wind 
at 315 degrees. We see from fig. 19 that BLD is 
safely realizable. 
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Fig. 19 Height Loss at BLD 

6.4 Results of the evaluation for CLD 

Fig. 20 and fig. 21 show the results of 
evaluation at CLD. The rectangle near the Oft 
of the Hp graph shows the skid height. We 
defined landing time that the time when the 
helicopter touched this rectangle. And, ±100ft 
Square that shown near the Oft of the deviation 
graph shows the size of the landing area of the 
roof top heliport. 
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Fig. 21 Results of CLD (wind) 

We see from fig_ 20 that; 

1 . It can be grounded without going out from 
the heliport. 

2 . The deviation was within± 20 ft after LDP. 
3 . The height error was within ± 15 ft after 

LDP. 
4 . Rate-of-descent at the ground touching was 

about 300 fpm, so it was satisfied with the 
requir~ment of the rate-of-descent (480 fpm) 
of the $kid (BK117). 

5. The direction error was within ±1 degree at 
the ground touching. 

6. The ground speed was under 10 knots at 
the ground touching_ 

We see from the above results that automatic 
flight of CLD is possible in both conditions. 

7. CONCLUSIONS 

In this paper, the development of a flight 
management system especially automatic flight 
for civil helicopters being undertaken by ATIC 

following results were obtained: 
I. We designed the approach profile that 

could solve both of "noise problems at 
heliport or building roof in urban area" 
and '·interference with the fixed wing 
aircraft operation in the airport" and we 
examined the profile for automatic flight. 

2. The guidance function in the engine 
failure was examined. And two logic of go 
around mode and continued landing mode 
were established. 

3. Then, we confirmed through the flight 
simulation that the guidance function was 
satisfied with our design requirements. 

The results of override function were omitted 
by circumstances of the space this time, 

4. We also examined the override function 
by flight simulation, and we confirmed 
that the function was very useful to the 
automatic flight. 

We established the automatic flight, the 
flight simulation test for FD flight will be 
carried out at least 3 times in future, and 
pursue to establish the logic for FD flight. 

The flight test is also started from July 1999, 
and about 100 flights have been scheduled 
including the evaluation of the automatic flight 
and FD flight_ 
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ABSTRACT 

In passenger transport missions, rotorcraft are operated in accordance with air traffic procedures 
which have been established essentially for the needs and performance capabilities of fixed wing 
aircraft, i.e. which incorporate trajectories with long rectilinear legs, moderate turns and shallow slopes 
in climb or descent. The specific ability of rotorcraft to take-off and land vertically, and to perform 
terminal manoeuvres in a confined space, following routes which do not interfere with the other air 
traffic, makes much more efficient operations possible. Nevertheless the potential benefit of revised 
flight procedures (in terms of better integration with other air traffic and reduced noise impact) and the 
consequent development of intercity connections, will materialise only if such procedures can be 
shown to preserve or improve flight safety without degrading the vehicle performance in terms of tts 
payload capability. 

Since the end of 1997, all of the European helicopter manufacturers together with experts from 
European aerospace research establishments have been working on a joint programme supported by 
the European Commission in an effort to develop improved take-off and landing procedures for a wide 
spectrum of field configurations and operating conditions. The programme, called RESPECT, standing 
for Rotorcraft Efficient and Safe Procedures for Critical Trajectories, will demonstrate the feasibility 
and safety of the proposed manoeuvres, addressing in particular those critical flight conditions during 
which an engine failure could endanger the passengers and/or population on ground. A methodical 
approach is being pursued, with the three following major steps: 

1. establish a common performance simulation code and validate it using existing flight 
data, 

2. use this code to analytically optimise trajectories and propose improved manoeuvres, 
3. substantiate the practical feasibility and usefulness of these new procedures by means 

of piloted simulations and demonstration flight tests. 

This methodology and the first year activity is presented 

A109K 80105 

W30 365N 
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1 THE RESPECT PROJECT 

1.1 Industrial Objectives 

The main objectives of the RESPECT project 
(Rotorcraft Efficient and Safe Procedure for 
Critical Trajectory) are: 

• To determine for existing helicopters, how 
and by how much, terminal manoeuvres can be 
modified to improve mission effectiveness in 
terms of allowable payload and in terms of time 
necessary to take-off and depart or to approach 
and land whilst maintaining or improving the level 
of safety. 

• To demonstrate the feasibility and error
tolerance of these manoeuvres taking into 
account all of the practical difficulties such as 
pilotability, crew field of vision, altitude and 
position cues, transient engine and rotor speeds, 
etc .. , addressing in particular those critical flight 
conditions during which an engine failure could 
endanger the passengers and/or the population 
on the ground. 

The helicopter industry as a whole would 
profit from the market growth triggered by 
improved flight procedures and by quieter heliport 
neighbourhoods, if it can be shown that flight 
safety is preserved or improved without 
degrading helicopter payload performances. 

The time-to-market for the project results 
exploitation could take up to three years since it 
would be first necessary to convince the 
helicopter community (operators, airfield 
authorities, airworthiness authorities) of the 
advantages offered by the new approach. 

These ambitious industrial objectives are 
naturally widely exceeding the framework of a 3-
year programme. This complex problem must 
therefore be broken down to optimise the 
advantages of this co-operation and obtain 
results that are immediately applicable. 

1.2 Partnership 

This research programme is partially funded 
by the European commission and includes the 
following European manufacturers: Eurocopter 
(EC) - Eurocopter Deutschland (ECD), 

GKN-Westland (GWHL) - Agusta (Ag) 

As well as the following research agencies: 

ONERA (associated to CEV for flight testing), 
DLR, CIRA, DERA and NLR. 
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These agencies have been working for many 
years with the industrialists on rotary wings. The 
breakdown is presented in Fig. 1. 

lNtltiSTRY: !;\\ 
IU:SfARCH: «% 

All European Helicopter Industry and Major Resarch Institute are Present 
~ Large Helicopter Performance Knowledge 

Figure 1 

RESPECT is really close as a research 
programme to the product in the wide sense of 
the word. It includes main helicopter operations 
and covers operating improvements by retaining 
or enhancing the safety levels that are accepted 
by the Airworthiness Authorities today. 

1.3 Methodology: The RESPECT Project 

The RESPECT programme is intended to set 
up a study framework which will help to improve 
helicopter safety and performance for a wide 
range of helicopter weights and an extensive 
range of operations. The study topics and the 
helicopters types are listed in Fig. 2 below: 

Operation Helicopter Max. 
Weight (kg) 

Unprepared 80105 2500 
and confined 

area EMS/SAR 
A109K 2720 

80105 2500 

Restricted A109K 2720 
Helipad 365N 3850 

W30 5800 

Elevated 365N 3850 
Platform W30 5800 

Clear airport 365N 3850 

City heliport W30 5800 

Figure 2 
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The methodology that will be derived from the 
RESPECT programme is also the main thrust of 
this project and, in some respects, its first 
application. In applying the results of study, the 
RESPECT partners will work alongside helicopter 
operators as well as some European government 
agencies. In fact, a part of the programme is 
naturally dedicated to contacts with the operators' 
flying personnel as well as the agencies e.g. 
DGAC, CAA, LBA, JAA, EHA, IFALPA. 

This methodology is well illustrated in Fig. 3 
presenting the different tasks included in the 
RESPECT programme. 

Months: 3 6 9 I 2 I 5 I 8 2 I 24 27 30 36 

TASK I 
EUROPA Code 

Development, Validation 

TASK4 
Flight 
Tests 

Data 
Bases 
AS3G:IN, 
80105, 
A109K 

Figure 3 

Task 1: Specification and development of a 
common computer code for the calculation of 
stabilised and non stabilised performance. 

Task 2: Optimisation of procedures 
applicable for those cases and helicopters 
quoted. 

Task 3: Piloted simulations to verify the 
optimised procedures for the respective 
helicopters. 

Task 4: Flight testing: This part includes 
'preliminary' as well as 'confirmatory' flight tests 
after the phase optimising procedures for the 
operations considered. 

Task 5: Circulation of results. This involves 
not only communicating information regarding the 
RESPECT programme but also feeding this study 
with concrete cases close to the daily operating 
realities of the helicopters. 

Most of the effort expended to data has been 
devoted to the development of a performance 
calculation code common to every partner. 
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2 EUROPA: PERFORMANCE COMPUTATION 
CODE-TASK 1 

This chapter gives the design specification for 
the EUROPA (EUROpean Performance Analysis) 
software and the status of development 
achieved. The EUROPA code essentially 
consists of two elements: a helicopter 
performance simulation and the control logic 
required to run multiple performance simulations 
for: 

1. manoeuvre optimisation, 
2. research, 
3. calculation of performance data for the 

generation of aircraft performance charts. 

2.1 Uses for the code. 

EUROPA is used in the BRITE EURAM 
"RESPECT" project, as a research tool for 
predicting the take-off and landing performance 
of helicopters operating in a variety of complex 
situations. The code is capable of accurate 
performance prediction and is suitable for the 
task of finding the optimum piloting strategy for 
each manoeuvre. The flight conditions which the 
model is able to analyse and the modelling 
accuracy are described. 

Once fully developed, the code will be used 
by some of the partners (and possibly by other 
parties) for the estimation of helicopter 
performance for research, and the calculation of 
performance for certification and flight manual 
chart production. In this role the code must be 
capable of finding the limiting performance of a 
helicopter at each point in its operating envelope 
(both steady-state and dynamic performance). 

Other uses of the code are: 

>- To define the safety criteria (necessary 
performance margins) for existing and future 
procedures. 

>- Analysis of manoeuvres and modelling of 
flight test events for parameter identification. 

The validation of the model for each task will 
always be the responsibility of the user. 

The work required to create this useful tool 
falls into two categories: 

• Creation and validation of an accurate 
vehicle performance simulation. 

• Development of an easy to use 
performance prediction tool, which uses 



the vehicle simulation as a "performance 
calculation engine". 

2.2 The EUROPA model. 

The code includes models for the vehicle, the 
pilot, the environment and the control logic. For 
some helicopter components, there are several 
models or options from which the most 
appropriate to a given helicopter type can be 
selected. For example, a conventional rotor or a 
shrouded fan of the "fenestron" type can be used 
for the tail rotor. For the main rotor, a blade 
element integration, an analytical model in closed 
form and a flight test power identification can be 
selected according to the available aerodynamic 
data and the constraints on computation time. 
Engine models range from elementary time 
constant response to a thermodynamic 
description of engine components. A specific 
helicopter model is constructed by specifying 
appropriate modelling options as part of the input 
data files. 

The pilot model and the control logic allow off
line simulation of various piloting strategies, 
generating realistic flight control activity and 
following a pre-selected schedule of fuselage 
attitude, airspeed, engine limitation, RPM, etc ... 
according to the procedure under study. The 
effect of pilot abuse and errors such as reaction 
times, overreaction, etc ... and the repeatability of 
manoeuvres can be parametrically investigated, 
making it possible to assess precisely the safety 
margins. 

The required features of both elements of the 
model, their validation method and the accuracy 
requirements are outlined below: 

2.3 Accuracy requirements. 

The accuracy requirements can be divided 
into several categories: 

Firstly the vehicle simulation is able to predict 
both the power required and attitude required to 
trim, to a high degree of accuracy. Although 
"factors" can used to refine the power match 
these factors are small. Users have a high 
degree of confidence in the fidelity of the basic 
aircraft model. 

The accuracy of the vehicle manoeuvre 
simulation is also be of a high order. With any 
performance model, it is normally not possible to 
match any one flight test event to a high degree 
of fidelity due to un-modelled factors, such as 
small variation in the wind speed etc. However if 
a number of similar events are matched, the 
performance simulation must not show any trend 
in the errors (i.e. the predicted height loss during 
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a hover flyaway may sometimes be less than 
measured, sometimes more, but a consistent 
trend is not acceptable). 

When run to produce data for flight manual 
charts, the scatter between the predicted and 
measured performance is a combination of the 
accuracy of the simulation, and the repeatability 
of the manoeuvre. Margins are required to 
account for the worst possible combination of 
piloting errors. One of the uses of the code will 
be to predict the consequences of piloting abuse 
on performance. The Task 2 work to optimise 
performance must bear this in mind. If the 
optimum manoeuvre is difficult to fly, and the 
worst of the likely abuse cases is found to 
seriously degrade the performance, then the 
margins required to ensure safety may 
overwhelm the performance gains which accrue 
from optimising the technique! The accuracy of 
the code (in this case the modelling of the piloting 
technique) is verified by confirming that there is 
no consistent error, that is to say, the predicted 
performance should lie close to the centre of any 
measured performance scatter. 

2.4 Development status 

The EUROPA code has been compiled and 
run at each of the partner sites (on a variety of 
types of computer) and the same benchmark 
results have been obtained. 

The EUROPA vehicle simulation has been 
shown to predict both the steady-state (trim) and 
dynamic (manoeuvre) performance of variety of 
helicopter types to a good degree of accuracy. 

We have demonstrated that performance data 
can recorded for each simulation run (or trim 
condition) and that the output can be plotted to 
produce performance charts (HN diagram, 
takeoff and landing charts 0NAT) etc.). 

To speed up the production of performance 
data, the simulation is able to iterate manoeuvres 
(e.g. critical engine failure point) and is able to 
cycle through multiple cases (i.e. run a series of 
cases automatically, varying the aircraft mass, 
pressure altitude, OAT, wind speed, etc.). 
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2.4.1 Steady-state (trim): 

The code is capable of being run in a "trim 
only" mode. The utility of the code is of course 
improved by the addition of a "cycle" subroutine 
which permits the user to run multiple cases, for 
example over a range aircraft weights and 
speeds, so as to automatically produce a 
"predicted" power carpet. For validation purposes 
the performance-simulation output is stored in a 
file for comparison with flight test data. 

The ability to run multiple cases is used to 
produce the stabilised performance data found in 
the Rotorcraft Flight Manual. 

For performance prediction work, the basic 
power prediction is refined by the use of small 
"correction factors", which are normally applied to 
the predicted profile power, in order to produce a 
perfect match to the measured aircraft power 
carpet. The basic helicopter performance
simulation is made as accurate as possible, so 
that the factors required to produce a perfect 
match are small. 

EUROPA can be run in the "trim only" mode 
to predict the ability of the helicopter to hover in 
winds from any quarter. For this, an accurate tail 
rotor model and control position prediction 
capability were developed both for Fenestron and 
classical tail rotor. 

The good level of correlation with flight test is 
illustrated in fig. 4 for hover and fig.5 for forward 
flight. Figure 6 shows the differences between 
predictions and measurements from figure 5. 
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Figure 4: Hover out of ground effect 
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Figure 5: EUROPA/flight test comparison 

Figure 6: EUROPA/flight test- Accuracy 

2.4.2 Dynamic performance (manoeuvre 
simulation) 

80 

Once the steady state performance of the 
simulation had been verified, the model was 
validated for the prediction of manoeuvres. As 
this is not a handling qualities code, only 
performance criteria are considered. To validate 
the vehicle model a "flight test manoeuvre 
matching" subroutine was created. The pitch and 
roll attitude time history from a measured flight 
test event is used as the "target attitude" and 
feedback controllers are used to generate the 
control inputs required to make the performance
simulation follow the measured aircraft attitude 
traces. Similarly, the collective is adjusted either 
to "follow" the flight test height trace or to match 
the measured movements of the collective stick. 
The yaw pedals are moved either to match the 



heading (low speed) or centre the slip-ball (high 
speed). 

-EUROPA Calculation 
o o" " Flight test 
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Figure 7 : Matching logic- Engine failure 
in descent flight go slope 

The accuracy of the performance simulation is 
checked by comparing the "free" simulation 
parameters with flight test (torque, rotor speed, 
control positions, airspeed, aircraft position, etc.). 

llme(o) IW 

Figure 8 : Matching logic- Aircraft 
position (X,Y,Z) 

Because some flight test parameters are not 
modelled (e.g. variations in vertical air mass 
motion and wind speed), validation tends not to 
be an exact science! It is normally necessary to 
model a number of similar flight test events and 
look for trends. The performance simulation is 
deemed to be valid if all of the predicted 
parameters sit close to the centre of the flight test 
"scatter". 

When the basic vehicle model has been 
validated, the ability of the code to generate 
accurate performance predictions is checked by 
programming the performance-simulation to "fly" 

an idealised version of a number of measured 
events. The code is validated by comparing the 
predicted performance with the measured 
performance (e.g. rejected takeoff distance, 
distance to Vtoss, H-V limits, etc.). 

pilat inten-ention 
ho\·er 

1 
l 

II mdmilioo \ 
level/ 

11~ 
mitilinum height for 
continued tuke-off 

Figure 9 : Continued take-off scheme 

In order to "fly" many of the critical flight 
manual manoeuvres, an "automated iteration" 
method is required. For example, when flying a 
Category A takeoff, the takeoff decision point 
(TOP) may be defined in terms of radar altitude 
(e.g. 35ft). The critical continued takeoff case is 
an engine failure recognised by the pilot at the 
TOP. But, if the engine failure recognition time is 
one second, it will be necessary for the 
simulation to iterate on the engine failure time so 
that the required TOP is reached one second 
later. 

HEIGHT (ft) 

+.•.··· t 0 

PITCH 
ATIITUDE (deg) 

..... _r·····-·· . ' ·- ' . 
... ... . ' ' ' 

.SPEED(kt) 

J ...... :·········-· 
35" 

y 
I . 
I· 
' "-· 
i 

10 

Time 

Figure 10: Take Off Decision point 
calculation 

Time 

Similarly, the limiting altitude for a vertical 
reject can be found only by iteration; starting at a 
low altitude and working up in height until a 
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touchdown is made at the limiting rate of descent 
and Nr. 

fHEJGHT 

>·. t ··· ... _ 
r ·· ... 

··... Touch-down ~'. 

•·••••••••••·••••••••• verttcal veloetty 

30ft ~ 3mls ·······-···-···-···--... 

13ftl--···-············································································-·· 

Oft L ... 

Figure 11 : HN Diagram Low point 
calculation 

The same type of "automated iteration" may 
also be used to vary the piloting technique, so as 
to achieve the optimum performance. The 
optimisation logic and the feedback parameters 
required, are the province of the RESPECT Task 
2 partners, but the ability to undertake this type of 
modelling has been built in from the start. 

To turn the simulation into a useful 
performance prediction tool, the "cycle logic" 
must allow a number of events to be simulated 
and the required performance data to be 
recorded and output. For example, the variation 
of the limiting vertical reject height with aircraft 
weight and wind speed; or the data required for 
the production of a Category A takeoff distance 
chart as a function of aircraft weight, pressure 
altitude, OAT, and wind speed. The accuracy of 
the performance output will be checked by 
comparison of the predicted "chart data" with 
measured fiight test data. 

At the end of RESPECT, EUROPA will only 
be a useful tool if the charts which are produced 
from the simulation output can be used to predict 
performance. 

In practice, EUROPA must be able to quickly 
and accurately generate all of the dynamic 
performance data which is normally found in a 
Rotorcraft Flight Manual. 

2.4.3 Visualisation 

A visualisation post processing software using 
the VRML language is being developed in order 
to check the pilot visual cues with glazing 
surfaces corresponding to the actual cockpit. 
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This software provides animated 
visualisations of the particular helicopters used in 
the project and shows manoeuvres calculated by 
the EUROPA code. The results of off-line 
computations are easily interpreted and this 
visualisation technique will be used for the 
briefing of crew before piloted simulations and 
flight tests. 

2.5 Conclusions. 

A new code has been developed in common: 
EUROPA (European Rotorcraft Performance 
Analysis). Written in FORTRAN and. meeting 
stringent standards for documentation and 
software quality, the code runs on desktop 
computers. Good portability has been shown. It 
can simulate steady state performance and 
complex 3D manoeuvres, such Cat A take-off 
and landing with lateral offset and turns With 
effects of wind. Manoeuvres can iterate for 
optimisation or chart production, S? as . to 
generate H-V diagrams, take-off dec1s1on pomt, 
exposure time, etc ... 

The EUROPA code is more than just a 
helicopter performance simulation. It is also a 
performance prediction tool which is quick and 
easy to use, and which produces output that can 
easily be plotted to produce accurate 
performance charts. 

EUROPA can be run in two modes. 
1. The steady-state (trim only) is used to 

produce power carpet data, and to analyse 
hover performance in any relat1ve wmd 
conditions. 

2. The dynamic performance (manoeuvre) is 
used to analyse engine failure, takeoff, 
landing, and other such cases. 

The EUROPA code is being validated in 
several stages. First the steady state trim has 
been validated by comparing performance
simulation with flight test. Next the manoeuvre 
capability of the vehicle model was verified by 
matching flown events, i.e. by companng 
predicted and measured time history traces. 
Then the ability of the simulation to pred1ct 
performance was confirmed by using EUROPA to 
predict the performance for a number of specific 
fiight test events, and checking that the predicted 
performance is close to the centre of the flight 
test scatter. Finally the ability of EUROPA to 
produce valid charts will be checked by 
producing example "flight manual" charts and 
seeing how well they predict the performance 
flown during the RESPECT piloted Simulation 
and flight trials. 



3 ANALYSIS AND OPTIMISATION OF MANCEUVRES 
-TASK2 

Based on existing rules, recommended 
practise, flight manuals or information collected 
from operators, unambiguous and simple criteria 
are being defined in order to provide either 
objective functions or constraints for optimisation. 
They fall into four categories: 

safety criteria, esp. considering the 
consequence of engine failure and with provision 
for pilot abuse and obstacle avoidance in 
degraded visual conditions (when applicable); 

performance criteria, which are 
combinations of the technical factors impacting 
profitability or efficiency of operations: payload, 
time ... 

noise criteria, which take into account the 
favourable or unfavourable flight conditions in the 
Vh-Vz diagram; 

air traffic criteria, which indicate compatibility 
with alternate approach/take-off paths avoiding 
interference with fixed-wing airport traffic and the 
possibility of freeing runway slots for this traffic 
(applicable to airports only). 

4 PILOTED SIMULATIONS DEMONSTRATION OF 
NEW PROCEDURES- TASK 3 

An engineering department obviously does 
not have the same knowledge and appreciation 
as the crew. After the off-line studies, the 
optimisation manoeuvres established with the 
EUROPA code shall be applied to undertake 
piloted simulations to present and have the 
procedures evaluated by the pilots. It is evident 
that those procedures are set up in close co
operation with the test crew but the risks inherent 
to the flight testing for such procedures calls for 
preliminary evaluation in the simulator which 
could also be used as a training platform. 

For the piloted simulations, three helicopter 
types will be implemented: AS365N, 801 05C 
and Westland 30. Later, the new procedures 
developed during the RESPECT study will be 
demonstrated in flight on the AS365N, 801 05C 
and A109K2. 
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Figure 12 

5 FLIGHTDATA-TASK4 

One needs reliable flight tests to validate or 
reject the analysis tool. These tests should be 
representative of the helicopter's behaviour in the 
emergency phases but shall not necessarily be 
performed in extreme conditions. The proximity to 
the ground or a rig , in particular, is not essential 
to compile the data bank needed to validate the 
helicopter's and/or the engines' behaviour in the 
acceleration, deceleration, climb or descent 
phase with or without engine failure. Some of 
these tests can be representative of the 
procedures scheduled but may also be limited to 
procedure sequences. 

The dynamic performance studies are being 
conducted on a representative range of twin
engine helicopters: Dauphin AS365N, Westland 
30, 801 05C and A 1 091<2 whose operations 
cover a wide spectrum of missions: passenger 
transport linking airports, heliports and offshore 
platforms; EMS to and from unprepared landing 
sites and hospital rooftop platforms; and 
mountain rescue. 

Substantial data bases were available for all 
four helicopters. For the validation of the 
EUROPA code in manoeuvring flight, it was 
nevertheless found necessary to collect 
additional flight data: H-V diagrams, Cat A 
manoeuvres with simulated OEI situations. In 
1998, complementary flight tests were performed 
with a Dauphin 365N operated by CEV and a 
801 05C operated by DLR. Similarly, tests with a 
A 1 091<2 operated by Agusta were performed in 
1999. 



These tests were performed with well
instrumented helicopters. DGPS positioning is 
available for all manoeuvres. 

AVAILABLE FLIGHT TEST DATA 
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Figure 13 

An additional flight test phase is scheduled for 
each of the 3 helicopters for which 
complementary flight tests have been performed 
in the second half of the RESPECT programme 
to check the results of the optimisation study off 
line and in the simulator. 

Note that, for the RESPECT flight trials, there are 
likely to be various flight testing constraints (for 
example it may be necessary to use less than 
maximum engine power, etc). The flight trials will 
be used to check the optimised computed 
conditions, sufficiently far from the ultimate 
performance of the helicopter. 

This involves performing the flight 
demonstration with an extensive knowledge of 
the safety procedures as well as a preliminary 
sensitivity study. The development efficiency 
shall be enhanced, the number of flying hours 
shall be reduced and so will the risks incurred by 
the aircraft and their crew. 

6 RELATIONSHIPS WITH OPERA TORS AND 
AUTHORITIES- TASK 5 

The RESPECT team has established contacts 
with airworthiness authorities and operators, esp. 
via the JAA/OPS Helicopter Sub-Committee. 
HSC observers are invited to some RESPECT 
workshops and are scheduled to participate in 
piloted simulations. After thorough validation, the 
EUROPA code and the general methodology 
developed in RESPECT is expected to be used 
for developing operational procedures and 
limitations in a more accurate and less expensive 
way. On the other hand, the feedback from 
operators is helping RESPECT to concentrate on 
missions and operating conditions where the 
need for an improved methodology is most acute. 
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A web site is being maintained by the 
RESPECT team for the information of interested 
organisations. This site incorporates general 
information on the project and several pages for 
each active task, with a description of what is 
being done, photographs of the test helicopters 
and a short sample movie in synthetic images to 
illustrate one type of manoeuvre computed with 
the EUROPA code. 

http://www.nlr.nl/public/hosted
sites/respectl 

As the phases described above are 
completed, the safety procedures of each 
helicopter are extensively studied upon engine 
failure . The study and the related results are to 
be presented objectively to the certification 
agencies (European agencies first) as for a 
"conventional" certification process. Those 
products to which this process demonstrating 
safety margins or performances shall have been 
applied will naturally prove beneficial to the 
operators. 

7 CONCLUSION 

The RESPECT project aims to develop 
improved rotorcraft terminal procedures and 
airfield operations (i.e. take-off and landing 
manoeuvres) for a wide spectrum of field 
configurations, including, but not limited to, 
airports (freeing-up valuable runway slots), city 
centre heliports, and offshore platforms. The 
project will demonstrate the feasibility and safety 
of the proposed manoeuvres, with regard to the 
performance capabilities of existing helicopters, 
addressing in particular those critical flight 
conditions during which an engine failure could 
endanger the passengers and/or the population 
on the ground. 

The approach to be used to reach this 
objective is threefold: 

1. To establish a common performance 
simulation code and to validate it using flight 
data. 

2. To use this code to analytically optimise 
trajectories and to propose improved 
manoeuvres. 

3. To substantiate the practical feasibility and 
repeatability of these new procedures by means 
of piloted simulations and demonstration flight 
tests. 

This paper reports on the work done and 
results obtained during the first project year. So 
far on-going activities concern the first step 
mentioned above, that is the development of a 
common simulation code named EUROPA 
(EUropean ROtorcraft Performance Analysis) 



able to predict helicopter performances in typical 
take-off and landing conditions. 

For most of the partners the EUROPA 
software developed provides a new tool for the 
analysis of helicopter flight and the prediction of 
dynamic performance. This is also the first time 
that all of the European helicopter manufacturers 
and many of the European helicopter research 
organisations have shared a common 
performance prediction computer code. This by 
itself is considered to be a significant 
achievement. 

The performance/safety methodology to be 
developed and demonstrated in the project has a 
prenormative character: it is expected that 
future airworthiness or air traffic regulations, 
advisory circulars and local heliport rules will 
refer to the methodology developed during this 
study to quantify and validate the take-off and 
landing performance of rotorcraft, either as a 
complement to, or a substitute for, earlier Jess 
accurate methods. 

For the project partners, the creation of a 
common European helicopter performance 
prediction tool will improve their ability to work 
together on future rotorcraft programmes. 

For the helicopter manufacturing industry 
a potential improvement in the take-off 
performance, without any additional production 
cost, should result in a decrease of operational 
cost margins. A more rigorous assessment of 
safety margins and safety enhancements, without 
performance penalties, should also give a 
significant marketing advantage to European 
manufacturers before the new methodology can 
be fully recognised and applied by overseas 
competitors. 

For helicopter operators, increased 
profitability can be expected from improved 
payload performance and a more general public 
acceptance of helicopter operation. 

Concerning Safetv and Environmental 
Impact, the outcome of the project will contribute 
to the development of the public transport 
helicopter as a dependable and safe vehicle 
which can effectively complement the existing 
transportation infrastructure by providing an air 
link to any medium size city within a range of 150 
km of a major airport. 

The main benefit will be to ensure a high 
standard of safety, both for the passengers, and 
for people Jiving in the vicinity of heliports. 
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Helicopter Industry Requirements 

What are the requirements for a future helicopter avionics system? Honeywell talked with many 
helicopter manufacturers, operators, pilots and support personnel to get their inputs to this new 
avionics system design. Helicopter operators in all segements including military, EMS, offshore oil 
and corporate have different requirements and problems to be solved. Thus the system needs to be 
flexible and adapable. 

Here are a few of the inputs that Honeywell received: 

• Must be low cost, 30% lower in cost than today's avionics, for the same functions. 
• Should be able to expand to host new functions of the future (CNS/ATM). 
• One set of hardware that can be used across all models and versions of the helicopter (EMS, 

Corporate, SAR, utility, military, etc.). 
• Should be able to integrate other federated functions including aircraft utilities, HUMS, etc. 
• Easy to learn and to operate new functions, to reduce training of flight crews and maintenance 

personnel. 
• Must meet the more harsh helicopter operating environmental conditions. 
• More reliable, by at least 200%. MTBF measured in years, not hours. 
• Easy to troubleshoot and return to service. Reduce helicopter down time (15 minutes). 
• Reduced operating costs, spares costs. 

Changes in Technology 

Many of the things that customers wanted avionics to do in the past were not possible due to three 
limitations: 

Display technology which used CRT devices that were limited in what they could display and 
still meet sunlight readability requirements. 

Processor limitations which restricted the type of integration capabilities that the overall aircraft 
required. 

Memory storage capacity to handle the vast quantities of data which included terrain, maps, 
charts, navigation data plus documentation such as aircraft manuals. 

These limitations have been removed with the use of modern Commercial Off The Shelf (COTS) 
devices from the consumer PC industry. The challenge has been to take these COTS components 
and certify them to meet various FAA/JAA requirements. This involved development of a new 
operating system and data bus architectures. 

Primus Epic, Honeywell's Next Generation Integrated Avionics System 

The Honeywell design team that developed this new avionics architecture had several members with 
extensive helicopter experience. Thus it is no surprise that the design fits exactly what the rotary-wing 
industry required in a future avionics package. 
This revolutionary new integrated avionics system is Honeywell's response to the industry's request 
for lower cost and higher reliability components as well as flexible architecture that easily permits 
customization to meet end user requirements. 
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Starting with a review of the entire end-to-end process of operating and servicing the aircraft, as well 
as mapping the information exchange that occurs between the entire flight team of pilots, dispatchers, 
air traffic controllers and maintenance technicians, Honeywell designed a system to provide seamless 
execution. Honeywell worked closely with Honeywell's Technology Center, the FAA, NASA and many 
operator advisory boards to ensure that the design utilized the latest concepts that addressed specific 
issues with today's and the future operating environment. 

Honeywell is in a unique position to take commercial off-the-shelf (COTS) devices and integrate them 
into the aircraft while meeting the exacting requirements of the aircraft environment and certification 
mandates. COTS devices, such as processors, LCD flat panels, and high speed bus hardware, 
ensure that the latest technology is available at the lowest cost. The design of the Primus Epic 
system permits upgrades to the system hardware or software, with no impact or re-certification of 
other elements in the future. 

Primus Epic is an open architecture design, with Honeywell providing both software and hardware 
development kits to outside parties to integrate their functions into the system. Already several 
companies have developed functions for Primus Epic system applications. For example, a supplier of 
fuel quantity systems has developed a module that takes the unique fuel sensor inputs and provides 
fuel quantity information to all the other Primus Epic functions in the aircraft for processing, display 
and other calculations. 

A modular design permits the system to be configured to fit the turbine helicopter market as well as 
twin turboprop to regional jet commuter market, plus the entry level light jet up to the new long range 
global business jet segment. This is the first time that the helicopter segment has been able to take 
full advantage of the hardware and software available to other aircraft types. Any function available to 
the regional airlines or business jets, is now available to the helicopter operator. For example, up
linked weather information, electronic charts and maps, integrated maintenance and troubleshooting. 

Modules have very high reliability goals and can be easily replaced by the operator in the field. 
Additional modules can be added when new functions or regulatory requirements exceed the current 
capability of the system. Modules and additional software functions can be added in the field to 
accommodate new mission requirements or assigning the helicopter to a new market. Common 
modules, with other Primus Epic systems, reduces the type and number of spares required. For 
example, any processor module can be used in a helicopter or fixed-wing installation. 

The new Human Centered Cockpit Design uses a Cursor Control Device and pull down on screen 
menus to permit the crew to interface and control the aircraft at a higher level of interaction that in 
today's cockpits. Displays are LCD "flat panels" that provides new capabilities not previously available 
in today's civil aircraft. The aircraft can be configured with a few as two or as many as six displays. 

Safety enhancements include better situational awareness by providing aircraft present position 
integrated on an electronic chart which includes terrain avoidance information. Weather images, from 
ground based radar or from satellite sensors, provides the crew information about conditions far 
ahead of the aircraft along the planned route. This electronic data link with the ground is only the first 
step toward CNS/ATM, and Free Flight that can easily be accommodated in the new Primus EPIC 
system. 

Currently the Primus Epic hardware and software continues in development. First deliveries of 
prototype units has started, and flight testing on Honeywell's company aircraft has been ongoing for 
more than two years. Some elements, such as the unique DEOS operating system have already 
been certified by the FAA and other agencies. Environmental testing, including HIRF levels has 
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started. All of the Primus Epic hardware was designed to the helicopter environmental requirements 
from the very beginning. 

Primus Epic, soon to be flying on the AB-139 helicopter. Fairchild-Dornier 728 and Embrarer 170 
regional jets and the Raytheon Hawker Horizon. 
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After a general presentation of EUCLID and 
CEPA 11, this paper presents the scope and 
some considerations of EUCLID CEPA 11 RTP 
11.9 "Intelligent Training Aids", a project which 
started in January 1998. 

concepts of interactions between the training 
system and the actors taking part in the training. 
The paper describes the model derived from 
works in the fields of human engineering and 
psychology. The model is adapted from what 
has been developed to model the operator 
monitoring a complex system. 
An analysis of general instruction tasks found in 
military training systems is then described. 
Lastly, possible applications of ITA are 
deducted from this cognitive approach, as well 
as from the survey of fielded systems and the 
Consortium's experience. 

The first phase of the study was focused to 
provide the scientific and technical bases for the 
further developments, to analyse literature on 
military education and training, to assess and 
characterise existing training devices in the 
participating countries. 
A global training model is proposed. The 
identified model allows to define the main 
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This work is partially funded by the MoDs of 
France, Germany and Italy, in the framework of 
the EUCLID CEPA 11 program. 

INTRODUCTION 

This paper presents the scope and some initial 
considerations of EUCLID CEPA 11 RTP 11.9 
"Intelligent Training Aids". 
The first goal of the study is to provide the 
scientific and technical bases for the further 
developments, by researching literature on 
military education and training, assessing and 
characterising existing training devices in the 
participating countries. 
During the genesis of this project, two opposite 
approaches were considered. 
The first approach was technology driven; it 
would have led us to answer questions such as: 
what can Artificial Intelligence, Fuzzy Logic, or 
other techniques, offer ? 
This method would have revealed to be well 
suited if the goal of the study had been to 
improve existing training aids by automating 
some of the instructor's tasks, but the aim of the 
Management Group was more ambitious. 
To imagine new, intelligent training aids, it has 
been deemed necessary to identify which 
cognitive processes take place among the 
actors of the training, and to analyse the nature 
of the interactions between these actors and the 
training systems. 
This Jed to the selection of a cognitive 
approach, complemented by field surveys, 
which are presented in the following sections. 

EUCLID BACKGROUND 

European Co-operation for the Long-term in 
Defence (EUCLID) is a structured approach to 
European defence technology development 
which started in 1988 and is now conducted 
under the aegis of WEAO by the WEAO 
Research Cell (WRC) in Brussels. 
EUCLID consists in eleven Common European 
Priority Area (CEPA). Among these, CEPA 11 
addresses Defence Modelling and Simulation 
Technologies. It defines priority subjects which 
are being addressed in Research and 
Technology Projects (RTPs). 
CEPA 11 is comprised of the following bodies: 
• the Steering Committee, chaired by the 

Netherlands, has members belonging to the 
MoDs of twelve European Nato countries, 
and a secretary, Mr Sten Jensrud, WRC, 

• Management Groups (MoD 
representatives) manage the RTPs and 
report to the Steering Committee, 
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• the CEPA 11 Industrial Group (CJG 11 ), 
representing EDIG (European Defence 
Industry Group), advises the Steering 
Committee and reports to EDIG and to the 
companies belonging to national CIGs. 

More detailed information can be found in 
Merison (1998). 

PRESENTATION OF CRITIAS 

CRITIAS, Co-operative Research in 
Intelligent Training and Instructional AidS, 
officially known as RTP 11.9 "Intelligent Training 
Aids", is a 3-nation project undertaken by 
France, Germany and Italy, France being the 
leading country. The contract has been 
awarded on 26 Jan 1998 and the duration of the 
project is three years. 
The industrial Consortium is Jed by the French 
company SOGJTEC, with the participation of 
CAE Elektronik GmbH for Germany, AGUSTA 
SpA and EIS SpA for Italy, and Thomson 
Training & Simulation (TT&S) as the other 
French partner. 

Expected results of CRITIAS 
The main results of CRITIAS will be the 
following: 
• a formally defined set of Intelligent Training 

Aids which are coherent and applicable to 
many training systems, 

• presentation and evaluation of Intelligent 
Training Aids demonstrators developed for 
specific training devices, for which users 
have a significant interest, 

• a rationale supporting the above definition 
and developments. 

What are the benefits of Intelligent Training 
Aids? 
Intelligent Training Aids are methods and tools 
for military training systems that will: 

=> improve the quality of instruction, 
=> provide the instructor with means of better 

preparing and following the training session, 
and preparing and executing briefing and 
debriefing, 

=> support standardised instruction, and 
objective assessment and documentation, 

=> reduce instructor workload and avoid 
distraction from the pedagogical tasks, 

=> provide effective scheduling guidance within 
a set of training means and their sequential 
use, 

=> include specialised expertise where 
necessary or needed for instructor support, 

=> support self training and/or instructor
controlled training. 
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Application domain of Intelligent Training 
Aids 
Intelligent Training Aids will effectively support 
technical and tactical control of military training 
devices which may be: 

• Computer Based Training systems, 
• individual or crew simulators of various 

complexity (PTT, FMS), 
• tactical team training systems and simulator 

networks. 

Training requirements of Air Force, Army and 
Navy will be addressed. 

Structure of CRITIAS 
CRITIAS is divided into four work packages: 

WP1 Analysis of different training devices and 
their instructional use 

WP2 Definition of Areas for Intelligent Training 
Aids Application 

WP3 Definition of Requirements and 
Specification of Intelligent Training Aids 

WP4 Development, Integration and 
Demonstration of Intelligent Training Aids 

The following sections present some insight 
gained during the first stages of WP 1 and 
WP2. 

MODELLING TRAINING 

The study focuses on the military training of a 
person or team through an initial (CBT) or 
advanced (PTT, FMS) training system. In order 
to build a theoretical framework for the study, 
we have investigated existing training models in 
the literature and designed a general training 
model as a baseline. 

This model, depicted in figure 1, is comprised of 
the training system, which we define as a 
technical system encapsulated by training aids, 
interacting with the training actors. The 
technical system can be the real system or a 
simulation of the real system. Examples are a 
simulated cockpit, or a manual presented in a 
digital form (for CBT). The actors are the 
following: 

• a trainee, who has to Jearn the use (for 
operation or maintenance) of a complex 
system, 

• an instructor who is interacting with the 
trainee, mainly to help or assess the 
trainee, 
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• an expert (usually not present during 
training, so shown in a dotted line 
rectangle), who brings expertise to the 
training aids or to the instructor, as well as 
benefit from the experience gained by the 
instructor (and to a lesser extent by the 
trainee, this is not represented in the 
figure). 

Interactions of the instructor with the system are 
possible, for example through the use of an lOS 
for a simulator or through a Jesson planning 
system for a CBT. Interactions of the trainee 
with the system can also be enhanced, as for 
example if hypertext is used to read the 
computerised manual mentioned earlier or in a 
CBT lesson. In this latter example, the instructor 
may be virtual. 

The knowledge that the instructor and expert 
possess pertains to three areas: 

• System (how to operate the training system) 
• Pedagogical (how to transfer knowledge to 

the trainee in an efficient way) 
• Operational (how to use or maintain the 

"real" complex system) 

We now can define an Intelligent Training Aid 
(ITA) as a function resulting from the transfer of 
a cognitive process from the instructor or the 
expert to the training aids. 

-
TRAINING AIDS 

TECHNICAL 
SYSTEM 

TRAINEE ..... l. 
INSTRUCTOR 

Figure 1: General training model 

A trainee model 

In this section, we are interested in modelling 
the trainee learning to operate a complex 
system. We take as a representative example 
the training of the operational activity for a 
military aircraft pilot, who has to achieve the 
goals of his assigned mission while maintaining 
a relative safety. 



A somewhat abstract and theoretical definition 
' of the role of the instructor would consist in 
r affirming that his objective is to modify the 

behavioural model of his trainee. 
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a complete revision. 
The analysis of the representation, the 
objectives and the constraints results in a 
planning of the actions to undertake, in the 
determination of the relevant procedure, then 
finally in the action itself. This action can be: 

• 

• 

• 

an action resulting in an evolution of the 
state of the piloted system itself 
(modification of trajectory, use of the 
weapons ... ); in the following, this last 
concept will be termed action, 
a communication with the other actors 
with whom the pilot co-operates, 
or finally a new search for information. 

In addition, this process is permanently 
simplified by many "short-cuts", which decrease 
the total workload of the pilot. An observation 
can start an execution quasi immediately: this 
happens for phenomena which, to respect 
strong temporal constraints, are treated on a 
reflex mode, or for routine activities which can 
be automated. 

A new state of the process may not require to 
reinterpret or re-evaluate the situation as a 
whole: the solution to this evolution is perfectly 
known, and is treated by the application of more 
or less formalised rules. 

The suggested model, illustrated by figure 2, is 
very largely inspired by the work of Rasmussen 
(1987), already adapted by Van Eslande (1997). 

Figure 2: A trainee model 

During the execution of a mission, the pilot is 
confronted with difficulties which can disturb the 
above-described process and generate 
abnormal operations. 
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In a more concrete way, this means that it is 
necessary that the trainee acquires: 

• 

• 
• 
• 

• 
• 
• 

the theoretical prerequisites, to be able to 
create a mental representation of the 
system, 
elementary skills necessary to action, 
elementary skills necessary to observation, 
elementary skills necessary to 
communication, 
reflexes, 
procedures, 
the capacity to create, to share, and to call 
into question, a representation of the 
situation, 

• capabilities for planning, 
• and finally, a capability to distribute his 

tasks, i.e. to treat at the procedure level 
what pertains to procedures, at the reflex 
level what pertains to reflexes. 

Lastly, these abilities must be used in an 
increasingly complex environment. 

Such a framework of training is more ambitious 
than a conventional definition, which is only 
concerned into directly observable results of the 
actions of the trainee . 
In practice, innumerable difficulties may be 
encountered; by way of illustration: 

• the already quoted example, on the rules 
applied in low altitude flight, shows that the 
"good procedure" concept relates to 
expertise, which is only exceptionally 
formalised; this remark also applies to 
"good planning", 

• how to check the application of a 
procedure? 
On this subject, the above mentioned 
example on low-altitude flying is 
enlightening. Amalberti (1996) points out 
that the trainee pilot applies a method which 
is mostly relative to planning, in the sense 
that he tries to continuously correct an error 
whereas an expert pilot would react to 
thresholds. An analysis of the results of the 
two control strategies (threshold based 
process or continuous regulation) should be 
very sensitive if indications are to be 
deduced on the pilot's level of expertise. 

• Generally speaking, how to observe the 
pilot's behaviour ? What are his intentions ? 
What information is he looking for ? 



This stresses the fact that an instructor may 
need a wide range of aids, with various 
objectives, which have to be assessed in 
relation to the instructor's tasks, as developed in 
the following sections. 

We have also investigated Team Training, for 
which Silverman, Spiker, Tourville, and 
Nullmeyer (Silverman et al., 1996) have 
proposed a conceptual model, which includes 
operational definitions for aircrew co-ordination, 
team performance and mission performance 
models. 

INSTRUCTION TASKS 

We first went through a review of existing 
literature and practices on instructional and 
pedagogical issues of military education and 
training. Focusing on instruction tasks, most 
of the findings related below come from the 
EUCLID CEPA 11, RTP 11.1 (MASTER) and 
RTP 11.3 projects. 

Field Orientation findings 
The instructor is considered the "heart" of the 
training programme. He is the link between 
theoretical knowledge and the real world. Six 
different instructor profiles can be deduced 
from the tasks instructors have to fulfil during 
a training session. These are: 

• planning instructor, 
• test instructor, 
• briefing instructor, 
• exercise instructor, 
• analyst instructor, 
• debriefing instructor. 

It is assumed that a team of instructors can 
perform all above mentioned tasks. During an 
exercise one or several instructors may play 
the role of participants in the scenario, co
ordinated by a chief instructor. 
An important instructor's function is to help 
the trainee to transform the skills learned on 
a training system onto the actual device. This 
transfer is greatly improved by the instructor's 
experience and his capability to advise 
trainee<;. 
Instructors then build up a lot of expertise 
while teaching with the simulator. In most 
cases such expertise is not recorded 
anywhere and get lost when the instructor 
leaves, which, due to the job rotation system 
used in most military services, occurs rather 
frequently. 
Often instructors are not involved in mission 
and ta<;k analysis, but usually they are the 
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ones with relevant knowledge. Usually the 
specification of a training programme is 
system-driven, not training driven. 
Furthermore learning goals are adjusted to 
the possibilities provided by the training 
system, not from a mission and task analysis. 
This might be the reason why so little facilities 
are available to support the instructor in 
evaluation of performances and provision of 
effective feedback. 
Prior to focusing on classifying the instructor's 
tasks we felt the need to fix the process of 
instruction design within a theoretical 
framework. 

An Instruction Design Framework 
Instruction can first be defined as the 
provision of information ex1rinsic to the 
(training) task in order to enhance/induce 
learning in trainees. 
An instructor is then an individual engaged 
in/assigned to delivering instruction. 
Each time he (or she) prepares for the 
instruction a teacher has to determine what, 

. when and how to teach, i.e. what a trainee 
has to accomplish, what the objectives are, 
what the teaching behaviour will be, what the 
schedule is, how to arrange the instructional 
material, how to motivate the trainee, how to 
provide appropriate feedback and how to 
evaluate the trainee's work. 

Approaches to achieve these tasks are called 
"teaching styles". 
The design of the instructional system 
includes definition of the events that take 
place during the instruction, and the 
sequence of these events. 

Based on a cognitive model of a human's 
learning process, the proposed set of 
instructional events consists of nine activities 
(Gagne, 1985). These are: 

• gain the attention of the trainee, 
• Inform of the objective, 
• stimulate recall of prior learning, 
• present the information, 
• provide learning guidance, 
• elicit performance, 
• provide feedback, 
• assess the performance, 
• and enhance retention and transfer. 



Figure 3: instructional events 

The oval set reflects a particular approach to 
present information (a teaching style). 
When followed, these events are intended to 
promote the transfer of knowledge from 
perception through the stages of memory. 

Towards a Classification of Instructor's 
tasks 
Instructors are usually considered as 
teachers whose primary task is to provide 
instruction to the trainees, before, during and 
after training. However, in most cases the 
instructor is also responsible for 
administrative and operational duties that are 
part of designing and maintaining a training 
programme, but also to run and to maintain 
the training system itself. All these 
responsibilities and duties combined result in 
a wide range of tasks of today's instructors. 
To classify the instructor tasks five categories 
were defined. 

Administrative and organisational tasks 
General organisational and administrational 
tasks related to the training and training 
programme. This includes the design of 
scenarios, but also the management of the 
trainee database. 

Pedagogical tasks 
Tasks that especially involve the pedagogical 
knowledge of an instructor, e.g. to help the 
trainee to transfer the skills learned on the 
simulation system onto the actual device. 

Instructional tasks 
Tasks to execute a training session, e.g. to 
change display/instrument settings available 
to the trainee. 

Additional tasks 
All tasks that can't be assigned to one of the 
above categories, e.g. to play the role of an 
active participant in the scenario (like an 
opponent, a wing-man or a co-pilot). 

Above tasks have not necessarily to be 
fulfilled during all training sessions and from 
all instructors. The tasks an instructor has to 
perform will vary depending on the kind of 
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training device, the training objectives, the 
characteristics of the trainee, the number of 
trainees, the number of instructors, etc. 
Whatever the kind of knowledge involved, 
any of the above mentioned tasks can, to a 
certain extent, cause distraction from the 
actual task of an instructor: to provide an 
optimum training to the trainees. 

INTELLIGENT TRAINING AIDS 

The first step is to review existing training 
devices and training aids used within military 
organisations in order to focus on significant 
areas of improvement related to possible 
Intelligent Training Aids. Focusing on different 
domains, most of the findings below come from 
a survey of in services training systems and 
interviews to instructor conducted for RTP 11.9. 

Possible expert ITA 
Bringing some expertise to the training aids 
requires modelling knowledge and skills 
possessed by a subject matter expert. Expert 
training aids encompass the different kinds of 
knowledge involved in training and instruction 
activities, which can be summarised in four 
different areas (Orey and Nelson, 1991; Orey, 
1993; Mitchell, 1993) as illustrated in figure 4. 

An expert training aids is based on knowledge 
about what is being taught, the domain 
knowledge, knowledge about the level, the 
strengths and weaknesses of a particular 
trainee at a particular moment, the trainee 
knowledge, knowledge about instructional 
strategies, the pedagogical knowledge, 
knowledge about the way to present information 
to and get information from the trainee, the 
instructional knowledge. 

·············-·············· ················································: 

:~TIWNN'JME 

~--···········································································; 

Figure 4: expertise areas 

Domain knowledge 
Expert domain knowledge addresses the 
behaviour (in terms of both actions and 
reactions) expected from an experienced 
trainee/crew in a given situation. 
In conventional PTT and FMS training systems, 
such expertise remains the property of 



instructors and is not transferred to the system. 
The expertise is built up while teaching with the 
simulator and it often is lost when the instructor 
leaves. 
A possible axis of development for ITA is then to 
provide the training system with a formalised 
representation of the domain knowledge, e.g. a 
set of «fuzzy logic» rules that reflect a reference 
behaviour extracted from subject matter experts. 

Trainee knowledge 
Trainee knowledge addresses the 
representation of what the trainee knows about 
the domain and what he/she does not know, 
just like a human teacher being able to monitor 
the trainee's knowledge status. Such knowledge 
has then to be updated continuously by the 
instructor. 
Monitoring and updating the trainee's 
knowledge remains however a difficult task, a 
possible axis of development for ITA is at least 
to provide the training system with the entrance 
and expected levels of proficiency of the trainee 
and with data computed from the trainee's 
behaviour for a further comparison with the 
expert domain knowledge model. 

Pedagogical knowledge 
Expert pedagogical knowledge addresses the 
expertise needed to teach the domain 
knowledge in an efficient and adequate way. 
In conventional training systems (e.g. CBT) 
most of these decisions are taken beforehand 
by scenario designers. Decisions are pre
programmed and the way of teaching is usually 
not adapted during the lessons to a particular 
trainee's periormance. 
A possible axis of development for ITA is then 
to provide the training system with capabilities 
to adapt its teaching strategy dynamically, and 
to react or to help the instructor to react 
adequately to the pertormance of the trainee. 

Instructional knowledge 
Expert instructional knowledge addresses both 
the presentation to the trainee of the task 
environment, the exercises and the instructional 
interventions by the system or the instructor, as 
well as the recording of the trainee's responses 
and other periormance variables. 
A possible axis of development for ITA is then 
to provide the trainee with augmented cueing 
and feedback tutoring facilities, as well as 
inclusion of functional explanations in the 
technical system based as much as possible on 
self-explaining interiaces. 

Levels of expertise for ITA 
During the course of RTP 11.9 different levels 
of expertise for Intelligent Training Aids were 
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defined. The definition follows the idea of 
increasing complexity of an intelligent system 
and increasing abstraction of the inputs into the 
system, thus reducing the instructor's workload 
during training level by level. 

Intelligence can be defined as the ability to 
learn, to reason and to understand. For a 
technical application this means that an 
intelligent system itself has to have the ability to 
analyze data, to understand the data, to find 
commonalities and to draw conclusions from 
this point. 

Figure 5 shows an intelligent system, it is 
possible to recognize that the main elements 
are the database and the rule base. The rule 
base determines how new data and rules have 
to be acquired. The significant part is the 
intelligent system's ability to change its data 
base and rule base by itself. That means the 
system will be able to learn. 

'--__,[;_;]'----------' 
• -·--~~-· 

Figure 5: Intelligent System 

Transferring this model to the application of an 
optimum intelligent training aid, the system must 
have the expert knowledge of an instructor 
which was described above: domain, trainee, 
pedagogical and instructional knowledge. 

In respect to training the gathered knowledge 
will allow the intelligent system to analyze, to 
understand and to assess previous and current 
training situations and to foresee upcoming 
situations. 

The figure shows an intelligent system at its full 
extent, and - following the definition of 
intelligence given above - it is the only system 
that can be strictly called intelligent. However, 
for the specification of ITA, the following levels 
were defined to individuate increasing 
complexity of an ITA application and 
discriminate on technological efforts capable to 
sustain them. The different levels represent 
different achievable levels of ITA. The levels 
are: 



0) Ergonomic design of a man-machine
interface 

1) Applying simple and static rules to the 
input 

2) Increased flexibility by taking into account 
information from the data base 

3) The system supports automatism to 
select compound actions from a 
database 

4) The system is able to expand its 
database by means of fixed rules 

5) The system is capable to analyze its 
database, find commonalities and expand 
it, creating new data 

6) The system is capable to create new 
rules 

In respect to the expert knowledge that is 
involved in training and instruction activities (see 
expert ITA described above), the intelligent 
system has at least to incorporate expert 
knowledge starting from level 2. Beside the 
instructional knowledge, which is needed to 
present information to and get information from 
the trainee, the ITA has to have knowledge 
about the actions and reactions expected by the 
trainee (domain knowledge). As these actions 
can depend on the trainee's representation of 
the domain, trainee knowledge has to be 
incorporated into the ITA for a more precise and 
adequate assessment. The pedagogical 
knowledge, which addresses instructional 
strategies, has to be transferred to an ITA to 
promote the ability of automatic and intelligent 
intervention or to provide training systems with 
the capability of automatic and dynamic 
adaptation of teaching strategies. 

Toward a classification of ITA 
In today's training systems, there is a distinct 
need for improved tools supporting the 
instructor in all the training phases that for our 
study have been distinguished in preparation, 
briefing, supervision, assessment and 
debriefing. 
These training phases are common to every 
type of existing training devices (e.g. CBT, PIT, 
FMS, C31) and consequently a classification of 
IT A can be proposed. 

For the purpose of ITA classification we found a 
global approach would be more suitable to 
reach a comprehensive definition, being the 
analysis based on detailed investigation to find 
out either instructor's expectation inside the 
military organisations or known possible areas 
of technological research to support enhanced 
tool functionalities for the technical system. 
Following that approach General Areas of 
Interest have been identified for the ITA. 
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Common aspects in the instructional needs 
respect to the training phases were logically 
grouped into GAol software components. 
General Areas of Interest ITA are respectively: 

=> Training Design 
=> Automatic Intervention Support 
=> Scenario Design 
=> Assessment Support. 

As first consequence of the above definition we 
recognised common instructional needs, i.e. 
"user requirements" to be supported by a GAol 
ITA, covering more than one instructional phase 
whenever the instructor's tasks are correlated. 
As an example having an intelligent tool to 
author a scenario taking into account the 
specific training objectives (e.g. procedural, 
combat, tactical) could be also of interest for 
assessmenVdebriefing purposes and support 
the programming of assessment criterias/rules 
during the early stage of training design. 

Training Design 
The training design GAol ITA high level 
functional requirements are training program 
authoring, training program optimisation and 
training objectives authoring. That means an 
ITA tools in this case should be at least capable 
of all the following: 
a) provide means to define training programs in 

terms of courses, subjects, training 
objectives, temporal data, scenarios, training 
devices 

b) provide means to evaluate training programs 
and their constituent elements (training 
objectives, scenarios, trainee performance, 
training devices) in accordance with different 
instructional strategies 

c) provide means to document instructor 
defined criteria into the training program 
definition 

d) provide means to track current trainee 
performance and optimize training programs 
accordingly 

e) provide means to suggest training programs 
modification in accordance with investigated 
trainee's performance deficiency 

f) provide means to suggest training programs 
modification in accordance with inadequate 
training devices capabilities 

g) provide means to validate the correctness of 
a training program 

h) provide means to optimize training programs 
on an individual basis, if requested 

i) provide means to manage trainee info into a 
centralized database 

j) provide means to document trainee 
competence and skills into a centralized 
database 



( 

k) provide means to import/export data from 
the training design data base to/from the 
training devices scenario and trainee DBs. 

Automatic Intervention Support 
The automatic intervention support GAol ITA 
high level functional requirements are 
automated briefing, augmented feedback and 
intervention support. That means an ITA tools in 
this case should be at least capable of all the 
following: 
a) provide means to support augmented 

feedback to trainee in accordance with the 
specific difficulties 

b) provide means to modify training 
environment accordingly to current trainee 
skills 

c) provide means to support tutor training 
environment 

d) provide means to adapt level of training on 
current trainee performance and learning 
acquisition 

e) provide means to support augmented 
feedback to instructors on current training 
situation for conditions/procedures evaluated 
of relevance for instructor's intervention 

f) provide means to support automated briefing 
on training objectives using functions 
embedded within the training system itself 

g) provide means to support instructor 
intervention mainly on critical situation 

h) provide means to support analysis of the 
current training situation and tracking of 
instructor choices 

i) provide means to record feedback to trainee 
as a way to maintain awareness of current 
trainee's performance 

j) provide means to analyse and classify the 
errors made by the trainee. 

Scenario Design 
The scenario design GAol ITA high level 
functional requirements are scenario authoring, 
scenario testing and evaluation, interpretation of 
external (intelligence) data, import/export of 
data. That means an ITA tools in this case 
should be at least capable of all the following: 
a) provide means to define/design a scenario 

using an high-level hierarchical tool that 
does not require specific programming 
competencies 

b) provide means to test and evaluate a 
scenario using a dedicated expert tool 

c) provide means to define and program 
assessment criteria and/or automatic 
actions/events 

d) provide means to support analysis and 
evaluation of scenario situation with 
particular relevance to prediction of possible 
scenario evolution 
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e) provide means to support analysis of the 
current scenario situation to support possible 
instructor's intervention and supervision 

f) provide means to design a new scenario 
using collected data from debriefing 

g) provide means to support briefing/debriefing 
and generate briefing and debriefing materiel 

h) provide means to generate take home 
packages 

i) provide means to import/export of external 
data. 

Assessment Support 
The assessment support GAol ITA high level 
functional requirements are relevant to a more 
objective and standardised trainee evaluation, 
training programs/scenario re-authoring on the 
base of assessment results. That means an ITA 
tools in this case should be at least capable of 
all the following: 
a) provide means to re-design a new scenario 

using assessment results 
b) provide means to support assessment on 

the base of rules/criterias for different type of 
training (i.e. initial/advanced/tacticaVteam) 

c) provide means to program assessment 
rules/criterias 

d) provide means to support instructor 
assessment by means of specific contextual 
info pages 

e) provide means to support automatic 
evaluation of procedures 

f) provide means to support instructor in the 
analysis of assessment data by means of 
specific expert tool for different type of 
training (i.e. initiaVadvanced/tacticaVteam) 

g) provide means to correlate assessment 
results on subsequent steps of a training 
program 

h) provide means to identify relevant sequence 
of a training session for debriefing 

i) provide means to generate debriefing 
materiel 

j) provide means to optimise training program 
on the base of assessment results. 

The functional requirements stated above for 
each GAol ITA were being detailed into 
software requirements and general 
specifications in the next project steps. 

CONCLUSION 

We discovered the cognitive approach fully 
addresses the core of the problematic. 
Regrettably, doing the literature survey for this 
first task of the study, we found that there are 
few papers on military training addressing the 
instructor, the trainee and the training system 



with a systematic approach, which is what we 
have tried to achieve. 
Notably, the contribution of RTP 11.1 to 
CRITIAS has proved to be a major one for it 
has allowed to build the foundation of the 
framework the Consortium will use and enrich 
throughout the study. 
The cognitive approach also helps to zoom out 
the idiosyncratic features of existing training 
aids and/or instructors' praxis, analysed in RTP 
11.2 and RTP 11.3, and then makes it possible 
to formalise a more general framework of 
modern military training. 
This framework provides guidelines to imagine 
innovative Intelligent Training Aids, that will 
improve the efficiency and the standardisation 
of the whole training process. At that stage, 
state of the art technology can be brought in to 
design ITA. 
It will then be left to the craftsmanship of the 
Pedagogical Architect (Mayou, 1998), mastering 
both the technological aspects and the 
pedagogical objectives, to design the training 
means in full coherence with the training 
course. 
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I. INTRODUCTION 
GKNWHL have been conducting studies and assessments over a number of years concerning the 
development of flexible, integrated, modular helicopter avionic systems. Future avionic systems 
are expected to have evolved from the federated types, seen on platforms such as Merlin Mkl and 
Heliliner, to integrated modular types in the next generation of future maritime, military transport 
and civil helicopters. This move is the result of a number of pressures on the aerospace and 
avionics industry to address issues such as controlling life cycle costs, overcoming obsolescence, 
and providing increased functional performance and flexibility within tight budgetary constraints. 

Future developments in aircraft avionics also have to take into account the rapidly changing 
microelectronics market. Aircraft in service now and those due to enter service in the near future 
are faced with the prospect of electronic component obsolescence and subsequent supportability 
problems. The problem is made worse by semiconductor manufacturers withdrawing specialist 
support for the small volume market that avionics represents to concentrate on the high volume 
commercial markets driven by the expansion of personal telecommunications and computing. This 
paper examines some of the key issues that GKN Westland Helicopters (GKNWHL) have been 
addressing in their efforts to understand the changes that will be necessary for future systems and 
to identify an effective solution. Like many other companies in the aerospace community, 
GKNWHL are looking at the concept of modular avionics for the solution. This paper considers 
how the modular avionic concept could be applied to future versions of the EH I 0 I helicopter. 

2. MODULAR AVIONICS 

Modular avionics promotes the use of common, standard components. The concept involves 
defining standard software components and a limited range of common hardware modules. The 
modular approach encourages the use of "open standards" which are expected to come from the 
commercial market and are ideally long lived. The standards are required to fit in a framework, 
see Figure I, with well defined hardware and software interfaces as appropriate between the 
application, operating system, hardware drivers and hardware. These open standard interfaces 
enable elements of the system, in particular the hardware, to be replaced by newer designs and 
thus deal with obsolescence. 

Application Application 

Application to ··· ··· ···-··-·· ···-·· ···-··-·· ·+·-·· ···-··-··-··-··-··-·· ······ ···--·-··-·· ··· ···-····· ··· ··· ·-- ··+··· ··· ··· ··· ··· ··· ··· ··· ···- ·· · Operating System 
Interlace {APEX) 

Operating System -------·- Operating System 
(System Services) (System Services) 

I I 

Hardware Drivers Hardware Drivers 

Operating System 
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Figure 1 Framework for Open System 
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The standard components are designed for use across a range of platform types and are thus 
interchangeable and reusable. This is of particular benefit to a multi-role platform such as the 
EH l 0 l where a number of versions could be in service with the UK armed services and civil 
operators. For a platform that may be in service for up to 30 years, the flexibility offered by a 
system that conforms to the open system framework is particularly important. 

Modular avionics means different things to different people, it not only promotes the concept of 
common hardware and software with established interfaces defined by the framework, but 
presents a number of other options and challenges as well. These include: 

• greater functional integration - requiring techniques to protect functions from each 
other if they are running on the same hardware module. 

• mixing solutions from different vendors - the infrastructure created for the modular 
system should enable software functions from different vendors to be hosted on the 
same hardware module, or at least in the same enclosure. 

• reconfiguration- enabling the introduction of maintenance free operating periods. 
• new packaging concepts - enabling space and weight to be minimised. 
• the use of "smart" localised resources - taking the digital domain out to sensors and 

effectors. 
• incremental qualification and certification - allowing changes such as the addition, 

modification or removal of functions to be achieved without having to undertake 
significant re-test of the system. 

The above list, the framework and the "openness" are the key elements of a modular system. The 
problem faced by aerospace companies is how to realise a modular system and which of the 
modular features listed above should be implemented. The drivers for this are cost and ability to 
meet operational requirements. The usual model for this position is represented by the cost versus 
capability curves as shown in Figure 2. 

Stand-alone Systems 

Integrated Modular Systems 

Functionality 

Figure 2 Cost Versus Capability Curves 

The curves suggest that investment in moving from a non-modular system to a modular system 
will result in cost savings in the longer term as capability can be enhanced in the modular system 
at less cost than in a non-modular system. GK.NWHL, through their studies, have been testing this 
relationship to understand whether the promised advantages will be realised. 
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3. BACKGROUND 
An example military EHlOI system is shown schematically in Figure 3. It comprises a core 
element which is broadly common to both civil and military variants and features: 

• Aircraft Management System 
• Electronic Instrument System 
• Automatic Flight Control System 
• Navigation System 
• Communication System 

These core systems are interconnected in military variants using a combination of MIL-STD-
1553B and ARINC 429, and in civil variants using ARINC 429. 

. . . . 
~-········=····~·····•··········· 

Electronic 
• - • - lnsrrument 

•• • • • •• Video 

- 15538 
,-·-·-·-·-·, 

- • ,; A429 ; 
' ' 

System ............... .:. .... "'".. . .............. .... 
I 

omatic Aut 
Flight 

Sy 
Control 
stem 

r 

I 

Aircraft 
1-·-·-·- Management 

System 

I I . 
NAV 

1 
rCOMM~ RADAR 

Mission 
Management 

System 

I 

ESM II SONICS II DATA II DIGIT ALl 1 
LINK MAP 

Figure 3 Current EHIOI Architecture 

Some of the variants, principally the military, feature a mission system fit. It is conceivable that a 
non-military variant could have a mission system of some form, perhaps a radar console in support 
of fisheries protection for example. The two EH 10 I variants entering service with the UK armed 
forces are the Merlin HM Mkl and HC Mk3. 

The Merlin HM Mkl mission system features: The Merlin HC Mk3 mission system features: 

• Mission Management System • Forward Looking Infra-red 
• Radar System • Defensive Aids 
• Active Dipping Sonar 
• Sonics System 
• Data Link 
• Digital Map 
• Electronic Surveillance Measures 

These mission systems are interconnected using a combination of MIL-STD-1553B and ARINC 
429. 
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All EH 101 variants feature complex video distribution systems managed by the Electronic 
Instrument System for the flight displays in the cockpit and from mission related graphic 
generation devices for the mission displays in the cabin and the cockpit, these can be seen in 
Figure 3. 

3.1. FUNCTIONAL INTEGRATION 
Avionic systems have become evermore sophisticated, with aircraft such as the Royal Navy's 
Merlin HM Mkl incorporating radar, sonics (both active and passive), electronic surveillance 
measures, digital map and data link in the mission system. The task of managing these resources 
requires careful system design to ensure that workload is manageable, both in the cabin and the 
cockpit. For future systems with greater functionality, it is expected that the crew interface and 
support systems will develop to ease the workload. The result is functional development which 
requires ever closer integration of the various systems, particularly through the mission 
management system. GKNWHL's aim is to ensure that the functional integration is achieved in a 
cost effective manner and is supportable in-service, accommodating changes as a result of 
customer desires and technological development. 

3.2. FLEXIBILITY 
Flexibility is a key requirement for future aircraft, and this is particularly the case for helicopters. 
Customers are looking for products that are: 

• Cheaper to acquire and operate. 
• More flexible in use, to maximise the return on a relatively expensive asset. 
• Easy to modify and adapt to take on new roles and satisfy changing requirements. 
• More effective, without increased cost. 

GKNWHL perceive the EHIOI as providing a very flexible yet adaptable asset. Avionic system 
development towards a modular avionic solution is seen as potentially enhancing the flexibility by 
enabling rapid changes of role with the removal of equipment when the role change requires it, 
even with the higher level of functional integration expected of future systems. An IMA system 
would support this change in configuration through the developments in the software architecture 
with well established interfaces, particularly between the application and operating system, and 
with configuration management functionality within the operating system. Thus a change from an 
anti-submarine warfare role to a search and rescue role would see the removal of equipment from 
the cabin to provide additional space. The reversal of the role would involve re-instatement of 
equipment. In both cases there would be a need to run quick and effective test routines to validate 
system operation in the changed role. 

The flexibility required of the avionic system extends to the sensor equipment fit itself. There is 
the need to be able to offer customers the option of fitting their preferred sensor systems, while 
retaining the overall integration and ultimately performance of the complete platform. The choice 
of sensor fit is very often driven by the desire to support specific industrial organisations and to 
provide a degree of offset that will help secure the sale of the helicopter. Once again, the software 
architecture will play a key role in enabling application software to be readily adapted. 

4. SOFTWARE ISSUES 
The framework for open systems shown in Figure I supports a software architecture that 
encourages the development of applications which exhibit independence from the hardware 
platform. The key feature of such a software architecture is the application interface, as shown in 
Figure 4. There has been much work to develop this application interface which in the long term 
will enable software re-use. The operating system that underlies the interface is also expected to 
support multiple applications in protected partitions, ensuring that at run-time, memory protection 
is achieved which guarantees the integrity of the applications. 
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Figure 4 Example Software Architecture 

5. MODULAR AVIONIC SYSTEM PROJECTS 

Integrated modular avionics has been the subject of much study and some trials, with efforts 
taking place in the UK supported by the Ministry of Defence and by the Department of Trade and 
Industry through the CARAD budget There have also been considerable efforts in the US, where 
platforms such as the F-22 Raptor the RAH-66 Comanche and the Boeing 777 have led the way 
with modular avionic systems. The key elements of these modular systems are: 

• Common modules- both hardware, software and communication 
• Common interfaces- ideally conforming to an open standard 
• Functional integration 
• Reconfiguration 
• New packaging concept 

The various modular avionic system projects present a number of options to the avionic system 
designer, making the task more difficult in determining the route to implementing a modular 
system from the currently available systems or those under development. Some of the options 
include the adoption of truly commercially derived technology (i.e. VME), the US military 
modular technology as proposed for F-22 and RAH-66 (although the commonality between these 
two platforms has been difficult to maintain), civil IMA as defined in ARINC 651 and its 
associated documentation and the European military solution being pursued through the Allied 
Standard Avionics Architecture Council (ASAAC). 

5.1. US PROGRAMMES 
The US military technology, based around the Standard Electronic Module type E (SEM-E) 
supports the key elements of an IMA system, but is based around two data bus standards that are 
unlikely to find continued support beyond the F-22 and RAH-66 programmes. These standards are 
the AS4704, High Speed Linear Data Bus and the AS4711, PI-Bus, both developed through the 
Society of Automotive Engineers. Developments in support of the Joint Strike Fighter will 
determine the long term viability of these bus standards, but it seems unlikely that they will feature 
in that programme. 

5.2. ARINC EFFORTS 
ARINC standardisation of IMA through the 600 series has not yet provided the infrastructure to 
fully support the development of IMA for civil aerospace systems. The Boeing 777 took the first 
step, but again the use of two data buses, ARINC 629 and ARINC 659, bespoke aerospace 
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solutions, has not been followed by other aerospace companies. The cost to connect to ARINC 
629 is considered by many to be prohibitive and neither are truly open standards. 

5.3. ASAAC 
The work being undertaken as part of the second phase of the ASAAC programme is focussing on 
making best use of commercial technology and is therefore hoping to ensure that elements that 
will be "standardised" are effectively already open standard solutions for which an avionic variant 
can be easily defined. The only drawbacks with the ASAAC solution are target platform and 
timescale. The target in the UK is the Future Offensive Airborne System (FOAS) and its in
service date is 2018. GKNWHL perceive the need to employ IMA in the nearer term and need to 
ensure that any solution adopted is not at variance with the developments in the ASAAC 
programme. 

5.4. COMMERCIAL VME 
Finally, VME and supporting commercial software is being given some impetus through two UK 
aircraft programmes, - both the RAF's Harrier GR7 and the RN's Harrier FRS2 are receiving 
mission system upgrades which will see the introduction of ruggedised VME and commercial 
operating systems. This is an interesting first step to an integrated modular system, enabling 
additional functions to be brought into the mission computer, but does not introduce other features 
of a modular system such as reconfiguration and a new packaging concept. 

5.5. GKN-wHL PROGRAMMES 
GKNWHL have recently completed one and are involved in a second programme which focuses 
on the concept of Integrated Modular Avionics. The first programme, supported by a grant from 
the UK Department of Trade and Industry, was the P ACTS-21 (Platform Applications for 
Commercial aircraft Transport Systems for the 21 '' Century) programme, involving collaboration 
with key UK aerospace companies including BAe Airbus, Smiths Industries Aerospace, Marconi 
Electronic Systems and Lucas Varity Aerospace. The second is a UK Ministry of Defence 
supported programme called ReACH (Realisable modular Avionics Common across Helicopters) 
which is being conducted in collaboration with the Defence and Evaluation Research Agency 
(DERA) based at Famborough together with Marconi Electronic Systems (MESL). 

5.6. PACTS-21 
The PACTS-21 programme had a civil aircraft focus, for which GKNWHL chose to examine the 
civil variant of the EH I 0 I, Heliliner. Through this work, GKNWHL examined a number of key 
issues and developed a simple commercial based modular rig. The key elements of study were: 

• Asynchronous Transfer Mode, 
• Future Avionic Architectures, 
• the Systems Engineering process for complex systems and 
• a Case Study to bring the elements together. 

It has already been suggested that one of the problem areas for future modular systems is to adopt 
a data communication network that is an open standard solution and is long lived. Added to these 
the data communication network should also provide growth in terms of bandwidth and 
connectivity. Asynchronous Transfer Mode (ATM) is seen as a potential solution to the 
communication problem, providing a packet switching technique which has been devised to 
support a range of services including video, audio and data. GKNWHL have used ATM as the 
transfer mechanism between single board computers in their modular rig. 

A packet switching network provides the opportunity to unify the network type within the avionic 
system, removing the need for separate backplane, data and video interconnects. The designer has 
the option of segmenting the system into different functional areas. Thus an A TM switch could 
provide circuit switch type operation (still using packets) in support of video data transfer and pure 
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packet switch operation within the core of the system, as shown in Figure 5. In the mission area, 
which was not studied in the PACTS-21 programme, mixing the high bandwidth segmented data 
with lower bandwidth messages is a possibility. 

Automatic 
Flight Control 
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Cockpit Displays 

Electronic 
Instrument 

System 

Aircraft Mission 
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System System 

:'----AA~TM ~~ 

SONICS 

Figure 5 ATM Connected Architecture 

A TM is not the only data communication systems option, alternatives are switched ethemet 
variants, Fibre Channel and Scalable Coherent Interconnect. It is likely that the first aerospace 
project to choose one of these networks will drive others to follow suit. 

The PACTS-21 programme also enabled GKNWHL to examine the use of computer aided system 
engineering tools to support the systems engineering process in the development of complex 
systems. It is clear that if system designers are to succeed in their task with ever more integrated 
systems that good requirements management, function definition, design analysis and 
test/certification tools are necessary to manage the programme. GKNWHL were able to: 

• capture and analyse requirements and link them into a functional definition using tools 
such as System Architect and RDD 100. 

• to analyse elements of the design using tools such as BONeS and Stalemate and 
• to implement the behaviour of a chosen function (the Communication-Navigation

Surveillance/ Air Traffic Management described in ARINC 660A) in Stalemate and use 
its autocode facility to produce an application onto the modular rig. An integrated 
software development environment, Rational Apex was used to suppon this process. 

One of the important lessons learned from this exercise is that much work is needed to improve 
the flow of information through the set of tools that can support the systems engineering process 
for modular systems. This flow of information is important to record and trace design decisions 
and to support the certification process. 

5.7. REACH 
The ReACH programme has a military focus, taking Merlin HM Mkl as the baseline helicopter 
and Merlin Mk2, Future Amphibious Support Helicopter (F ASH) and Future Light Battlefield 
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Helicopter (FLBH) as the future target platforms. The main objective of the programme is to 
measure the worth of introducing IMA into these target platforms. The key stages of the 
programme are: 

• Requirements and functional definition of the various platforms. 
• Definition of realisable technology and architecture. 
• Assessment of performance and costs of the system. 

GKNWHL are responsible for the requirements and functional definition for which RDD I 00 is 
being used to manage the process. The tool is being used to capture the baseline requirements for 
Merlin HM Mkl and then to record changes that are required in the form of additional, modified 
or removed functions. 

Marconi Electronic Systems (MESL) have undertaken the technology and architecture scheme 
study which has identified technology that is realisable now or in the near term. The term 
realisable is specifically used as the aim is to understand what could be used in aircraft in the next 
few years and to understand how it will develop with time. One of the important goals is to ensure 
that the ideas developed in ReACH are not out of step with those of ASAAC. MESL's work in 
ReACH has involved defining the modules for a near term system and expanding upon their use 
within a processing group. This would for example, take the architectures shown in Figure 3 and 
Figure 5 to that of Figure 6 which shows a simplified form of the architecture with modular 
processmg groups. 

Cockpit Displays 

ATM 
Switch 

Cabin Mission Displays 

Figure 6 Architecture with Modular Processing Group 

DERA and GKNWHL will take the functional definition and map the functions to the architecture 
scheme devised by MESL (not necessarily using ATM as the interconnect). The fully mapped 
architecture is then in a position to be analysed using tools available at DERA, in the form of 
performance models developed for SES Workbench, and at GKNWHL using Price H'" and s'" as 
well as Arena® to determine development and manufacturing costs as well as life cycle costs. 
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The architecture shown in Figure 6 is not special to helicopters The area that requires specific 
attention for helicopters is that of packaging of the new modular elements. 

6. NEW PACKAGING CONCEPT 
There has been much work on the various modular avionic programmes to devise methods to 
package and install the common modules, providing the necessary infrastructure to connect, 
remove heat and protect the module from the environment. The heat removal requirements of 
some module designs has led to the proposed use of liquid cooling via heat pipes. The modules 
also rely on edge ribs to remove the heat from the components and wedge locks to hold the 
module in place. Wedge locks are a hindrance to the removal of heat. By looking at the uses that 
the sides of module are put to GKNWHL have identified an alternative approach to packaging
the clamp stack approach. 

B 
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D 
Figure 7 Module Side Names 
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The clamp stack modules are held in place 
by clamping forces applied at either end of ~ 
the module set. The resulting arrangement 
frees the path for heat flow, removes 
heavy heat sinks and wedge locks and 
edge ribs and has a reduced parts count. 
The modules rely on float mounted 
connectors. 
This module packaging arrangement has 
considerable advantages for helicopter 
systems as it is expected to be up to 50% 
lighter than conventional packaging 
designs. 

7. RECONFIGURATION 

Side A gives access for inserting and extracting 
the module to the rack. 

Sides B and D provide access for the coolant. 

Side C is taken up by the connectors. 

This leaves sides L and R to be used for 
mounting. 

INTERNAL 
CLAMPING FORCES 

Figure 8 Clamp Stack Arrangement 

It was suggested in Section 2 that with a modular system it is possible to introduce the concept of 
maintenance free operating periods (MFOP), that is the avionic system is able to tolerate faults 
and hardware failures for specified periods of time. These periods of time are designed to align 
with major maintenance activities of other aircraft systems. The MFOP is achieved by providing 
spare resources, common modules, within the avionic system that are available to a number of the 
avionic functions. This is in contrast to current practice where duplicate, complete line replaceable 
units (LRU) are provided one as a backup for another. In this case, the resources in the spare LRU 
are not available to other functions in other LRUs. 

The technique of using spare, unassigned resources in a modular system is generally termed 
reconfiguration, see Figure 9. Two distinct forms of reconfiguration can be considered, static and 
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dynamic_ Dynamic reconfiguration is designed to occur during avionic system operation in flight 
while static is targeted at recovering the functional capability of the aircraft on the ground_ 

Developments in the performance of built-in-test systems, enabling accurate fault detection, 
identification, location and isolation are vitaL Work at GKNWHL has involved identifying 
techniques that can be applied at the various layers of the system framework, at the application, 
the operating system, drivers and hardware. 

Some of the built-in test techniques identified included: 
• syndrome pattern matching; the use of diagnostic look-up tables derived from failure 

mode and effect analyses, modified to include environmental information from 
temperature and stress monitoring devices and operational experience_ 

• boundary scan testing; a well established technique for testing digital circuitry which 
relies on the components embodying boundary scan facilities_ 

• n-version programming; where multiple variant versions of a software application are 
used to detect the failure of a software function by the comparison of the outputs of the 
different versions. 

The application of reconfiguration, particularly in its dynamic form is considered high risk, and 
will probably be limited initially to non safety critical systems, specifically in the mission system_ 
The action of reconfiguration must be pre-defined at the design stage in order that the appropriate 
test and validation of the effect can be fully determined. 

RADAR 
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Reconfiguration 
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Figure 9 Reconfiguration of a Processing Group 

8. EXTENDING THE DIGITAL DOMAIN 
There is an opportunity with the introduction of modular avionics to extend the digital domain to 
all parts of the aircraft The modular approach seeks to bring processing functions to the centre of 
the system enabling resources to be shared effectively between these functions and take advantage 
of spare modules to support the reconfiguration strategy_ On the other hand, the placement of a 
particular modular component away from the centre of the system is designed primarily to reduce 
weight, but also improve system reliability_ This component is termed a remote data concentrator 
(ROC) and has a number of specific uses. As its name suggests, it provides a means to gather up 
sensor data, normally of a low bandwidth, in a remote part of the aircraft and transmit it in digital 
form over a data network to the central processing resource_ The ROC can also contain 
functionality which can provide local control of a system element and thus becomes a "smart" 
RDC. 
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Work by Lucas Varity within the PACTS-21 programme was particularly concerned with the use 
of smart RDCs in fly-by-wire actuator control architectures. Lucas focused upon the use of a 
generic smart actuator controller which was designed to be fitted to the secondary actuators of a 
fixed wing aircraft offering a light weight, low cost solution to the control of these systems. 

GKNWHL 's work on the use of RDCs in helicopters has not shown their use to be beneficial for 
sweeping up low bandwidth sensor signals. This is partly because there are actually few remote 
locations on a helicopter and the weight of an RDC is currently expected to be greater than the 
amount of wiring it is likely to replace. GKNWHL are likely to retain low bandwidth sensor 
interfacing within a modular rack. Efforts to reduce the number of types of analogue and discrete 
signal through standardisation may make the use of RDCs in helicopters more attractive. 

9. QUALIFICATION AND CERTIFICATION 
The topics of qualification and certification are important issues to be addressed when proposing a 
change in avionic system design from a federated avionic system, characterised by strict 
functional and physical partitioning to an IMA system with complex integration. The expectation 
that an IMA system can simply be implemented with common hardware and software from 
different vendors is obviously a naive one. It is important to consider the route to qualification and 
certification from the outset of the design process, making use of computer aided system 
engineering tools to manage the process and show traceability of requirements and design 
decisions to the tested article and providing support for safety analysis. 

There is a change in philosophy required to certificate future IMA systems. It is unlikely that the 
current safety analysis techniques associated with federated systems will be appropriate to IMA 
technology in particular when the issue of commonality raises the probability of common mode 
failure. It follows that a significant advance in the certification process is required to enable the 
exploitation of this technology. The term "incremental certification" is being associated with the 
process by which certification may be achieved for highly-complex systems. This will allow 
elements of an IMA system to be certified in isolation, for example the hardware and application 
software would be certified as independent components. This approach aims to limit the cost of re
testing a complete system that has been modified, for example with the introduction of a new 
processor to replace an obsolete one or a new avionic function. Any enhancements to the 
certification process will need to address the following issues: 

• Software portability; application and operating systems, 
• Software partJtloning; integrity of multiple applications (e.g. navigation, 

communication) being performed on the same processing module, 
• Configuration control; the run-time allocation of functions to available resources, 
• Mixing of applications with mixed criticality. 

The Society of Automotive Engineers has produced aerospace recommended practice, ARP4754, 
titled Certification Considerations for Highly Integrated or Complex Aircraft Systems which 
discusses the subject from a total life cycle aspect. 

10. CONCLUSIONS 
This paper has addressed a wide range of topics concerned with modular avionic systems and what 
is particularly important for its introduction in helicopters. Obviously, the fundamental principles 
behind IMA for helicopters does not vary from that of fixed wing aircraft, either military fast jet or 
civil airliner. However, the helicopter is renowned for its flexibility and presents particular 
challenges for IMA if this flexibility is to be fully exploited. GKNWHL are continuing to develop 
their understanding of IMA principles in collaboration with other UK companies and research 
organisations and are also looking forward to working with Agusta and other European companies 
on the forthcoming Framework 5 programme, PAMELA. 
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M.F.R. KEUNING 

NATIONAALLUCHT- EN RUIMTEVAARTLABORATORIUM (NLR}, 
THE NETHERLANDS 

Abstract 

Increasingly demanding helicopter operations lead to a higher workload on the pilot. To support 
these helicopter operations and relief the workload on the pilot more sophisticated avionics are 
incorporated. Many of the avionics' functional requirements are realized in software. This has 
induced a strong growth of the size and complexity of the used software. 

Often this software contains safety critical components as well as less critical components. 
Because of economic pressure, techniques are needed to reduce the development effort of the 
less critical software components in these systems without compromising the functioning of the 
critical components and thus the airworthiness. One solution - as proposed by D0-178B: 
Software Considerations in Airborne Systems and Equipment Certification - is partitioning. A 
partitioning architecture is discussed which is successfully implemented and certified as a part 
of helicopter avionics. D0-178B categorizes software components into five criticality levels. 
The realized avionics contains software components of three different levels including the most 
critical level (i.e. level A). 

The developed novel partitioning architecture is based on two hardware capabilities, a Memory 
Management Unit (MMU) and a processor with two protection levels. The hardware of the 
developed system contains a compliant processor with built-in MMU that supports both 
segmentation as well as paging as means of memory protection. Only paging is used because 
with the selected processor segmentation induces up to 50% performance overhead whereas the 
overhead of paging stays well below 5%. 

Central to the partitioning architecture is a proprietary kernel that runs in a protected 
environment. The proprietary kernel manages all protections within the application. Like most 
operating systems, protection is provided between tasks. Furthermore protection is provided 
between components of different software levels (i.e. intra task and inter task) which is the most 
important protection support concerning safety. 

A formal model of avionics partitioning defines three essential requirements for the kernel's 
access mediation functions, i.e. complete, tamper-proof and assured. All these essential 
attributes are met by the developed partitioning architecture. The developed partitioning 
architecture can be ported to other hardware and extended, with for example: support for 
Integrated Modular Avionics (IMA) and support for distributed and multi-processor systems. 

The implemented partitioning architecture was successfully certified as a part of the helicopter 
avionics. The measured processor load overhead induced by partitioning is only about 1%. 
Memory usage increased by approximately 5%. These resource requirements are very 
acceptable considering the economic advantages gained. Consequently the developed 
partitioning architecture is very useful and can be reused in future applications. 

1. Introduction 

In the early 1980s, a new era for airborne systems and equipment began. Usage of software 
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incorporated in these systems started to increase with a dazzling speed. The amount of software 
used in civil aircraft has almost been doubled every two years and given this trend it is expected 
to grow with a factor of about 1000 over the next 20 years [Sto96]. An industry accepted 
guidance- D0-178 that is currently in revision B [RTC92]- was written. This guideline has the 
purpose: ·'to provide guidelines for the production of software for airborne systems and 
equipment that performs its intended function with a level of confidence in safety that complies 
with airworthiness requirements". 

In correspondence with F AR/JAR-25 [FAR] D0-178B [RTC92] identifies five levels of system 
failure conditions and associates herewith five software safety levels (hereafter simply referred 
to as levels). See Table I for the categorization of the software safety levels. 

jSoftware Safety Level lfailure impact 
jLevel A !catastrophic 
jLevel B jHazardous 
jLevel C !Major 
jLevel D Minor 
jLeve!E No Effect 

Table 1 

The highest level software - Level A - is considered to have possible catastrophic impact if the 
software fails to operate according to its requirements. The lowest level - Level E - is 
considered to have no impact on flight safety. The identification of multiple software levels 
within one application imposes the problem that components of different levels may interfere 
with each other. This problem can be overcome by developing all components according to the 
highest identified leveL However, as easy as this solution may seem as costly can the realization 
thereof become. D0-178B [RTC92] proposes several architectural concepts to tackle this 
problem. One of these concepts is partitioning. 

Partitioning is described by D0-178B [RTC92] as: ·'Partitioning is a technique for providing 
isolation between functionally independent software components to contain and/or isolate faults 
and potentially reduce the effort of the software verification process". 

The realization of a safety critical helicopter avionics application initiated the development of a 
proprietary partitioning architecture that conforms to the D0-178B [RTC92] guideline. A 
partitioning architecture was developed whose only hardware requirements are a processor with 
protection modes and a memory management unit (MMU). This partitioning architecture is 
presented in section, the realization in the avionics application is discussed in section. 

2. A Partitioning Architecture for Safety-Critical Airborne Software 

When using multiple levels of software - as defmed by D0-178B [RTC92] -within a single 
hardware environment care has to be taken to prevent lower level components from influencing 
higher level components of the software. Faced with such a situation for a real application two 
options were considered: 

I. To develop all software components according to the highest identified level (i.e. level A) 
even if a lower level would be sufficient for some components. This option was considered 
because the size of the components of another level than level A was relatively small. 

2. To develop a partitioning scheme. Since the software is running on a processor with built-in 
MMU and protection mechanism (i.e. i386EX [Int87]) it is possible to implement a 
partitioning scheme without adding hardware requirements. 

The main points of consideration were effort, flexibility and performance. Looking just at initial 
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effort would maybe have favored against partitioning but recurring effort because of 
modifications and extensions is very much in favor of partitioning. Flexibility is strongly related 
to the effort issues. In this sense, partitioning has a great advantage over the first option. With 
partitioning, it is easy to add a new extension at a lower level (e.g. new or enhanced 
maintenance or debug capabilities) whereas without partitioning a lot of effort could be induced. 
Performance however can be a big concern for partitioning. Experimental measurements on the 
real application pointed out that partitioning could add up to 50% execution time. This would 
have effectively eliminated the option to use partitioning if there were not a more efficient 
solution. 

This performance overhead of partitioning is caused mainly by the usage of a memory 
management unit (MMU) which is needed to manage protection of memory and memory 
mapped hardware resources. The used processor has two basic approaches to memory 
management namely segmentation and paging (these two approaches can actually be combined 
into a hybrid form). Performance measurements greatly favored paging over segmentation. 
Whereas segmentation adds up to 50% overhead, the overhead of paging stayed well below 5%. 
Noted should be that all memory allocation is static and no swapping is performed. 

Paging however has a fixed granularity (4Kb for the used processor) and that can become a 
problem in protecting small special purpose memories (e.g. special non-volatile or dual-ported 
memory). However, analysis of the memory usage of the real application- especially the usage 
of the small special purpose memories - indicated no serious problems concerning the paging 
granularity. 

After evaluation it was decided to develop a partitioning scheme based on paged memory 
management. The performance overhead of segmentation is simply too large and the potential 
effort increase without partitioning is unacceptable. 

The rest of this section will outline the general concepts of the developed partitioning 
architecture. The discussion focuses mainly on the protection issues of the partitioning 
architecture. In addition, issues like the incorporation of tasking on top of the partitioning 
architecture, reusability and extendibility are discussed. 

Features and Goals 

Folio wing are the main features and goals of the practical general partitioning architecture: 

• Compliance to the three essential attributes for an access mediation function provided by the 
kernel as defmed by DiVito [Vit98]: 

Complete 

There shall be no way for software running in any partition to bypass the kernel and 
access resources not under the kernel's control. 

Tamper-proof 

There shall be no way for software in any partition to tamper with the kernel or its data 
so as to subvert the kernel's control of system resources. 
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Assured 

The kernel shall contain minimal functionality and shall meet all of the regulator's 
requirements for the criticality rating of the overall Avionics Computer Resource (ACR). 

• Inter level protection support (i.e. inter and intra task). 
• Multi-tasking and inter task protection support. 
• Minimal extra resources requirements, notably performance overhead. 
• Portability to similar hardware architectures (i.e. processor with protection levels and 

MMU). 
• Shared memory support for inter level and inter task sharing. 
• Static memory management (i.e. no swapping, no dynamic memory allocation). 

Memory management is static because for dynamic memory management it is much harder to 
prove correct usage with respect to availability and access time. Therefore, if it is possible to use 
static memory management - thus no swapping and dynamic memory allocation - it is preferred 
above dynamic memory management for safety critical applications. 

' 
Partitioning Protection Architecture 

The primary goal of the usage of a partitioning protection architecture in avionics is to ensure 
the safety of the people in the aircraft. This goal infers that it is most appropriate to use carefully 
chosen proven concepts for the partitioning architecture. 

The partitioning protection architecture of this application is based on two concepts used in 
most operating systems: 

1. The possibility to run partitioning management software - in the form of a kernel - in a 
protected environment. 

2. Memory protection management through the usage of an MMU (paging). 

However, the memory management of this partitioning architecture is not exactly as memory 
management used in other operating systems. Whereas most operating systems employ memory 
management mainly on a per task basis, memory management for this partitioning architecture 
is primarily based on a per software level basis (i.e. across tasks/threads). 

Figure I shows the structure of the partitioning architecture. Each instantiation of a partition is 
assigned a level that is used to enforce access restrictions. Access to the partitions is controlled 
by defining execution environments with restricted access to the partitions. Six execution 
environments are defined: one for each of the possible software levels (i.e. A to E) and one for 
the kernel. Figure 2 shows the possible transitions between execution environments. How access 
to partitions is restricted within the six execution environments is defmed as follows: 
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1 .. N Task 

0 .. 6 0 .. 1 0 .. 6 0 .. 6 
Task state store Task private code 1 

Stack partrrion A"ivate data Inter level shared 
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Level=kernel Level=[kernei,A .. Ej Level=[kernei,A .. Ej Level=[kernei,A .. Ej Level=[kernei,A .. Ej 

I I I 
0 .. 6 0 .. 6 ors 

Inter task shared Inter task shared nter task & level 
shared dala code part[ion data partrrion oartrrion 

Level=[kernei,A .. Ej Level=[kernei,A .. Ej Level=[kernei,A .. Ej 

Figure 1 

Level A 

Level B Level E 

Level C LeveiD 

Figure 2 

• Each task owns a partition to store the Task State. This partition is only readable and 
writable by the kerneL 

• Each task owns one to eleven stack partitions. A kernel stack must always be provided. 
Furthermore, for each level of code executed by the task a stack partition must be provided. 
Finally, for each level of code involved in interrupt handling a stack partition must be 
assigned. Only one of the stack partitions is used at the same time by any task. Access to 
stack partitions other than the current stack partition is prohibited. 

• Two types of code partitions exist: 
1. Task private code partitions. 
2. Inter task shared code partitions. 

Up to six code partitions of each type (task private partitions are counted per task) can exist, 
one for the kernel and one for each used software leveL Within any execution environment, 
access to lower level code partitions is prohibited. 

• Four types of data partitions exist: 
1. Private data partitions. 
2. Inter level shared data partitions. 
3. Inter task shared data partitions. 
4. Inter level and inter task shared data partitions. 
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Up to six data partitions of each type (task private partitions are counted per task) can exist, 
one for the kernel and one for each used software level. 

This general structure can be seen as a meta structure of which actual instantiations can be made 
by defining the actual instances of the partitions that are needed for an application. 
Implementation of a partitioning protection architecture in this way can be done by 
implementing a specific instance of the general meta structure or by implementing support for 
the complete general architecture where an instantiation is realized through configuration. The 
second option will take more initial effort and will require more system resources but is flexible 
and far less effort is needed for reuse. 

When actually implementing such a partitioning architecture an analysis should be done on 
what the maximum supported software level should be. The software level assigned to the 
partitioning management software must be at least the same as the maximum supported 
software level of the partitioned components. For maximum flexibility level A should be 
assigned to the partition management software. For the rest of this paper it is assumed that the 
software level assigned to the partition management software is level A. 

Control Coupling 

Control coupling is illustrated by Figure 3. Access to other levels of software is completely 
controlled by the kernel, which ensures secure control coupling. The kernel assures that on a 
change of software level appropriate measures will be taken. The state of the current execution 
enviroument will be saved before the execution environment will be changed and control is 
passed to the new software level. Upon return, the execution environment will be restored and 
control is passed back to the requesting software level. 

s~~s~ ,, ' : / / 
', '-, I ,/ .,....-"' 

............... '\ : ./ , ........ 
'-.... ' I / .,. .... 

1'-• :. ~' .- ./1 
f f 
Interrupts 

Figure3 

The following requirements can be postulated for secure control coupling: 

• Control access to a higher level is not permitted in the sense that the kernel does not allow 
changing execution environment and passing control to a higher level. 

• Control access to a lower level requires an execution environment switch to be done before 
actually passing control. Thus, every control access to a lower level must be controlled by 
the kernel that will perform the execution environment switch. 

• Under no condition may lower level code be executed in a higher-level execution 
environment. 

• Higher level code may be run within a lower-level execution environment. In this case, no 
kernel intervention is needed and can be statically realized through the MMU. 

• Change of control to another task is allowed only by specially assigned scheduling code, 
which may be either part of the kernel or implemented as user code. In either case, the 
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scheduling code must be assigned at least the software level of the highest incorporated level 
of software in the application. 

• Asynchronous control couplings (i.e. interrupt handling) are always handled by the kernel 
which however may dispatch actual handling to user level code after an appropriate 
environment switch. 

Control couplings that require an execution environment change are serviced by the kernel by 
supplying so called call gates. Calls to the call gates can be completely controlled by the kernel, 
which can prevent any illegal control changes. 

Data Coupling 

For data coupling between levels and tasks, some frequently used techniques can be used. The 
focus is on the basic concept of shared memory usage. More advanced schemes - like message 
passing - can be easily incorporated as an extension. 

Figure 1 shows four classes of data partitions. Three of these classes are shared data partition 
types enabling the usage of three different kinds of sharing: 

• Inter level sharing (i.e. no sharing between tasks). 
• Inter task sharing (i.e. no sharing between software levels). 
• Inter level and inter task sharing. 

Inter level sharing is of special interest with respect to safety critical software development 
Access right restrictions must be enforced for inter level sharing which is not explicitly 
necessary for inter task sharing. 

The following restrictions must be enforced on shared data between software levels: 

• Execution environments with a level lower than the level assigned to the shared data 
partition may not have write access to that partition. 

• Execution environments with a level higher than the level assigned to the shared data 
partition may read from that partition but this type of access has to happen in a controlled 
way. Design and verification must show that usage of this data will not degrade the safety 
level of the functionality under any condition. To ease design and verification this kind of 
access could be made available only through requests to the kerneL 

• Other types of access to shared data cannot degrade the safety level; thus, they can be 
permitted without restrictions. 

Reusability and Extendibilitv 

The immense increase in quantity and complexity of software in airborne systems goes hand in 
hand with the increase and complexity of the hardware it runs on. Because of this growth reuse 
and extendibility of applied concepts in applications is also becoming increasingly important in 
order to save effort and cost The partitioning architecture as discussed above is very capable of 
both being reusable as well as being extendable. 

One easy extension is to support communication methods other than communication via shared 
memory. For example, a message-passing concept could be incorporated in the kerneL 
Messages have the advantage that they are inherently more controlled than shared memory 
access. This concept is used for example in a commercial operating system which is currently 
undergoing certification for D0-178B level B [OS98]. 

Current avionics development moves more and more towards the concept of Integrated Modular 
Avionics (IMA). The ARINC specification 653 [Aer97] specifies the baseline operating 
environment for application software used within IMA. One aspect addressed by the 
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ARINC 653 [ Aer97) specification is partitioning. The developed partitioning architecture can be 
extended to an ARINC 653 [Aer97) compliant IMA system. 

Another extension would be support for distributed systems. Take for example N processors
which are compliant with the requirements for this partitioning architecture - with 
communication channels to interconnect them. On each of these processors, the developed 
partitioning architecture could be used. The architecture could then be extended to incorporate 
inter processor sharing and protection. 

3. Instantiation of the Partitioning Architecture in a Realized Certified 
Application 

A dedicated instantiation of the partitioning architecture as discussed in section 2, was 
successfully implemented in a realized and certified application. The choice to implement a 
dedicated instantiation of the partitioning architecture instead of a complete configurable 
implementation was based on factors concerning development cost and resource usage. The 
realized application concerns an avionics device that manages the equipment of a flight display 
sub-system - which the device is part of- and all the data flows in the sub-system. This sub
system is designed to operate in all possible configurations of single/dual pilot (SP/DP) and 
visual/instrument flight rules (VFRJIFR). For IFR the management device is duplicated and is 
re-configurable by the (co )pilot. In addition, some of the most critical flight data equipment are 
duplicated and re-configurable for IFR. All reconfigurations are also managed by the realized 
application. 

Corruption of some of the parameters handled by the flight control display management 
equipment is considered a catastrophic failure condition. Therefore the software components 
that handle those parameters are categorized as level A; other components of the software are 
categorized at lower levels (i.e. B and E). 

Partitioning Protection Architecture 

Figure 4 shows the dedicated instantiation of the general structure (see Figure 1) as it is 
implemented in the realized application. Four instead of six execution environments are 
implemented; transitions are the same as in Figure 2. 

2 
Task 

6 4 
Task state store Stack partttion A-ivate data 

partttion partttion 

Level=kernel Level=[kern,A,B,Ej Level=[kern,A,B,Ej 

4 4 

Code partttion Inter level shared 
data partttion 

Level=[kern,A,B,Ej Level=[kern,A,B,Ej 

Figure 4 

F6-9 



( 

Control Coupling 

The implementation of the partitioning architecture in the realized application has an additional 
restriction concerning control coupling. This restriction states that only the highest software 
level (i.e. level A) is allowed to initiate control change to another leveL This restriction prevents 
the situation where e.g. a level A component calls a level B component which in tum calls a 
level E component. The latter call could bf. very well unwanted since one of the requirements 
states that no level E software shall be executed when the aircraft is in the air. Note however 
that enforcing this restriction is not necessary because the application design should not include 
these cases (they are in conflict with the requirements) and the verification process should 
identify these cases if the software would inadvertent! y include one. 

Data Coupling 

The partitioning architecture implemented in the realized application contains only one type of 
shared data partition namely: 'Inter task & inter level shared data partition'. Access rights on 
shared data partitions are more restrictive then those defined for the general partitioning 
architecture: 

• Write access is allowed only to data partitions with the same level as the level of the current 
execution environment. 

• Read access is allowed to all data partitions. Access to data partitions oflevels lower than 
the current execution level have been accounted for in the application design and it has been 
verified that invalid data cannot lead to an uncontrolled failure condition. 

Overhead Assessment 

After the realization of the partitioning architecture in this application, two assessments have 
been done concerning the introduced overhead. 

I. Overhead in development effort. 
2. Overhead in system resource usage. 

The effort that has been put into the development of the partitioning architecture is about l% of 
the total development effort put into the application. This effort is easily compensated for by the 
decrease in verification effort especially for modifications of the application. 

The two main resources that are used by the partitioning architecture are processor capacity and 
memory. The partitioning architecture induces only about I% performance overhead for the 
realized application. Concerning memory consumption it was determined that the usage of 
ROM increased by approximately 20KB on 496KB and the usage of RAM increased by about 
20KB on 512KB. 

4. Conclusions 

This paper presented a partitioning architecture for safety critical airborne systems based on the 
usage of a processor with system/user protection and an MMU. With the incorporation of 
modern powerful processors in these systems, such a partitioning architecture can be ported to 
many different systems. The major benefits of this architecture are: 

• Little performance overhead. 
• Few memory resource requirements. 
• No extra hardware requirements besides the processor protection facilities and MMU. 
• Portability to a variety of systems. 
• Flexibility to adjust to specific application requirements. It is even easy to adjust an existing 

application to incorporate this partitioning architecture. 
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• Easy extendibility with application specific requirements or with more general functional 
extensions. Among the possible extensions to this basic partitioning architecture are: 

• Support for more advanced data coupling techniques like message passing. 
• Support for Integrated Modular Avionics. 
• Support for distributed and multi-processor systems. 

The partitioning architecture has been successfully implemented in a realized and certified 
avionics application with very reasonable resource usage. It can be concluded that this 
partitioning architecture is very useful and can be applied in future applications. 
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The aim of this paper is the aero elastic analysis of the elastic motion of a cantilever blade in flap
lag-torsion motion. Specifically, we investigate on the convergence behavior of the solutions obtained 
using different approaches for the elastic displacement description. Three different mode shape sets 
are used in Galerkin's method approaches, and their solutions are also compared with those obtained 
from a FEM approach. The aerodynamic model used in this work is the simple very-low frequency 
approximation of the pulsating-free-stream Greenberg extension of the Theodorsen theory. Numerical 
investigation is performed both for determining the aeroelastic stability boundaries of the blade and 
for analyzing the frequency response to a vertical pulsating free-stream velocity. 

1. INTRODUCTION 

The subject of this work is the aeroelastic stability and response analyses of hingeless cantilever 
rotor blades, with emphasis on the solution accuracy and convergence behavior, as a function of the 
approach used for the elastic-motion description. 

In the aeroelastic analysis of helicopter rotors, the structural dynamics of the blades is often 
formulated in terms of a series of mode shapes whose coefficients (mode amplitudes) may be interpreted 
as the time-dependent Lagrangean variables (generalized coordinate) of the structure. This approach 
assures convergence of the solution in terms of stability analysis, faster than alternate descriptions 
of the elastic displacement (e.g., finite elements, consisting of using non-orthogonal piecewise-defined 
shape functions). From a practical point of view, it means that if a certain level of accuracy of the 
stability analysis is obtained by using M linearly independent modes (and corresponding Lagrangean 
variables), the same level of accuracy may be reached by using a larger number N > M of non
orthogonal shape functions (and corresponding Lagrangean variables). Nonetheless, it is possible to 
observe a different convergence behavior ofthe solution, if this is analyzed in terms of local stress levels. 
For instance, for a cantilever blade, if one considers the root elastic bending moment as the parameter 
to be studied in the aeroelastic analysis, then the convergence of the modal approach solution could 
be found to be slower than that obtained from a FEM approach (that uses locally defined shape 
functions). Therefore, the best choice for the description of the elastic displacement depends generally 
on the target of the performed aeroelastic analysis. 
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Several types of mode shapes may be used in rotor blade structural dynamic analysis. Among 
them, there are the set of eigenfunctions of the blade structural operator defined in the rotating 
frame (rotating free-vibration modes), and the set of eigenfunctions of the blade structural operator 
defined in the non-rotating frame (non-rotating free-vibration modes): the first set of eigenfunctions 
is influenced by the presence, in the structural operator, of the centrifugal and Coriolis inertial terms, 
whereas the second set of eigenfunctions does not consider the presence of these inertial terms, which 
are to be included in the analysis as forcing terms. However, the orthogonal shape functions to be used 
in the analysis, might also be unrelated to the blade structural operator: for instance, the uncoupled 
bending and torsion free-vibration modes of a non-rotating uniform beam, have been applied in Refs. 
[1] and [2] for aeroelastic analysis, whereas the modified Duncan polynomials have been used in Ref. 
[3]. Furthermore, some authors have also performed aeroelastic analysis of rotor blades applying FEM 
approaches, and among them Friedmann and Straub [4] developed a FEM formulation for the flap
lag aeroelastic analysis of hovering rotors, whereas Sivaneri and Chopra [5] examined the aeroelastic 
stability of flap bending, lead-lag bending and torsion of a helicopter rotor in hover using a finite 
element formulation based on Hamilton's principle. 

The aim of this work is a comparison among helicopter-rotor aeroelastic solutions given by 
different mode-shape decompositions and the application of a finite element approach. Specifically, 
we wish to investigate about the advantages and disadvantages in using the mode shape approach, 
with respect to the finite element approach. The comparison will be presented in terms of aeroelastic 
stability analysis and stress levels prediction on the blade (particularly, at the root of a cantilever 
hingeless rotors). In performing the aeroelastic analysi&, the unsteady aerodynamic loadings will be 
described by the simple quasi-steady approximation of the Greenberg formulation obtained extending 
the Theodorsen theory to pulsating free-stream velocity [6]. 

2. BLADE STRUCTURAL AND AERODYNAMIC MODELS 

In order to achieve the purposes of the present work, we have chosen to use classical and quite 
simple models both for structural dynamics and for aerodynamic loadings acting on the blade. 

The rotor blade considered here is a hingeless blade structurally modeled as a cantilever slender 
beam, undergoing flap bending, chordwise bending and torsion. A realistic hingeless rotor configura
tion is defined by lots of parameters that influence both the steady state blade stress distribution and 
the blade stability characteristics. Such parameters are precone, droop, torque offset and sweep that 
in this work, except for the precone angle, have been considered to be equal to zero. An additional 
fundamental element in a hingeless rotor description is the flexibility of the pitch link devoted to the 
actuation of blade motion controlled by the swash plate: it is a major factor in the structural coupling 
between flap bending, lead-lag bending and torsion, and hence influences the aeroelastic behavior of 
the blade. Furthermore, con pling between bending and torsion elastic deflections is strongly infl u
enced also by parameters like the positions of the mass center, tension center, elastic center and the 
aerodynamic center. All these depend on the blade construction features and shape and have a great 
impact on its stability characteristics. For the sake of simplicity, in this work we have assumed no 
chord wise offsets of the elastic axis, tension axis and center-of-mass axis. 

Under all the simplifying assumptions mentioned above and considering untwisted blades with 
uniform mass and stiffness span wise distribution, the eq nations of motion governing the blade struc
tural dynamics are those given in Ref. [1], that are the corresponding simplified version of those derived 
in Ref. [7]. These equations are a set of coupled integra-partial differential equations with unknowns 
the lateral in-plane displacement of the elastic axis, v(x, t), the lateral out-of-plane displacement of 
the elastic axis, w(x, t), and the cross-section elastic torsion deflection <p(x, t). Their expressions are 
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of the following type (see Ref. [1] for details): 

mv+ Ov[v,w,<p,v,w] =Lv 
mw+ Ow[v,w,<p,v,w] = Lw 

J"' <p + O"'[v, w, 'P] = M"', 

(1) 

(2) 

(3) 

where m denotes the blade mass per unit length, J"' denotes the cross-section torsional mass moment 
of inertia, Ov and Ow denote fourth-order in space, nonlinear, integra-partial differential operators, 
whereas 0"' denotes a second-order in space, nonlinear, partial differential operator. Furthermore, Lv 
and Lw are, respectively, the in-plane and out-of-plane aerodynamic forces per unit length acting on 
the blade, whereas ;vt"' is the aerodynamic pitching moment per unit length acting on the blade. 

Observing equations (1)-(3) it is apparent that a very important role in rotor blade aeroelastic 
predictions is played by the aerodynamic model applied in describing the forcing terms Lv, Lw, M"'. 
This is true for fixed-wing aeroelastic applications, but its importance is further amplified in rotary
wing aeroelastic analysis due to the complexity of the unsteady aerodynamic field generated by the 
rotor blades. In particular, the shape of the vortical wake generated by the blades is such that the 
velocity that it induces on the rotor has a great impact on the unsteady aerodynamic loading distri
butions, and the accurate description of this velocity field is a fundamental requirement for a realistic 
aerodynamic field prediction. Furthermore, in rotor aerodynamics the effects due to the 3-D flow are 
much stronger than in the case of fixed-wing aerodynamics, and this is an additional element of com
plexity that generally makes unsatisfactory the application of two-dimensional analytical aerodynamic 
models. Nonetheless, in this work we have applied a very simple quasi-steady, two-dimensional aero
dynamic model. This choice has been suggested by the desire of having a simple explicit expression 
of the aerodynamic loadings in terms of the structural dynamics unknowns of the problem, so as to 
concentrate the analysis on the role played on the solution accuracy and rate of convergence, by the 
type of spatial description used for the elastic displacement approximate expressions. Following the 
approach used in Ref. [1], Lv, Lw, M"' have been obtained from the very-low frequency approximation 
of the pulsating-free-stream Greenberg extension of the Theodorsen theory for the prediction of un
steady lift and pitching moment on airfoil in unsteady motion [6], with the inclusion of the effects of 
the wake-induced velocity on the aerodynamic force direction. The resulting formulae for Lv, Lw, M"' 
are explicit functions of <p, v', w', w", v, w, rj;, and w, that combined with equations (1)-(3) yield the 
final closed-loop flap-lag-torsion aeroelastic equations of motion analyzed in this work. 

3. MODAL-APPROACH SOLUTION 

As mentioned in Section 1, the aeroelastic equations of motion described above have been solved 
following both a modal approach and a FEM approach, in order to compare their solutions accuracy, 
their rate of convergence, and then analyse advantages and disadvantages of the two. In this section 
we outline the solution scheme obtained by applying the modal approach. 

The set of coupled integra-partial differential equations (1)-(3) has been transformed into a 
set of ordinary differential equations in time, by Galer kin's method. First, the elastic deflections have 
been expressed in terms of the following series 

N 

v(x, t) = L q~(t) <I>~(x) (4) 

N 

w(x, t) = L q;:'(t) <I>;:'(x) (5) 
n:;;;l 
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N 

<p(x,t) == L q~(t) <P;:(x), (6) 
n=l 

where q~, q:;:, qi{ denote the generalized coordinates of the problem, whereas <l>~, <1>:;:, <1>): are sets of 
linearly independent shape functions (mode shapes), whose choice influences accuracy and rate of 
convergence of the solution. Next, substituting equations (4)-(6) into equations (1)-(3), the Galerkin 
method yields a set of 3N nonlinear, ordinary differential equations in terms of the generalized co
ordinates of the problem. Then, the aeroelastic solution is determined from their linearized version 
for small perturbation motions about the equilibrium configuration. Specifically, expressing the gen
eralized coordinates in terms of the steady equilibrium value and of a small perturbation quantity 
(i.e., assuming, for instance, q~(t) == q!Jn + L'!.q~(t)), a nonlinear algebraic problem with unknowns 
q!Jn, qifn, q:fn is first formulated and solved by the Newton-Raphson method, and then 3N linear differ
ential equations for the small perturbation motion are determined, with coefficients depending on the 
equilibrium solution. The 3N small perturbation equations have the following form 

M q + C q + K q == 0, (7) 

where qT == { t:.q~, L'!.q:;:, t:.qi{} is the row matrix containing the small perturbation motion unknowns, 
M is a symmetric matrix containing structural and aerodynamic mass terms, C is an asymmetric 
matrix containing gyroscopic and aerodynamic damping terms, whereas K is an asymmetric matrix 
containing structural and aerodynamic stiffness terms. 

In this work, three different sets of mode shapes have been employed: i) the first set is that 
given by the eigenfunctions of the cantilever, uniform beam, for which <l>~ = <1>:;_'; ii} the second 
set of mode shapes used in equations (4)-(6), are the eigenfunctions of the rotating uniform beam 
(incidentally, in the case of the rotor blade considered in this work and for collective pitch angle set 
equal to zero, is governed by the (decoupled) integra-partial differential equations given by Houbolt 
and Brooks in Ref. [8]); iii} the last set of mode shapes used is that given by the eigenfunctions 
of the small perturbation equations (7) in vacuo and without gyroscopic terms (i.e., those obtained 
neglecting both aerodynamic terms and Coriolis force contribution), and therefore is dependent on 
the steady equilibrium condition examined in the stability or response analysis. The analysis of the 
behavior of the solutions corresponding to these mode-shape sets is one of the goals of the present 
paper, and is performed in order to give an idea about how convenient is the use of simple mode 
shapes in the modal solution approach. 

4. FEM-APPROACH SOLUTION 

In this section we briefly outline the finite-element formulation used in this work for the aeroe
lastic analysis of the hingeless rotor blade described above. 

For the sake of simplicity, in this phase of the work the finite element formulation has been 
applied to the elastic blade equations of motion presented in Ref. [8], which are applicable only to 
the quite narrow range of blade dynamic configurations consisting of both small steady equilibrium 
deflections, and small unsteady perturbation deflections. Therefore, following the expression of the 
Hamilton principle given in Ref. [8] (which the reader can also refere to for all the notations and 
symbols used in the following), and indicating with U the total strain energy and with V the work 
performed by the centrifugal body forces and the applied loading, we have 

U V 1 {R "'( t t t " " ) d (8) - = 2Jo .r v,w,<p,v,w,<p,V ,w ,py,p2 ,q x 

where :F denotes the energetic functional whose expression is given Ref. [8], py,pz, and q represent the 
applied loading given by the sum of the aerodynamic loadings, Lv, Lw, and M 10, and of the inertial 
loadings. 
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Next, we describe the finite element formulation that has been applied to equation (8). Let us 
divide the blade into a finite number, Ne, of beam elements located on the elastic axis,~, coinciding 
with the radial axis x starting from the shaft ( '7 will denote the chord wise axis, and ( the axis 
orthogonal to ~ and '7). Therefore, Ne + 1 nodes are also defined and six degrees of freedom may 
be associated to each node: following the standard FE procedure, these are the three translations 
denoted with ue, ve, and we (in ( 1], and ( direction respectively), and the three rotations <p, r w' and 
r v around the ~, '7, and ( axis, respectively. 

Considering the generic beam finite element with nodes denoted by a and b, in the finite element 
formulation the displacement vector ue (with components u, v, and w) is approximated as 

(9) 

where the subscripts a and b indicate that the d.o.f.'s are referred to the node a and b, respectively, 
whereas vectors .Pf are the the standard finite element shape functions for a beam element. From 
equation (9), in terms of components, the elastic displacement vector may be expressed as 

ue(~, 1], (, t) = N(~, 1], () xe(t) (10) 

where ue is the column matrix containing the components of the vector ue, xe is the column matrix 
containing the twelve element d.o.f.'s, and the matrix Ae contains the finite element shape functions, 
as described, for instance, in Ref. [9]. 

Next, considering all the finite elements of discretization of the blade and substituting for each 
of them equation (10) into equation (8), one obtains the discrete form of the energetic functional of 
the aeroelastic problem. Thus, requiring to the energy defined by equation (8) to be stationary with 
respect to the finite element d.o.f.'s, one obtains the following final finite element dynamic equation 
for the generic element 

(ll) 

where ee is the column matrix containing the external loadings (aerodynamic forces and relative inertial 
forces), Ke is the (standard) stiffness matrix due to the elastic energy, U, whereas Kc is the (equivalent) 
stiffness matrix taking into account the effects due to due centrifugal loadings, and obtained from the 
work V. 

Finally, following the standard FE procedure, the element consistent (12 x 12] mass matrix can 
be defined as: 

M;j = { p .Pi· .Pj dV lv· 
where p denotes the structural density. 

(12) 

Once the stiffness and mass matrices are evaluated for each blade element, the global matrices 
can be assembled considering the elementary beam topology, and then, observing that ee = -Mex+fe, 
with fe denoting the aerodynamic loads, the final equations for the blade dynamics have the form 

Mx+(K+Kc)x=f. (13) 

with trivial meaning for the global matrix M, K, Kc, and C. As already outlined in Section 3, the 
aerodynamic loads, f, have been dermined from the quasi-steady approximation of the pulsating-free
stream Greenberg extension of the Theodorsen theory. 
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Figure 1: Stability Boundary due to precone angle for soft in-plane blade. Uniform-beam modes. 
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Figure 2: Stability boundary due to precone angle for stiff in-plane blade. Uniform-beam modes. 

5. NUMERICAL RESULTS 

In our numerical investigation, we have studied both the aeroelastic stability behavior of the 
hingeless blade considered, and its response to an external exitation caused by a vertical pulsating 
free-stream velocity. 

For the stability analysis, we have determined the stability boundaries of a soft in plane blade 
and those of a stiff in plane blade, in terms of critical collective pitch angle vs the precone angle. In 
both cases, we have studied the convergence behavior of the solutions obtained using the three sets 
of mode shapes described in Section 3. The two blades considered have the fundamental flap natural 
frequency Ww = 1.15S1, with Q denoting the angular velocity of the rotor. Furthermore, the soft 
in plane blade has the fundamental torsion natural frequency w'P = 2.5S1, and the fundamental lead-lag 
natural frequency wv = 0.7S1, whereas the stiff inplane blade has the fundamental torsion natural 
frequency w'P = 5Sl, and the fundamental lead-lag natural frequency Wv = l.5Sl. 

Figure 1 depicts the stability boundaries of the soft inplane blade determined by the modal 
approach, with a different number of eigenfunctions of the nonrotating uniform beam. In this case, 
using 5 modes (per elastic displacement) seems to give a solution in terms of stability boundary 
that is very close to the converged one (i.e., additional mode shapes do not alter significantly the 
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Figure 3: Stability boundary due to precone angle for soft in-plane blade. Equilibrium-independent 
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Figure 4: Stability boundary due to precone angle for stiff in-plane blade. Equilibrium-independent 
rotating beam modes. 

stability boundary). A similar behavior of the solution is observed in Figure 2, where the stability 
boundaries are depicted for the stiff in plane blade, for elastic displacements expressed in terms of the 
eigenfunctions of the nonrotating uniform beam. 

Then, Figure 3 and 4 illustrate, respectively, the stability boundaries of the soft and stiff in
plane blades, both obtained by the modal approach with mode shapes given by the eigenfunctions 
of the uncoupled-displacement rotating beam (i.e., those independent on the steady equilibrium con
figuration). In this case, the convergence stability boundary appears to be determined using only 3 
modes per elastic displacement. 

Next, we have applied the modal approach by using the eigenfunctions of the coupled
displacement rotating beam, which depend on the steady equilibrium configuration. Figures 5 and 
6 depict the soft in plane blade and the stiff in plane blade stability boundaries, respectively. In this 
case, the use of only one or two mode shapes seems to give a satisfactorily accurate prediction of the 
stability boundary. 

Finally, we have studied the response of the blade to a vertical pulsating free-stream. Specif
ically, including in equations (7) and (13) the external aerodynamic forcing term due to the vertical 
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free stream stemming from the quasi-steady aerodynamic theory considered, we have evaluated the 
spectrum of the unsteady elastic bending moment arising at the root of the cantilever blade with the 
collectiv~ pitch angle set equal to zero. The blade studied is the stiff in plane one, with Ww = 1.15!1 and 
w'P = 5!1. In Figure 7 we depict the amplitude of the frequency responses obtained from the modal 
approach using different numbers of free-vibration modes of the nonrotating beam. In this case, the 
convergence of the response-peak values seems to be achieved with 20 modes, i.e., with a very higher 
number of modes with respect to that needed for the stability-boundary convergence. The response 
analysis has been performed also using the FEM approach outlined in Section 4. The corrisponding 
results for different numbers of discretization elements on the blade, are illustrated in Figure 8 where 
the converged response appears to be achieved by the solution using 20 elements, although the 10-
element solution gives a very accurate prediction of the root bending moment. From the comparison 
between Figures 7 and 8, one may observe that the two convergence histories reveal a similar behavior 
in terms of rapidity, and this demostrate that the use of modal approach is not more convenient with 
respect to the FEM one when local stress analysis is performed. 
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5. CONCLUDING REMARKS 

The aeroelastic stability and response analysis for a cantilever flap-lag-torsion motion blade 
has been performed. 

Specifically, we have analyzed the convergence behavior of solutions obtained using different 
mode shape sets in a modal approach, and using a FEM approach. As expected, in the stability 
boundary analysis (where the relevant contribution is given by low-frequency modes) the modal ap
proach has demontrated to be a very efficient tool having a fast convergence behavior. However, in the 
frequency response analysis performed in terms of the root flapping moment, the convergence histories 
from modal and FEM solutions appear to have very similar behaviors and the very fast convergence 
rate of modal approach-solution seems to be deteriorated. 
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Abstract 
The ground resonance clearance for the EHI 0 I rotorcraft fitted with one high pressure tyre on each 

main landing gear was achieved many years ago. New variants of the EHIOI rotorcraft fitted with low 
pressure tyres and twin wheels on each main landing gear are being introduced. Preliminary work showed 
that, for the new EHI 0 I variants, the effect of fitting twin wheels is to reduce the landing gear bearing loads 
which will cause the landing gear oleo to stroke more than the single wheeled variant. This change will 
affect the stiffness and damping characteristics of the landing gears and thus new ground resonance 
clearance is required. This paper describes the landing gear impedance test and non-linear modelling which 
was used to replace the an expensive, and time consuming, airframe impedance test when predicting ground 
resonance stability. 

I. Introduction 
To prove the ground resonance stability of 

the EHI 0 I rotorcraft in its early days of its 
programme, a series of analysis and tests were 
carried out which involved both theoretical 
analysis, airframe testing and rotorcraft testing. 
The original variant of the EHIOl was fitted with 
high pressure tyres and single wheels on each 
main landing gears. New variants of the EHlOl 
are fitted with low pressure tyres and twin wheels 
on each main landing gear and preliminary work 
showed that these changes would result in 
increased the movement of the main landing 
gears. Thus further analysis and testing was 
required to prove the ground resonance stability 
of the EHI 01 variants fitted with the low pressure 
tyres. Rather than repeat the original series of 
analysis and tests, a new series of analysis and 
tests are being used where the expensive, and 
time consuming, airframe test has been replaced 
by a cheaper landing gear impedance test 
combined with non-linear mathematical 
modelling. A comparison of the original and new 
methodologies are shown in figure 1. This 
original process was described in detail in a paper 
presented by A L Jordan of GKN Westland 
Helicopters at the thirteenth European Rotorcraft 
Forum (ref. I) and the actual test rig with the 
airframe in place is shown in figure 2. 

2. New Process 
The demonstration of the ground resonance 

stability of the EHIOI variant fitted with the low 
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pressure tyres will be achieved usmg the new 
methodology where non-linear methods plus 
landing gear impedance test replace the linear 
methods plus airframe impedance test. The main 
components of this new methodology are the 
landing gear non-linear mathematical model, the 
theoretical analysis, the landing gear impedance 
test and the rotorcraft ground resonance test. 

2.1 Single Leg Impedance Testing 
The purpose of the impedance test is to 

determine the landing gear characteristics when 
subjected to the typical loads and motions that 
could occur in the fundamental modes of the 
airframe. For this test each type of landing gear 
was mounted vertically in a test rig as shown in 
figure 3. Each landing gear was loaded with a 
representative static weight and then oscillated at 
combinations of amplitude and frequency. When 
the gear had stabilised at each test condition the 
tyre closure, oleo closure, mass travel and ground 
force were recorded for approximately one 
minute, These series of tests were carried out 
with and without the tyres fitted and figure 5 
shows the force -v- time recordings for one of 
these tests on the Main Landing Gear (MLG). 
There are two noticeable differences between the 
results for with and without tyres fitted as 
follows-

I) for the test without the tyres, there is a a 
step change in force whenever the oleo 
changes its direction of motion. This is 
caused by the hysteresis in the oleo due 



to the seal and bearing friction. When 
tbe tyre is fitted, its flexibility masks the 
effect of tbis oleo hysteresis. 

2) tbe variation in the force is smaller for 
the test with the tyres fitted. For a given 
amplitude of motion, the amplitude of 
oleo motion will be less when the tyre is 
fitted. Thus tbere will less flow of oil 
through the oleo damping assembly 
resulting in less oleo oil damping force. 

For each test condition, the work done per 
cycle was calculated from the test results. To 
determine the equivalent linear stiffness and 
damping coefficients, the non-linear damping 
force is approximated to a linear viscous damping 
term that will dissipate the same amount of 
energy per cycle. For each test condition the 
impedance is calculated from tbe recorded force 
and displacement measurements. The linear 
stiffness is the real term of tbe impedance and tbe 
linear damping is the imaginary term divided by 
frequency. The force tbat tbis linearised system 
produces for a harmonic excitation with the same 
amplitude as in tbe test, is tben calculated. The 
resulting force -v- closure curve is elliptical in 
shape and it is checked tbat this linear system 
dissipates tbe same amount of work per cycle as 
in the actual test (see figure 6). The linear 
stiffness and damping coefficients are used in the 
analysis that calculates tbe modes of the 
rotorcraft airframe on its landing gear in its six 
degrees of freedom. Figures 7 & 8 show tbe plots 
of stiffness and damping coefficients for tbe 
MLG test witbout tbe tyres fitted. 

2.2 Modelling of Aircraft Responses 

2.2.1 Airframe I Landing Gear Model 
GKN Westland Helicopters has a three 

dimensional non-linear dynamic mathematical 
models using the MATLAB/SIMULINK software 
package. This model comprises of an aircraft 
body, rotor, landing gears and ground surface (or 
ship's deck). The rotorcraft motion is allowed in 
all six degrees of freedom and it has three 
identical landing gear modules. The rotorcraft 
initial conditions are defined at tbe rotorcraft 
centre of gravity and include position, velocity 
and attitude in all three axis. The model can cater 
with large translational and rotational 
displacements of the rotorcraft plus movement of 
tbe deck in all directions. The output from the 
model can be displayed as tables, graphs or as an 
animation. This model can also be used to 
simulate single leg drop tests by restricting the 
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rotorcraft motion to the vertical axis only. A 
short description of the main modules m the 
mathematical model is given below-

Aircraft Body -
The aircraft body is assumed to be rigid body 

with its mass and inertia concentrated at tbe 
centre of gravity. The movement of tbe aircraft 
body in its six degrees of freedom are calculated 
from the forces and moments applied to it. The 
rotor and landing gears are assumed to be rigidly 
attached to the aircraft body and thus as the body 
moves their positions move so that in the body 
axis tbeir positions relative to the centre of 
gravity remain unchanged. The body has its own 
axes system tbat uses tbe centre of gravity as its 
datum point. The initial conditions describe the 
position, attitude, velocity and acceleration of tbe 
centre of gravity and are defined in an input data 
file. The forces and moments about the centre of 
gravity as generated by tbe other modules are 
applied to tbe aircraft body and tbe resulting 
movement in tbe six degrees of freedom are 
calculated. When representing tbe single leg drop 
tests, five of tbe degrees of freedom are fixed 
leaving the body free to move in the vertical axis 
only, as if the landing gear where fixed in a drop 
test tower. 
Rotor-

The forces and moments from the main rotor 
and tail rotor can be applied. An additional set of 
forces may be applied at any position, as defined 
in tbe input data file, which allows tbe model to 
caters for such things as loads due to the wind on 
the airframe. 
Landing Surface -

The landing surface is assumed to be a flat 
plane that can move witb six degrees of freedom. 
Thus it can simulate the flat stationary ground of 
an airport or the flat moving deck of a ship. 
Landing Gear -

The same module is used for each landing 
gear although the input data used by each module 
can be different. It can accept both single and 
twin tyre arrangements, with the wheels set at any 
steer angle plus offset from the centreline of the 
oleo in any direction. The module includes a set 
of tyres, wheels plus axles, bearings, seals, air 
spring and oleo damping. The position of tbe 
tyres, bearings, airframe attachment point and 
angles of the oleo to the vertical are defined in 
the input data. The force in the oleo is 
determined by the oleo closure, oleo closure rate, 
friction force due to the load on the bearings and 
seal friction. Seal friction and bearing friction 
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constants, including the values for both static and 
dynamic friction, can be defined. The non-linear 
curves for the tyre deflection, air spring and oleo 
damping are defined as "lookup" tables and the 
effect of the axle stiffness is also included. Also 
tyre damping plus tyre lateral and fore/aft 
stiffness can be defined. The movement of the 
contact point between the tyre and the deck is 
also calculated, there being three basic 
conditions, with the transition between each 
condition being continually monitored. Different 
value of friction for a "stuck" and "sliding" tyre 
can be defined. The three conditions and their 
definitions are as follows -

Flying -tyre not in contact with the ground, 
thus no tyre forces can be generated. If at 
any time during the simulation the closure of 
the tyre reduces so that it cannot remain in 
contact with the deck then the condition 
reverts to "flying". 
Stuck - tyre in contact with the ground. The 
contact point at touchdown is calculated as 
the point that is directly under the wheel hub 
and also at right angles to the deck. It 
remains as a fixed point on the deck surface 
until the sliding of the tyre is detected. Thus 
as the wheel hub moves relative to the 
contact point the force due to the tyre is 
calculated in all three axis. When sliding of 
the tyre is detected to have stopped, then the 
tyre contact point is again held stationary at 
the last calculated position on the deck 
surface prior to the sliding of the tyre 
ceastng. 
Sliding -tyre in contact with the ground but 
sliding. When the lateral plus fore/aft tyre 
force exceeds the tyre limiting friction value 
times the tyre vertical force, then the tyre 
contact point is allowed to move (or skid) 
across the deck surface. The tyre contact 
point is placed in the opposite direction to the 
movement of the wheel at a distance 
calculated by diving the tyre friction value 
times tyre vertical load by the relevant tyre 
stiffness. 

The equations of motion used for the landing gear 
models have been described in detail by other 
authors (ref. 2) and therefore will not be detailed 
in this document. One of the major requirements 
for this mathematical model was that it should be 
able to simulate aircraft and deck movements that 
last over a relatively long time. Therefore some 
mathematical refinements that could have been 
made to the model have not been included where 
the small increase in accuracy did not warrant the 
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greater increase in computing time. An examples 
of this is the use of a lookup tables for the oil 
damping characteristic instead of calculating the 
characteristic based on the response of the valve 
components. However, if required, it is very 
easy to add further features the model at any time. 

2.2.2 Verification of Data using the Single 
Leg Drop Testing Results 

Compliance with the landing gear energy 
absorption requirements of the various 
certification requirements is usually demonstrated 
by Single Leg drop testing. During these tests, 
various landing gear parameters can be measured 
which can then be used to refine and verify the 
data used in the mathematical model of the 
landing gear. Before the drop testing is started, 
the gear is checked for correct filling and 
inflation by carrying out a very slow closure and 
extension of the gear over nearly its full stroke. 
The results of this test can be used to confirm if 
the air spring data used in the landing gear model 
is correct. A typical load -v- stroke curve as 
obtained from a typical air spring curve test and 
as predicted by the mathematical model is shown 
in figure 9. This initial test can also be used to 
confirm the stiffness of the axle by comparing the 
difference in oleo and mass travel with the 
measured tyre deflection. Figure I 0 shows the 
load -v- deflection curves for the tyre only and for 
the tyre plus axle. 

The primary objective of the drop tests is to 
measure the maximum values of the forces at the 
ground and the maximum values of mass travel, 
oleo closure and tyre closure. However these 
parameters plus other requested parameters, such 
as oil and gas pressure, are recorded continuously 
during each drop test. Figure II is a typical 
example of the recordings taken during a drop 
test. Using the recordings of the oil pressure, gas 
pressure and oleo closure, the actual oleo 
damping characteristic can be determined and 
compared with the theoretical characteristic used 
in the mathematical model, as shown in figure 12. 
When deriving the actual oleo damping 
characteristic the effects of oil compressibility on 
the recorded measurements need to be taken into 
account. Also by using the recordings of gas 
pressure and oleo closure, the actual air spring 
curve under adiabatic conditions can be 
determined and compared with that used in the 
mathematical model, as shown in figure 13. 
Finally the accuracy of the model can be checked 
by comparing its predictions with the actual drop 
test results. This comparison should include such 



parameters as mass travel, oleo closure as well as 
ground force. Figure 14 shows the ground force
v- time comparison between an actual drop test 
result and the model prediction, and it can be seen 
that the correlation is very good. 

2.2.3 Complete Rotorcraft Model 
comparison with DTV Drop Test 
Results 

During the development of the EHl 01 
rotorcraft a Drop Test Vehicle (DTV) was built 
which was representative of the actual rotorcraft 
but used a simple steel frame in place of the 
actual rotorcraft airframe (see figure 4). The 
DTV was fitted with the actual landincr crears 0 0 , 

which were instrumented, and its weight and 
moment of inertia could be adjusted to represent 
any actual rotorcraft condition. One of the tests 
that the DTV was used for was to simulate 
landings of the complete rotorcraft onto a ship's 
deck, where the DTV could be set at any landing 
attitude and then dropped from a set height onto a 
flat surface set at any angle. To check that the 
complete rotorcraft model would give accurate 
predictions when using data derived from the 
single leg drop testing, some of the DTV drop 
tests were simulated with the complete rotorcraft 
model. These simulations included rotorcraft 
level landings, tail down landings and aircraft 
rolled landings onto both level and angled decks. 
Figure 15 shows the actual test recordings and 
figure 16 shows the model predictions for the 
DTV level landing test and as can be seen the 
correlation is very good. Further comparisons of 
the model predictions with the DTV test results 
for different cases also showed a good correlation 
and thus it was considered safe to use data 
derived for a single landing gear in the complete 
rotorcraft model. 

2.2.4 Comparison of Model Prediction 
with Impedance Test Results 

The same mathematical model of the landing 
gear, as used for the drop test predictions, was 
also used to predict the results for the impedance 
tests. Figure 17 shows the force -v- closure graph 
as predicted by the model compared to the actual 
test result for one particular test condition 
without the tyres fitted. As the predicted curve 
was a good match with the actual test result, the 
model was then used to predict the work done per 
cycle for all the test conditions. Figure 18 shows 
the comparison between the predicted work done 
and the actual work done for two of these 
impedance tests. Figure 19 shows the error 
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between the predicted and actual results for all 
the test conditions and it can be seen that as the 
amplitude increases the error bandwidth reduces 
very significantly. The total work done is 
basically from two sources, seal/bearing friction 
and oil damping. As the amplitude increases the 
percentage of the work done due to the oil 
damping also increases and therefore the 
percentage of the total work done due to the 
friction decreases. As the level of seal friction is 
likely to be very variable between tests, it was 
considered that the correlation between the 
between model prediction and actual test results 
was very good. The comparison between model 
prediction and actual test results was then 
repeated for all the MLG impedance tests with 
the tyre fitted. Again the correlation between the 
prediction and actual test results was good but it 
was noticed that the prediction tended to slightly 
overestimated the work done at the lower 
amplitudes and slightly underestimated the work 
done at the higher amplitudes. The process was 
then repeated for the NLG impedance test 
without the tyre fitted. The comparison of 
predicted to actual test results showed that the 
correlation was poor, as at the high amplitudes 
the predicted work done was significantly higher 
than that achieved in the tests. Comparison of the 
predicted and actual force -v- closure graphs 
showed that, on the gear extending part of the 
stroke, the predicted force was considerably 
lower than the actual force. By running the 
mathematical model with various levels of 
additional recoil damping we were able to 
determine that no significant level of additional 
recoil damping was being generated (see 
figure 20). Examination of the assembly 
drawings of the NLG damping arrangement (see 
figure 21) showed that the recoil plate was not 
spring loaded, as it is in the MLG damping 
assembly, but relied on the movement of the oil 
through it to open and close it. It became 
apparent that, under the test conditions, the rate at 
which this oil was moving was not high enough 
to quickly move this recoil plate from its open to 
closed position and thus full recoil damping was 
not being achieved. As the results for the MLG 
tests were in accordance with the model 
prediction, this indicated that a spring loaded 
recoil plate would work correctly under these test 
conditions. Thus to restore the required level of 
additional recoil damping, a modification has 
been introduced to spring loading the recoil plate 
in the NLG damper assembly. 



2.2.5 Model Prediction Of Airframe 
Impedance Test 

The complete rotorcraft mathematical model 
was used to simulate an airframe impedance test 
by carrying out a frequency sweep with an 
alternating force of fixed magnitude applied at 
the rotor head. For each case, the maximum 
amplitude of the airframe at each frequency can 
then be plotted for pitch and roll. The natural 
frequencies of the airframe occurs where the peak 
in each of the plots occurs. 

The initial EHlOI airframe impedance test 
carried out in 1987 using the prototype aircraft 
airframe, was also simulated using the complete 
rotorcraft mathematical model and the procedure 
described above. The resulting plot of amplitude 
against frequency for each frequency sweep is 
shown in figure 22. It can be seen that as the 
force increases in magnitude the pitch natural 
frequency decreases. This is due to the fact that 
the lower forces produce lower pitch amplitudes 
and most of the movement is in the tyres with 
virtually no stroking of the oleos. As the force 
increases the pitch amplitude also increases and 
the oleos start to stroke. This reduces the overall 
stiffuess, as the oleo stiffuess is now in series 
with the tyre stiffuess, thus reducing the pitch 
natural frequency. This change in pitch natural 
frequency, as the pitch amplitude increases and 
th~ oleo starts to stroke, is in general agreement 
wtth the change in pitch frequency predicted by 
the present linear methods. 

The actual airframe test measured the force 
required to move the airframe at a constant 
amplitude with varying frequency with the lowest 
force occurring at the natural frequency. 
Therefore a graph of force -v- frequency at 
constant amplitude was constructed for two of the 
actual airframe impedance tests, using the results 
from the model prediction. The comparison of 
model prediction against actual test 
measurements is shown in figures 23. As can be 
seen the correlation is good although the natural 
frequencies do not exactly match, the model 
prediction being about 0.2 Hz below the test 
value in both cases. Another way to view the 
data is to plot natural frequency against the pitch 
amplitude as shown in figure 24. Again the 
correlation between the prediction and test results 
is good although the model slightly under predicts 
the natural frequency at the lower pitch 
amplitudes and slightly over predicts the natural 
frequency at the higher pitch amplitudes. The 
pitch and roll natural frequencies as predicted by 
the model, as predicted using the previous linear 
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methods and as measured in the airframe 
impedance test are shown in table I below. 

model linear airframe 
methods test 

Pitch Mode 
lower !.77Hz !.80Hz !.9Hz 

amplitudes (oleo locked) 
higher 1.40 Hz 1.36 Hz 13Hz 

amplitudes (oleo strokin<>) 
Roll Mode 

lower 1.37 Hz L04Hz 1.3 Hz 
amplitudes (oleo locked) 

higher 1.31 Hz 0.80 Hz !.2Hz 
amplitudes (oleo strokinu) 

Table 1 

As can be seen the agreement between the 
natural frequencies as derived by model and 
airframe test is very good. The linear method 
also gives very good correlation with the other 
two methods in the pitch mode but the a!ITeement 
. • 0 

ts as good m the roll mode. Both the model and 
the airframe test show only a small change in roll 
mode natural frequency for increasing roll 
amplitudes, whereas the linear method indicates 
that with the oleos stroking there should be a 
significant change in natural frequency. This 
small change in natural frequency is probably due 
to the high friction in the MLGs due to the single 
offset wheel which limits any significant increase 
in oleo movement as the roll amplitudes increase. 

2.2.6 Prediction of Change in Airframe 
Modes for New EHIOl Variants 

The complete rotorcraft mathematical model 
was also used to predict the fundamental modes 
of the airframe with the low pressure tyres fitted 
to the landing gears. The predicted pitch and roll 
natural frequencies with low pressure tyres fitted 
and with the high pressure tyres fitted are shown 
in table 2 below. This shows that-

Pitch Mode- at lower amplitudes there is no 
significant change in natural frequency but at 
the higher amplitudes there is a noticeable 
change in natural frequency. Also there is a 
bigger change between the natural 
frequencies at lower and higher amplitudes 
when the low pressure tyres are fitted. 
Roll Mode - at lower amplitudes there is a 
significant change in natural frequency. 
There is also a bigger change between the 
natural frequencies at lower and higher 



amplitudes when the low pressure tyres are 
fitted. 

High Low 
Pressure Pressure 

Tyres Tyres 
Pitch Mode 

lower 
1.77 Hz 1.75 Hz amplitudes 

higher 
1.40 Hz 1.29 Hz amplitudes 

Roll Mode 
lower 

!.37Hz !.45Hz amplitudes 
higher 

!.31Hz 1.22 Hz amplitudes 
Table2 

This analysis has confirmed that the fundamental 
modes of the airframe will change for the new 
EHI 0 I variants fitted with the low pressure tyres 
and has also indicated the size of that change. 

3 Conclusions 
The present series of tests and analysis, 

which are still ongoing, have already 
demonstrated that the non-linear mathematical 
model of the landing gear can accurately predict 
the results of the single leg landing gear 
impedance test. It has also been shown that the 
predictions using this model are in good 
agreement with the results obtained using the 
existing linear methods and the airframe 
impedance test results. Thus it is considered that 
this model can be used with confidence to predict 
the presence of changes in fundamental modes of 
the airframe when changes, such as the fitting of 
low pressure tyres, are made to the landing gears. 
The method of using the landing gear drop test 
results to confirm the accuracy of the data used in 
the mathematical model of the landing gear has 
also been demonstrated. 

Therefore it is considered that the new 
procedure of landing gear impedance test 
combined with non-linear modelling of the 
rotorcraft can be used to replace the more 
expensive and time consuming airframe 
impedance test. The use of the landing gear 
impedance test and non-linear modelling will 
allow the characteristics of each item in the 
landing gear to be better identified and 
understood. Also the effect rotorcraft of changes 
to the landing gear arrangement on the ground 
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resonance stability of the rotorcraft can quickly 
and easily be assessed with confidence. 

4 Future Model Developments 
It is planned to continue the development of 

the complete rotorcraft mathematical model. 
Planned modifications include the introduction of 
airframe flexibility plus a rotor so that the ground 
resonance behaviour of the complete rotorcraft, 
rather than just the airframe, can be predicted. 
An interface between this model and an existing 
aircraft model, that can be flown by a pilot, will 
also be added. Further analysis and comparison 
of the model predictions with the existing 
airframe test and forthcoming ground resonance 
tests of the new EHIOI variants may identify 
further improvements that should made to the 
model. 

It should be noted that use of this 
mathematical model is not restricted to just 
ground resonance predictions but includes other 
areas of rotorcraft performance. Another 
planned development is to use the model to 
predict the aircraft loads when it lands onto a 
ship's deck that is moving. 
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AEROELASTJC AND AEROSERVOELASTIC STABILITY OF THE BA 609 
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Bell Helicopter Textron, Inc. 
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1. ABSTRACT 

The BA 609 is a nine passenger, 16,000 lb (7 ,250 
kg) civil ti1trotor being designed by Bell Helicopter Tex
tron, Inc. and Agusta, a Finmeccanica Company. The SA 
609 design must meet all stability requirements specified 
in the civil certification basis. Based on analysis and 
Bell's experience with previous tiltrotor aircraft, the BA 
609 will meet these requirements. The first tiltrotor de
veloped at Bell was the XV-3. During the testing of this 
aircraft, a coupled rotor/wing whirl instability was en
countered in airplane mode. The phenomenon is similar 
to propeller whirl flutter, except that rotor gimbal flapping 
and inplane mode coupling are important factors on til
trotor aircraft. This proprotor stability phenomenon has 
been an important design consideration during the XV-15 
and V-22 development. At Bell Helicopter Textron, Inc., 
analyses and methodology for the stability analysis of 
ti1trotors have been developed over the last 25 years. The 
U.S. Marine V-22 was developed using similar stability 
analyses and has demonstrated speeds of 379 knots (702 
kmlh) in airplane mode flight. To ensure that the stability 
requirements are met for these aircraft, their wing stiff
nesses are designed to preclude proprotor stability. On 
the BA 609, the wing airfoil thickness-to-chord ratio is 
23% thick to achieve the stiffness requirements. Once the 
basic airframe is designed, the effect of the flight control 
system is included in the analysis. Because the V-22 and 
BA 609 both use high-bandwidth digital control systems, 
these effects must also be considered in the stability 
analysis. The flight control system model used for stabil
ity analysis includes pilot biomechanical models to repre
sent the pilot control inputs caused by cockpit accelera
tions of the structural modes. Filters are included in the 
flight control system, where needed, to reduce the cou
pling with the structural modes. Extensive correlation of 
analysis with model test data and flight test data yields 
high confidence that the BA 609 design requirements will 
be met. 

2. INTRODUCTION 

Currently Be11 and Agusta are developing the 
BA 609 to be the world's first civil tiltrotor. fig. 1 shows 
a full-scale mockup of the BA 609. The gross weight of 
this aircraft is 16,000 lb (7,250 kg), significantly smaller 
than the V-22, which has a nominal gross weight of 
47,000 lb (21,315 kg). The BA 609 is designed to 
provide point-to-point transportation for up to nine 

Copyright © 1999 by Bell Helicopter Textron Inc. 
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passengers at cruise speeds up to 275 knots (509 kmlh) 
and at ranges up to 750 nautical miles (1,390 km). There 
are significant challenges in designing a tiltrotor aircraft 
to meet these requirements. Aeroelastic and aeroservo
elastic stability must be considered early in the design 
process to ensure that the stability requirements are met. 

Tiltrotor aircraft can experience a wing/pylon/rotor 
whirl instability in high-speed airplane mode similar to 
the propelier-whir] flutter of conventional propeller air
craft. The proprotor stability problem is more compli
cated than conventional propeller-whirl flutter because of 
the additional flapping and feathering degrees of freedom, 
control system flexibility, and blade kinematic and elastic 
couplings. The proprotor stability phenomenon was first 
encountered on the XV-3 tiltrotor, as described in Ref. 1. 
Both prope11er-whirl and proprotor instabilities are a re
sult of precession-generated aerodynamic loads, but the 
flapping degree of freedom of the proprotor causes fun
damental differences in the instability. Bel1 and NASA 
conducted joint research on the problem, studying it with 
analysis and model tests (Refs. 2 and 3). This research 
paved the way for the successful Bell/NASA XV-15 pro
gram (Ref. 4). The XV-15 aircraft, which is similar in 
size and weight to the BA 609, demonstrated that tiltrotor 
aircraft can be designed and built with proper wing stiff
ness to preclude proprotor stability. The proprotor stabil
ity phenomenon continues to be studied with analysis and 
tests to determine other design parameters that affect sta
bility (Refs. 5, 6, and 7). 

During the XV-15 flight test program, damping in 
one of the anti symmetric wing modes was less than pre
dicted when the stability augmentation system (SCAS) 
was on. However, with the SCAS off, damping was 
much higher. The problem was traced to the roll rate 
feedback in the SCAS, which was degrading the stability 
of this mode (Ref 8). A notch filter circuit was added to 
the SCAS to reduce coupling with this wing mode. With 

Fig. 1. BA 609 civil tiltrotor. 
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this filter, the damping SCAS on was similar to SCAS 
off. The BA 609 digital flight control system (FCS) is 
included in the stability analysis to ensure that the FCS 
does not degrade the stability of the wing modes. 

In addition to the FCS, the pilot can respond at the 
structural mode frequencies and create an additional feed
back path. Refs. 9 and I 0 describe the pilot coupling 
phenomenon on helicopters. The pilot acts like a feed
back path, causing control inputs due to cockpit accelera
tions of the structural modes. On large aircraft like the 
V-22, this can be a significant issue, because of the low
frequency structural modes. Refs. 11 and 12 describe 
pilot coupling on the V-22 and the design changes that 
reduce pilot biomechanical coupling. 

3. PROPROTOR STABILITY 

Airplane mode proprotor instability can be charac
terized as a whirl divergence as a result of precession
generated aerodynamic hub forces. The proprotor is de
stabilized by shear forces only, since the rotor is gimbaled 
to the mast. Due to the flapping degree of freedom, the 
proprotor destabilizing forces can create an instability in 
either the pitch or yaw degree of freedom alone. Ref. 13 
provides a detailed discussion of this instability, which is 
briefly described below. 

To understand the origin of the destabilizing forces, 
consider a proprotor and pylon undergoing a pitch oscil
lation. For the simplified case discussed here, the rotor 
consists of rigid blades with a gimbaled hub to allow rotor 
flapping. The swashplate, or control plane, is fixed rela
tive to the mast. The pitch motion of the control plane 
will cause the rotor to process at the pylon pitch rate and 
assume a flapped position relative to the mast. The ele
mental blade forces cause an inplane shear force that 
causes proprotor/pylon instability at high speed. This 
instability is a significant design driver on tiltrotor air
craft. Specifically, the wing torsional stiffness require
ments dictate that the wing be thick relative to compara
ble turboprop aircraft (23% for the BA 609). The high 
torsional stiffness associated with the thick wing design 
helps reduce the amount of pylon pitching motion in the 
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fundamental wing bending mode, thereby minimizing the 
destabilizing effect. 

4. ANALYTICAL METHODOLOGY 

Fig. 2 is a flowchart showing the stability analysis 
methodology. Aeroelastic Stability Analysis of Propro
tors (ASAP) is a linear eigenvalue analysis developed at 
Bell specifically for proprotor stability. 

The stability analysis is first petformed on the basic 
aircraft without including the FCS. The wing stiffnesses 
and pylon support and rotor properties are iterated until 
the requirements are satisfied. Then a linearized model 
for the FCS is added to the analysis to verify that the FCS 
does not significantly degrade the stability of the system. 
Structural notch filters are used to reduce FCS gain at the 
elastic mode frequencies as required. This methodology 
has been successfully used on the V-22 aircraft (Ref. 12). 

The pilot can induce oscillations of the elastic 
modes of the aircraft through the cockpit controls. The 
flight control system and mechanical controls must also 
be designed to preclude these oscillations. In the stability 
analysis, the pilot/control system is modeled as a dynamic 
system that creates feedback paths from cockpit accelera
tions to control inputs. Because there is significant vari
ability in the pilot/stick dynamic systems, the stability is 
evaluated with the highest gain that is expected for the 
pilot/control system. 

5. ASAPMATHMODEL 

ASAP is a linear eigenvalue stability and forced 
response analysis developed by Bell for tiltrotor aircraft. 
The analysis is based on constant coefficient differential 
equations. For helicopter and conversion mode, the 
analysis uses coefficient averaging (Ref. 14) to eliminate 
periodic coefficients. The analysis includes an elastic 
airframe, drive system, and rotor model, as well as a 
general FCS model. 

ASAP uses discrete hinges and springs to represent 
the rotor system dynamics. The rotor is allowed a gimbal 
degree of freedom at the mast centerline, which includes 

Pilot 
models 

No 

Add structural 
filters to FCS 

Done 

Fig. 2. Overview oftiltrotor stability methodology using ASAP. 
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the rotor underslinging dynamics. The analysis has provi
sions for discrete coning and lead-lag hinges along the 
blade. Fig. 3 shows the degrees of freedom for the ASAP 
rotor model, which allow ASAP to model the rotor cyclic 
flapping and inplane modes and the collective rotor con
ing mode. Kinematic pitch-flap, pitch-cone, and pitch-lag 
coupling are calculated external to the program and input 
in table form to represent the blade feathering motions. 
The blade static deformed position is represented by 
steady angles about the hinges, including coning at the 
coning hinge and prelag at the lag hinge. These steady 
deformations are also calculated external to ASAP and 
input in table form. 

ASAP includes two rotor aerodynamic models. 
Rotor aerodynamics can be represented by a constant pa
rameter or distributed parameter model: 

1. The constant parameter model uses a constant chord 
blade with constant lift curve slope and assumes ideal 
twist. The blade lift curve slope is corrected for 
Mach number effects using an effective Mach num
ber and the Prandlt Glauert correction. The rotor an
gle of attack at the 3/4 radius is defined in a table of 
angle of attack as a function of rpm and airspeed. 
While this rotor model is quite simplistic, it has 
worked well in correlation with measured stability 
data. 

2. Alternatively, the distributed parameter aerodynamic 
model can be used. This model uses the actual chord 
distribution, twist, and airfoil tables. The blade aero
dynamic coefficients are linearized about the trim po
sition at each blade segment. Rotor trim parameters 
are calculated external to the analysis and input in 
tabular form. Typically, high-speed airplane mode 
stability is less sensitive to the trim condition than is 
helicopter mode stability. 
The airframe is represented by up to twenty-five 

symmetric or antisymmetric airframe modes. The modal 
frequency, damping, and mode shape are input to the 
analysis. The rotor hub, control plane, control surface, 
and aircraft center of gravity ( cg) mode shapes are pro
vided to include coupling with the rotor forces and air
frame control surface aerodynamic forces. The airframe 
control surfaces are represented by linear aerodynamic 
derivatives that act as concentrated forces on effective 
mode shapes for the control surfaces. 

The ASAP math model includes a representation of 
the rotor control system geometry to model pylon/ 
swashplate control system coupling, Blade feathering 

Lead lag 
hinge 

Coning 
hinge 

Rotor modes 
-Flapping 
-First in plane 
-Coning 

Fig. 3. ASAP rotor model. 

with respect to the mast is input to the rotor to account for 
the mast bending in the elastic mode shapes. This 
feathering includes the effect of rotor system phasing and 
geometry. 

ASAP includes a drive system dynamic model with 
the shafts represented by torsional springs and the rotor, 
engine, and gearboxes represented by inertias (Fig. 4). 
The model includes the four torsional springs (mast, pro
prater gearbox drive shaft, engine drive shaft, and inter
connect drive shaft) and four inertias (rotor, engine, prop
rotor gearbox and tilt-axis gearbox. These degrees of 
freedom are adequate to represent the first symmetric and 
first two antisymmetric drive system modes, which can be 
important in calculating stability. The drive system 
model also includes a perturbation engine torque, so that 
the model can be used for torsional stability. 

A general FCS model is included in ASAP for aero
servoelastic stability analysis. The FCS model has a li
brary of linear transfer functions, which can be arranged 
with inputs, outputs, and summing junctions to model any 
linear control system. Any of the system degrees of free
dom can be used as sensors to the control system. Mode 
shape locations are provided so that the airframe response 
at any point can be used as an input to the FCS. The rud
der, aileron, elevator, rotor collective, rotor cyclic, and 
engine torque are possible control outputs. The pilot 
biomechanical feedback is modeled as an additional feed
back in the FCS. Any nonlinear elements in the FCS are 

J Rotoc C: ____ ::X: :::. 

JTAGBOX 

Fig. 4. ASAP drive system model. 
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represented by their linear equivalent. For example, 
digital delays are represented by second order Pade ap
proximations. 

Using the ASAP rotor, airframe, and FCS math 
models, several stability problems can be analyzed. The 
coupled rotor/airframe math model allows rotor flap/lag 
and wing/pylon/rotor stability to be analyzed in airplane 
and helicopter modes. The FCS model allows aeroser
voelastic stability to be analyzed. Root locus plots as well 
as frequency and damping versus airspeed plots can be 
generated by the analysis. For control system analysis, 
Bode plots are generated to calculate the gain and phase 
margins in the FCS. 

Fig. 5 shows correlation of ASAP analysis with 
measured stability data from Ref. 13. This data is for an 
early V-22 wind tunnel model and verifies that the simple 
ASAP rotor model is adequate for proprotor stability pre
dictions. Ref. 12 describes the correlation of ASAP with 
V-22 measured stability data, including the effects of the 
FCS and pilot biomechanical coupling. 

6. BA 609 AIRFRAME DYNAMIC PROPERTIES 

Airframe dynamics are represented by a detailed 
NASTRAN finite-element model. The normal modes of 
the airframe are calculated by NASTRAN and input to 
ASAP. The BA 609 NASTRAN model is shown in Fig. 
6. This model has approximately 38,700 grids and over 
232,000 degrees of freedom. Most of the aircraft struc
ture is modeled by plate and bar elements. CONM2 ele
ments are used to distribute the mass and inertia proper
ties over the structural model. Modes are generated for 
stability analysis at various nacelle angles and gross 
weight configurations. 
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Fig. 5. Correlation of ASAP with model test data. 

The airframe frequencies for airplane and helicopter 
modes at 16,000 lb (7 ,250 kg) gross weight are shown in 
Table 1. The six rigid body modes are calculated by 
NASTRAN, but are not included in the table. Each mode 
has a name that describes the fundamental motion. For 
example, the "symmetric wing beam" mode primarily 
involves symmetric beamwise bending of the wing. In 
airplane mode the pylon cg is forward of the wing elastic 
axis, so there is wing torsion motion in this mode also. 
Because of the complexity of the structure, none of the 
modes are purely vertical or lateral, even though they may 
be labeled as such. NASTRAN models the coupling be
tween the degrees of freedom, and all mode shapes in
clude motion in all three translation and rotation degrees 
of freedom. 

The NASTRAN model is also used for vibration 
predictions and predicts the higher frequency modes up 
through 6/rev. For proprotor stability analysis, only the 
fundamental wing modes below 1/rev are important and 
Table I lists only these modes. The BA 609 FCS oper
ates at 50 Hz, so the FCS Nyquist frequency is 25 Hz. 
For stability analysis including the FCS, the modes up to 
the Nyquist frequency are included, although the funda
mental wing modes are still the critical modes. 

7. BA 609 DRIVE SYSTEM DYNAMIC 
PROPERTIES 

The drive system in the BA 609 includes engines 
mounted in the pylons and an interconnect drive shaft 
between the two rotors. The long interconnect drive shaft 
causes the first antisymmetric drive system frequency to 
be in the frequency range of the fundamental wing modes, 
so the drive system can be important for stability. Table 2 
lists the BA 609 drive system natural frequencies. 

8. BA 609 ROTOR DYNAMIC PROPERTIES 

The rotor used on the BA 609 is a three-bladed, 
stiff-inplane rotor. The blades are tapered and highly 
twisted (47.5 degrees) to achieve low-speed and high
speed performance. The rotor has a constant velocity 
gimbal at the mast centerline to allow rotor flapping. A 
relatively small hub spring is used to reduce flapping 

Fig. 6. BA 609 NASTRAN model in airplane mode. 
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Table 1. BA 609 airframe properties. 

Airplane Mode (478 rpm) Frequency 

Mode name Hz 

Symmetric wing beam 3.35 

Antisymmetric wing chord 3.76 

Symmetric wing chord 5.31 

Antisymmetric wing beam 5.87 

Symmetric wing torsion 6.10 

Antisymmetric wing torsion 6.36 

Fuselage lateral bending 7.35 

Symmetric pylon yaw 10.66 

Antisymmetric pylon yaw 10.88 

Fuselage vertical bending 12.05 

Table 2. Drive system natural frequencies. 

Mode 

1st antisymmetric 

1st symmetric 

2nd antisymmetric 

Frequency (Hz) 

3.27 

6.70 

9.07 

x!rev 

0.42 

0.47 

0.67 

0.74 

0.77 

0.80 

0.92 

1.34 

1.37 

1.51 

during rotor startup. The constant velocity gimbal is used 
to reduce the drive system 2/rev torque when the rotor 
flaps. The design uses negative 83 (flap up, pitch nose up) 
to reduce flapping and keep the rotor flapping mode be
low !/rev to eliminate the possibility of flap/lag instability 
(Ref. 15). For proprotor stability, only the fundamental 
rotor modes are significant, and only these modes are 
modeled in ASAP. Table 3 shows the fundamental rotor 
frequencies (no aerodynamics or airframe coupling) at 
two different rotor speeds. The BA 609 operates at 569 
rpm (100%) in helicopter and conversion modes. Once 
fully converted to airplane mode, the rotor speed is de
creased to 478 rpm. The flapping frequency is slightly 
above 1 /rev in a vacuum, although the rotating system 
frequency is about 0.9/rev, when aerodynamics are in
cluded. The fixed system inplane frequency shown in the 
table is the regressing inplane mode. While the rotor is 
stiff-inplane to preclude ground resonance, the regressing 
inplane mode frequency is close to the airframe frequen
cies and is important for proprotor stability. 

9. LINEAR FLIGHT CONTROL SYSTEM MODEL 

The BA 609 utilizes a state-of-the-art digital fly-by
wire control system. The pilot has a conventional cyclic 
stick and pedals, as well as a collective/power lever that 
controls the vertical axis in helicopter mode and forward 
speed in airplane mode. The verticaJ axis control is simi
lar to a conventional helicopter collective in that pulling 
on the handle increases rotor collective and engine power. 

Helicopter Mode (569 rpm) Frequency 

Mode name Hz x/rev 

Symmetric wing beam 3.02 0.32 

Antisymmetric wing chord 3.68 0.39 

Symmetric wing torsion 4.29 0.45 

Anti symmetric wing torsion 4.78 0.50 

Antisymrnetric wing beam 6.05 0.64 

Antisymmetric pylon yaw 6.30 0.66 

Symmetric wing chord 6.62 0.70 

Symmetric pylon yaw 6.94 0.73 

Fuselage lateral bending 7.51 0.79 

Fuselage vertical bending 11.31 1.19 

Table 3. BA 609 rotor frequencies. 

Airplane Mode Helicopter Mode 
478 rpm; e = 87.5 deg 569 rpm; e = 75 deg 

Rotating Fixed Rotating Fixed 
system system system system 

Mode (x/rev) (Hz) (x/rev) (Hz) 

Flapping 1.005 0 1.002 0 

In-plane 1.300 2.391 1.255 2.419 

Coning 1.188 9.468 l.l5 10.911 

The FCS includes rate, attitude, and linear acceleration 
feedback for handling qualities. Engine torque and rotor 
rpm feedback are used to maintain rotor speed and power 
setting. The controls include the two conventional fixed
surface controls (flaperon and elevator) as well as rotor 
collective, longitudinal cyclic, and engine power setting. 
The rotor controls can be moved symmetrically or anti
symmetrically. Note that the aircraft does not have a rud
der or rotor lateral cyclic control. The model includes 
sensor dynamics, digital delay approximations, and ac
tuator dynamics to achieve good fidelity at the structural 
mode frequencies. 

The FCS has airspeed and nacelle angle scheduling 
to change the control sensitivity and mixing with flight 
condition. Ref. 16 describes the development of the BA 
609 control architecture and control laws. Structural 
notch filters are included in the FCS to reduce coupling 
with structural modes as required. 

10. PILOT BIOMECHANICAL RESPONSE 

On the V-22, the pilot biornechanical response 
created three separate divergent oscillations as described 
in Ref. 11. These oscillations were not anticipated on the 
V-22 and resulted in delays at flight test as design 
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solutions were developed and implemented. On the BA 
609, the stability methodology has benefited from the V-
22 experience and thus included pilot coupling from the 
start. 

The primary difficulty is determining what the pilot 
biomechanical response will be for a given cockpit and 
control geometry. On the V-22, the response was meas
ured on the actual aircraft with various pilots. On the BA 
609, the pilot response is based on the measured V-22 
response with some adjustments for differences in the 
control geometry. 

Typical1y, pilot response is quantified in terms of 
inches of stick response per g of acceleration. Fig. 7 
shows the V-22 longitudinal pilot model and the meas
ured response data. The open symbols are the measured 
ground shake test response for two different pilots. As 
indicated by the response, the pilot biomechanical re
sponse can be characterized as a highly damped second 
order system with a natural frequency between 3 and 4 
Hz. There are limited flight test data that support the 
ground shake test data. A second order transfer function 
was curve fit to match the measured pilot response, which 
is referred to as a pilot model. This model is only valid 
above I Hz and should not be confused with the low
frequency pilot models, which predict how the pilot flies 
the aircraft. On the V-22 and BA 609 there is a lateral 
control stick balance weight. Because these weights and 
their moment arms are different on the BA 609 and V-22, 
an analytical model was tuned to match the measured V-
22 data and then modified to represent the BA 609 control 
properties. For the BA 609 longitudinal cyclic, lateral 
cyclic, and collective/power lever, pilot biomechanical 
models were developed and used in the stability analysis. 
The validity of these models will be verified during the 
BA 609 testing. 

The three pilot models are included as additional 
feedback paths in the ASAP FCS model. Fig. 8 shows 
these feedback paths. The pilot models are formulated to 
represent a high-gain, worse-case pilot. Typically, the 
actual measured pilot gain will be less than predicted by 
the models. 

11. BA 609 FLIGHT ENVELOPE 

The flight envelope for the BA 609 is typically 
specified separately for helicopter/conversion mode and 
airplane mode. As forward speed increases from hover, 
the pilot tilts the nacelles forward. Cockpit displays for 
the pilot show where the aircraft is within the conversion 
corridor. Fig. 9 shows the flight envelope for helicop
ter/conversion modes. Also shown are the stability analy
sis points. Altitude and gross weight restrictions also 
limit the conversion corridor of the BA 609. At maxi
mum gross weight during helicopter/conversion mode, the 
flight envelope has a maximum ceiling of 8,000 ft 
(2,438 m). The aircraft is capable of flying to 14,000 ft 
(4,267 m) in conversion mode; however, this capability 
requires lighter gross weights. 

When the nacelles are fully converted, the nacelles 
are preloaded into a downstop, which provides additional 
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Fig. 7. Measured V-22longitudinal cyclic stick 
pilot biomechanical response. 
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Fig. 9. BA 609 flight envelope at 569 rpm. 

pylon stiffness for high-speed airplane mode flight. Once 
the downstop is engaged, the rotor speed is reduced from 
569 rpm to 478 rpm. The airplane mode flight envelope 
versus altitude is shown in Fig. 10, which shows the oper
ating ceiling of25,000 ft (7,700 m). Also included in this 
figure are the stability analysis data points. 

12. STABILITY PREDICTIONS 

The analytical stability predictions for the BA 609 
were obtained using the methodology described above. 
The flowchart shown in Fig. 2 summarizes the approach 
used to ensure that the stability requirements are satisfied. 
The ASAP computer code is used to calculate eigenvalues 
for coupled wing, rotor, and drive system as a function of 
airspeed. Several altitude and gross weight combinations 
are analyzed to ensure that the basic aircraft has sufficient 
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Fig. 10. BA 609 flight envelope at 478 rpm. 

stability margins over the entire flight envelope. The ba
sic aircraft frequency and damping versus airspeed for the 
critical 16,000 lb (7,250 kg) gross weight configuration at 
sea level standard condition are shown in Fig. 11. To 
verify that the aircraft is stable for the entire gross weight 
range, the stability is also verified at the empty gross 
weight of 11,000 lb (4,990 kg). The symmetric wing 
chord (SWC) is shown to be critical at 364 knots 
(674 km/h). The regulations require a 15% margin above 
the design speed for flutter clearance. Since the predicted 
point of instability (364 kn [674 km/h]) is greater than the 
flutter clearance speed (339 kn ~ 1.15 x 295 kn), the basic 
aircraft satisfies the stability requirement. 

Fig. II does not show the frequency and damping 
for the rotor modes that are included in the analysis. Par
ticularly in high-speed airplane mode, the rotor flap lag 
stability is important. Fig. 12 shows the rotating system 
stability for the rotor flapping and inplane modes. Note 
that the flapping mode is below !/rev because of the 
negative spring effect of the negative 53• This reduces the 
flapping frequency to keep it separated from the inplane 
mode, but does not cause static divergence of the rotor. 
The damping plot shows that both modes are well 
damped. 

With these requirements satisfied, the linearized 
flight control system model is then included in the analy
sis. The FCS bandwidth is high enough for the FCS to 
interact with the elastic modes of the airframe. Bode 
plots are generated for each path to verifY that the system 
has acceptable gain and phase margins at the elastic mode 
frequencies. Although there are no certification require
ments for gain and phase margins, 6 dB and 60 degree 
margins are maintained to ensure a robust design. If the 
margins are not acceptable, structural filters are added to 
attenuate the FCS coupling with the structural modes. A 
typical Bode plot for the aircraft roll rate path is shown in 
Fig. 13, which shows the gain in the aircraft open loop 
roll rate path before and after a filter was added. The 
AWC and A WT modes have gain margins above zero dB 
without the filter. Therefore, a structural filter is required 
to reduce FCS coupling to meet the gain margin require
ment. The structural notch filter designed for the roll rate 
path is shown in Fig. 14. This filter reduces the gain at 
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the A WC and AWT mode frequencies by 17.5 and 20 dB, 
respectively. This filter consists of two second-order 
notch filters in series. Notch filters are used because they 
have less phase lag at low frequencies than a second order 
lag, for example. The phase lag at low frequencies will 
impact and degrade the handling qualities of the aircraft. 
Filters placed in the pilot feed forward path can poten
tially cause phase lags, which may increase the PIO ten
dency of the aircraft. Similar filters are designed for the 
other paths, which include 

• Longitudinal cyclic stick 
• Lateral cyclic stick 
• Pitch rate 
• Lateral acceleration 
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Once the filters are defined, the FCS paths are 
closed and the closed loop aeroelastic stability is evalu
ated with the effect of the FCS. Fig. 15 shows the heli
copter/conversion mode stability predictions at sea level 
standard conditions and 100% rpm. Sea level standard 
condition was selected, since previous analysis showed 
this altitude to be critical. Similarly, closed-loop stability 
predictions in airplane mode are calculated and compared 
with the flutter clearance envelope. Fig. 16 shows the 
airplane mode stability predictions at various altitudes. 
Based on this analysis, the BA 609 meets all the stability 
requirements over the complete flight envelope. 

In addition to the wing and rotor modes, the FCS 
can affect the symmetric drive system modes. The first 
symmetric driYe system mode is at 6. 70 Hz, which is 
within the bandwidth of the FCS. ASAP showed that the 
rpm governor degrades the stability of this mode (Fig. 
17). While this mode is predicted to be stable, a filter was 
added to satisfy the open loop gain margin requirements. 
Because the filter reduces the coupling of the rpm 

G3-8 



governor portion of the FCS, the damping with the filter 
is more like the basic system. 

Classical ground resonance is avoided on the 
BA 609 by use of a stiff inplane rotor. However, the 
V-22 experienced a divergent oscillation on the ground 
caused by pilot biomechanical feedback (Ref. II). Sta
bility of the XV-15 has not been affected by pilot bio
mechanical coupling because it used mechanical control 
linkages instead of fly-by-wire controls. A separate sta
bility analysis was performed on the ground to verify that 
the BA 609 does not have a ground oscillation like the 
V-22. On the ground, the aitframe dynamics are repre
sented by a rigid aircraft on flexible landing gear and 
tires. There are two lateral roll modes of the aircraft on 
its landing gear, and the second mode with a roll pivot 
point above the aircraft cg is a stability concern. This 
mode is referred to as the high-focus roll mode. The 
ASAP analysis has been correlated extensively with V-22 
onground data to accurately predict the damping in this 
mode. Because this mode of the rigid aircraft on the gear 
and tires (1.82 Hz) is very low, it is difficult to stabilize 
this mode with only a notch filter without significantly 
degrading the aircraft handling qualities. Therefore, a 
lateral balance weight is used in the mechanical controls 
to reduce the sensitivity of the pilot lateral stick input to 
cockpit lateral acceleration. This allows a smaller filter to 
be used in the lateral stick feed forward path without de
grading the handling qualities. 

Fig. 18 shows the basic aircraft predicted damping 
for the onground, high-focus roll mode. The basic aircraft 
is stable as shown. With the FCS and pilot biomechanical 
feedback, the aircraft is unstable. The combination of a 
filter and balance weight stabilizes this onground mode. 

13. SUMMARY AND CONCLUSIONS 

Bell has developed a comprehensive methodology to 
evaluate aeroelastic and aeroservoelastic stability, which 
has been applied successfully to the V-22 and XV-15. 
This analysis shows that the BA 609 will satisfy all of the 
aeroelastic and aeroservoelastic stability requirements. 
Specifically for the BA 609, the following conclusions 
can be made: 
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I. Acceptable airplane mode proprotor stability speeds 
are met primarily because of the high torsional 
stiffness in the wing. 

2. Ground resonance can be avoided by using a stiff
inplane rotor. 

3. High-speed flap lag instability can be avoided by 
using negative 03. 

4. Coupling ofthe flight control system with the struc
tural modes can be reduced using notch filters with
out introducing unacceptable low-frequency phase 
delays. 

5. The adverse effect of pilot biomechanical coupling 
on stability can be reduced by using notch filters in 
the FCS and a balance weight in the mechanical con
trols. 

6. Torsional stability is maintained by appropriate fil
tering of the rotor rpm error feedback. 
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I. Abstract 

This paper presents experimental and theoretical results 
that help to assess the importance and effectiveness of 
2/rev IBC/HHC active rotor controL Wind tunnel and 
flight test results will be shown which clearly indicate 
the positive impact of the second rotor harmonic fre
quency for vibration reduction. Simple models will be 
used to explain two physical mechanisms of inter
harmonic coupling that are believed to be predominant 
in causing the 2/rev effects discussed in this paper. Be
side the usefulness in reducing vibrations, 2/rev has 
also proven to be essential to reduce BVI noise and 
pitch link loads. Selected experimental results are pre
sented to show the effectiveness with respect to these 
optimization goals. 
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2. Notation 

IBC!HHC control amplitude of 
n/rev harmonic component 

relative (equivalent) hinge offset 

thrust, moment coefficient 

blade flap momentum of inertia 

rotor roll, pitch moments 

number of blades 

order of harmonic component 

rotor radius 

IBC to vibration response 
transfer matrix (non-linear, 
steady-state) 

blade static flap mass 
Momentum 

rotor thrust 

IBC to vibration response 
transfer matrix (linear, steady
state) 

vector of higher harmonic 
control inputs (sin, cos compon.) 

blade root vertical shear force 

vector of vibration components 
(sine, cosine components.) 

fJ deg, rad flap angle 

y= (pC,,cR4
) I I~ LOCK number 

0 = (wRa·Wil/ -, rad inflow ratio/angle 
(QR) 
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fiB He rad 

brwist rad 

4oot deg, rad 

/i = URof (QR) 

p kg/m3 

a= eN I (11R) 

Cf!n deg 

7/J deg 

Q rad/s 

( ... )' = d( ... ) I d7f! 

vector of higher harmonic 
control inputs (sin, cos compon.) 

built-in blade twist 

blade pitch angle at blade root 

advance ratio 

air density 

blade solidity 

IBC/HHC control phase angle of 
n/rev harmonic component 

rotor azimuth angle (=non
dimensional time) 

rotor rotational speed 

first derivative with respect to 
rotor azimuth 

3. Introduction 

Active Rotor Control by blade root actuation has 
proven highly valuable and successful in reducing sev
eral negative effects associated with helicopter rotors 
operating in tangential flow. At high forward speed 
various problems arise due to the asymmetric flow 
condition, high MACH numbers, the large wake skew 
angle and the requirement to satisfy momentum trim. 
Figure 1 gives an symbolic overview of the more im
portant ones of these effects. 

'~ 
~ 
Yawed Flow 

Number 

"-. .. ' . ::..,.<> HighAngles 
I . of Attack 

-·• Reversed Flow 

Figure 1: Negative Effects Associated with Helicopter 
Rotors in Tangential Flow 

Two technical approaches of higher harmonic blade 
root pitch control have been developed and tested in 
the past, both competing with respect to the required 
effort and the gained benefit. 



Company ZFL DLR 
McDonnell 

Sikorsk)' Aerospatiale Boeing Vertol Douelas 
Campaign Flight Test Wind Tunnel Test Right Test Wind Tunnel Flight Test Flight Test Flight Test Wind Tunnel Test 

(NASA Ames) Test 
(DNW) 

Test Bed BOlOS 1:1 BOlOS Rotor BOlOS 40% BOlOS OH-6A S-76 SA-349 Model179 1:6 CH-47D 
Model Rotor Model Rotor 

Yoar 1990191 1993/94 1998 1990 1982 198S 198S 1981 1985 
Control Concept IBC IBC IBC HHC HHC HHC HHC HHC HHC 

OL OL OL OL OUCL OL OUCL OUCL CL 
Control 3Q4QSQ 2Q 3Q 4Q 5Q 6Q 2Q3Q4Q 3Q4Q5Q 3Q 4Q SQ 3Q4Q SQ 2Q 3Q4Q 3Q4Q5Q 2Q3Q4Q 
Parameter Max.+/· 2" 5Q6Q 

+1- 0.16" +1- 1.1 <> +1- 0.8 +I· 2.00" +/- 10 +1- 1.0" +1- 1.3° +I· 3" 
+1- 0.40" +1- 1.2 +1- 0.33" +1- 0.8" 

Advance Ratio p. 0.15 0.10 0.10 0.10 0.10 O.o7 0.12 0.10 0.4 
0.26 0.15 0.15 0.15 0.31 0.30 

0.30 0.20 0.24 0.25 
0.40 0.35 
0.45 

Noise ,/ max. SdB max. 6dB max. 6dB max. 6dB 
Reduction 

Vibration 
S0%-80% max. 85% 50%-80% 30% 

Reduction 
60%-70% 40%-60% 80% 90% ,/ 

Performance 
max. 7% NO 

Improvement 
NO ,/ 1,7%-4% ,/ 

Load Reduction ,/ 

Structural Blade 

"' "' " "' "' Load 

Pitch Link 

"' "' "' Load 

Critical Loads NO NO NO NO 

References [2], [3] [4], [5] [6] [7) [8], [9) [10] 

Figure 2: Overview of Experimental Research Activities and their Results in the Field of HHC (Higher Harmonic 
Control) and IBC( Individual Blade Control) 

One system, commonly called HHC (Higer Harmonic 
Control), enables higher frequency motions of the 
swashplate to produce additional harmonic blade pitch 
variations. As result of the kinematic properties these 
systems are restricted to particular multiples of the ro
tor frequency, namely kN-1, kN and kN+1 for k=1,2,3 ... 

The other system, denoted as IBC (Individual Blade 
Control), allows to control each blade individually 
without any restriction of the applied frequencies. Be
side the deviations in the technical lay-out, the main 
difference is the possibility of the IBC-type systems to 
introduce 2/rev control in modern rotors having more 
than three blades. Figure 2 gives an overview over 
various experimental activities that were focused on the 
application of HHC or IBC. Since the majority of the 
test campaigns had to cope with the restrictions of 
HHC the question, how useful 2/rev control might be, 
did not actually arise. For details of IBC systems as de
signed and used by ZFL for several wind tunnel and 
flight test campaigns see Refs. [13], [16], [17] and [18]. 

Nevertheless, the value of 2/rev at least for reducing 
rotor power required is widely accepted. This particular 
application seems to have triggered the general interest 
in HHC as can be derived from early publications like 
Ref. [19]. The necessity of 2/rev for vibration reduc
tion, however, is frequently questioned. The obvious 
properties of the transformation between rotating and 
the non-rotating frame are believed to imply that 2/rev 
has to be much less effective than (N-1)/rev, N/rev and 
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(N+1)/rev inputs. As a matter of fact, even such so
phisticated programs as CAMRAD clearly underpre
dict the 2/rev effect compared to wind tunnel and flight 
test results. By using the experimental IBC systems de
signed, manufactured and operated by ZFL it was pos
sible for the first time to extensively investigate those 
2/rev effects. 

In the following sections the focus is solely put on the 
2/rev results. For comparison with the proven effects of 
the HHC frequencies and for a comprehensive descrip
tion of the test results gained with ZFL's IBC systems 
see Refs. [12], [13] and [15]. 

4. Noise Reduction through 2/rev IBC 

One main application of higher harmonic blade pitch 
control is to reduce the BVI noise radiation. Therefore, 
ZFL, having participated in several national and inter
national research programs, has conducted intensive 
experimental investigations of noise reduction through 
IBC. The 1993/94 full-scale wind tunnel tests at the 
NASA Ames research center led to promising results in 
this field, Ref. [18]. The RACT flight tests carried out 
last year were used to validate these impressive results. 
For noise measurements in the wind tunnel, the rotor 
operation condition was adjusted to a high BVI condi
tion as usually encountered during landing approach. 
Therefore, the same flight conditions were investigated 
during the RACT flight tests. The ground based meas
urement hardware consisted of 3 microphones, one on 



the advancing, one on the retreating side and the third 
one on the center line of the flight path, all of them lo
cated according to the ICAO regulations. 

Figure 3 shows the maximum A-weighted sound pres
sure level LAmax versus the single-harmonic 2/rev blade 
pitch control phase angle Cfl2· Maximum noise reduction 
of more than 5dB was achieved at 'PJ_= 60deg near the 
optimum phase angle expected according to the wind 
tunnel results, Ref. [12]. Given this considerable effect 
of 2/rev control on rotor noise it is of great interest 
what effect the same control inputs exhibit on the vi
brations in the non-rotating frame. Former HHC re
sults, Ref. [23], for the same type of rotor had shown 
that noise and vibration reduction could never be 
achieved simultaneously when using the HHC frequen
cies 3/rev, 4/rev and 5/rev. For details on the compari
son between wind tunnel and flight test results see Ref. 
[12]. 

Reference w/o HHC 

Center Line Mic. 
Adv. Side Mic. 
Retr. Side Mic. 

, , , , 

700L __ 6~0--I~zo,.....--'I~s==o==z:::;4:::;o====3o~o=="~360 
2/rev control phase angle [deg] 

Figure 3: Rotor Sound Pressure Levels vs. IBC Phase 
Angle for Single-Harmonic 2/rev Control, A 2 = Ideg 
(RACT flight test results, B0-105Sl, p = 0.15, 
r= -6deg) 

5. Vibration Reduction through 2/rev IBC 

The rotor induced vibrations of a helicopter originate 
from the unsteady aerodynamic forces acting on the 
rotor blades. They are caused by phenomena which can 
in many cases be associated with fixed rotor azimuth 
positions (see Figure 1). The resulting aerodynamic 
loads are of periodical type with the corresponding fre
quency spectra mainly consisting of so-called rotor 
harmonics nQ. They excite the rotor blades to oscilla
tions in both flapwise and lead-lag direction. These 
blade motions combined with inertial and elastic forces 
finally determine the blade root loads. To obtain the re
sulting vibrations in the fixed frame the forces and 
moments of all blades have to be added and trans
formed into the non-rotating system. Due to this trans
formation several harmonics cancel each other and the 
resulting vibrations in the fixed frame only consist of 
frequencies which are integral multiples of the blade 
passage frequency kNQ with k = 1,2,3 ... Out of these 
harmonic components, the lowest one is not only asso
ciated with highest amplitude but furthermore repre
sents the most straining one for the passengers. 
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Figure 4: Transformation of Vibratory Loads from the 
Rotating into the Non-Rotating Frame and Application 
ofHHC to Reduce Vibrations (4-Bladed Rotor) 

It is caused by blade load components of the frequen
cies (N-1)/rev, N/rev and (N+1)/rev in the rotating 
frame, see Ref. [26]. These harmonics can be affected 
by controlled blade pitch changes of the same frequen
cies. With properly adjusted amplitudes and phases the 
blade oscillations can be controlled in a way that leads 
to a reduction of the resulting hub loads and subse
quently to the desired minimization of the fuselage vi
brations, see Figure 4. 

Because of this correlation between blade loads in the 
rotating frame, vibrations in the non-rotating frame and 
the corresponding higher harmonic blade pitch control 
inputs, mostly (N-1)/rev, N/rev and (N+1)/rev control 
as can be provided by HHC systems has been consid
ered for vibration reduction. Consequently, 2/rev con
trol was not believed to be of great relevance for rotors 
with more than four blades, since blade pitch inputs 
with this frequency do not have the same direct feed
through to vibrations in the fixed frame. 

5.1 Experimental Results 
Although the validation of the wind tunnel test results 
with respect to noise reduction was the main purpose of 



the RACf flight tests, accelerations in the fuselage 
were measured and recorded, too. The highly sophisti
cated data acquisition system installed in the B0-
105Sl (Ref. (13]) provided acceleration signals in three 
axis at the top of the main gear box, at the co-pilot seat 
and in the payload compartment. These vibration data 
have facilitated the extensive evaluation of the effect of 
2/rev control on vibrations, compare Refs. (12] and 
(13]. 

5-1-1 Mathematical Description ofiBC Transfer 
Behavior and Effectiveness Measure 

Earlier evaluations of the helicopter vibrations had 
used measured 4/rev hub vibrations in the non-rotating 
frame, which were then analyzed in the sine/cosine 
plane. This method leads to the well-known ellipses 
that describe the linear, quasi-steady transfer behavior 
between the 1BC inputs and the resulting vibrations. 
The model relates the cosine and sine components of 
the higher harmonic pitch control angles arranged in 
the vector f! to the cosine and sine components of the 
4/rev vibrations in the fuselage arranged in the vector g 
and can be written as the following linear transforma
tion. 

~ = If!.HHC + £o 

Such a model seemed to be appropriate for linear time
periodic systems. The shape and size of the ellipse de
pends on the I-matrix elements, see Ref. (12] for de
tails. This linear mapping of the input flHHc to the out
put ;; is well suited to describe the transfer behavior 
between 3/rev, 4/rev, and 5/rev inputs and the 4/rev vi
bratory response. For 2/rev inputs, however, this linear 
mapping does not provide an accurate representation of 
the transfer behavior to the measured 4/rev fuselage vi
brations. Therefore the linear formulation has been ex
tended by a quadratic term to 

~ = !._u + diag(E)~u + ~0 , 

where the cosine and sine components of the 2/rev in
put now form the vector J>. It can be shown that this 
non-linear transformation represents the system be
havior much better and provides an astonishing well 
suited means of interpolation for the measured data. 
The determination of the two transfer matrices is based 
on the least-mean square method. For a given number 
of measurements it yields the following set of equa
tions. 

~~ ~uuuu ~u{; Z~~u21 z~, Sn Lzli~i 

L~;U'1i Lui, L~~U2; Zut,u1 Lu21 s,, Lzliu2i 

Lui, l:ll:J~.U2i L~i Lu?,u2i 2:~~ 'n Lzliul~ 
2:~~u21 Lll:i;ui,. Luf,u2i L~~u1 L~;U2i ,, Lziill:iiU2i 

Luli Lu21 LUj~ Lul,u2i :Zi zo, Lzu 
A !, .!: 

This can be solved by extending the input vector as 
follows. 
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With ;;!, = fib* f U * and 1.: = ~ * f ~ * the first column 

£1 of the non-linear mapping is given by 

In the same manner the second column of the transfer 
matrix can be computed, where the related second in
put vector is now described by 

For quantitatively assessing the effect of different IBC 
frequencies on the vibrations a simple numerical meas
ure was defined. The effectiveness for linear transfer 
behavior is given in [12] and is defined as the ratio of 
resultant vibration level to HHC input amplitudes. The 
mean vibratory response magnitude can be approxi
mated by the radius E of a circle having the same area 
as the actual ellipse described by the T -matrix compo
nents. For the non-linear transformation which is ap
plied to the transfer behavior between 2/rev control and 
4/rev vibrations this method is no longer applicable, 
because this mapping does not have a finite area. 
Therefore, the effectiveness is now defined as the dis
tance of the measurements in the sine/cosine-plane 
from the reference data point for unity excitations of 
ldeg. For k measurements the over-all HHC effective
ness is defined by 

1 k 

E=-"'lz.-z 1 k ,.LJI!:!-1 -0 
i-1 

One should note that this equation coincides with the 
former definition when applied to a linear system that 
shows a perfect circle in the cosine/sine-plane. All 
wind tunnel and flight test data presented in the fol
lowing sections have been analyzed with this non
linear transformation method. 

5.1-2 Flight Tests 

The measured accelerations at the co-pilot seat are 
shown in Figure 5. The magnitude of the 4/rev accel
erations versus the 2/rev IBC phase angle as well as the 
components in the cosine/sine-plane are plotted. In ad
dition, the figure presents the interpolation that results 
from the non-linear mapping. As can be seen, the 2/rev 
input is able to reduce the vibrations by more than 
60%. The identified transformation matches the meas
ured data very well, which proves the suitability of the 
non-linear formulation. 

In contrast to former HHC results, where noise and vi
bration reduction were never achieved simultaneously, 
Ref. (23], the evaluation of the 2/rev control data 
shows decreased vibration and noise levels for almost 
the same phase angle (Figure 3). The previously men
tioned idea of vibration reduction by superposing 
"anti"-vibrations intentionally generated through HHC 
of the same frequency does not cover this effect of si
multaneous noise and vibration reduction through 2/rev 
control. Consequently, the influence of 2/rev has to be 
based on another mechanism. 
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Figure 5: Accelerations at Co-Pilot Seat vs. IBC 
Phase Angle for Single Harmonic 2/rev Control, 
A 2 = 1 deg (RACT Flight Test Results, B0-1 05S1, 
11 = 0.15, r = -6deg) 

5.1.3 Wind Tunnel Tests 

The vibration results of the wind tunnel tests are pre
sented in Figure 6 and Figure 7. The magnitudes of the 
4/rev hub loads versus the IBC phase angle and the 
corresponding components in the cosine/sine-plane are 
plotted for two flight conditions. 
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for Single-Harmonic 2/rev Control, A2 = 1 deg (Wind 
Tunnel Data, Full-Scale B0-1 05 Rotor, p = 0.15, 
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Again, the figures contain the interpolation results from 
the identified transfer matrices and confirm the suit
ability of the non-linear mapping. Similar to the flight 
tests, 2/rev control has an considerable effect on the vi
brations. Figure 7, however, also shows that applying a 
single control frequency alone does not provide the 
means to reduce vibrations in more than one axis si
multaneously. In the example presented here, the am
plitude was correctly set for optimum suppression of 
thrust vibrations, but was too small with respect to 
pitch and too large with respect to roll moments. 
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Rotor Hub (Non-Rotating Frame) vs. IBC Phase Angle 
for Single-Harmonic 2/rev Control, A2 = 1 deg (Wind 
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5.1.4 Effectiveness Identified from Wind Tnnnel 
Test Data 

Figure 8 summarizes the wind tunnel evaluation con
cerning the IBC effect on vibratory loads. For all tested 
higher harmonic inputs Figure 8 presents the resulting 
effectiveness on thrust, pitch and roll moments based 
on ldeg higher harmonic blade pitch inputs. Although 
the effectiveness of 2/rev turns out to be smaller than it 
is for the other frequencies, 2/rev is still a valuable fre
quency. One has to keep in mind that (servo-) hydrau
lic IBC systems as they were used for the presented 
experiments are limited to a certain maximum travel 
velocity. This limit yields a hyperbolic characteristic of 
available control amplitudes over the control fre
quency, where 2/rev allows by far the highest ampli
tudes. As a matter of fact, the available 4/rev amplitude 
only reaches approximately 50% of the corresponding 
2/rev authority. Thus, the lower effectiveness of 2/rev 
is compensated by the availability of higher amplitudes 
at this frequency. 
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5.2 Theoretical Explanations 

As can be seen from Figure 4 there is no direct path 
between the 2/rev aerodynamic effects in the rotating 
frame to the resultant vibrations in the non-rotating 
frame. As we know, only (N-1)/rev, N/rev and 
(N+1)/rev blade forces contribute to theN/rev vibra
tions in the fuselage, whereas the remaining compo
nents cancel each other due to the rotor symmetry. This 
property holds as long as all blades are perfectly identi
cal. Otherwise, residual vibrations of frequencies other 
than N/rev will additionally occur in the non-rotating 
frame. However, practical experience shows that for 
fairly well balanced and tracked blades these vibrations 
are of much smaller amplitude than those with blade
harmonic frequencies. Therefore, for the following dis
cussions all blades are assumed to be identical. Moreo
ver, all examples refer to a four-bladed rotor as obvi
ously do all B0-105 test results. 

The question left to be answered is, which mechanisms 
of inter-harmonic coupling exist in the rotating frame 
that link 2/rev IBC inputs to frequencies that finally 
make their way down to the fuselage. 

5.2.1 Simplified Rotor Model 

To answer the above question, a very simple rotor 
model was used for some theoretical investigations. 
The model only represents the first rigid flapping mode 
for each blade. Lead-lag motion as well as elastic 
bending modes of higher order are neglected. For small 
variations about a given rotor operating condition the 
following periodically time-variant linear differential 
equation was derived, which describes the flapping 
motion of an isolated blade. 
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fi' + yD(1J1 )fi' + [Jd"C(1fJ) + K0 ]fi = 

y[E1 (1J1)~ +E2 (7jJ)fJ; •• , +E3(7jJ)b] 

The coefficients D, K and E which depend on the blade 
properties and the advance ratio can be found in Ref. 
[14]. In order to relate the flapping motion to those vi
bratory blade loads which finally propagate to the non
rotating frame, the vertical blade root shear force Z, 
was considered a representative parameter. This blade 
root shear force directly depends on the state variables 
of the flapping equation and is given by 

+ = fJ" +J(J(1fJ)fJ' +yH(1fJ)fJ 
Q SP 

- y[Q, (1/J )~ + Q, (1/J )fJ; .. , + Q,(1/J )b l 

5.2.2 Interharmonic Con piing of Periodic (Parame
ter Excited) Svstems 

It is well known that differential equations with peri
odic coefficients, even when linear from their structure, 
show certain behavioral similarities to nonlinear sys
tems. The properties considered here concern the 
forced solution. 
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Figure 9: Application of2/rev IBC to Reduce 
Vibrations, Effect of Inter-Harmonic Coupling due 
to Parameter Excitation (4-Bladed Rotor) 
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While linear time-invariant systems respond to any ex
citation only with the forcing frequency, the forced 
solution of periodic systems may contain other fre
quencies as well. In case of the flapping equation, 
where the forcing frequencies correspond to integer 
multiples of the basic period (i.e. the rotor frequency), 
the forced solution is composed of all integer multiples 
of the rotor frequency. Thus, even a single-harmonic 
2/rev forcing function will produce a multi-harmonic 
system response containing all components 0/rev, 
1/rev, 2/rev, 3/rev, ... A more detailed description of the 
behavior of periodic systems can be found in Refs. [21] 
or[22]. 

In addition, any periodical input variable combined 
with the periodical character of the right hand side co
efficients, which are given below for the approximation 
a/R ~ 0, leads to products of sine and cosine terms in 
the forcing function. 

G(1/l) ~2_+2_ f.I.Sin("I/J) 
9 6 

H (1/1) ~ 2. f.1. sin("I/J) +2. f.'2 cos(7/J )sin("I/J) 
6 3 

Q, (1/1) ~ .2_ +~ f.I.Sin("I/J) + 2. f.'2 sin 2 (1/J) 
12 9 6 

Q, (1/1) ~ 2. +2. f.I.Sin("I/J) + 2. f.l- 2 sin2 (1/J) 
9 3 3 

Q3 (1/J) =2_+2_f.I.Sin(1/J) 
6 3 

This in turn yields a multi-harmonic excitation even for 
single-harmonic control inputs through the usual effect 
of frequency splitting by ±Q. Figure 9 summarizes the 
consequence of these mechanisms for the application 
of 2/rev IBC to reduce vibrations. 

To give an impression of the quantitative relations, 
some simulations have been evaluated with respect to 
the spectra of f3 and Z, provoked by 1/rev and 2/rev 
control inputs. The results are shown in Figure 10 and 
based on the two different configurations defined in 
Table 1. The cases A and B refer to an idealized rotor 
at f.' ~ 0.5 with all right hand side input parameters ex
cept the single harmonic pitch input set to zero. Both 
1/rev and 2/rev inputs provoke response frequencies 
other than the exciting ones. The cases C and D reflect 
a more realistic condition at fl. ~ 0.35, where the rotor 
is loaded and the conventional 1/rev control is used to 
suppress the 1/rev flapping motion. Again, frequencies 
such as 3/rev and 4/rev are clearly affected by the 2/rev 
input. It is hardly necessary to mention that the de
scribed inter-harmonic coupling diminishes if the for
ward speed is reduced to smaller values. At fl. ~ 0.1 the 
effect has vanished almost completely. 

GJ GJ 
012345 012345 

:WJ ~UJ 
012345 012345 

20[]thetaRoot [deg] 

10 

0 
012345 

·:C 
012345 

20[]thetaRoot [deg] 

10 

0 
012345 

~0 
012345 

·:[ .:c: O.D1mZ"[Om"2'SB) 

0.005 

lnJrevl 
0.005 

0.01 [aW(Om"ZOSB) 

012345 
0

012345 
0 

012345 
0 

012345 

Figure 10: Multi-Harmonic Response (/3 and Z,) to 
Single-Harmonic Forcing Function (Ao, A 1 and A,) in 
Presence of Parameter Excitation (for Details See 
Table]) 
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Case A B c D 
Fig.lO far left mid left mid right far right 

A· lrad 0 5.4deg 6.1deg 

A2 0 1rad 0 2.0deg 
lu 0.5 0.35 

c5 0 -0.065 

13-rw· 0 -Sdeg 

tJo root 0 15.5deg 
Blade idealized - B0-105 level flight 
Model unloaded rotor (re-trimmed for zero 

1/rev flapping) 
y 8 
a/R 0 

Table 1: Parameters Used for the Simulations 
Presented in Figure I 0 

5.2.3 Multi-Harmonic Blade Response due to Im
pulsive Forcing 

Another attempt to describe the mechanism of inter
harmonic coupling relies on the idea of impulsive ex
citation. This description implies that a linear system 
which is excited through an impulsive but periodic in
put responds in multi-harmonic frequencies. Applied to 
the rotor this means that the blades excited by an im
pulsive disturbance respond with multi-harmonic os
cillations. They in tum lead to the undesired vibrations 
in the non-rotating frame. If 2/rev control was able to 
affect the disturbance in some way, this input would 
subsequently have an indirect feed-through onto the vi
bratory loads in the non-rotating frame (Figure 11). 
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Figure 11: Application of2/rev IBC to Reduce 
Vibrations, Effect of Avoiding Inpulsive Excitations 
in Order to Reduce Multi-Harmonic Forcing 

Modeling the Rotor Blade Response to Impulsive 
Excitation 
To investigate the above mentioned mechanism the 
simple rotor model of chapter 5.2.1 was used again. In 
contrast to the theoretical investigations there, now 
only hover i.e.,u ~ 0 needed to be considered. 

nventional Co 
Cyc lie Control 

Transfonnation 
(Swashplate) 

IBC 
Inputs 

~ 
f!!.p) 

This yields to constant coefficients in the above ODE. 
Now, all four blades were actually modeled and simu
lated in parallel. The vibrations in the non-rotating 
frame were then calculated by applying the following 
summations and transformations to the individual blade 
components 

N N 

, M.r =a_LZ;sin'ljl;, MY =a_LZ;cos7.jJi. 
i~! ;,., 

The block diagram of Figure 13 gives an overview of 
the complete model used to investigate the effect of 
impulsive disturbances. The two input variables rele
vant for the following discussion are blade pitch and 
inflow angle. Their impact on the vertical blade root 
shear force is shown in the BODE plots of Figure 12. 
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Figure 12: BODE Plot of Vertical Blade Root Shear 
Force due to Blade Pitch Input (Left) and Inflow Angle 
(Right) 

The non-constant portion of the inflow was assumed to 
consist of discrete impulsive peaks of initially constant 
magnitude. In the presented example, two unequally 
spaced peaks were positioned over one rotor revolu
tion. Figure 14 shows how in the reference case blade 
flapping responds to the impulsive inflow disturbances. 
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Figure 13: Block Diagram of Simulation Model Set Up to Investigate the Effect of Impulsive Inflow disturbances on 
Vibration Reduction Mechanism 
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Figure 14: Assumed Inflow Peak Time History and 
Resulting Flap Angle Response (Reference Case 
without Inflow Modulation) 

This type of impulsive but periodic excitation obvi
ously causes a blade response that contains all frequen
cies n£2, which in tum produces the undesired vibra
tions in the fuselage as discussed before, compare 
Figure 15. The harmonic contents of the blade response 
gets richer, when the pulses are shortened in relation to 
the rotor revolution. 
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Figure 15: Spectra of Vertical Blade Root Shear Force 
(Top) and Thrust, Roll, Pitch Moment in the Non
Rotating Frame due to Impulsive Inflow Disturbances 
(Upper-Mid to Bottom) 
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One may think of these disturbances as being caused in 
some sophisticated manner by blade vortices or blade 
tailboom interference. It has to be stressed that the 
model was intended to capture only the basic effect and 
is of course not capable to provide any meaningful pre
diction. 

The simple key idea is now that IBC and not least its 
2/rev component directly or indirectly can influence the 
inflow disturbance strength. This is represented by the 
block "Inflow Modulation" in Figure 13. Since it was 
intended to show the principle mechanism only, a sim
ple multiplication was chosen for this block. By no 
means it was attempted to model any realistic physical 
mechanism as for example the modulation of the blade 
vortex strength or the changing of the blade/vortex 
miss distance through blade pitch controL 

Simulation Results 

To demonstrate the 2/rev effect of IBC, two cases were 
investigated. First, the inflow peak intensity at a fixed 
rotor azimuth angle was assumed to be a direct func
tion of the local blade pitch angle and second a func
tion of the local flap angle. By properly tuning the 
2/rev control phase angle, the inflow peaks could be 
attenuated and as a consequence the vibrations in the 
non-rotating frame. Figure 16 shows simulation results 
for various 2/rev control phase angles using the inflow 
modulation by ff. The ellipsoid graphs clearly show the 
expected influence of 2/rev controL This second expla
nation of the 2/rev influence seems to be an ideal com
plement to the first one, because it does not require 
those high advance ratios to become effective. 
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6. Effect ofiBC on Pitch Link Loads 

Beside the diminishing power efficiency of the rotor 
some other adverse effects put an upper limit on the 
maximum forward speed. One of these problems usu
ally encountered at high speed concerns high pitch link 
loads. Note that the pitch link loads are taken repre
sentative for undesired high loads in the complete con
trol chain, which may include much weaker elements 
than the push rods themselves. Figure 17 gives an im
pression of the harmonic contents of the pitch link 
loads as measured for the B0-105 rotor during the full
scale wind tunnel tests mentioned above. This picture 
shows clearly that the 2/rev components substantially 
contribute to the control force. 

Fi<:ure 17: Harmonic Components of Pitch Link Load 
at Different Advance Ratios (Wind Tunnel Results with 
Full-Scale B0-105 Rotor) 

As one would expect, introduction of 2/rev actuator 
motions in the rotating frame primarily changes the 
2/rev component of the pitch link load. All secondary 
effects on adjacent harmonic components stay below 
approximately 30% of the 2/rev effectiveness. 

Figure 18 shows how effective 2/rev control can be 
used to suppress the 2/rev component of the pitch link 
load. The presented example corresponds to an IBC 
amplitude of A2 = 1deg with the best phase out of the 
30deg increments investigated during that experiment. 
In this particular case, the change in the conventional 
1/rev control necessary to re-trim the rotor had an ad
ditional positive effect on the 1/rev component. 

The last set of diagrams in Figure 19 shows how favor
able the influence of 2/rev can tum out. As can be seen 
from the upper two diagrams, the chosen amplitude of 
1deg has almost exactly matched the optimal value, 
while the phase could have been adjusted slightly bet
ter for perfect suppression of the 2/rev force compo
nent. It should be noticed here that the nonlinear I
matrix approach again proves well suited to represe~t 
the recorded data. 
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Fir:ure 18: Change of Pitch Link Load Spectrum due 
to Single Harmonic 2/rev Control, A 2 = 1 deg, 'Pz = 
280deg (Wind Tunnel Results with Full-Scale B0-105 
Rotor) 

The time history given in the lower diagram, finally 
shows the optimum 2/rev control with respect to the 
peak-to-peak values. By slightly shifting the control 
phase it is possible to further fine-tune the amplitude 
and phase relations between the affected harmonic 
components. This improves the reduction of the peak
to-peak value from about 22% for the case with opti
mum 2/rev suppression Figure 18, to about 32%. 

The application of higher frequencies becomes in
creasingly ineffective, because the positive effects from 
reducing the aerodynamic blade pitch moment is com
pensated by growing inertial moments. 

It is worthwhile mentioning that for 2/rev control there 
exist control phases for which the averaged mechanical 
[>ower to be provided by the IBC actuator to drive the 
blade becomes negative, see Ref. [15]. In these cases 
the phase relation between the controlled actuator mo
tion and the resultant force is such that over one rotor 
revolution mechanical energy is exchanged but not dis
sipated. 
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From the recorded data it was found that the optimum 
control phases for this effect happen to match the con
trol phases for minimum rotor power required. This 
would suggest that even passive systems might be con
sidered for this particular application not discussed any 
further here. 

7. Conclusions 

In order to show the value of 2/rev harmonic control, 
various results from flight and wind tunnel tests have 
been presented. In addition, simple analytical models 
were used to support the conclusions drawn from the 
evaluated data. An extended non-linear I-matrix for
malism has proven useful in identifying and modeling 
the relation between 2/rev blade pitch inputs and the 
resultant 4/rev fuselage vibrations. 

As far as vibrations are concerned, the effectiveness of 
2/rev is indeed significantly smaller than it is for the 
HHC frequencies (N-1)/rev, N/rev and (!V+1)/rev but it 
is still sufficiently high to be worthwhile considering. 

Furthermore, inclusion of 2/rev as additional control 
frequency not only adds two more control inputs to the 
MIMO system but also offers a better chance to avoid 
negative side effects on secondary cost function pa
rameters. It was shown, for example, that the optimiza
tion goals noise and vibration do not collide in the case 
of (even single-harmonic) 2/rev control. This is in 
sharp contrast to the observations made earlier during 
wind tunnel tests of HHC systems, see Ref. [23]. It is, 
however, quite clear that not all discussed improve
ments can be achieved simultaneously i.e. with one 
single set of control amplitudes and phases. On the 
other hand, applications like the reduction of control 
system loads will be of interest only during short 

360 
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periods of time, for example when during maneuver 
flight certain fatigue stress limits are about to be ex
ceeded, which in tum would eat up precious compo
nent lifetime. 

During the whole B0-105Sl flight test campaign none 
of the pilots has reported any noticeable impact of 
2/rev control on the helicopter trim or handling quali
ties. Therefore, 2/rev is believed to be a valuable sup
plement to the classical HHC frequencies not only with 
respect to rotor power efficiency issues but also for the 
important optimization goals noise, vibration and pitch 
link load reduction. 

Since the technical realization of 2/rev generally re
quires a system like IBC which is capable of control
ling each blade individually, additional applications 
become feasible without any extra hardware. Examples 
are beside others automatic blade tracking, lag damp
ing augmentation, artificial ~ or blade load alleviation, 
see [24]and [25]. 
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ABSTRACT 

This paper describes vibratory load reduction 
due to blade vortex interaction (BVI) using an ac
tively controlled trailing edge flap (ACF). Two aeroe
lastic models capable of simulating the vibration re
duction process have been developed. The first uses 
quasisteady aerodynamics for the calculation of blade 
loads; the second employs a new compressible un
steady aerodynamic model. Both models are com
bined with a free wal<e simulation capability for cap
turing the effects of BVI. Reduction of 4/rev vibra
tory hub loads was studied in a four-bladed hinge
less rotor. Results from the simulation were com
pared with experimental data. The vibration reduc
tion study indicates that the ACF has remarkable 
potential for reducing vibratory hub loads induced by 
BVI. Good correlation with experimental results rel
ative to 2/rev, 3/rev, 4/rev and 5/rev flap actuation 
was obtained. 
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M Assembled mass matrix 
nb Number of blades 
qb Vector of blade dofs 
q, Vector of trim parameters 
R Rotor radius 
T Matrix of control sensitivities 
u,v,w Components of displacement 
u Vector of control input harmonics 
Wo, W, Generalized airfoil motions 
Wu,W "u,Wz Control weighting matrices 
Xes Distance from blade root to control flap 

midpoint 
XpA,XFc Horizontal offset of fuselage aerodynamic 

center and fuselage center of gravity from 
hub 

z Vector of 4/rev hub loads 
ZpA,ZFc Vertical offset of fuselage aerodynamic 

center and fuselage center of gravity from 
hub 

a Amplitude of warping 
<>R Rotor trim pitching angle 
(Jp Blade precone angle 
"f Lock number 
fx(' 'Yxrn'YxTJ' 'Yx( Shear strain components, overbars 

denote strain at elastic axis 
fl0 ,Blc,Bls 
e. 
X, 
Aa,As 

a 
S1 

Collective and cyclic pitch components 
Tail rotor collective pitch 
Induced velocity vector 
Tip anhedral (positive up) and sweep (pos
itive aft) 
Advance ratio 
Elastic twist angle of blade 
Rotor trim rolling angle 
Azimuth angle 
Rotor solidity ratio 
Rotor angular velocity 
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1 INTRODUCTION 

An important source of higher harmonic air
loads on helicopter blades, at lower advance ratios, is 
the phenomenon known as blade-vortex interaction 
(BVI) [1]. It consists of a vortex-induced loading due 
to the interaction of a blade with the wake tip vortex 
generated by the preceding blades. Blade-vortex in
teraction is important since it has a strong effect on 
vibratory response at low advance ratio descent. A 
number of analytical and experimental studies have 
been focused on the BVI phenomenon [2,3], and alle
viation of BVI effects has been studied using higher 
harmonic control [4] and individual blade control [5]. 
A recent study by the authors [6-8] made an impor
tant contribution towards understanding the physical 
mechanism of BVI, and the potential for its allevia
tion using the actively controlled flap. The study 
concluded that alleviation of BVI-induced vibratory 
loads is more complicated than the reduction of vi
bratory hub loads due to high speed forward flight. 
Simulation of BVI requires a refined wake analysis 
tool for predicting the effects of the wake vortices on 
the inflow distribution at the rotor disk. This aero
dynamic tool must be capable of an accurate predic
tion of the position of the tip vortices and the over
all geometry of the helicopter wake with respect to 
the rotor blades. Moreover, it needs to be computa
tionally efficient, since it must be combined with the 
helicopter aeroelastic response solver. 

The desire to develop rotorcraft having "jet 
smooth" ride has shifted the emphasis in the area of 
vibration alleviation from traditional passive means 
of vibration reduction such as vibration absorbers and 
isolators to active control strategies [9]. Among the 
active control approaches the actively controlled flap 
(ACF) based on a controlled partial span trailing edge 
flap located in the outboard region of the blade has 
emerged as a leading candidate for practical imple
mentation. Recent analytical [10-16] and experimen
tal [17-19] studies have confirmed the potential of 
the ACF to reduce vibrations in forward flight and 
preliminary studies have also indicated a potential 
application to noise reduction [20, 21]. The experi
mental work by Fulton and Ormiston [18, 19, 22] has 
provided good quality experimental data on the prac
tical implementation of the ACF and its application 
to fundamental vibration reduction in the open loop 
mode. The tests were performed on a small scale, 
7.5-ft diameter rotor in the Army /NASA 7 x 10 ft 
wind tunnel. 

Recently, Myrtle and Friedmann [13, 14] 
developed a new compressible unsteady aerody
namic model for the dynamic analysis of a rotor 
blade/actively controlled flap combination. In vi
bration control studies performed using the ACF 

with the new aerodynamic model [13-15], signifi
cantly higher average and instantaneous flap actu
ation power requirements were obtained when com
pared to those based on quasisteady aerodynamics. 
From these studies it was concluded that unsteady 
aerodynamics and compressibility effects need to be 
included in simulations of the ACF, so that more ac
curate specifications for flap actuation requirements 
is provided. 

Despite the significant amount of analytical 
studies on the actively controlled flap, little work has 
been done on validating the theoretical models for the 
ACF versus experimental results. A comparison be
tween analytical and experimental results is essential 
to validate the promising theoretical results for a real
world application. Milgram and Chopra performed a 
correlation study [23] between the UMARC [24] and 
CAMRAD/JA [25,26] analysis codes and the experi
mental data obtained in a wind tunnel test of the Mc
Donnell Douglas Active Flap Rotor (AFR) conducted 
in the NASA-Langley 14 x 22 ft wind tunnel [21]. 
The results from the correlation were somewhat in
consistent, with some analytical results showing good 
agreement with experimental data and others exhibit
ing poor correlation. Ormiston and Fulton [19] pre
sented comparisons between experimental data and 
results from two analytical models: a simplified rigid 
blade model [19] and an elastic blade representation 
modeled using the 2GCHAS code [27]. The primary 
purpose of the comparison was to interpret some dy
namic phenomena observed in the experimental re
sults therefore the variables compared were not di
rectly related to the vibration control problem. 

The overall goals of the study are: (1) the de
velopment of closed loop control strategies, in the 
time and frequency domain, for effective reduction 
of vibrations due to BVI, using an actively controlled 
flap, and (2) validation of the theoretical models de
veloped versus the experimental results provided in 
Ref. 18. Two aeroelastic models have been devel
oped for the purpose. The first model is employed for 
the aeroelastic analysis in the frequency domain us
ing quasisteady aerodynamics to calculate the blade 
aerodynamic loads. The second model is used for the 
time domain analysis using compressible, unsteady 
aerodynamic theory. 

The specific objectives of the paper are: 

(1) Development of an aeroelastic response simula
tion capability both in the time and frequency 
domain suitable for representing BVI effects on 
helicopter rotors including the new unsteady 
compressible aerodynamic model developed in 
Ref. 13. 

(2) Determine the effect of unsteady aerodynamics 
on BVI and its control by comparing the results 
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using quasisteady aerodynamics and the new un
steady model. 

(3) Conduct active control studies for BVI allevia
tion using the ACF in closed loop mode. 

( 4) Correlate results from the aeroelastic model de
veloped in the study with the experimental data 
obtained in Ref. 18. 

2 WAKE MODEL 

The aeroelastic models developed in this study 
are combined with a free wake analysis from which the 
nonuniform induced velocity distribution at the rotor 
disk is calculated. The rotor wake model used in the 
study has been extracted from the comprehensive ro
tor analysis code CAMRAD/JA [25, 26] distributed 
by Johnson Aeronautics. It consists of a wake ge
ometry model, which determines the position of the 
wake vorticity in space, and a wake calculation model, 
which calculates the nonuniform induced velocity dis
tribution given the wake geometry. 

The wake geometry routine was developed by 
Scully [28]. The wake vorticity is created in the flow 
field as the blade rotates, and then convected with 
the local velocity of the fluid. The local velocity of 
the fluid consists of the free stream velocity, and the 
wake self-induced velocity. Thus, the wake geometry 
calculation proceeds as follows: (1) the position of the 
blade generating the wake element is calculated, this 
is the point at which the wake vorticity is created; (2) 
the undistorted wake geometry is computed as wake 
elements are convected downstream from the rotor by 
the free stream velocity; (3) distortion of wake due to 
the wake self-induced velocity is computed and added 
to the undistorted geometry, to obtain a free wake 
geometry. The position of a generic wake element 
is identified by its current azimuth position ,P and 
its age ¢. Age implies here the nondimensional time 
that has elapsed between the wake element's current 
position and the position where it was created. By 
carrying out this procedure, the position of a generic 
wake element is written as: 

rw('¢, 1>) = r7M- </>) + 1>ilw + D(,P, </>) (1) 

where r-;,(,p- </>) is the position of the blade when it 
generates the wake element, iiw is the free stream 
velocity, and D(,P, </>) is the wake distortion, obtained 
by integrating in time the self-induced velocity acting 
on the wake element. The first term is the position at 
which the wake was created, the second term is the 
convection due to the free stream velocity, and the 
third is the distortion due to the self-induced velocity. 

The wake calculation model, developed by 
Johnson [29], is based on a vortex-lattice approxi
mation for the wake. The wake is composed of two 
main elements: the tip vortex, which is a strong, con
centrated vorticity filament generated at the tip of 
the blade; and the near wake, an inboard sheet of 
trailed vorticity, which is much weaker and more dif
fused than the tip vortex. The tip vortex elements are 
modeled by line segments with a small viscous core 
radius, while the inboard wake can be represented by 
vortex sheet elements or by line segments with a large 
core radius to eliminate large induced velocities. The 
near wake vorticity is generally retained for only a 
number K NW of azimuth steps behind the blade. 

Figure 3 shows the wake module components 
and the uniform inflow calculation procedure. Given 
the blade displacements and circulation distribution, 
the wake geometry is calculated. Once the wake ge
ometry has been determined, the procedure calculates 
the influence coefficients, which are stored in the in
fluence coefficient matrix. The induced velocity dis
tribution is obtained by conveniently multiplying the 
influence coefficient matrix times the circulation dis
tribution. 

3 AEROELASTIC MODEL FOR 
FREQUENCY DOMAIN ANALYSIS 

3.1 Structural Dynamic Model 

The structural dynamic model adopted has 
been developed in an earlier study conducted at 
UCLA [30]. The blade is modeled as an elastic 
rotating beam that consists of a straight portion 
and a swept tip, whose orientation with respect to 
the straight portion is described by a sweep angle 
A, positive aft, and an anhedral angle Ah, posi
tive up. The blade configuration is shown in Fig. 
1. The blade is modeled as a one-dimensional struc
ture composed of a series of beam-type finite ele
ments. A single finite element is used to model the 
swept tip. The model has provisions for arbitrary 
cross-sectional shape having multiple cells, generally 
anisotropic material behavior, transverse shear and 
out-of-plane warping. The general strain displace
ment relations for the beam are simplified by using 
an ordering scheme [31 J allowing one to express the 
strain components in terms of seven unknown vari
ables: the displacement components u,v,w, the elas
tic twist ¢, the warping amplitude a, and the trans
verse shears at the elastic axis ::Yx11 , 'fxc Constitutive 
relations are introduced based on the assumptions of 
linear elastic and generally orthotropic material prop
erties. 

Hamilton's principle is used to formulate the 
blade dynamic equations. Hermite polynomials are 
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used to discretize the space dependence of the ele
ment generalized coordinates: cubic polynomials are 
used for v and w, quadratic polynomials are used for 
¢, u, a, 7., and 7.,. The resulting beam element 
consists of two end nodes and one internal node at its 
mid-point, and has a total of 23 degrees of freedom, 
as shown in Fig. 2. Using the interpolation polyno
mials and carrying out the integration over the ele
ment length, the finite element equations of motion 
for each beam element are written. The nonlinear 
blade equations of motion are obtained from a finite 
element assembly procedure: 

M(qb) ii.b + C(%, <i.b) <'lb + K(qb, <i.b,ii.b)% + 
F(qb, <i.b, ii.b) = 0 (2) 

To be able to model the BVI control problem, an ac
tively controlled trailing edge flap was incorporated 
in the blade aeroelastic model. The control surface is 
assumed to be an integral part of the blade, attached 
by hinges at a number of spanwise locations (Figure 
1). The flap is assumed to rotate in the plane of the 
blade cross section. The flap deflection is considered a 
controlled quantity. It is also assumed that the pres
ence of the small flap, located in the outboard region 
of the blade, has a negligible effect on the blade de
formation. Thus, only the inertial and aerodynamic 
effects associated with the flap are included in the 
aeroelastic model, and the structural effects due to 
the flap are neglected. Two modules in the original 
aeroelastic analysis were modified to account for the 
presence of the flap, namely: (1) the free vibration 
analysis, that produces the mode shapes and frequen
cies, and (2) the aeroelastic response calculation. Ad
ditional details on the implementation of the flap in 
the structural dynamic and aeroelastic analysis can 
be found in Ref. 6. 

3.2 Aerodynamic Loads 

The aerodynamic loads are calculated from 
a modification of Theodorsen's quasisteady aerody
namic theory [10]. To account for the effect of reverse 
flow on the aerodynamic loads, lift and moment are 
set to zero within the reverse flow region, and the 
drag force is reversed in direction. The implementa
tion of this aerodynamic model is based on an im
plicit formulation [32] where the expressions used in 
the derivation of the aerodynamic loads are coded 
in the computer program and assembled numerically 
during the solution process. 

3.3 Method of Solution 

A modal coordinate transformation is per
formed on Eq. (2) to reduce the size of the problem. 

A substitution approach [30] is used for the treat
ment of the axial degree of freedom, so as to properly 
account for the centrifugal force and Coriolis damp
ing effects. In this approach, both the axial degree 
of freedom and the axial equation of motion are re
tained in the aeroelastic calculation. Three flap, two 
lag, two torsion and one axial mode are employed in 
the modal coordinate transformation. 

The coupled trim/ aeroelastic analysis in the 
model is based on the blade equation, corresponding 
to Eq. (2), which are rewritten as: 

(3) 

and the trim parameter vector is given by 

The trim equations, representing the force and 
moment equilibrium of the helicopter in steady, level 
flight, can be written as 

(5) 

Three force and three moment equilibrium 
equations are enforced. 

The coupled trim/ aeroelastic response solu
tion is solved simultaneously using the harmonic bal
ance method. The coupled trimfaeroelastic response 
problem is reduced to the solution of a nonlinear al
gebraic system for the unknown variables represented 
by the trim parameters q, and the blade motion har
monics. 

The combination of the aeroelastic model with 
the wake analysis required the implementation of a 
circulation iteration loop within the aeroelastic re
sponse procedure. In the circulation loop, the circu
lation distribution over the blade span at a number 
of azimuth stations is calculated and the induced ve
locity over the rotor disk is evaluated from the cir
culation. Once the blade motion has been calcu
lated for the new induced velocity distribution, the 
circulation is reevaluated and convergence is tested. 
The iteration continues until the circulation has con
verged. The convergence criterion is based on the 
mean-square of the change in the peak bound circu
lation from one iteration to the next: 

J 

~ I:(Ll.Ga;)2 :o; (<)2 
j=l 

(6) 

where Ga; is the bound circulation peak value at the 
azimuth station j, J is the number of azimuth station 
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at which the circulation is evaluated, and E is the 
convergence tolerance. 

The structure of the solution of the 
trim/ aeroelastic response with the wake module 
is shown in Figure 4. Coupled trim/ aeroelastic re
sponse calculation requires the simultaneous solution 
of the trim and blade equations in the same loop, so 
the circulation calculation has been moved inside the 
trim/structural response calculation loop. The wake 
geometry and influence coefficient calculation has 
been placed outside the trimfaeroelastic response 
iteration. 

4 AEROELASTIC MODEL FOR 
TIME DOMAIN ANALYSIS 

4.1 Structural Model 

For the time domain analysis, a simpler struc
tural formulation intended for the simulation of 
isotropic rotor blades has been included in the sec
ond model, to reduce the computational requirements 
required by the unsteady compressible aerodynamics. 

The hingeless rotor blade is modeled as a slen
der beam composed of a linearly elastic, homogeneous 
material, cantilevered at the hub. The blade model is 
taken directly from Ref. 10 and describes the fully 
coupled flap-lag-torsional dynamics of an isotropic 
blade. Small strains and finite rotations (moderate 
deflections) are assumed, and the Bernoulli-Euler hy
pothesis is used. In addition, strains within the cross
section are neglected. The equations of motion for the 
elastic blade consist of a set of nonlinear partial dif
ferential equations of motion, formulated in the un
deformed system, with the distributed loads left in 
general symbolic form. 

The control surfaces are assumed to be an in
tegral part of the blade, attached at a number of 
spanwise locations using hinges that are rigid in all 
directions except about the hinge axis, constraining 
the control surface cross-section to pure rotation in 
the plane of the blade cross-section. The control sur
face does not provide a structural contribution to the 
blade, and influences the behavior of the blade only 
through its contribution to the blade spanwise aero
dynamic and inertial loading. 

4.2 Aerodynamic Model 

Aerodynamic loads are modeled using a blade 
element formulation, with sectional loads provided by 
a new two-dimensional unsteady compressible aero
dynamic model [14] developed by Myrtle and Fried
mann [13] for an airfoil/flap combination that in
cludes unsteady freestream effects. 

The aerodynamic model was developed using 
a rational function approximation (RFA) [33-35] ap
proach based on the least squares, or Roger's approx
imation [33]. In this approach, oscillatory aerody
namic response data is used to generate approximate 
transfer functions that relate generalized motions to 
aerodynamic loads in the frequency domain. 

Consider an aerodynamic system which is rep
resented in the Laplace domain by the expression 

G(s) = Q(s)H(s), (7) 

where G(s) and H(s) represent Laplace transforms 
of the generalized aerodynamic load and generalized 
motion vectors, respectively. Using the Least Squares 
approach, Q(s) can be approximated using a rational 
expression of the form 

Q(s) =Co+ C1s + f: ~Cn+l· 
n=l S +In 

(8) 

By using rational expressions, the approximations 
can be easily transformed to the time domain to yield 
a state space model for the aerodynamic loads that 
is compatible with the structural equations of motion 
and commonly applied control approaches. 

In the present research, a two-dimensional 
doublet lattice method [36] based on the Possio in
tegral equation [37] is used to generate the necessary 
compressible flow oscillatory response quantities for a 
set of generalized airfoil and flap motions over range 
of reduced frequencies. In addition, the values of the 
poles In have been optimized to produce a minimum 
error approximation. 

A set of generalized airfoil and flap motions 
designated Wo, W1, Do, and D 1 were chosen which 
correspond to the normal velocity distributions shown 
in Figure 5. After defining the generalized motion 
vector h(t) and generalized force vector f(t) as 

[
Wo(t)l 

h(t) = w! (t) 
Do(t) ' 
D 1 (t) 

[

CI(t)] 
f(t) = Cm(t) , 

C,(t) 
(9) 

the aerodynamic system in Eq.(7) can be approxi
mated and transformed to the time domain to pro
duce a state space aerodynamic model given by the 
expressions 

U(t) · 
x(t) = -b-Rx(t) + Eh(t), (10) 

1 ( b . ) f(t) = U(t) Coh(t) + C 1 U(t) h(t) + Dx(t) . 

(11) 

where R, E and D are time invariant matrices ob
tained by the algebraic manipulation of Eq. (8). The 
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aerodynamic loads f(t) are given by Eq. (11), and are 
a function of a set of aerodynamic states x(t). These 
states are governed by the set of first order differen
tial equations given in Eq. (10), and are driven by 
the generalized airfoil and flap motions contained in 
the vector h(t). Additional details on the derivation 
of the aerodynamic model can be found in Ref. 13. 

In an aeroelastic simulation, the aerodynamic 
state equations become coupled with the structural 
equations of motion and must be solved simultane
ously. To account for the effect of reverse flow on the 
aerodynamic loads, lift and moment are set to zero 
within the reverse flow region, and the drag force is 
reversed in direction. 

4.3 Method of Solution 

The solution of the rotary-wing aeroelastic re
sponse problem is carried out in two steps. First, spa
tial discretization based on Galer kin's method (38] is 
used to eliminate the spatial dependence, and sub
sequently the combined structural and aerodynamic 
state equations are solved in the time domain. 

In this study, Galerkin's method is based on 
three flap, two lead-lag, and two torsional free vibra

. tion modes of a rotating beam. The free vibration 
modes were calculated using the first nine exact non
rotating modes of a uniform cantilevered beam. 

The complete aeroelastic model for the blade 
and actively controlled flap consists of three sets of 
equations. The first two sets consist of nonlinear dif
ferential equations that describe the structural de
grees of freedom and aerodynamic states. The equa
tions of motion for the elastic blade are represented 
by the expression given in Eq. (3). The complete set 
of aerodynamic state equations are given by Eq. (10) 
and can be expressed as: 

A third set of equations represent the trim equa
tions, representing the force and moment equilibrium 
in steady, level flight, which can be simbolically repre
sented by the expression given in Eq. (5). To obtain 
the coupled trim/response solution, only the steady 
state response of the system is considered. In this 
case, the trim condition can be represented by the 
implicit nonlinear equations 

(13) 

Evaluation of Eqs. (13) requires the steady state 
hub loads that correspond to the trim parameters q,. 
These are obtained by integrating Eqs. (3) and (12) 
numerically over time, until the response solution has 
converged to the steady state. The trim solution q, 

is obtained using a simple autopilot type controller 
described in Ref. 14. 

The circulation loop and the wake geometry 
calculation are performed at each rotor revolution un
til overall convergence is achieved. 

5 CONTROL APPROACH 

Reduction of the 4/rev hub loads is investi
gated using a control approach similar to that de
scribed in Ref. 10. In this approach, a linear optimal 
controller is obtained based on the minimization of a 
performance index J which is a quadratic function of 
vibration magnitudes z and control input amplitudes 
u. At the i-th control step, 

where .6.ui == Ui - Ui-1· 

In this study, it is assumed that the control in
put and resulting vibration levels are known without 
error. Furthermore, a linear, quasistatic, frequency 
domain representation of the vibratory response to 
control is used (9, 10], given by 

Z; = Z;-1 + T;-1 (u;- U;-,), (15) 

where T;_1 is a transfer matrix relating vibratory 
loads to changes in the control input, taken about 
the current control Ui-l: 

8z 
T;-1 = -8 I . u lll-1 

(16) 

Substituting (15) into (14), and applying the condi
tion 

(17) 

yields the optimal local controller, given by 

ui = -Di .. \ {Tf_t WzZi-1- W aulli-1 

- Tf_,W.T;_1u;_!}, (18) 

where 

D;_, = Tf_1 W.T;-1 + Wu + W t.u· (19) 

6 RESULTS AND DISCUSSION 

The results presented in this section are di
vided in two parts: (1) closed loop vibration reduc
tion results, and (2) results illustrating correlation 
with experimental data. 
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6.1 Vibration Control Studies 

The variables plotted are expressed in nondi
mensional form, using the rotor angular velocity fl, 
the blade mass per unit span m and the rotor radius 
R as dimensional parameters, which are combined 
in a suitable manner so as to nondimensionalize the 
pertinent quantities. The results from both aeroelas
tic models are obtained for a straight hingeless blade 
having the parameters given in Table 1. 

Using the unsteady, compressible aerodynamic 
theory and the control law described, simultaneous 
reduction of 4/rev vibratory hub loads with the free 
wake model was examined. The results were com
pared with similar results obtained using quasisteady 
aerodynamics. Two advance ratios, p, = 0.15 and 
p, = 0.30, were considered. These two cases corre
spond to fundamentally different vibration phenom
ena. At p, = 0.15 the effects of BVI are strong and 
represent the primary source of higher harmonic air
loads, while at p, = 0.30 BVI is less significant and 
vibratory loads are mainly due to the high speed 
forward flight. Figures 6 and 7 show the baseline 
and controlled vibratory hub shears and moments 
when using the unsteady, compressible aerodynamics, 
which is referred to as RFA aerodynamics, and the 
quasisteady aerodynamics, respectively, at p, = 0.15. 
Figures 8 and 9 illustrate similar results at the higher 
advance ratio of p, = 0.30. The baseline vibratory 
loads predicted by the two models differ as much as 
50%. For the vibratory vertical shear FHZ, which 
is the largest vibratory component, the RFA aero
dynamic model predicts a value approximately 50% 
higher than that obtained with quasisteady aerody
namics. For both cases, however, the local controller 
appears to be effective at reducing the vibratory loads 
at both advance ratios, but its performance at the low 
advance ratio, p, = 0.15, is not as good as at p, = 0.30. 
This is to be expected, since at p, = 0.30 the effects of 
nonuniform inflow are mild, and earlier results [10] in
dicated that the actively control flap performed very 
well when uniform inflow distribution is assumed. 
Figures 10 and 11 illustrate the flap input for the 
two advance ratios obtained with RFA aerodynamics 
and quasisteady aerodynamics, respectively. The fig
ures emphasize the differences between the flap input 
required for vibration reduction at these two advance 
ratios, indicating that the vibratory loads for the two 
cases are very different. It should be also noted that 
for p, = 0.15 larger flap deflections are needed for vi
bration alleviation. Results with RFA aerodynamics 
show that flap input angles as large as 15 degrees 
are required. For such large flap deflections nonlinear 
aerodynamic effects will be significant, and will be 
incorporated in future simulations. Therefore, these 
results suggest that one flap might not be sufficient for 

controlling BVI induced vibrations, and a dual flap 
arrangement studied by Myrtle and Friedmann [15] 
could represent a better approach. 

In figures 12 through 13 the baseline and con
trolled nondimensional rotating vertical shear at the 
root of the blade for the two advance ratios is com
pared. The oscillatory amplitudes of the loads in the 
rotating reference frame increase at p, = 0.15 when 
compared to p, = 0.30, indicating that the controller 
alleviates BVI effects at the expense of increased 
blade loading. A similar increase can also be observed 
for the root bending moment [6]. 

Finally, control power requirements during vi
bration alleviation for RFA aerodynamics are com
pared with those required when using quasisteady 
aerodynamics in Figs. 14 and 15. The instantaneous 
control power is calculated from: 

(20) 

where M, is the control surface hinge moment and 
J is the angular velocity of the control surface about 
its hinge. In these figures the results denoted by QS 
Aero - indicate quasisteady Theodorsen type aerody
namics and RFA Aero - indicate the new unsteady 
aerodynamic model. In Fig. 14 power requirements 
at the advance ratio p, = 0.30 with RFA and qua
sisteady aerodynamics and the free wake model are 
compared with the results from the uniform inflow 
assumption. It is evident that power requirements 
are larger for the free wake case. Figure 15 com
pares power requirements at p, = 0.15 from RFA and 
quasisteady aerodynamics with the free wake model. 
The power requirements at p, = 0.15 are approxi
mately one order of magnitude larger than the ones 
relative to advance ratio 11. = 0.30. This is due to the 
large amplitude of the flap control angles required for 
BVI-induced vibration reduction. The power require
ment distribution at p, = 0.15 exhibits several sharp 
peaks due to the higher harmonic content of the BVI
induced aerodynamic loads. Figure 15 indicates that 
higher average flap actuation power requirements are 
obtained using RFA aerodynamics. 

6.2 Correlation with Experimental Data 

The objective in this section is to validate the 
analytical simulation developed by comparing the re
sults obtained from the simulation with the experi
mental data from Figs Sc - Sf of Ref. 18. In these 
plots, phase sweeps of elevon motion were performed 
to investigate the effect of the phase of flap motion 
on vibratory loads and to determine flap effective
ness at discrete elevon harmonics. The results from 
the phase sweeps were used in Ref. 18 to reduce root 
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out-of -plane bending moments based on a simple su
perposition model, and therefore they represent the 
most significant data on flap effectiveness for vibra
tion reduction purposes provided in Ref. 18. 

The flap motion employed in the phase sweep 
study can be analytically described as: 

(21) 

where ¢ is the flap motion phase and 2/rev, 3/rev, 
4/rev and 5/rev harmonic motions were chosen for 
the flap actuation. The data points in the plots were 
obtained in the following manner. First, harmonic 
motion for the flap was chosen ( i = 2, 5), then a 
phase sweep was performed, acquiring data points for 
a series of phase angles </>. Finally, the amplitude of 
the blade root flap bending moment at the frequency 
of the flap motion was calculated and plotted. The 
eleven angles in Ref. 18 are induced by a piewelec
tric bimorph in which the voltage is controlled. The 
results in Ref. 18 indicate that the flap deflection 
amplitudes 6 fi in the phase sweeps varied between 
4° - 6°, depending on the specific harmonic being 
considered. Therefore, in the simulations the value of 
&1; was selected to be Ot; =5° for all the phase sweep 
angles. 

The results were obtained on a two-bladed ro
tor at the rotor speed of 760 RPM and an advance 
ratio of !J. = 0.20. The rotor main characteristics are 
presented in Table 2. The two rotor blades presented 
some slight differences in their construction, therefore 
two sets of data are presented in each plot, one rela
tive to the first blade, referred to as Blade1, the other 
relative to the other one, named Blade2. In addition 
to the phase sweep results, the baseline (denoted in 
the plot as uncontrolled) values of root moment am
plitudes are indicated in the plots by straight lines. It 
is worthwhile mentioning that some additional curves 
presented in Fig. Sc - Sf of Ref. 18, which were ob
tained by a curve fitting procedure, have not been 
reproduced here, since they have no bearing on the 
correlation objective of this paper. Two sets of re
sults have been obtained in the course of the simula
tions performed. The first set has been obtained using 
quasisteady aerodynamics. The second set is based 
on the unsteady, compressible aerodynamic model, 
which will be referred to as the RFA model. The finite 
element-based structural representation described in 
Section 3.1 has been employed in the simulations, 
since it can reproduce more accurately the nonuni
form spanwise structural and inertial properties of 
the blades used in the experiment. 

The results using quasisteady aerodynamics 
are shown in Figures 16 through 19. The results 
from the simulation are compared with the experi
mental data points from Figs. Sc - Sf, taken from 

Ref. 18. Both the results for Blade1 and Blade2 
are shown. Note that the blade structural and iner
tial parameters which have been used in the simula
tion represent a trade-off between Blade1 and Blade2 
properties. Therefore, the results from the simulation 
are expected to fall somewhere between these two 
datasets. The baseline values of root moment har
monics have been predicted fairly well, with a maxi
mum error of about 30% for the 3/rev root moment 
amplitude. Results from phase sweeps also show good 
overall agreement with experimental data. As ex
pected, the results from the simulation show trends 
that are a trade-off between the results from Blade1 
and Blade2. The larger discrepancies occur for the 
2/rev moment amplitudes in Figure 16, where some 
data points show a difference as large as 50% from 
the experimental data. Furthermore, it is notewor
thy that in this case a 90° shift seems to be present 
between simulation and experimental data. Results 
for the 3/rev, 4/rev and 5/rev harmonics, shown in 
Figs. (17) - (19) indicate very good agreement. It 
is important to mention that simulations have been 
computed using a flap correction factor C f = 0.2. 
This is a much lower value than Ct = 0.6 adopted 
in the control studies described in the previous sec
tion, as mentioned in Table 1. The implication of 
the low value of C1 is that the flap effectiveness has 
been overestimated in the control studies performed 
using quasisteady aerodynamics. Figure 20 shows the 
effect of the flap correction factor Ct on the 3/rev 
phase sweep results. In this plot, results for values of 
C f = 0.2, C f = 0.4 and C f = 0.6 are compared with 
experimental data. With an increase in c1, all the 
values in the distribution are increased by a constant 
term, and the value C f = 0.2 provides the best fit 
with experimental data. 

Results based on RFA aerodynamics are pre
sented in Figs. 21 through 24. Similar to the quasis
teady aerodynamics case, the baseline values of root 
moment harmonics have been predicted fairly well, 
with a maximum error of about 50% for the 5/rev 
root moment amplitude. Results from phase sweeps 
also show good agreement with experimental data ex
cept for the 5/rev case, where a discrepancy of 70% is 
evident when compared to the experimental results. 
The analytical results for the RFA aerodynamics have 
been obtained for the same value of the flap correc
tion factor Ct = 0.6 as the one used in the control 
studies. Therefore the control studies performed with 
RFA aerodynamics represent a more realistic set of 
data than the one obtained from quasisteady aerody
namics, where the effectiveness of the flap has been 
overestimated. This also explains the higher flap dis
placement and flap actuation power requirements for 
the RFA control studies when compared to those ob-
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tained from quasisteady aerodynamics. It is inter
esting to note that the flap correction factor C f has 
a completely different physical meaning for the RFA 
model than it has for the case of quasisteady aero
dynamics. In the RFA aerodynamic model c1 is a 
multiplicative factor that attenuates the amplitudes 
of the flap generalized motions, whereas in the quasis
teady aerodynamics case it reduces the aerodynamic 
loads due to the flap. The effect of the flap correc
tion factor c, in the RFA model is shown in Fig. 25 
for the 3/rev phase sweep results. In this plot, re
sults for C 1 = 0.6 and C 1 = 0.4 are compared with 
experiment. Increasing the value of C 1 results in an 
increase in the magnitude of the p~aks and valleys of 
the distribution, leaving the average value unchanged. 

7 CONCLUDING REMARKS 

Two aeroelastic response models based on two 
different aerodynamic theories have been developed 
for the simulation of BVI on helicopter rotors with 
partial span trailing edge flaps. The models have 
been compared with experimental data. The results 
represent an important contribution towards under
standing the mechanism of BVI and its alleviation by 
active control. The principal conclusions are summa
rized below: 
(1) The mechanism of vibration reduction using the 
ACF is fundamentally different for BVI (f.L = 0.15) 
and vibrations due to high speed forward flight (f.L = 
0.30). 
(2) When using quasisteady or RFA aerodynamics, 
a reduction of approximately 80% was observed for 
BVI vibration, while at high forward flight vibration 
reduction in excess of 90% is obtained. The magni
tude of control angles and the harmonic content are 
also substantially different between these two cases. 
(3) Results from RFA aerodynamics indicate that flap 
input angles as large as 15 degrees may be required. 
For such deflections, one flap might be inadequate 
and a dual flap arrangement may be required. 
( 4) Alleviation of BVI due to ACF increases the os
cillatory root bending moments and shears in the ro
tating system. 
(5) Power requirements for vibration reduction in the 
presence of BVI are an order of magnitude higher 
than those needed for high speed forward flight, due 
to the larger magnitude of flap control angles for the 
f.L = 0.15 case. 
(6) Higher average flap actuation power requirements 
for vibration reduction in the presence of BVI are 
obtained using RFA aerodynamics, when compared 
to quasisteady aerodynamics. 
(7) Simulations of phase sweeps relative to 2/rev, 
3/rev, 4/rev and 5/rev flap motion were performed 

and compared with experimental results from Ref. 
18. Comparison between analytical and experimen
tal data showed good correlation for most cases. 
(8) Correlation study indicates that control studies 
performed using quasisteady aerodynamics have over
predicted the influence of the control flap, due to an 
excessive value of the flap correction coefficient C1 . 

By contrast, results from RFA aerodynamics provide 
more realistic information, since a more appropriate 
value of C f was selected. The effect of the flap cor
rection coefficient on the two aerodynamic models has 
been studied and clarified. 
(9) The ACF displays exceptional potential for allevi
ating vibratory loads due to BVI, however this prob
lem is more complex than vibration due to high speed 
flight. Refined control strategies for BVI alleviation 
need to be developed by incorporating information 
about the distance between blade tip and vortex in 
the objective function. 
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Table 1: Configuration for the Vibration Reduction 
Studies (Servo Flap) 

Rotor Data 
Elyjmfl? R4 = 0.0106 
Elzfm02 R4 = 0.0301 
GJfm02R 4 = 0.001473 
Lb = 1.0 nb =4 
(kA/km) 2 = 2.0415 
kmi/R = 0.0 
'Y = 5.5 
17 = 0.07 
Helicopter Data 
Cw- 0.00515 
ZpcfR= 0.50 
XpcfR= 0.0 
Flap Data 
L" = 0.12Lb 
X"= 0.75Lb 

a= 2rr 
km2/R = 0.02 
(Jp = 0.0 
Cb/R = 0.055 

Cdo = 0.01 
ZFA/R=0.25 
XFA/R = 0.0 

c" = Cb/4 
C1 = 0.6 

Table 2: Configuration for the Correlation Studies 
(Plain Flap) 

Rotor Data 
Nb =2 
WFt = 1.11 
W£1 = 1.08 
WT! = 4.6 
'Y = 6.95 
Flap Data 
X"= 0.75R 
L" = 0.12R 

Lb = 1.0 
e = 0.106R 
Cb = 0.0756 
17 = 0.048 
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Figure 1: Schematic model of hingeless blade with 
actively controlled partial span trailing edge flap. 
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Figure 2: Finite element degrees of freedom. 
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Figure 7: Simultaneous reduction of the 4/rev hub 
shears and moments, J.t = 0.15, quasisteady aerody
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Figure 8: Simultaneous reduction of the 4/rev hub 
shears and moments, J.t = 0.30, RFA aerodynamics. 
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with elevon phase (760 RPM, p = 0.20, quasisteady 
aerodynamics) 
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3/rev phase sweep (760 RPM, 11 = 0.20, quasisteady 
aerodynamics) 
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with elevon phase (760 RPM, 11 = 0.20, RFA aerody
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with elevon phase (760 RPM, 11 = 0.20, RFA aerody
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with elevon phase (760 RPM, 11 = 0.20, RFA aerody
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G.A.H.E.L. 
A NEW GENERAL CODE FOR HELICOPTER DYNAMICS 

-CURRENTDEVELOPMENTSTATUS-

By 

Berengere Vigna! and Roger Ferrer 

EUROCOPTER Dynamics engineers 

Every new development program presents some difficulties in terms of dynamics. In fact, the general 
architecture of a new helicopter is decided during the project phase when the dynamic behaviour is not yet well 
known. This may have a high impact on the efficiency of the anti-vibration devices. Moreover, resolving 
dynamics·problems during the development phase may impose fimdamental modifications of the helicopter's 
geometrical design as well as costly delays. 
The need for a general engineering code for helicopter dynamics that would provide simple answers is real. 
G.A.H.E.L. (General Architecture of Helicopter) is meant to be an easy to use tool including a comprehensive 
database and simple models. It shall be used at the pre-project level to detect potential problems and give 
tentative solutions. 
G.A.H.E.L. set-up begins with the creation of an updated database including the technical characteristics of 
every EUROCOPTER helicopter. 
The parameters involved in the fundamental architectural selections as well as the optimisation of anti-vibration 
systems are then determined and a set of computing programs based on analytic models is developed. 
These developments are validated with rig and flight-tests. 
G.A.H.E.L. shall play a role in the virtual design and helicopters will thus be flown "right from the drawing 
boanf'. 
This paper presents a new generation tool that will help engineers in achieving dynamics during every 
development phase. 
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1. Introduction 

Reducing_ vibrations is a fundamental step in 
the development of a new helicopter. But the general 
architecture of this helicopter is imposed during 
preliminary design in most new programs. The 
modifications needed if problems occur can be difficult 
to complete and generate costly delays in the 
development process. 
This is why EUROCOPTER decided to develop a new 
engineering tool known as G.A.H.E.L. including basic 
analytic models that can provide general architecture 
parameters, help to avoid fundamental problems and 
are able to optimise the vibration reducing devices. 
Thinool will play a role in a new generation of codes. 

Different points are discussed in this paper: 
- G.A.H.E.L. contents 
- Validation method 
- Development strategy 

2. G.A.H.E.L. contents 

G.A.H.E.L. (General Architecture of 
Helicopter) belongs to a new generation of computing 
tools which are simple and open, have already been 
updated and capable of describing a virtual optimised 
helicopter. 
Developed in EUROCOPTER Dynamics Department, 
G.A.H.E.L. is organised along two lines: a technical 
database and a set of computing programs. Thanks to 
this approach, G.A.H.E.L. covers every need in terms 
of dynamics. 

GAHEL general organisation is presented in Fig. I 
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G.A.H.E.L. 
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Figure I : G.A.H.E.L general organisation 

2.1. Database: 

The database includes technical characteristics for 
different helicopter sections: 

Figure 2: Helicopter sections included in G.A.H.E.L. 

The main rotor: type (hinged, Spheriflex, Starflex), 
nominal speed, idling speed, autorotation, number 
of blades, radius, blade mass, inertia, static 
moment and eccentricity, centrifugal load at the 
nominal speed, aerodynamics data, modal data 
(lead-lag and flapping modes), rig tests data. 
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Ditto for the trul rotor. 

The fuselage : total mass, inertia in each direction, 
position of the centre of gravity and rotor hub, 
modal data. 

The landing gear: type (wheel or skid), geometric 
and material description. 

The main gearbox: power, geometrical 
characteristics. 

Ditto for the trul gearbox: 

and the intermediate gearbox: 

The trul rotor drive: shafts description : material 
(Young modulus and density), cross-section, 
length, number, tube description, bearings 
(distance and number), modal data (frequencies 
computed and measured). 

The suspensions: geometrical description, 
mechanical characteristics. 

The drive train : geometry, inertia, stiffness and 
damping. 

The database includes reference as well as test results 
for EUROCOPTER production rotorcrafts. 

2.2. Set of programs: 

During the pre-project phase G.A.H.E.L. shall be used 
to detect potential dynamics problems and optimise the 
geometric parameters involved to improve dynamic 
characteristics. 
The programs are based on analytic models computing 
the frequencies and vibration modes of a system, 
authorising stability studies and providing information 
for the selection of a basic architecture. 

This set of programs can be divided into several 
sections: 

Stability programs. 
Natural frequencies and modes determination. 
Anti-vibration devices optimisation. 
Statistic analysis. 

The different models are: 
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2.2.1. Stabilityprograms: 

Ground resonance stability: 

In ground resonance mode, the body modes are 
generated by the structure proximal to the landing gear. 
Ground resonance occurs whenever the frequency of 
the fuselage on the ground is close to the lead-lag 
frequency in the fixed system (figure 3). 

Load-1~ fraquaney .n flxlld sysTem !1-<.>5 
Q - Ro~rcnal spood 

Ground resonance condition 
ros;:;O-ro8 

A Fra<:jllency 
! 

(:l.S...~ Load-lllgmOdo 
,..-__::::""'-----,~ 
j SOdymQdll 

[········... "-<>-rod ---100 RPM(%) 

Figure 3 : Ground resonance phenomenon 

Obtruning satisfactory stability margins is one of the 
prime concerns in the current helicopter design. 

The main difficulty with this design is the non linearity 
of the lead-lag damper and the landing gear 
characteristics. 

A stable helicopter can thus become unstable when the 
pilot excites ground resonance by precessing the cyclic 
pitch in the rotor's sense of rotation, due to the 
modification of dynamic characteristics with non 
linearity phenomena. 

The basic ground resonance theory was originally 
developed by Coleman. 
The first lead-lag mode and the hub in plane are the 
degrees of freedom taken into account in the analysis. 
The helicopter fuselage is represented by a rigid body 
with pitch and roll rotations. 

The system's equations are expressed by the Lagrange 
method. The linearized periodic coefficient 
perturbation equations are converted into a constant 
coefficient system with Coleman's transformation 
proceeding as follows (four bladed rotor): 



(J, =flo+ fl1c.cas(Qt+ (i -1). %)+ (J15.sin(flt+ (i -1). %) 

o, = o0 + o1c-cos(Ot +(i -1).; )+ oJS.sin(01 +(i -1).;) 

1( 1( 

8, = 80 + B,c-CDS(flt +(i -1). -)+ B,5 .sin(fll +(i -1). -) 
' 2 2 

The system is also expressed with: 
- . 

M.(X0 ).X+ C(X0 ).X+K(X0 ).X = F(X0 ). B 
where X is the co-ordinates vector, X 0 is the 
equilibrium position vector and -e are the control 
inputs. 

XT =[x y z a, a,. a, f3o fi1c fi1s t5, t51c t51s 

BMR BMGB BENG! e£NG2 BTR] 

The equations are then transformed into a first order 
form: 

x=A.x+B.u 
y=C.x 
where x is the state space variable vector, y is the 
output measurements vector and u is the input 
excitations vector. 

The rotor operating limits where the system is secure 
can easily be determined when studying two graphics 
describing the evolution in damping and the frequency 
of the modes involved. 

Air resonance stability: 

Air resonance is a coupling phenomenon between the 
rolling movement of the fuselage and the lag 
movement of the blade. It can be defined as an 
extension of ground resonance. 
Several rotorcraft degrees of freedom are involved. 
Some displacement on roll axis induces a pitch 
increment on the back blade followed by a flap reaction 
generating a lag reactiOn. 
Air resonance occurs when the rotor load factor is high 
or upon a turn at altitude, ... 
This phenomenon generates instabilities and can 
jeopardise rotorcraft safety. 
The model developed takes the degrees of freedom 
involved into account and studies stability with a Bode 
diagram. 
Several gear train analytic models are being built to 
study air resonance. 

Flutter: 

Flutter phenomenon can be defmed by a coupling of 
bending and twisting movements of the blades. 
The first bending and twisting mode frequencies are 
computed and a graphic stability study is undertaken. 
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Drive train stability : 

The helicopter drive train system is composed of 
fotors, engines, shafts and gears. 

This system can generate different dynamic problems 
such as torque oscillations and rotor speed variations 
degrading handling qualities. 

The dynamic analysis of the helicopter drive train is 
mainly focused on two points: 

• suitable tuning of the system's torsional modes, 
providing a proper separation from bQ as well as 
2bQ excitation frequencies. The lead-lag stiffness 
of the blades is often adjusted to raise this mode 
over bQ and obtain a sufficient safety margin with 
respect to this excitation. 

• adaptation of fuel controlling engine governor to 
the dynamic characteristics of the system in order 
not to decrease the natural damping of the frrst 
torsional modes. 

High engine governor gains will ensure satisfactory 
accelerations but may lead to unstable coupling of the 
frrst drive train mode according to engine behaviour. 

Finding a compromise between accelerations and drive 
train stability is a major problem, mainly as regards 
inter-blade technology because there is no damping of 
the lead-lag dampers on the lst drive train mode. 

The mathematical model representing the vibration 
behaviour of the helicopter in the [0 10Hz] frequency 
range was designed from models describing ground or 
air resonance. 
The fuselage is represented by a rigid body with yaw, 
pitch and roll rotation as well as vertical, lateral and 
longitudinal translation. 
The landing gear is assimilated to perfect dampers and 
springs. 
The blades are assumed to be rigid. The degrees of 
freedom taken into account are the pitch, lead-lag and 
flapping movements. 
The torsional angles between the different components 
are defined . 
The system's equations are determined with the 
Lagrange method. 
The models help analyse the torsional dynamics of the 
drive train system as a whole. 
The non-linear engine characteristics are linearized 
about a steady condition. 
The stability margins are derived from a Bode diagram. 
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2.2.2. Natural frequencies computation : 

Natural frequencies computation provides inputs for 
stability studies. • 

Determination of the fuselage natural modes: 

Whenever a ground resonance study is undertaken, the 
fuselage modes are computed while assuming the 
rotorcraft is on the ground. Equivalent landing gear 
stiffuess and damping are required to determine the 
modal deflections and frequencies of the fuselage. 
This modulus computes modes for the wheel and skid 
landjng gear. 
The wheel landing gear is assimilated to perfect springs 
and dampers in the three axes for each wheel (figure 4). 

Figure 4 :Landing gear modelling 

The optimisation procedure allows placing the 
frequencies in a specific area. 

Determination of the natural blade modes: 

The code computes the natural blade modes. The 
sensitive study is integrated and the optimisation 
procedure is made available. 

Determination of the tail rotor drive natural 
frequencies: 

The tail shaft can be classified in two categories: 
Sub-critical: Every natural frequency is 
superimposed to the speed of the tail rotor drive 
shaft. 
Super-critical: one of the frequencies is computed 
under the drive velocity. 

The model computes the first five natural frequencies 
and modes and the margins are displayed with a 
graphic study taking the rotor bQ frequencies and the 
tail drive speed into account. 
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2.2.3. Anti-vibration devices: 

The anti vibration devices are broken down into 3 
classes: 

• rotor hub 
• rotor-to-fuselage interface- upper deck 
• fuselage. 

Three categories (passive, semi-active and active 
systems) are distinguished in these three classes These 
technologies are described in figure 5. 

PASSIVE SEMI ACTIVE 
ACTIVE 

ROTOR RESONATORS : Auto~ HHC 
HUB -PENDULUM MASS tuned IBC 

-BIFILAR Hub 
-HUB ABSORBER absorber 
-ROLLER ABSORBER 

UPPER BBQ Auto~ ACSR 
DECK SA RIB tuned 

ARIS SA RIB 
RESONATORS 

CABIN MECHANICAL Auto~ Cabin 
RESONATORS tuned actuators 

resonators 

Figure 5 :Summary of anti vibration devices. 

Dynamic absorbers : 

Blade or hub-mounted dynamic absorbers (pendulum 
mass, bifilar, hub or roller absorber) are the most 
popular anti vibration devices used in helicopters. The 
resonance tuning of these dynamic absorbers must be 
close to the rotor harmonic to be reduced. 
The code allows computing the characteristics of 
dynamics absorbers in terms of geometry and tuning 
characteristics. 

Upper deck suspensions : 

Eurocopter was one of the first helicopter 
manufacturers to offer a focal point suspension system, 
so-called 11barbecue", on the market This system was 
applied to the SA 330 Puma. The idea was to use soft 
elements to filter vibrations in the gearbox sump. The 
satisfactory results obtained in SA 330 boosted the 
development of several derivatives in AS 332, Dauphin 
and Ecureuil. A simplification is produced with the use 
of laminated elastomer mounts and flexible composite 
bars. 

A new generation of suspension system so-called 
"SARIB®" was developed in recent years. 
SARIB® is an anti-resonance isolation system, 
consisting, as shown in figure 6, of 4 individual units 
equi-spaced around the gearbox. One of those units 



includes a leaf spring, the flapper arm and flapper 
mass. The leaf spring is desigued with two parallel 
flanges at the stiff end. One bolt connects, through the 
outer bearing, the leaf spring, to a bracket on the 
gearbox deck and another bolt connects the leaf spring 
to a gearbox strut. Elastomeric bearings are provided at 
both connections. 

Figure 6: SARIB Anti-Resonance isolation system 

The elastic side of the leaf spring is supported at the 
bottom of the gearbox. The amplification needed for 
flapper mass oscillation is realised through the flapper 
arms and their connections to the stiff part of the leaf 
spring, close to the gearbox strut. A membrane 
provided between the bottom of the gearbox and the 
fuselage transmits the rotor torque. Excellent vibration 
levels were achieved with SARIB® isolation· for 
different ntissions and weapon configurations. 

The model allows optintising the basic architecrure of 
this suspension and provides the necessary tuning. 

These models help select the most suitable device for 
the application. Moreover the anti vibration system is 
optimised. 

Active control : 

The main idea behind the active control of air
mechanical stability is being able to use the hardware 
that is already available in the helicopter. 

Air/ground resonance can also be achieved provided 
the proper compensation is introduced in a body state 
feedback loop. 

The first step is to select parameters that are easily 
available in the helicopter (accelerations, angular 
velocities in the fixed system) as far as the observation 
variables of the phenomenon are concerned. 
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The helicopter is then identified for the observed 
phenomenon and the model can be generated. Control 
laws were developed with simulations at this stage. 

Active control is based on the injection of a cyclic 
control into the rotor calculated from a parameter 
measured in the fixed datum. 

Theoretical studies were also conducted for active 
stabilisation of the 1st drive train mode for inter-blade 
rotors, in particular. 
The objective is the reduction of high resonance in the 
frequency areas where engine governor laws are still 
active and with sufficient gains to maintain satisfactory 
accelerations. 

The theoretical model integrated in G.A.H.E.L. allows 
elaborating the control strategy and the control loop is 
made. 

2.2.4. Statistical Analysis: 

This part of G.A.H.E.L. computes similitude laws for 
several geometrical parameters of the helicopter. 
The modulus desigued with database figures and test 
results allows comparing rotorcraft; new helicopter 
architectures can then be defmed from these laws. 

These programs are set up for G.A.H.E.L. application, 
tested and validated on the rig and in flight as well as 
with a number of previous applications. 

3. Validation method. 

Each code developed and integrated in G .A.H.E.L. 
must be validated. The devices used to do this can be 
divided in two categories: the frrst involves using a 
previous computing tool provided to give satisfactory 
results. The second method involves using test results. 
The same conditions are to be applied for both. 
Moreover. a non~regression of the codes must be 
demonstrated whenever modifications are made. Every 
option delivered must be tested. 

The first case reported involves the vibration modes of 
a tail rotor drive. 
This code was validated along two lines : a [mite
elements model desigued with SAMCEF software and 
a test performed in EUROCOPTER laboratories. The 
same tail rotor drive (Super Puma MK2) was used in 
every configuration. 
The second case reported is the validation of the drive 
train simulation made on the Super Puma MKII. 
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3.l. Tail drive shaft: 

3.1.1. G.A.H.E.L: 

This study is based on an analytic model made with 
finite elements. Beam elements are selected with 
displacement in two directions and bending rotation. 
The mass and stiffness matrices are manufactured, the 
eigen values and vectors are computed. The first three 
bending frequencies are determined. Figure? presents 
the architecture of the Super puma MKII tail rotor 
drive as used in G.A.H.E.L.. 

r·-:.----·--- .. --- ----------------, 
I 
! : ~,.----=--.,~--~---~----~--=--~ 

I 

~~ 
~--··--·---·- ·--~·----------- ·- ··-·-~-_j 
Figure 7: Super Puma MKII tail drive architecture. 

The first bending modes computed are: 
I. 167.5 Hz: resonance of the first section 
2. 171.5 Hz: resonance of the central section 
3. 185Hz. 
The modal deflection of the second vibration mode is 
given on Figure 8. 

, __ 
;!nd mode 

.. 
" 4 Natural frequency: 171.8 Hz 

oo 

lenght {m) 

Figure 8: :rd modal deflection : G.A.H.E .. L 
computation. 

3.1.2. Test on the aircraft: 

" 

The purpose of the test is to identify the natural 
vibration modes of the tail rotor drive. 
The study was limited to the second frequency: 170Hz, 
resonance on the central section. 

3.1.3. F.E. model: 

The F.E. model is embodied with SAMCEF 
application. The elements used are beams with 
displacement and rotation in all directions. 
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The displacement in the X (length) and Y (bending) 
directions are fixed on the nodes connected to a bearing 
element. 
The results for the first bending frequencies are: 
165.5 Hz: resonance of the first section. 
170Hz: resonance of the central section. 
183.7 Hz. 

The modal deflection of the second mode is presented 
in figure 9. 

sw.c::r-BAC~t:: ... ===m~oo1omi/TY-"29ahel 

T:tANSNI:SSIO:I MK2 

Deplacerne"t~ "edam< (DX,PY ,DZ) 

t':eq. )..~.~-1 

"{ 

I 

' ' 

Figure 9: :rd modal deflection : SAMCEF 
computation. 

3.1.4. Summary: 

The results are summarised in the following table: 

FE model TEST* G.A.H.E.L. 
lst mode 167.5 Hz 
2nd mode 170Hz 170Hz 171.5Hz 
3rd mode 183.7 Hz 185Hz 

*: Only the second mode was measured during this 
test. 

The correlation between the three values is satisfactory. 
The G.A.H.E.L. tail rotor drive model provides 
acceptable results. 

3.2. Drive train : 

The validation proceeds on the first drive train mode of 
the Super Puma MKII. 
The simulations undertaken with the analytic model 
and flight test results in the prototype are compared. 

The transfer function study shows that two modes of 
resonance are produced either when the rotor is excited 
with the collective lever (80) or when the fuselage is 



excited in yaw. Excitations with the cyclic stick do not 
produce any drive train I rotor I fuselage coupling. 
The first mode frequency is 2.7 Hz and the second is 
6Hz. 

The parameters measured on the drive train already 
instrumented, are the main rotor mast and the engine 
shaft torque. 
A preliminary study undertaken by Eurocopter shows 
that the engine governing system tends to amplify 
resonance in the 2.7 Hz but is insensitive to vibrations 
around 6Hz. 
The tests were thus intended to detect the 2.7 Hz 
mode. 
Excitations were generated by the automatic flight 
conq:ol system with the collective lever. The excitation 
was sinusoid. 

Figure 10 presents a comparison between the temporal 
responses for parameters measured and determined 
with a G.AH.EL. simulation throughout the mast 
torque excitation period. 
The amplitudes are the same and a resonance occurs at 
the same frequencies. 
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Figure 10 :Drive train identification : 
calculation/measurement comparison. 
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3.3. Conclusion: 

The same method is applied for every computing 
program. The reference codes used for comparison 
purposes with G.A.H.E.L. can be programs that were 
validated in the past. 
Many flight and rig test results are available in 
EUROCOPTER Dynamics Department for comparison 
with G.A.H.E.L. results. 
Moreover, a model adjusting method is to be developed 
to limit the number of tests undertaken for G.A.H.E.L 
certification. 

4. Development strategy 

The objective is to create a simple standard tool which 
is easy to use, safe and cheap. 

G.A.H.E.L. is developed in a unified enviromnent. 
MATLAB (version 5) application is used to generate 
the codes and Microsoft® EXCEL application to create 
the database. MA TLAB is both an interactive 
enviromnent and a language. It is technically highly 
efficient because of its high matrix computing 
capabilities. G.A.H.E.L. runs on a PC increasing 
facility of access and purchase. 

The figures drawn from the EXCEL database are 
identified by their name rather than their values. The 
modifications made to the data base consequently have 
no impact on the validity of the programs. 

Each program is validated and the non-regression code 
is provided for any modification. 
The software is constructed program by program and 
this makes it easy to add a new model. 

5. Conclusion 

G.A.H.E.L. is a new general code for 
helicopter dynamics. It will include a set of computing 
programs and a technical database. Every development 
is validated with rig and flight tests. 

Aeronautic tests are technically difficult to prepare and 
expensive to achieve. 
The general trend is to develop a new generation of 
tools that will help certify a new aircraft or rotorcraft 
with a minimum of tests. 
G .A.H.E.L. will play a significant role in this new 
approach. 



( 
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G.A.H.E.L's future is the development of a link 
between codes to produce a software able covering 
every dynamic investigation. 
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ROTARY WING AEROELASTICITY IN FORWARD FLIGHT 
WITH REFINED STRUCTURE MODELLING 

1 Abstract 

A. R. M. Altmikus, B. Buchtala and S. Wagner 
Institut fiir Aerodynamik und Gasdynamik, Universitat Stuttgart 

Pfaffenwaldring 21, 70550 Stuttgart, Germany 

A modular approach for the numerical simulation of the aeroelastic behaviour of a multi-bladed helicopter rotor 
in forward flight is presented. For this purpose a new dynamic finite element model of the beam-like blade 
structure, DYNROT, is coupled with a three-dimensional finite volume Euler solver for unsteady compressible 
flows, lNROT. 

The Euler solver uses third order upwind discretization in the computational space for the convective 
terms and is second order accurate in time by using three point backward differences. Arbitrary, relative blade 
motion in the rotor reference system is enabled due to Chimera technique. 

The dynamic behaviour of the various blades is simulated by a quasi one-dimensional Finite Element 
Method (FEM) using Timoshenko's beam theory. The dynamic blade model comprises calculation of coupled 
flap lag motion as well as coupled flap torsion. Blade deflections are directly solved in time by integrating the 
second order linear system of differential equations with the generalized-a algorithm. 

The solution of the surface coupled two-field problem is found by the use of a staggered time-marching 
procedure. This procedure together with geometric conservative deformation of grids guarantees the high order 
accuracy of the overall method. 

This new approach for simulation of blade dynamics is validated on experimental data achieved in flight 
tests with a HUGHES-500 helicopter. Additionally it is compared with another method to describe the blade 
deformation, SIMPACK, which is based upon modal synthesis of the first natural modes of an Euler-Bernoulli 
beam model. 

2 Introduction 

The introduction of hingeless rotor blades to the helicopter has lead to improvements in important 
areas. The weight of the main rotor was reduced as well as its mechanical complexity leading to a 
decrease in maintenance expenditures and lower operational costs. Drawback was a risen vibration 
level due to momentum afll.icted blade connection of hingeless blades. Vibration is considered a severe 
disadvantage with respect to passenger comfort and fatigue failure. This phenomenon is strongly 
determined by the aeroelastic interaction of the blade structure and the surrounding compressible, 
viscous flow. 

In course of the development of suitable countermeasures, their efficiency within this interactive 
environment is examined with numerical simulation methods. Since the involved mechanisms take 
place in rather small scales referred to blade-length the correctness and reliability of results are highly 
dependent on the local accuracy of the applied simulation methods. 

Modern aerodynamic methods inherently provide the demanded local accuracy but dependent 
on the underlying model equations, they are neglecting important physical properties of the rotor 
flow, which is charactarized by high instationarity, compressibility as well as viscosity. Today's Euler 
methods for inviscid rotor flows are widely used for simulation purposes and Navier-Stokes methods 
are under development. 

The dynamic behaviour of rotor blades can be calculated with multiple rigid-body systems, 
finite beam elements, as well as shell elements and fully three dimensional finite elements. Nevertheless, 
a rotor blade can be regarded as a slender body, so that a beam-like representation serves as a 
sufficiently accurate simulation basis. 
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Recent research dealing with fluid-structure-coupling emphasises the importance of the fact that 
both, aerodynamic and structural model have to be thoroughly in tune with each other with, respect 
to spatial and time-wise discretization in order to simulate the observed aeroelastic phenomena. 

3 Applied Solution Methods 

3.1 Structure Dynamics 

Physical Structure Model 

The dynamic blade deformation is analyzed with the structure model DYNROT, which is based on a 
quasi one-dimensional finite element representation of a beam-like structure using Timoshenko's beam 
theory. In difference to Euler's beam theory, where cross-sections of the beam keep a perpendicular 
orientation to the bending axis, Timoshenko introduced shear deformation, thus allowing for an an
gle between tangential bending and cross-sectional normal direction. This model also accounts for 
rotational inertia. 

Within the cross-section, tension centre [T] or shear centre [S] must not necessarily coincide with 
the centre of gravity [ G]. Thus torsion and bending as well as axial strain and bending deformations 
are structure-sidedly coupled. Beyond that, the aerodynamic centre, i.e. the quarter chord line [Q], 
may have an offset to the other axes, thus allowing an aerodynamic coupling of the torsional and 
bending degrees of freedom. 

The resulting differential equation for deflection of a simple fixed beam is of hyperbolic type, 
describing the transport of wave energy within the beam in a physically correct manner. Additionally, 
normal dispersion of wave velocities is ascertained [17] by Timoshenko's modeL 

The governing system of equations for the rotating beam was derived in the following way. The 
physical representation of the quasi one-dimensional beam is bnilt up from infinitesimal thin cross
sectional layers. The deflection of each rigid slice is now formulated for its centre of gravity, relative 
to the undeformed centre of gravity line of the beam. The deflection is described by three rotational 
degrees of freedom and three translational degrees of freedom (Figure 1), subsumed in vector <p and 
vector u. 

ia 

Figure 1: Finite element model of the rotor blade 

Having a vector from the origin of the non-rotating reference frame [N] to the location of the 
centre of gravity [G'] in the deformed state of the beam, the corresponding velocities can be derived. 
With those entities, kinetic and potential energy of the cross-section can be formulated as length
related energy density functions in coordinates of the rotating reference system [R]. The energy terms 
can be further divided in translational and rotational kinetic energy and in elastic and gravitational 
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potential energy. 

E> means the matrix of rotational inertias, G the matrix of shear stiffnesses and T the matrix of 
bending and polar stiffnesses. With 

(2) 

the spatial derivative (-) of the axial strain deformation in the tension centre is yielded as a function 
of the DOF's. xaT and ZGT are the distances between [G] and [T]. Timoshenko's theory delivers the 
shear angles as follows, with xas and zas as offsets of [S] from [G]: 

11 = u1 + 'P3 + (zas 'P2t 

1'3 = u3- 'Pl- (xas 'P2t (3) 

Dissipative energy is neglected in the first place but will be introduced later on by the mass 
and stiffness proportional Rayleigh-damping. Finally, N° represents the centrifugal force at the cross
section, which increases the elastic stiffness of the beam and causes an additional energy term in case 
of a rotating beam. 

The complete Lagrange density function is obtained in dependence of time, radial position and 
generalized DOF's q = (u, cp)T = f(y, t), which are themselves a function of time and location along 
the beam axis 

l = f(y,t,q,q,q) (4) 

Assumed that the functional dependency of radial position is know, integration over beam 
length can be carried out for the Lagrange density so that the Lagrange function Lis yielded. Further, 
nonconservative loads such as distributed aerodynamic forces acting on the system are written as 
virtual work. By Hamilton's principle the variation calculus of the time integral can be executed 

te te 

oi=o f LDt+ f OADt=O (5) 

t==ta t=ta 

so that the inhomogeneous system of differential is obtained: 

(6) 

Numerical Method 

The previous formulation for the displacements is continuous in time and ( lD) space. Only some rare 
problems can be fed into an analytical solution. For most arbitrary cases, solutions have to be found 
approximatively. Therefore the time and space dependent functions for the displacements are noted 
in a separation formulation as sum over finite elements 

n,, 
q(y, t) "" L (h(y)A q(t)A + h(y )B q(t)B) n (7) 

n=l 

where h(y) is only dependent on space and q(t) is only dependent on time. The nodal functions q serve 
as weighting functions for the normed form functions h and deliver the absolute amount of deformation 
at the element nodes. The functions h determine the form or devolution of the displacement within the 
element. These spatial functions were chosen linear over the element although there are proposals for 
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higher order Timoshenko beam elements [23, 7]. Since the fine spatial discretization of the aerodynamic 
grid will be used for the structure as well, linear functions turned out to be sufficiently accurate for the 
discussed problem. The negative side effect of shear locking is circumvented by reduced integration. 

The finite element formulation is now introduced into the Lagrange density function. After 
spatial integration over the beam axis variation is performed for the whole equation. Thus leading to 
a linear system of ordinary differential equations 

MQ + DQ + KQ = G +prot+ F + Mcqc + ncqc + KCQC = pRHS (8) 

.. c • c 
Me, De and Kc are the coefficient matrices of the forced DOF movements, whereas Q , Q and 

Qc are the accompanying column vectors of the time dependent constraints. Through such constraints 
cyclic and collective pitch as well as pre-cone and pre-lag are introduced. 

This ODE-system is integrated in time by a generalized-a method presented by Chung and 
Hulbert [4]. This algorithm provides an optimal combination of high frequency and low frequency 
dissipation. It is implicit, unconditionally stable and of second-order accuracy. By appropriate choice 
of the underlying parameters it can be transfered into other a-methods like the Hilber-Hughes-Taylor 
or the Newmark algorithm. It can be further degraded with respect to frequency damping and phase 
error characteristics into the midpoint rule which still is second-order time-accurate. 

3.2 Rotary Wing Aerodynamics 

Physical Fluid Model 

The three-dimensional, unsteady Euler equations are used to analyse the flow field around the heli
copter rotor. They are formulated in a hub attached, non inertial rotating frame of reference with 
explicit contributions of centrifugal and Coriolis forces. 

The computational grid of a rotor blade is supposed to have an arbitrary motion relative to the 
rotating frame of reference. This is due to the cyclic pitch control as well as to the actual blade degrees 
of freedom. Thus, the Euler equations are formulated using time invariant body fitted coordinates 
[2, 21]: 

(9) 

This so-called arbitrary Lagrangian-Eulerian (ALE) formulation allows each grid point to move with 
a distinct velocity in physical space, relative to the rotating reference system. The vector of the 
conservative variables, multiplied by the cell volume, is given by 

q, = v -(p, pii, (JV, pw, e) (10) 

Here the velocity and energy are given in terms of absolute quantities. Kramer (14] showed that using 
absolute quantities obviates systematic numerical errors and therefore preserves uniform flow when 
using a rotating frame of reference. The flux vector components of e, f, and g as well as the force 
vector k can be found in (21, 25]. 

For the finite volume cell-centred scheme, the flow variables are assumed to be constant within 
the cell. Since their values undergo a variation throughout the flow field, discontinuities arise at the 
cell boundaries. The evaluation of the fluxes at the cell faces is done by an approximate Riemann 
solver developed by Eberle [6]. The uniformly high order non-oscillatory (UNO) scheme (10] is used 
for the spatial discretization. 

Geometric Conservation Law 

Several sources [22], [5], [26], [15] point out, that the five conservation equations for mass, moment and 
energy on a moving grid does not automatically lead to a consistent approximation of the fluid flow, 
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because another numerical scheme - the "geometric conservation law" ( GCL) - may not be fulfilled. 
This additional condition was incorporated in INROT by Hierholz [12], [11]. It is the conservation 
equation for the cell volume and states, that the volume change per time must equal the volume flux 
due to the moving cell boundaries. In time invariant body fitted coordinates it reads 

(11} 

Here, V means the cell volume and v9 = (u9 ,v9 ,w9 )T the grid velocity. 
Since the cell volumes V are known geometric values, solely the grid velocities are the remaining 

entities to fulfill the GCL. Now it becomes clear, that the simple choice of grid deformation velocities 
which stem from external structure mechanic models might not determine the cell face velocities in a 
satisfying manner. But even these velocities can be obtained in a theoretically justified way if they 
are constructed with the known grid point positions at the actual and some former time steps. 

Wake Capturing with Chimera Technique 

The comprehensive simulation of multi-bladed rotors in forward flight has to take into account the 
reciprocal influence of the blades. The various blades affect themselves through their wakes, generated 
when lift is produced. Especially in flight situations with little down-wash like low-speed level flight 
or descend flight the rotor blades strongly interact with their own wake system. In such cases the 
distinct vortices of the flow field have to be resolved. 

One possible approach is to implicitly capture the wake of a helicopter rotor by use of a 
sufficiently large computational domain which is able to resolve and transport the complete wake 
without further modelling. A separate grid is wrapped around each rotor blade. The individual blade 
grids are placed inside a base grid which covers the entire computational domain. The embedded grids 
exchange information at their boundaries with the base grid and hence with each other. Figure 2 shows 
the grid configuration of a five-bladed Hughes 500 helicopter rotor. 

z 

Figure 2: Chimera grids 

The Chimera technique was incorporated in the flow solver INROT by Stangl [21]. Due to the 
large number of grid-points the computing time increases accordingly. Furthermore, additional time is 
needed for the search of transfer cells in the various grids. In order to minimize the required computing 
time, INROT was parallelized for shared memory architectures [25]. Each of the grids shown in Figure 2 
is assigned to a processor. In order to achieve a good load balancing the base grid is divided into 
separate blocks, each with approximately the same number of grid points as the blade grids. 
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4 Fluid Structure Coupling 

In very simple and small-scale structural problems the coupled system can be solved in a way that 
combines the fluid and structural equations of motion into one single formulation. This monolithic 
set of differential equations describes the fully coupled fluid structure system as a unity. However, we 
have to deal with the nonlinear Euler equations. The governing equations for the structure may be 
linear or non linear. It has been pointed out in [15] that the simultaneous solution of these equations 
by a monolithic scheme is in general computationally challenging, mathematically suboptimal and 
from the point of software development unmanageable. 

Alternatively, the fluid structure coupling can be accomplished by partitioned procedures [3], 
[8], [15], [18]-[20], [24]. The fluid and structure partitions are processed by different programs with 
interactions only due to external input of boundary conditions, provided at synchronisation points. 
In the meantime the fluid and the structure evolves independently, each one of them using the most 
appropriate solution technique. This approach offers several appealing features, including the ability 
to use well-established solution methods within each discipline, simplification of software development 
efforts, and preservation of software modularity. 

The exchange of boundary conditions - surface forces to the structural code and blade motion 
to the fluid solver- is best done consistent within the integration schemes used. Therefore, integrating 
from time level t" to t"+l, the implicit flow solver INROT is provided with boundary conditions at 
time level t"+l. The implicit dynamic solver DYNROT obtains exchange data from time level t"+l as 
well, but updates the structure consistently with a half time-step positive offset from tn+l/2 to t"+3/2. 
This is done by applying the above mentioned time integration method transforming it by appropriate 
parameter choice into the midpoint rule. An advantage of the midpoint rule is, that it allows the 
consistent construction, and not just the extrapolation of the structure displacement q at t"+1 with 
the structure state Q = (q,q)T at tn+l/2 

(12) 

Piperno proved in [19] that the inconsistent treatment of boundary conditions reduces the accu
racy of the coupled system and eventually deteriorates the stability limit. Following his methodology 
Hierholz showed in [11] that 2nd order accuracy in time is maintained for the complete aeroelastic 
method using the depicted implicit-implicit staggered procedure. 

Position Construction 

Structure Integration 

t" 

:,/ • 

'•, :: 
·4.·.·. ,, 
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~~ • ·n .. t 

: q 

,.~ 

Figure 3: Implicit-implicit partitioned procedure 
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5 Results 

5.1 Validation of Structure Method 

The structure model was validated on numerous test cases. One shall be presented here, which is 
especially suited for rotor blade calculations. This test case described by Harris [9] gives an analytical 
function for the rotor flap bending deflection at realistic forward flight conditions and satisfies the 
boundary conditions of a pinned free beam. It is dependent on the azimuthal position of the blade 
and the radial position on the blade. This function is inserted in the governing differential equation for 
flap-wise bending of a rotating beam (e.g. see [13]) and the correlated aerodynamic force distribution 
is analytically derived. 

Equivalently, the deflection function can be inserted into the differential equation for lag-wise 
bending [13]: 

A .. + ET ~ 1 A 2(R2 2)> A 2 - A 2 p Ut "33Ul - 2/ w - y Ut + p w YUl - p w Ut = Pl (13) 

As the given function for the blade deflection represents a pinned free beam, Coriolis forces 
would agitate rigid body motion about the lag hinge during simulation. Thus, as the numerical 
solution evolves during the calculation, it would be no longer comparable to the analytical solution. 
Therefore an analogous function was built up in order to conform with the boundary conditions of 
a fixed free beam. This was done by simply dropping the first order radial terms of the amplitude 
functions of the harmonic series given by Harris, obtaining: 

Ut Y 
R =!('if;, Y) =/('if;, R) 

= cos(O'ifJ) -- yw + _ yn __ yt2 
( 

4 8 2 ) 
45 55 33 

+cos(l,P) +-Y --Y +-Y (
9536 37) 

160 40 112 

+cos(2'ifJ) --Y +-Y --Y ( 
1 7 1 8 7 9) 

30 20 360 

+ cos(3'ifJ) __ ylO + _ yn __ yl2 + sin(3 .p) +- ys __ y9 + _ yto ( 1 1 5) (1 7 7) 
108 66 792 32 144 360 

+cos(4¢) --Y11 + _y12 __ yl3 
( 

7 7 7 ) 
330 198 468 

(14) 

Of course this test case is no longer related to real experiments but serves the purpose of 
verifying the inplane calculations of the structure code quite well. In consequence the derived analytic 
function of the resulting external load p 1 for the lagging-case is not a representation of any physical 
aerodynamic load either. 

The underlying differential equations for lag bending and flap bending are based on an Euler 
beam. Otherwise the presented FEM falls back upon Timoshenko's beam theory. But the blade can 
be considered as slender so that the differences between both models are expected to be minimal in 
this case. Figures 4 and 5 confirm that assumption and further prove the accuracy of the structural 
model. 

5.2 Hughes 500: Simulation versus Flight Test 

A fully coupled aeroelastic simulation with both methods exchanging the determining boundary con
ditions at their common physical border, the blade surface, was compared against flight test results. 
These were gained by Lindert and described in [16]. In particular two measurements on the Hughes 
500 helicopter were chosen for comparison: a hover flight and a 100kt forward flight. 
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Figure 5: Analytical and numerical lag deflec
tion 

For this aero elastic simulation the isolated rotor was considered fixed in space similar to a wind 
tunnel situation. The five-bladed Chimera grid system, depicted in figure 2, was used. 49 exchange 
points were used along thecentre of gravity line [G] of the blade matching the grid point distribution 
as well as the position of the structure nodes. Thus, any interpolation of boundary conditions was 
avoided. 

The structure model was set up accounting for the special hinge construction of the Hughes 
500 rotor. Here the main rotor blades are connected to the rotor hub by a ball joint. Strap packs 
carry the centrifugal forces at the hinge, give the necessary high bending stiffness in lag direction and 
allow an unconfined flap movement. The blade has a rectangular shape and is equipped with a NACA 
0015 profile of 0.18m chord length. It is linear twisted by -9° and has an overall length of 3.5m. The 
relevant parameter of both flight states are summarized in the following table: 

hover forward flight 
rotor radius [m] 4.05 4.05 
rotational speed [radf s] 51.836 51.836 
helicopter velocity [kt] 0 100 
rotor ad vance ratio [-] 0 0.25 
speed of sound [m/s] 340A 340.4 
rotor shaft angle [OJ 0 -4.0 

Table 1: Parameter of both test cases 

Measurements during this test campaign comprised flap angle f3 about the hinge but no control 
angles for collective and cyclic pitch. Therefore these had to be determined by a trim calculation, 
trimming for the observed flap angle. For the hover case the collective pitch angle has been used as 
trim parameter, to obtain a flap angle matching with the measured one. In case of the forward flight 
the triple of collective and both cyclic pitch angles has been trimmed to meet the measured flap angle 
considered approximately harmonic. The yielded values have been listed in table 2. 

In the following the numerical simulations were confronted with the measurements. Addition
ally the results obtained with the previously described FEM DYNROT are compared with results which 
were delivered by Hierholz [12] who used the structure code S!MPACK. The latter method is based 
upon a multi-body-method where the dynamic system is composed of single rigid or elastic bodies, 
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hover forward flight 
?Jo [0] 7.3 8.33 
,Jc [0] 0.0 1.17 
?J. n 0.0 -7.31 

Table 2: Trimmed control angles 

which are connected via joints. A modal formulation is used for the bending degrees of freedom of the 
blade which is approximated by a Euler-Bernoulli beam. The DOF's are structure-wise decoupled and 
torsion is neglected. For lag motion and flap motion the three first elastic modes are used. The rigid 
body motion about the flap hinge is represented by an additional rigid body mode. The linear system 
of ODEs is integrated in time by the Newton Method which is explicit and of first order accuracy. 

5.2.1 Hover 

For the hover test case the span-wise load distribution is presented in figure 6 and the elastic flap 
deformation is depicted in figure 7. Both are in pretty good agreement with the flight test measure
ments if one bears in mind, that first during a hover flight in opposite to a wind tune! situation a true 
steady flight condition can not be attained. Therefore the measurement data has been averaged over 
the azimuth. Second, air loads have not been gained by recording pressure values. Instead absolute 
forces have been reconstructed out of measured structural deformation and distributed loads have 
been derived under the assumption of piece-wise constant loads. 
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1400 - - - - simulation, SIMPACK 
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Figure 6: Distributed loads in hover Figure 7: Flap bending deformation in hover 

The flap deflection is slightly better represented by the DYNROT calculations. This is due to the 
included torsional degrees of freedom. A negative torsional moment which is caused by the dynamics 
of the rotating blade reduces the incidence angle along the blade thus reducing the lift forces especially 
at the outer diameters and allowing the centrifugal forces to curve the blade a little more. 

5.2.2 Forward Flight 

For the lOOkt forward flight some elastic deformations of flap bending at various azimuth angles can be 
found in figure 8. Speaking of the elastic deformation a congruence of curvatures with flight test data 
could not be totally fulfilled. But the results obtained with DYNROT are better than those obtained 
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with S!MPACK. This is again related to the torsional degrees of freedom. Especially the form of the 
bending curve towards the blade tip at iii = 315° proves that fact, although the line is quantitatively 
seen quite far away from the measurement values. 
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Figure 8: Flap bending deformation in forward flight 

Generally, a direct comparison of isolated rotor simulation and flight test data for forward 
flight has to be handled with utmost care. First, a flight test does not guarantee a precise and well 
defined test environment as a wind tunnel does. Second, isolated rotor simulations neglect all occurring 
interaction of rotor flow with the fuselage and tail boom situated underneath. 

Some other reasons concern this special test case. On the one hand the rotor shaft angle has not 
been measured during the flight test. Thus, a more or less reasonable value of -4° had to be estimated. 
On the other hand the structure model has not been described precisely enough with respect to elastic 
properties of the blade like moments of inertia and offsets between the relevant axises. Furthermore, 
eigenfrequencies have only been given for flap bending but not for torsion or lag bending mode shapes. 
Here some assumptions had to be made as well, in order to construct a consistent structure model. 
The used properties are presented in table 3. 

density p [kgjm"] 2787.0 
sectional area A [m'] 12.3 . 10 -· 
Young's modulus E [N/m2

] 7.31. 1010 

shear modulus G [N/m"] 2.50 · 10w 
flap moment of inertia lx [Nm"] 5.50 -10-o 
polar moment of inertia It [Nm"] 2.68 · 10 -o 
lag moment of inertia lz [Nm'] 2.62 · 10 -o 

axis distances from [Q] xa,xs,XT [m] 0.0 

Table 3: Structural properties 
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6 Conclusions 

We presented a simulation method for the aeroelastic analysis of helicopter rotors. It allows to solve 
the highly demanding task of coupled aeroelastic calculation for any complex layout of multi-bladed 
helicopter rotors with arbitrary relative blade motion in a transonic, unsteady aerodynamic environ
ment. A highly modular, partitioned approach could be realized using a time-marching staggered 
coupling scheme. 

For the structure dynamics a FEM for a quasi one-dimensional beam based on the Timo
shenko's beam theory has been developed for rotating applications. This method is especially suited 
for aeroelastic calculations, because it offers the possibility to introduce offsets between the aeroelas
tically relevant axises. Furthermore it enables appropriate control input at arbitrary hinge positions. 
The underlying ODEs are integrated directly in time by an implicit method of second order. 

The fluid domain is described by the Euler equations in an ALE formulation. A finite volume 
upwind flow solver is used to solve the equations numerically. Inside the aerodynamic computation 
relative blade motion is gathered with the incorporated chimera technique. With an efficient and 
robust algebraic three dimensional grid deformation algorithm the elastic deformation of the blades 
was tracked inside the fluid domain. 

Calculations of the aeroelastic behaviour of the five-bladed Hughes 500 rotor in hover and 
lOOkt forward flight were shown. These included flap bending, lag bending and elastic blade torsion. 
The results were compared with flight test data and a second coupled method. The importance of 
including the torsional degrees of freedom has been clearly shown. Excellent agreement of calculation 
with presented method and the flight test experiments could be shown for hover. 

Although the forward flight comparisons have to be carried out with caution, they show a good 
qualitative and quantitative accordance with the experiment. Finally it has to be pointed out that a 
most comprehensive descriptions of the structure as it is offered by this new method is superior to a 
less refined method. 
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Abstract 

A comprehensive vibration analysis of a 
coupled rotor /fuselage system is carried out 
using detailed 3-D finite element models of the 
AH-lG airframe from the DAivlVIBS program. 
Predicted vibration results are compared with 
Operational Load Survey flight test data of 
the AH-lG helicopter. Modeling of difficult 
components(secondary structures, doors/panels, 
etc) is essential in predicting airframe natural 
frequencies. Calculated 2/rev vertical vibration 
levels at pilot seat show good correlation with 
the flight test data both in magnitude and phase, 
but 4/rev vibration levels show fair correlation 
only in magnitude. Lateral vibration results 
shmv more disagreement than vertical vibration 
results. Accurate prediction of airframe natural 
frequencies up to about 38Hz(7 /rev) appears 
essential to predict vibration in airframe. Second 
order nonlinear terms have an important effect 
on the prediction of vibration at high speed and 
high frequency. Third order kinetic energy terms 
generally have small inf!uence(about 7% change) 
on the prediction of vibration. 

Introduction 

As helicopter crew and passenger comfort has 
gained increased emphasis, vibration requirements 
have become more stringent [1]. Even though 
there has been enormous progress with vibration 
suppression technology [2], cost and weight penalty 
has been excessive in part because of inadequate 
vibration prediction capability. To minimize 
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the additional cost and weight penalty, accurate 
vibration prediction is necessary at the early design 
stage. 

Even though considerable progress has been 
made to improve the mathematical analysis of 
rotors during recent years, reliable and accurate 
vibration prediction is still a challenging problem. 
In a recent validation study using the Lynx 
helicopter flight loads, it was found that most 
comprehensive analysis codes exhibit significant 
errors of as much as 60 percent from the measured 
vibratory loads [3]. Various analytical technologies 
were applied to evaluate their effects on vibration 
predictions. Of all the technologies, free wake 
models have been shown to have a dominant 
influence on vibration predictions at both low and 
high speed conditions( [3] - [5]). 

Airframe dynamics is also important in the 
prediction of helicopter vibration. NASA-Langley 
carried out a Design Analysis Methods for 
VIBrationS(DAMVIBS) program to establish 
the technology for accurate and reliable 
vibration prediction capability during the 
design of a rotorcraft [6]. Four major helicopter 
manufacturers(Bell, Boeing, former McDonnell 
Douglas, and Sikorsky) actively participated 
in this program. Systematic modeling and 
analysis techniques were investigated for the 
four technology areas: airframe finite element 
modeling, modeling refinements for difficult 
components(secondary structures, doors/panels, 
engine, fuel, transmission, cowlings, fairings, 
etc), coupled rotor-airframe vibration analysis, 
and airframe structural optimization. All 
participating companies developed state-of
the-art fi.nite element models for the airframe, 
conducted ground vibration tests, and carried 
out comparisons of their predictions with test 
data. During this program, they improved the 
finite element modeling capability of both metal 



and composite airframes. In conventional finite 
element modeling of an airframe, only the primary 
load carrying structures were represented in terms 
of their mass and stiffness characteristics, and 
the secondary structures were represented only 
as lumped masses. Comparison of predicted 
frequencies with measured values showed that 
agreement is less satisfactory above about 20 
Hz with conventional modeling. The study 
identified the critical role of difficult components 
for vibration prediction. It was shown that 
a detailed finite analysis of the airframe that 
included the effects of difficult components could 
predict frequencies with a deviation of less than 
5% of measured values for modes with frequency 
up to 35Hz [7]. 

Under the DAMVIBS program, the four 
helicopter companies also applied their own 
methods to calculate the vibrations of the AH-
1G helicopter, and correlated the predictions with 
an Operational Load Survey(OLS) flight test data. 
Most of the analyses were unable to predict 
vibration accurately for all flight conditions. These 
studies pointed out that the coupled rotor-fuselage 
vibration analysis should be improved in order to 
be useful for the design and development of a rotor
airframe system. 

During the last two decades, coupled rotor
fuselage vibration analyses have been developed by 
many researchers using a variety of assumptions 
and solution methods (see reviews by Reichert [2], 
Loewy [8] and Kvaternik, et al. [9]). Simplified 
investigations such as those reported in Refs. [10] 
- [13] have made significant contributions to 
the understanding of the basic characteristics 
of rotorcraft vibration but are not sufficient 
for accurate predictions. Most analyses also 
incorporated highly idealized aerodynamics. For 
example, in Ref. (14] a coupled rotor/flexible 
fuselage model was developed for vibration 
reduction studies using 3-D fuselage. However, this 
analysis incorporated idealized aerodynamics such 
as uniform inflow and quasisteady aerodynamics 
so that vibration was substantially underpredicted. 
Helicopter vibration is due to the higher harmonic 
airloading of the rotor, thus nonuniform induced 
velocities caused by blade vortices can be a key 
factor in the prediction of vibration. 

Recently, the present authors carried out a 
comprehensive vibration analysis of a coupled 
rotor/ fuselage system incorporating refined 
aerodynamic models such as free wake and 
unsteady aerodynamics (15]. Predicted vibration 
results were compared with Operational Load 
Survey flight test data of the AH-lG helicopter. 
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ivfodeling requirements for the vibration analysis 
of complex helicopter structures and rotor-fuselage 
coupling effects were identified. The importance of 
refined aerodynamic modeling was also addressed. 

The non-linear equations of motion of a coupled 
rotor/ airframe are quite involved. Often, an 
ordering scheme is used to systematically neglect 
higher order terms in the equations. Normally. 
third order terms(<3 terms) are neglected in rotor 
aeromechanic analyses, so that equations are 
manageable and retain enough accuracy. Many 
aero elastic analyses of a rotor blades are focused to 
solve the aeromechanical stability that includes the 
calculation of blade steady periodic response and 
stability of linearized perturbation motion. These 
phenomena involve low frequency and retention 
of second order terms appears adequate. There 
are a few exceptions where higher order terms 
are included. For example, Crespo da Silva and 
Hodges [16], (17] derived equations of motion of 
a rotor blade retaining terms up to order of E3 

and investigated equilibrium and stability of a 
uniform cantilevered rotor blade in hover. They 
emphasized the importance of higher order terms 
in the prediction of the behavior of blades with 
low torsional stiffness and at high thrust level. 
For aeromechanical stability, the rigid body modes 
appear adequate and the flexibility of fuselage is 
not considered. Since vibration analysis involves 
coupled rotor/fuselage equations, the modeling of 
both blades as well as airframe becomes important 
Since high frequency modes are involved in the 
vibration analysis, it may be possible that higher 
order terms may become important. 

In this paper, the effect of higher order 
terms( especially third order) on the prediction of 
vibration is investigated. Since there are too many 
third order terms involved in the equations of 
motion, only higher order kinetic energy terms 
are investigated. Parametric studies are also 
conducted to examine the influence of several 
key factors on the prediction of vibration of a 
rotorcraft. 

Vibration Analysis 

The baseline rotor analysis is taken from 
UMARC(University of Maryland Advanced 
Rotorcraft Code). The blade is assumed to be 
an elastic beam undergoing flap bending, lag 
bending, elastic twist, and axial deformation. 
The analysis for a two-bladed teetering rotor is 
formulated and incorporated into UMARC. The 
elastic rotor coupled equations include six hub 
degrees of motion. The rotor vibratory loads are 



( 

transmitted to the fuselage through the hub and 
the effects of fuselage motion are included in the 
determination of blade loads. 

The derivation of the coupled rotor /fuselage 
equations of motion are based on Hamilton's 
variational principle generalized for a 
nonconservative system. 

i
to 

biT = ( 6U - 6T - 6W) dt = 0 
t, 

( 1) 

5U is the variation of the elastic strain energy, 
liT is the variation of the kinetic energy, and oW 
is the work done by nonconservative forces which 
are of aerodynamic origin. The contributions to 
these energy expressions from the rotor blades and 
fuselage may be summed as 

where the subscripts b and F refer to the blade and 
fuselage respectively and N, is the total number of 
rotor blades. For example, the variation of the 
kinetic energy for the bth blade is expressed as 

The equation of motion for the teetering degree of 
freedom of a two-bladed rotor is obtained from the 
equilibrium of the flap moment about the teeter 
hinge. 

The 3-dimensional N ASTRAN finite element 
models of the AH-1G helicopter are used in the 
coupled rotor/fuselage vibration analysis. The 
airframe modal data( eigenvalues, eigenvectors, 
and generalized masses) are generated using 
NASTRAN and are used as an input to the coupled 
rotor/fuselage vibration analysis program. The 
couplings between rotor and fuselage are included 
in a consistent manner into UMARC. 

Blade response equations, teetering motion 
equation, and fuselage response equations are 
solved simultaneously. To reduce computational 
time, the finite element equations are transformed 
into the normal mode space. Because the fuselage 
is in the fixed frame, the analysis is carried out in 
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the fixed frame by transforming the rotor equations 
using a multiblade coordinate transformation. 
The nonlinear 1 periodic, coupled rotor/fuselage 
equations are solved using a finite element method 
in time. · 

Fuselage Models 

First, the elastic line airframe structural 
modeling capability was incorporated into 
Ulv!ARC. The fuselage is discretized as an elastic 
beam using the same 15 degree-of-freedom beam 
element as that used for the rotor blade. Elastic 
line model of the AH-lG helicopter is shown in 
Figure l. 39 beam elements are used in modeling 
main fuselage 1 tailboom 1 wing 1 and main rotor 
shaft. Second, the 3-D NASTRAN finite element 
model of the AH-lG helicopter airframe developed 
in the mid 1970s, shown in Figure 2, is included 
into UMARC. It consists of structural elements 
such as scalar springs 1 rods, bars, triangular and 
quadrilateral membranes. The total number of 
elements is 2965. The main rotor pylon is modeled 
as an elastic line using bar elements. The main 
rotor pylon(Figure 5) provides the structural tie 
bet\veen the main rotor and the fuselage. It is 
attached to the fuselage through the elastomeric 
mounts and a lift link. The lift link is the primary 
vertical load path and is very stiff in the vertical 
direction. The elastomeric mounts are designed to 
produce low pylon rocking frequencies to isolate 
the main rotor in-plane vibratory loads from the 
fuselage and to balance the main rotor torque. 
This model was used for the coupled rotor/fuselage 
vibration analysis to correlate with Operational 
Load Survey flight test data in the DAMVIBS 
program. Third, a modified 3-D finite element 
model of the AH-lG helicopter including effects 
of difficult components is included into UMARC. 
The earlier 3-D finite element model was modified 
by Bell Helicopter to achieve better correlation of 
natural frequencies with test data. These updates 
included replacement of the original elastic line 
tailboom with a built-up rod and shear panel 
tailboom and inclusion of fastened panels, doors. 
and secondary structure in the forward fuselage. 
However, this model could not be used directly 
for the validation study because the overall weight 
of the test vehicle was different from that of 
a OLS flight test vehicle. So, the NASTRAN 
model was modified to convert it to the OLS 
test configuration by updating the weight of fuel, 
ammunition, etc. The final refined 3-D airframe 
model is shown in Figure 3. The total number 
of finite elements used in this study is 4373. 
A comparison of NASTRAN and test natural 
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Fig. 5 Main rotor pylon of AH-1G helicopter 

frequencies is presented in Figures 4. The diagonal 
line represents perfect match between predictions 
and test data. Percentage error bandwidths are 
included to indicate trends in correlation. The 
elastic line model shows fair correlation up to 
20 Hz. But, fuselage torsion and third fuselage 
lateral bending modes cannot be found within 
the frequency range up to 30 Hz. 3-D fuselage 
model shows fair agreement with test data 
except for the second and third fuselage lateral 
bending modes. With the modeling of difficult 
components, the natural frequency correlation 
at the higher frequencies is improved from 20% 
error to less than 10% error for up to 30 Hz. In 
particular, the improvement of fuselage lateral 
bending frequencies is noticeable. 

Results and Discussion 

The two-bladed teetering rotor of the AH-
1 G helicopter and its N ASTRAN airframe model 
are used to calculate vibratory hub loads and 
vibration levels at the pilot seat. Coupled 
rotor/fuselage equations are solved in straight and 
level flight conditions. Estimated vibration results 
are compared with OLS flight test data of the 
AH-1G helicopter. Detailed blade properties and 
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test results are in Ref. [18]. For the calculation 
of inflow and blade loads, a pseudo-implicit free 
wake model [19] and a time-domain unsteady 
aerodynamics [20] are incorporated. The effects 
of compressibility(Prandtl-Glauert correction) and 
reversed flow are also included in the aerodynamic 
model. For normal mode analysis, thirty 
airframe modes( which covers frequencies up to 40 
Hz(7.4/rev)) are used. Eight time elements with 
fifth order shape functions are used along the 
azimuth to calculate the coupled periodic response. 

Effect of fuselage modeling 

Vertical vibration levels at the pilot seat are 
presented in Figure 6 with airspeeds ranging 
from 67 knots to 142 knots. There is a good 
agreement of the magnitude of vibration level 
between predictions and test values and only 
slight differences exist between 3-D fuselage and 
refined 3-D fuselage results. Rotor /fuselage 
coupling reduces 2/rev vertical vibration by more 
than 50% and has a small effect on 4/rev 
vibration. Estimation of vertical vibration with 
the elastic line model has a negligible effect on 
2/rev vibration, but underpredicts 4/rev vibration. 
Lateral vibration levels at the pilot seat are 
shown in Figure 7. Since there was a more 
scatter in the prediction of fuselage lateral bending 
frequencies from measured values among fuselage 
models, significant improvement in the calculated 
lateral vibration levels was expected with modeling 
refinements. Estimation of 2/rev lateral vibration 
with the elastic line model shows large deviation 
from test results. However, the elastic line model 
shows fair correlation of 4/rev vibration. Lateral 
vibration levels with refined 3-D fuselage model are 
larger than those with regular 3-D fuselage model. 
Refined model improves somewhat correlation of 
2/rev vibration but 1 correlation becomes worse for 
4/rev vibration. Both models overpredict 4/rev 
vibration. 

Correlation of phase 

For a systematic validation study of predicted 
vibration, both magnitude and phase of the hub 
loads should be compared. Hub vibratory loads, 
however, were not measured in the OLS flight 
test. Hence predicted vibration vectors(magnitude 
and phase) are correlated with measured vibration 
vectors. 

Figures 8 and 9 show the effect of fuselage 
modeling on the phase of vibration at 101 knots. 
2/rev vertical vibration results, shown in Fig. 8(a), 
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show that detailed structural modeling helps to 
improve the correlation of phase angle even though 
the magnitude is unchanged. The effect of 
difficult component modeling on the phase of this 
component is negligible. 2/rev lateral vibration 
estimated using elastic line model shows a 
significant difference in both magnitude and phase 
from those using the detailed models(Fig. 9(a)). 
Significant difference of phase between an elastic 
line model and detailed airframe models is also 
observed in the 4/rev vibration. 4/rev lateral 
vibration results, shown in Fig. 9(b), show that 
difficult component modeling has an influence on 
the phase of this vibration component, and changes 
the phase angle by 9 degrees. 

Predicted and measured vibration 
vectors(magnitude and phase) are correlated 
using refined 3-D fuselage model for three 
different speeds(67, 101, and 142 knots) which 
respectively represent low speed, moderate speed, 

160 

160 

G9-6 

0.4 

§ 
03l 

c 

02~ .Q 

" ~ 0 

01~ 
u 
u 
<: 

0.0 ! 
60 

0.4 

I 
0.3~ 

§ I c I .Q 

0.2J 1! 
0 

' 0 
u 
u 
<: 

01l 

0.0 . 
60 

Relined 3·0 fuselage, No fuselage feedback 

Elastic line fuselage 
3·0 fuselage 
Refined 3-D fuselage 

0 Flight test 

a'o 100 120 

Airspeed (knots) 

(a) 2/rev lateral vibration 

~D 0 Q 0 

so 100 120 

Airspeed (knots) 

(b) 4/rev lateral vibration 

140 

Fig. 7 Lateral vibration level at pilot seat 

and high speed flight conditions. The 2/rev 
vertical vibration result, shown in Figure lO(a), 
shows good correlation for both magnitude and 
phase at low and moderate speeds. At high speed, 
there is significant phase difference( about 20 
degrees) between predicted and measured values. 
The 4/rev vertical vibration result, shown in 
Figure lO(b), shows considerable deviations for 
all speeds. For low frequency vibration, vertical 
hub loads seem to be modeled accurately up 
to moderate speed and fuselage model appears 
adequate in the vertical direction. The difference 
of 2/rev vibration at high speed is probably 
due to hub loads since the fuselage model is 
not expected to change with speed. For high 
frequency vibration, both hub loads and fuselage 
model may have errors. There is a large deviation 
in predicted and measured phase angles. 

Figure ll(a) shows 2/rev lateral vibration 
result. Even though there is more disagreement 
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(b) 4jrev component 

Effect of airframe modeling on vertical 
vibration at pilot seat at 101 knots 

between measured and calculated results than 
corresponding 2/rev results in the vertical 
direction, the trends appear quite consistent. 
Estimation shows the same phase angle at 67 and 
101 knots as observed in the flight test data. At 
142 knots, the test data shows a phase shift but 
the prediction does not show such a change. The 
measured phase difference at high speed differed 
about 19 degrees from those at low and moderate 
speeds. In Figure ll(b), 4/rev lateral vibration 
results show good correlation at low speed and 
the difference between predictions and test data 
increases with speed. 

Contribution of airframe modes 

The contribution of different airframe natural 
modes to vibration at the pilot seat is investigated 
next for a better understanding of airframe 
dynamics and its role in the prediction of 
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Fig. 9 

{b) 4/rev component 

Effect of airframe modeling on lateral 
vibration at pilot seat at 101 knots 

helicopter vibration. Figures 12 through 19 
show contributions of different airframe modes in 
vertical and lateral vibration at the pilot seat at 
101 knots. Both a refined 3-D fuselage model and 
old 3-D fuselage model are used for the calculation 
of vibration. The contribution of each mode 
is presented in terms of magnitude of vibration 
nondimensionalized by the total vibration at the 
prescribed frequency. 

Figure 12 shows that only four low frequency 
modes (M/R pylon pitch and roll, and 1st and 
2nd fuselage vertical bending) have a dominant 
effect on the prediction of 2/rev vertical vibrations. 
The contribution of the M/R pylon pitch mode is 
due to the longitudinal hub force excitation. The 
contribution of fuselage vertical bending modes 
(primarily first and second modes) shows that 
the effect of vertical hub force on the pilot seat 
vibration is about 20% of total level. The 
dominant effect of M/R pylon roll mode (about 
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Fig. 10 Vertical vibration at pilot seat 

40%), which is related to the lateral motion on 
2/rev vertical vibration shows that the cou~ling 
between modes may have an important influence 
on vibratory response. For this roll mode, the 
vertical deflection at the pilot seat has almost same 
magnitude as the lateral deflection at this position. 
Thus, lateral hub force produces large vertical 
vibration as well as lateral vibration. Figure 13 
shows 2/rev vertical vibration using an old 3-D 
N ASTRAN modeL Again, the main rotor pylon 
roll mode has the most dominant effect on the 
prediction of 2/rev vertical vibration. However, its 
contribution to total vibration is reduced to about 
30% compared to 40% in the refined 3-D fuselage 
modeL The contribution of pylon pitch mode 
remains same at about 18%. The contributions 
of 3rd fuselage vertical bending and main rotor 
mast fore-and-aft (F I A) bending modes increase to 
twice compared to those of the refined 3-D fuselage 
modeL 

For the 4/rev vertical pilot seat vibration 
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Fig. 11 Lateral vibration at pilot seat 

prediction using a refined airframe model, shown in 
Figure 14, several modes have similar contributions 
and most of them are high frequency modes. 
Since there is more error in the prediction of 
high frequency modes) prediction of vibration at 
this frequency is likely to be less accurate. The 
coupling between modes can be clearly seen in 
this 4/rev vibration too. The contribution of 
M /R mast lateral bending and 3rd fuselage lateral 
bending modes to the 4/rev vertical vibration 
shows that lateral hub force produces vertical 
vibration and its contribution is also important. 
The modes whose frequencies are above 33 Hz 
(6/rev) have a negligible effect on the vertical 
vibration. Figure 15 shows 4/rev vertical vibration 
at pilot seat at 101 knots using an old 3-D 
NASTRAN model. Main rotor mast F 1 A bending 
and 3rd fuselage vertical bending modes have 
a dominant effect on this vibration. Unlike 
the refined 3-D fuselage model which shows the 
important effect of 3rd fuselage lateral bending 
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mode on the prediction of 4/rev vertical vibration, 
an old 3-D fuselage model does not show such 
a coupling effect. The modeling of difficult 
components appears to produce the coupling 
between modes. 

As shown in Figure 16, the M/R pylon roll 
mode of a refined airframe model has a dominant 
effect on the prediction of 2/rev lateral vibration 
at the pilot seat. High frequency modes such 
as M/R mast lateral bending and 3rd fuselage 
lateral bending modes also have an important 
influence on the low frequency vibration. For an 
old airframe model(Fig. 17), M(R pylon roll, 2nd 
fuselage lateral bending, and M/R mast lateral 
bending modes have almost same contribution on 
the prediction of 2/rev lateral vibration. 

For the 4/rev lateral pilot seat vibration 
prediction, shown in Fig. 18, high frequency modes 
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have a larger influence and the contribution of 
the low frequency modes is small. The lateral 
vibration due to longitudinal and vertical hub 
forces is small. For the prediction of the lateral 
vibration, airframe modes whose frequencies are up 
to 38 Hz(7 /rev) should be included. 4/rev lateral 
vibration results using an old 3-D airframe model. 
shown in Figure 19 1 show a dramatic difference 
from those using a refined 3-D fuselage model. 
M/R mast lateral bending mode of a 3-D fuselage 
has a significant contribution (about 50%) and 3rd 
fuselage lateral bending mode has an important 
contribution (about 10%) on the prediction of 
4/rev lateral vibration. Compared to a refined 3-
D fuselage model, the contribution of M/R mast 
lateral bending mode increases by more than 2.5 
times and the contribution of 3rd fuselage lateral 
bending mode reduces by less than half. This 
shows that the airframe modeling appears to cause 
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the differences of both magnitude and phase of 
the 4/rev lateral vibration prediction between two 
airframe models (Figure 9(b)). For the accurate 
prediction of vibration using 3-D fuselage model, 
airframe modes whose frequencies are up to 40 Hz 
(7.4/rev) should be included. This is similar to the 
conclusion with the refined 3-D fuselage. 

Effect of Aerodynamic Coefficient 

The section lift, drag, and pitching moment 
coefficients used in the present analysis are 
expressed as 

G=~+~a (6) 

cd =do + d,lal + d2a2 (7) 

Cm = fo + fta = Cm.o + fta (8) 

where co, Ct, do, db d2, Cm"", and h are airfoil 
section coefficients. The effects of these coefficients 
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on the prediction of vibration at pilot seat are 
investigated. The baseline and modified values 
of these coefficients are given in Table 1. The 

Table 1 Aerodynamic coefficient variation 

Baseline value Modified values 
~ 0.0 0.05 0.1 
Ct 6.16 5.7 6.28 
do 0.0068 0.0 0.01 
d, 0.0 0.1 0.3 

Cmac 0.0 -0.01 O.Dl 
h 0.0 -0.1 0.1 

zero angle pitching moment coefficient, Cmac• 

has the most dominant effect on the prediction 
of vibration among aerodynamic coefficients and 
the effects are shown in Figures 20 and 21. 
Negative pitching moment coefficient increases 
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the magnitude of 2/rev vertical vibration level 
and slightly improves the correlation with test 
data. However, the difference of phase with 
test data increases. Negative pitching moment 
coefficient reduces 4/rev vertical and 2/rev lateral 
vibration and has a small effect on the phase 
of these vibrations. Pitching moment coefficient 
has a large influence on the phase of 4/rev 
lateral vibration (Figure 21(b)). Modified pitching 
moment coefficients change the phase by 15 degrees 
and negative pitching moment coefficient improves 
the correlation of phase with test data. 

Effect of second order nonlinearities 

Figures 22 and 23 represent 2/rev and 
4/rev vertical vibration levels at the pilot seat 
respectively. First, second order structural and 
aerodynamic terms are neglected. Second, only 
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second order aerodynamic terms are included. 
Third, only second order structural terms are 
included. And fourth, all second order nonlinear 
terms are included. Second order nonlinear terms 
have more influence on the prediction of vibration 
at high speed and high frequency. Second order 
nonlinear terms increase the magnitude of 2/rev 
vertical vibration by 5% and change the phase by 
4 degrees at 142 knots. Nonlinear terms have a 
significant effect on both magnitude and phase of 
4/rev vertical vibration. Second order nonlinear 
terms decrease the magnitude of 4/rev vertical 
vibration by about 60% and change the phase by 
almost 70 degrees. Figures 24 and 25 represent 
2/rev and 4/rev lateral vibration levels at the pilot 
seat respectively. Especially nonlinear terms have 
an important influence on both magnitude and 
phase of 4/rev lateral vibration. Second order 
nonlinear terms decrease the magnitude of 4/rev 
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lateral vibration by 65% and change the phase 35 
degrees at 142 knots. 

Effect of third order kinetic energy terms 

Kinetic energy of a blade retaining terms up to 
third order(O(c3 )) is derived and then higher order 
terms are selectively included in the equations 
of motion to examine their effect separately. 
Table 2 shows third order kinetic energy terms 
investigated. When each term is added in the blade 
equation, its effect on the fuselage is also included. 

Figure 26 shows the effect of third order 
terms on the magnitude of vibration at the pilot 
seat. Since higher order terms have negligible 
influence on the 2/rev vibration level, only 4/rev 
vibration results at 142 knots(!' = 0.32) are shown. 
Magnitude change of acceleration in the vertical 
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Contribution of old 3-D airframe natural 
modes to 4/rev lateral pilot seat 
vibration at 101 knots 

100 

direction is calculated as follows 

llzF,c ••• ,1 - ZF(s.,.,.,,1ll X 
100 (9) 

ZF(8o:u.din~) 

Baseline vibration level is calculated using terms 
up to second order. Generally, third order 
kinetic term has a very small effect on the 
prediction of vibration(less than 1%). Linear 
lag-torsion coupling term(Case 3) changes 4/rev 
vertical vibration by 4.3% and linear flap-torsion 
coupling terms(Case 14 and 15) change 4/rev 
lateral vibration by 7.6% and 5.9% respectively. 
Figure 27 represents the effect of third order terms 
on the phase of 4/rev vibration at the pilot seat. 
Third order linear flap-torsion coupling term( Case 
14) changes phase angle of 4/rev vertical vibration 
by 7 degrees and third order linear lag-torsion 
coupling term(Case 3) changes phase angle of 
4/rev vertical vibration by 5.3 degrees. The other 
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Fig. 20 Effect of zero angle pitching moment 
coefficient (cmac) on vertical vibration at 
pilot seat at 101 knots 

terms have a negligible effect on the phase of 4/rev 
vertical vibration. For the 4/rev lateral vibration, 
all higher order terms have a small effect. 

Figure 28 shows the consolidated effect of third 
order kinetic energy terms on the 4/rev vibration. 
Third order kinetic energy terms decrease the 
magnitude of 4/rev vertical vibration by about 7% 
and change the phase by 10 degrees. Their effects 
on the lateral vibration are smaller than those on 
the vertical vibration because the effects of Case 
14 and Case 15 are canceled out. 

Conclusions 

From the validation and parametric studies, the 
following conclusions are obtained. 

L Modeling 
important 

of difficult components is 
for the accurate prediction 
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(b) 4/rev lateral vibration 

Fig. 21 Effect of zero angle pitching moment 
coefficient (cmaJ on lateral vibration at 
pilot seat at 101 knots 

of airframe natural frequencies, especially 
for high frequency modes. 

2. The correlation between calculated 2/rev 
vertical vibration at the pilot seat and 
measured data shows good agreement in 
both magnitude and phase, except at high 
speed where the phase discrepancy is as large 
as 20 degrees. 

3. Estimated 4/rev vertical vibration at the 
pilot seat shows good correlation \vith test 
data only in magnitude. At 142 knots, there 
is a phase deviation of 115 degrees. 

4. The correlation of 2/rev lateral vibration 
at the pilot seat is generally fair(less than 
0.02g difference), while calculated 4/rev 
lateral vibration is overpredicted at all 
speeds(maximum 0.03g). 
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(b) 4/rev lateral vibration 

Effect of third order kinetic energy terms 
on the magnitude of 4/rev vibration 

5. The contribution of airframe modes to 
vibration between 3-D fuselage and refined 
3-D fuselage models shows a significant 
difference on the prediction of 4/rev lateral 
vibration. The modeling of difficult 
components appears to produce the coupling 
between modes. Accurate prediction of 
airframe natural frequencies up to about 
38Hz(7frev) appears essential to predict 
airframe vibration accurately. 

6. Second order nonlinear terms have important 
effect on the prediction of vibration 
especially at high speed and high frequency. 
Second order nonlinear terms decrease the 
magnitude of 4/rev vertical vibration by 
about 60% and the magnitude of 4/rev 
lateral vibration by 65%. 
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Fig. 27 Effect of third order kinetic energy terms 
on the phase of 4/rev vibration 

7. Third order kinetic energy terms generally 
have a small influence on the prediction of 
vibration. Third order kinetic energy terms 
decrease the magnitude of 4/rev vertical 
vibration by about 7% and change the phase 
by 10 degrees. 
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Table 2 third order kinetic energy terms investigated 

Case1 axial-flap, linear Tu - -w sin (3p cos (3p 
T w = -u sin (3p cos (3p 

Case2 flap lag, nonlinear Tw'- e9 (V v)v' sin Bo 
Tv= e9 (v 1W1 sinBo- v'w' sin8o) 
Tv'= eg(v- v)w' sinBo 

Case3 lag-torsion, linear Tv' = 2(k;,, - k;,,)¢cos (3p sin Bo cos Bo 
T;, = -2(k;,, - k;,, )v' cos (3p sin 80 cos 80 

Case4 lag-torsion, nonlinear Tv= -2e9 v'¢sinBo cos(3p 
T;, = 2egvv' sin 80 cos (3p 

Case5 lag-torsion, linear Tv= 2e9 ¢cosBosin(3p 
T;, = -2e9vcos80 sin(3p 

Case6 lag, nonlinear Tv = -~e.v''(cos Bo + 86 cos 8o + 8o sin 8o) 

Case7 lag, linear Tv= -e9 (2v'v'B0 sin8o- v'' cos8o- v'v' cos80 ) 

CaseS flap, nonlinear Tw = -~e9w''(8fi sin8o- 8o cos8o) 
Case9 lag-torsion, nonlinear Tv'= ~e9x¢2 cosBacos2(3p 

- 2 T;, = e9 x¢v'cos80 cos (3p 

Case 10 flap-torsion, nonlinear T 1 q,2 · 8 2{3 w' - -2egX Sin oCOS p 

T ' ' . 8 2{3 J; = e9 x<pw sm acos P 

Case 11 flap-lag, linear Tv' - e9 w sin {3p cos /3p cos Bo 
T w = e. v' sin {3p cos {3p cos 8o 

Case 12 lag, nonlinear Tv' - e9 (v v)v' cos8o 

Case 13 flap, nonlinear Tw = e9 (u/ sin80 + w'w' sin8o + 2w'ulBo cos8o) 
Case 14 flap-torsion, linear Tw' = 2(k;, cos28o + k;,,sin280 ) cos{3p¢ 

' 2 • 
T;, = -2(k;,, cos280 + k;,,sin 80 ) cos{3pw' 

Case 15 flap-torsion, linear Tw = 2e9 ¢sin{3psin8o 
T6 = -2e9 wsin{3psin8o 
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Summery 

Some questions of creation the model of bearingless main rotor are under discussion in of
fered report. Tbis model can be used in deciding serial tasks for specification of aircraft perform
ance and calculation of load in rotorcraft flight structure of light helicopter ANSA T. In this model
ing the laminated and multichannel elastic elements' behavior is described by parametric matrix of 
compliance (flexibility). The parametric matrix of compliance (flexibility) is defined by calculation 
and is revised by experimental researches. The developing model let us be more accurately in defi
nition of load on elements of main rotor construction and to refine parameters of control actions on 
helicopter and supply (maintain) tuning of helicopter's wire guidance flight control. 

Modem science and technical acbievements ensure stability and a resource of units which 
are designed with use of composite. These acbievements allow to create the main rotor with elastic 
holding of blades to the rotor busbing. In contemporary research papers tbis rotor is called as fil
lowsbearingless, rigid, semirigid, elastic, etc. A rotor with elastic attaching of blades is a special 
case ofbearingless main rotors with absent axial, vertical and horizontal bearings Goints). Functions 
of all these bearings are executed thanks to the elastic element - an integral bearing. Using such 
elastic elements significantly simplifies the design, increases maneuverability and controllability of 
helicopter. In addition it ensures a service in the system "on the condition". The elastic elements are 
supposed to have defmite softness in planes of flap, rotation and torsion. These are the conditions 
ensured the stiffness and air-elastic stability of main rotor constructive elements. The softness of 
such elements should be optimized in number of parameters. Constructive elastic elements can be 
composed of anisotropic composites with different elasticity modulus. In tbis case the modeling of 
their mode of deformation can be done thanking to account the relations between bending and tor
sion. The main gold of these work is to develop the strategy of numerical simulation of the main 
rotor elasticity when the rotor is composed of elastic elements of torsion types made of rubber
fabric composites. 

The modem tendency is to replace the metallic elastic elements of spring type (Bo-1 05, BK-
117, Ka-62, Mi-34) by elastic elements made of composites (MD-900, EC-135) [1]. A modeling of 
rotor' aeroelasticity for helicopters having the take-off weight equal to 3000 kg has several charac
teristics which are analyzed in the given report. The object of the research is the torsion made of the 
rubber-fabric composites with the design cone angle and the displacement of axis in the plane of 
rotation. Constructive power scheme of such an element is a flat system of laminated space de
formed beams of variable stiffness. This system is supposed to have the multichannel transfer of 
loads. 

Blade 

Torsion 
cover 

·~ 

~ 

Fig. I 

Gll-2 

Control 
', of blade pitch 



The basic design power scheme of blades attaching to the bearing of rotor is shown in the 
Fig. I. A blade is attached to the bushing by the spring torsion which allows the flapping motion 
and curving in the planes of the blade rotation. It is possible to transfer the controlling moment on 
the blade by means of the cover rotation. The torsion twisting is as effective as the rotation of the 
axial joint. The load transfer from blades onto the bushing can be done by several independent 
beams. That's why a rotor of this type sometimes is called a rotor with redundant, or multichannel 
ways of load transfer to the bearing [2]. It differs from a hinge and hingeless main rotor, which has 
only one way ofload transfer onto the blade. 

Fig. 2 

When the load transfer to the bushing from the blade butt is done in the many-server way 
while the torsion is deformed the constructive nonlinear bending-torsion relations come to exist. 
This bending-torsion relations are caused by linear extention of the twisted elastic element. In this 
connection the analysis of bearingless rotor aero elasticity is more complex then the analysis of the 
hinge less and hinge rotors. It is a very important task in developing of methods of aeroelastic analy
sis of the elastic main rotor to create the adequate concept of nonlinear behavior of elastic element 
under the controlling moment and environmental stress of blade. This analysis which includes the 
elastic element behavior can be divided into three main stages: 

a) preliminary calculation of deforming of the elastic element in the prescribed limits of de
formation and loading; determination of flexibility matrixes on the boundary of elastic blade ele
ment; 

b) determination of blade dynamic behavior under the influence of aerodynamic and inertial 
loads taking into accounte the nonlinear behavior of elastic element; 

c) validaty test of the level of flexibility matrixes elements for a set of operational conditions 
of the elastic element operating. 

The process of separate beam deforming is described in the terms of shear models of Ti
moshenko type. The complete definition of kinematic variables and internal power factors for every 
beam of torsion can be given by using the expression of the internal power factors in kinematic pa
rameters and corresponding rigidities. The analytical formulas for calculation of generalized dis
placement and forces in free section of beam number "k" can be written as [3]: 

k k 1 Q: (0) k 
Vk,x(z )=Vk,)O)+cok,y(O)z + Ef [~(kxz -

y X 
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Q;(z') = Q;(O)fih(kxz')-M;(O)kxsh(kxz') , 
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In the formulas (1) z' is a local coor
dinate of beam number "k". The values (.)(0) 

correspond the coordinate z' = 0 , and 

kx,ky are defined by expressions 
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The correlations given above allow us 

to form a system of nonlinear algebraic equa
tions which describe the process of torsion 
deformation. This equations system can be 
solved by methods, accepted in [4]. The mode 
of deformation and flexibility matrixes of 
elastic element with predetermined charac-
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teristics of material and configuration are determined under the using of fine-element method. 

The characteristic feature of torsion deforming is S-type form of the elastic line, which dif
fers in quality from the beam line (Fig. 3, 4 ). 

The parametric calculations allowing to find a relationship between the external load and de
formation of torsion were conducted for various designs which are shown in Fig. 5. This relation 
can be presented using matrix mode of the following form: 

v =Yo+ A(N=,<Jlara ). q = 

where v - generalized displacement 
vector of torsion end section, v 0 -

initial displacement vector of torsion 
end section depended from the initial 
configuration; q generalized 

loading vector, corrected the blade 
butt; A - flexibility matrix which 
elements depend of centrifugal load 
and twisting angle of torsion end 
section (angle of incidence). Ele
ments of flexibility matrix are repre
sented in the calculation as Lagrange 
polynomial of fifth degree. The ap
proximation error carmot be over 2% 
(1). 

The series of parametrical 
flexibility matrix for elastic elements 
of the main and tail rotor was ob
tained using the correlations given 
above. 

The blade loads are obtained 
by solving nonlinear equations of 
wing airfoil's beam motion. The 
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system of these equations takes the following shape: 

Mu, = Q; +q, 

Jl}, =M; +e3 xQ, +m, 

Ms; = G,(x, -x~:1) 

X.= A'S~ + Axc'l 
I I JO 

ft;-x, =F.,-yft,xr 

A13 At• Qx 

A?. ~. Qy _, 
(3) 

A,, A,. Mx 

A., A .. My 

;,v q 

Fig 5 

(4) 

Q1- internal force vector with components composed cutting and axial force; M 1 - internal moment 

vector with components composed bending and rotational moment; q1,m1- distributed load and 

moment per-unite length in projection on coupled axes; u,, S i - linear and angular replacement of 
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beam' element; it,, S,, u,, S, - first and second time derivative for linear and angular replace

ment. 

Environmental stress on the blade is non-conservative and is defined in each blade section as 
distribution of cutting force and moment per-unit length. Three components of each vector are de
termined in coordinate system connected with the blade section. Centrifugal force and force per-unit 
length are reduced to center of rigidity. The moments are defined in correlation with the main axes 
of blade section. Using a nonlinear system of integral-differential equations of motion it is possible 
to determine the elastic line position on each stage of calculation and in given moment of time. 

The solution of the equation lets us to determine the loads on rotor system's elements in 
oder to define the stability and endurance (life time) of main rotor system and also to standardize 
external load for static and dynamic tests. The position of elastic axis of blade and torsion in one the 
given stage of calculation and load on the blade in flapping plane corresponding to this position is a 
good illustration of the concept 

M, 
kgm 

·800 '--~~~~-'-~---'-~-'---'-~~~---'---'-~----' 
0 90 180 270 360 

Fig.6 

Another way of studies of the bearingless main rotor with elastic torsional suspension of 
blades is to ensure helicopter balancing, stability and controllability for all modes of flight 

As a rule a number of parameters, which are found in the certain single aerodynamic calcu
lation of main rotor are also used in the calculation of some features of helicopter balancing. They 
are corrected using the approximated formulas when the control parameters are changed. It is a tra
ditional way to use a hinge main rotor model with the absolute rigid structure of blades and minor 
offset of axis of horizontal flight ( <5%) in the calculation of aerodynamic features. Sometimes the 
spatial motion of helicopter is divided into two separate motions: longitudinal and transverse one. 

This approach results in hard restrictions on control parameters and design features. The 
bearingless rotor with the elastic element of torsional type corresponds to these requirements only 
partly. Concerns to the studying rotor, it is necessary to choose the equivalent joint of such a rotor 
taking into consideration the coincidence of the first fluctuation of its own frequency in planes of 
flap, or the equality of controlling moments on the bushing. But these approach give different re
sults. 

In the given report there is a mathematical model of calculation of helicopter balancing fea
tures which is done using the spatial scheme. Rectilinear steady flight of single-rotor helicopter can 
be operated either without the slide but with roll angle, or without roll but with slide angle. This di
vision of problem into two parts (longitudinal and transverse motion) is not quite correct. 
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Let's use the following equation of motion of a helicopter for solving a problem of helicop
ter balancing: 

m(yx +roYV, -ro,Vy)=Rx -Gx; 

m QrY + ro,VY -roxV, )= RY -GY; 

m Qr, +roxVy -roYVJ= R, +G,; 

Jx ·<llx +(/, -JY}ro,roy =Mx; 

JY ·<lly +(J, -Jx}roxro, =MY; 

J, ·<ll, +VY -Jx).roxroy =M,. 

(5) 

where G = {Gx,Gy,Gj- gravity force (attached in center of mass of helicopter);; V = ffx, VY, V,} 

-acceleration (speedup) of helicopter's center of mass in the coupled coordinate system; 
<ll =tux, <llY, mj , -angular acceleration in relation of helicopter' center of masses, 

ro = h, roY, roj- rate of helicopter' angular motion, J = {lx,Jy,Jj- tensor of helicopter' iner

tia, R = {Rx, R Y, RJ M = {M x, MY, M,}- main vector and main moment of aerodynamic force 

The parameters of control (operation) which are necessary for helicopter balancing are ob
tained using an equations system of type (10). The main unknowns of the system are six controlling 
actions. A number of these actions are equal to the number of equations in the system: cpo - pitch 
blades main rotor; x, 11 - deflection angles of wobble plate; {j)tr - pitch blades of tail rotor; y - roll 
angle; & - helicopter pitch angle. 

In the calculation of spatial motion of the main rotor blades the elastic blade model is devel
oped on the basis of theory of fme beam of wing airfoil when greate displacement takes place[ 5]. 
Besides the angular spatial turning of accounting sections in the local coordinate system is used. 

Equilibrium equations of deformed blade in local coordinate system take the shape: 

acp; _ I [[M< J . [ M~ J ·]· ----. -+ro01 ·coscp3 - ro02 +- ·coscp3 , as coscp, EI, EI~ 

acp; -[Me, J .. [ M~J .. --- -+ro01 ·smcp3 + ro02 +-- ·coscp3 , as EI; EI~ 

acp; _ [ M, J . [[M; J . [ M~ J . ·] -- ro03 +- - tgcp2 • - + ro01 • coscp3 - ro02 + -- · smcp3 , 

as 013 EI, EI~ 

(6) 

where cp,cp2 ,cp3 -an angle of rotation of section in the (flight) reference point, M,,M~,M, -

moments of external (applied) forces, ro01 ,ro02 ,ro03 -initials of the curvature, EI,,EI~,GIP -

blade's rigidity in relation to the main axis of design section. 

Numerical decision of equations of the blades motion in the frame of helicopter balancing 
equations system is fined by development of desired functions of a blade moving in harmonic se
nes: 

~~~ =a~ + f (a~ ·cos jlv + b; ·sin jlv ),. (7) 
j=1 

were a~,a~,b~ -factor of (resolution) development; '!'=rot - blade's azimuth; ro- angular ve

locity of rotation; t- time. When magnitudes a~,a~,b~ are known, it's possible to calculate the 

moving in every point of blade. A nodal point of blade's elastic axis can be described in following 
expressiOn: 
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Yn =~[a~+ t,(a~ ·cosjrot+b; ·sinjrot)l tb.rj (8) 

Under the integrating matrixes [6) the obtained integral-differential equations can be re
duced to the nonlinear algebraic equations using one of the methods of optimization search [7]. The 
flexibility matrix of torsion of type (3) is used as boundary conditions in the blade butt. 

Thereby, when solving the balance equations it is possible to find not only parameters of 
helicopter control, but also dynamic loads and moving of the blades of main and tail rotor. The task 
of a helicopter balancing, calculation of loads on the blades of main and tail rotor of definition of 
required horsepower, which is necessary to calculate the aircraft performance characteristics can be 
correctly solved as a whole. 

The strategy described above allows to receive the light helicopter balancing parameters. 
The influence of particularities of torsion elastic models on the light helicopter trim characteristics 
can be evaluate by means of comparative calculations for the follows three models of blade attach
ing to the rotor bushing: 

• ·a classical rotor with hinge blades attaching; its shoulder of horizontal joint can be cho
sen according to the fundamental tone of fluctuations; 

• ·a rotor which has rigidity in the horizontal joint. It linearly depends on rotation angle of 
blade; 

• ·a rotor based on the elastic element of torsion type with parameters, defined by correla
tions of (3) shape. 

Comparative analysis of the results which based on the models given above shows that a 
number of parameters have a different sensitivity degree connected with the chosen calculation 
models. Among the parameters which have low sensitivity there are hauling capacity, rotational 
moments and angle of incidence on main and tail rotors. The sensitivity of the operational parame
ters oflongitudinal motion are Jess than sensitivity of transverse control parameters (Fig. 7 -19) 

Thereby, characteristics of helicopter longitudinal moving with bearingless rotor can be cor
rectly calculated using the rotor with the equivalent offset of horizontal joint. The reliable results 
connected with the parameters of transverse moving are obtained using the models with "real" elas
tic torsion. In other cases the divergence of results is over then 50%. It depends on the model cho
sen. The comer of transverse deflection of wobble plate changes even the sign depending on veloc
ity of horizontal flight (Fig. 7). 
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Introduction of the elastic torsion models into numerical simulation has greatly influenced 
on the harmonic composition of the blades flapping motion. The latter determines the variable loads 
in sections, and enlarges bending moments on the rotor axis (Fig. 13-17). 

The experimental studies of the choice and regulation of advanced angie of operation have 
shown the advantages of numerical evaluations of advanced angle on the stage of the overland 
regulation of helicopter rotor system (Fig. 8-1 0). 
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MULTI-BODY SIMULATION OF A HELICOPTER LANDING WITH SKID LANDING GEAR IN 
V ARlO US ATTITUDES AND SOIL CONDITIONS 

Abstract 

C. Caprile*, A. Airoldi*, A. Biaggi **, P. Mandelli 
*Aerospace Engineering Department- Politecnico di Milano, Italy 

** AGUSTA, Un'Azienda Finmeccanica- Italy 

A skid landing gear multi -body model is presented. Plastic bending deformations of structural members, 
dampers behaviour and the characteristics of the attachments with fuselage are reproduced. 

Simulations of landing in horizontal level attitude, landing with drag and landing with lateral loads conditions 
are carried on with VeDyaC, an explicit multi-body code developed at Aerospace Engineering Department of 
Politecnico di Milano, and compared with experimental results. A good correlation between numerical and 
experimental data is achieved with regard to the landing performance, the loads transmitted to the fuselage and the 
strain state in the elastic spring members. 

Simulation in various attitudes and soil conditions were performed and the sensitivity to soil friction factors was 
investigated. After the validation of the model, the work indicates VeDyaC, and generally, multi-body modelling, 
capacities to predict landing performance not only in emergency landing conditions, but also in limit conditions with the 
required accuracy. 

1 - Introduction 

Skid landing gears are characterised by a structural energy absorbing mechanism, which relies upon the 
deflection of their cross members, usually circular light alloy tubes; connecting the skids to the fuselage. In hard 
landing, yielding of these members is in most cases needed and allowed by regulations to fulfil prescribed limits on the 
helicopter load factor by increasing tbe landing gear efficiency ( 1]. As a consequence, plastic bending of cross members 
largely influences the performance of thdanding gear in limit conditions. 

The typical design methodology is based on the separate modelling of both forward and rear cross member, 
taking in account plastic bending (1]. An iterative algorithm can be used to evaluate the cross member load-deflection 
curves, thus leading to the information needed to predict the overall landing performance. 

As cross members are considered separately, this classic approach has an intrinsic limitation in predicting the 
performances in non-horizontal landing attitudes. Moreover, some not uncommon features of skid landing gears, such 
as inclination of cross members, the presence of viscous dampers and contact phenomena between cross members and 
fuselage, introduce difficulties in a non-linear static evaluation of load-deflection curves. 

These limitations can only be overcome by developing a complete model of the landing gear. The model should 
attain a reliable prediction of landing performance and of structural loads in different attitudes and soil conditions. The 
time required for modelling and solving should be kept as limited as possible in order to develop a tool of valuable 
utility both in the design and in the analysis phases. 

Following these considerations a skid landing gear was modelled with a multi-body approach. Solutions were 
carried out with VeDyaC, an explicit multi-body code developed at Department of Aerospace Engineering of 
Politecnico di Milano [3, 4]. VeDyaC has been yet successfully used to model full-scale helicopter crash landing [5, 6, 
7]. In this case the multi-body approach was directed to simulate accurately the landing performance in limit conditions 
with the aim to validate its capabilities in predicting, with the required precision, all the data useful to improve the 
insight in gear behaviour and gear interactions with fuselage. Moreover, the validate landing gear model is now 
available for crashing landing condition simulation. 
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2 - The Skid Landing Gear and the Model 

The cross members of the skid landing gear taken into consideration are 7075-T6 aluminium alloy hollow tubes, 
with variable outer diameters. The forward and rear members differ in respect of dimensions, constraints to fuselage 
and features. Cross members planes are slightly inclined with respect to the helicopter yaw axis (Fig. 1). 

Fig. 1-The skid landing gear complete model 

The forward cross member is constrained by clamps in two points, substantially allowing relative translation and 
rotation around and along the tube axis in its central straight part. Rings housed on the tube itself prevent sliding along 
the tube axis. 

Rear cross 
member 

Fig. 2-Rear cross member constraint to fuselage 

The more massive rear member is constrained in 
one point only, in the middle, where the tube is 
strengthened by a thickening reinforcement and connected 
by a pin to a hat shape case (Fig. 2). 

Two axial viscous dampers are set between the rear 
cross members and the fuselage. Though dampers were 
introduced to prevent ground resonance, they play a 
significant role in landing performance. Modifications in 
their characteristics, location or alignment affect overall 
landing performances and loads introduced in the fuselage 
structure. 

In the numerical multi-body model, the cross members and the skids are modelled with elasto-plastic beam 
elements (Fig. 3), while the fuselage body is retained as rigid, with its mass lumped in its centre of gravity. The 
simulations carried out, for validating the model, reproduce the drop tests where equivalent mass was used. 

A total of 60 masses and 60 beam element are used to model skids and cross members. Cross members typical 
beam length is about 115 mm. 

Nodes assigned to the fuselage rigid body are used to define the position of constraints and damper-fuselage 
attachments. Cross member constrains are modelled by single point elastic joints (point elements). 
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Fig. 3 -Multi-body mass and elements frame 

Reactions are considered negligible in forward member constraints for a translation along tube axis in its straight 
part and a rotation around the same axis, as well as in rear member constraint for a rotation around the pin axis. The 
corresponding point elements leave these motions completely free. 

Contacts are modelled in V eDyaC by using contact elements. They are characterised by geometrical 
characteristics and by two main contact properties: contact volume and contact pressure [4]. The contact behaviour 
depends upon the relative properties of interacting elements. Hysteresis and friction can also be introduced. Available 
shapes are cylinders, spheres, polyhedrons and plans. The gear frame is entirely coated by cylinder contact elements 
(Fig. 1). There are polyhedron elements to activate the contacts between the rear cross member and the case (Fig. 2) 
and the lateral contact between anti-slide rings and forward member clamps. 

Multi-body models data can easily be ordered in separated assemblies. As each assembly defines a local 
reference frame, their relative positioning is straightforward. This feature has been widely used to easily reproduce 
different landing attitudes and conditions. 

3 - Characterisation Procedures 

To complete the definition of the model, elasto-plastic beams properties, dampers viscous behaviour and 
constraints stiffness had to be defined. The skid-soil contact was characterised by simple assumptions and tuned in a 
later phase. 

Elasto-plastic beam characlerisation 

eooo ~---~----::::::3===::' .. :".':'-"'-·,.,..,----~ 
-·-· -----------. 

6000 

- Numoric:al Cu!Wfrom Caucoo Theory 
---· bi-linooraluto-plas!ic: lawimpl(lrrnlntocl inVaDyaC 

ot,----~,.~,----7-----,~,~---~, 
mlaliva SGCtion rota! ion pgr uni! IGnglll [radfmJ 

Fig. 4- bi-linear elasto-plastic beam section 
characterisation 

Non-linear elasto-plastic bending behaviour was 
reproduced basing on the application of Cozzone' s theory 
[8]. This procedure was available from the early design 
stage of the skid landing gear. It was used to characterise 
separately the cross member in order to define their 
diameters and optimal tapering Ia ws along members axis. 

As a fine description of the material stress-strain 
curve was used, numerical bending curves derived by 
Cozzone's theory implementation describe quite 
accurately plastic beam bending. 

Elasto-plastic elements in VeDyaC are defined by 
bi-linear generalised force-displacement laws; hence the 
original curve had to be approximated with a bi-linear 
law by identifying a yielding point. 
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Taking in account the expected moment maximum values, available from early design phase predictions, the 
yielding point was set in correspondence of a stress value on the outer fibres about 3% higher than 0.2% yield strength. 
Fig. 4 shows an example referred to a section in the rear cross member. 

A new type of elastic-plastic law, where plastic curve can be given more accurately, has been recently made 
available in VeDyaC. Considerations about the opportunity to utilise this new law will be presented later. 

Dampers were characterised by their Force vs. velocity curve. 

Skid gear attachments to fuselage modelled by point elements needs a stiffness characterisation. The analyses 
showed a negligible sensitivity of results to these parameters, provided that relative displacements between cross 
members and the rigid modelled fuselage are very small. For this reason, very stiff elastic properties were assigned to 
all restrained dof. Only the torque stiffness in rear cross member attachment was evaluated by a more accurate 
calibration, allowing for warping restraint [9]. 

Skids-soil contact was initially characterised by imposing conditions arising from following considerations: 
~ No deformation on skid surfaces was expected. 
~ A ground towing test was performed to evaluated friction on the same soil to be used in drop test (a tread 

plate laid over a concrete floor to reproduce a very rough ground). Low-velocity sliding friction was found 
to be about 0.40. 

~ After a rough estimation of vertical ground reaction distribution, a maximum penetration of 2 mm into soil 
was used to calibrate contact properties. 

4- Drop Tests and Simulation Results 

Three main drop tests were carried out in level landing conditions at Augusta Laboratories, namely horizontal 
level landing, level landing with drag and level landing with lateral loads. Test were designed to reproduce the load 
conditions required by regulations [1]. Fig. 5 exemplifies drop test conditions. 

A : Horizontal level landing B : Level landing with drag 

~ g 

C : Level landing with sideloads 

~g 
26.5° 

Fig. 5-Drop tests conditions 

All drop tests were performed at 2 m/s sink speed, with an equivalent mass evaluated by assuming a rotor lift 
correspondent to the two-thirds of maximum design weight. The data acquisition system consisted of more than 20 
measuring devices for each drop condition: 
~ Triaxial accelerometers, at centre of gravity and in two different locations with offsets along roll and pitch axis. 
~ L VDT potentiometers for measuring deflection of forward and rear member and the displacement of the equivalent 

mass centre of gravity. 
~ Two load cells housed in forward cross member clamps. 
~ Load cells and L VDT potentiometers to measure load and stroke of dampers. 
);> Strain gauges couples located on the forward and rear cross members and on the skids. 

Acquisition was performed at 1000 Hz sampling frequency. 
The previously described model attained an appreciable result (Fig. 6). Numerical vs. experimental data 

comparison is based on the load transmitted to fuselage by one the forward cross member, as it was acquired by the load 
cells housed in the forward member constraints. These signals are more suitable to be confronted with model solution 
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outputs, as the release mechanism introduced a disturbance into accelerometers experimental signals. imposing the use 
of a low-pass filter. 

Horizontal Level Attitude Drop Test 
Fwd Elastic Spring Member Vertical Load 

~·,---~---.--~----r---~--~----~--.---~---. 

The simulation result reproduces 
with good accuracy the loading ramp and 
the maximum value. Model solution 
configures a somewhat smoother curve and 
predicts an unloading ramp anticipated with 
respect to the experimental data. 
Furthermore load peaks are overestimated 
during the very :first instants of the impact. 

- Load Cell E.xperi'nental ~Ia 
- Ve::f}'3C Simulali:m Re.sull:$ {Alter p~ijminarycha~IMSon) 

-10Xl0.0 

To improve the correlation between 
the two curves, a skid-soil contact tuning 
was performed. Histeresys phenomena was 
supposed to occur in the first instants, 
contact pressure was forced to grow more 
rapidly, and friction was decreased, allowing 
for a dynamic reduction effect with respect 
to the low-velocity towing test (from 0.40 to 
0.30). The maximum penetration resulted 
substantially unchanged. The new curve is 
reported in Fig. 7. 

~~.0~------~~----~~------~~----~~------~ 
-0.11l ll.llll 0.10 020 D.30 0.40 

time[sec] 

Fig. 6- Numerical vs. experimental loads in the forward cross 
member constraint with the original characterisation of 
soil properties in the model (con d. A) 

The curve obtained after calibration follows very well the time history of load transmitted by forward cross 
member to fuselage. This is particularly true for the loading ramp, while the rebound phase is not perfectly reproduced, 
though overall impact duration is well predicted. 

Horizontal Level Attitude Drop Test 

Fwd Elastic Spring Member Vertical Load 
!!000.0 ,---------.---~-----.--------~----~----.-----.----, 

-10000.0 

- VeDyaC Simulation Results 
- load Cell Ex~rimental Data 

-HtiCJO.O ~------~-=-------,::-':c~--~--::-:~------::-::-::--------:-' 
-0.10 0.00 0.10 020 0.30 0.40 

time [sec] 

Fig. ?-Numerical vs. experimental loads in forward cross member constraint after skid-soil contact 
tuning (cond. A) 
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test. 
Fig. 8 reports numerical vs. experimental data for vertical acceleration in the horizontal drop simulation and 

a 
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Horizontal Level Attitude Drop Test 
Center of Gravity Vertical Acceleratia n 

o.o,---~---.----~---r--~----.----r----r---~---.----r---, 

2.0 

1.0 

0.0 
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Fig. 8-Numerical and experimental CG vertical accelerations (cond. A) 

Though the filtering of experimental curve does not allow detailed considerations, the error on maximum value 
of deceleration is limited to 2.4%. Table 1 indicates the percentages error between measured displacement and model 
solution. 

Damper behaviour is also very well reproduced, particularly up to the onset of the rebound phase (Fig. 9). 

Tab. 1: Numerical vs. Experimental 
percentage error for maximum CG 
displacement and cross members deflection 

(Horizontal level drop test) 

Location %!;, 

CG displacement +LI2% 

FWD cross member +0.5% 

AFf cross member -1.7% 

Horizontal Level Attitude Drop Test 
Damper Axialloac! 

>rooo•,--------------.~-----r--~--~--~-, 

- VeDy>.CSOmubrtionRel.u~.J. 
- l=d Cell e,q,.,n,,,,'Cal D.cc 

-1tl)IJ(I.Q i:::------::-:::----::-:-:----;;-!;-;:---;;-0;;-----;;', 
-<1.10 0.00 OJO 020 0.30 0.40 

limo{see] 

Fig. 9- Numerical and experimental damper loads 

No further modification were introduced to simulate the other drop conditions. Fig. 10 to 12 report the results 
for the load in one of forward member constraints, as well as CG acceleration along Z and X helicopter body axis, for 
the simulation of landing with drag attitude (cond. B- Fig. 5). Fig. 14 is referred to CG displacement measured in a 
fixed reference frame and allows for the sliding along the inclined plane. 
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Acceleration maximum values and pulse widths are well reproduced. The narrow load peak in the forward 
member load is not completely developed, but, as for the horizontal landing case, the loading ramp phase shape 
indicates that most of the details of the structural response are represented by the model with good numerical 
approximation. The picture in Fig. 14 shows the deformed shape of the skid landing gear in this condition. 

Fig. 14-Deformed shape in landing with drag attitude (cond. B) 

GJ2-7 



Results for landing with lateral loads (cond. C - Fig. 5) are presented in Fig. 15 to 18. Fig. 15 and 16 are 
referred to acceleration along Z andY helicopter body axis. Fig. 17 and 18 reports numerical vs. experimental data for 
the load cell housed in both forward cross member constraints to fuselage. 
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Fig. 15- Helicopter vertical axis acceleration (cond. C) 
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Fig. 18- Load in forward member right constraint 
(cond. C) 

The load in the left constraint (Fig. 17) is up to 100% higher than in the horizontal level drop test (Fig. 7). The 
model reproduces its time history with good accuracy. The load in the other constraint is one order of magnitude lesser 
up to the rebound phase. This is as well reproduced by model solution (Fig. 18), though discrepancies between the 
model and the test are in this case evident during the rebound phase of the impact. 

Fig 15 shows that the error on the maximum value of deceleration is limited to 5%. 

The contact between the rear cross member and the upper hat case never became active in the simulations. This 
is in accordance with experimental evidence. 

The evaluation of strain in the cross member is partially affected by the reduction of their bending behaviour to a 
bi-linear elasto-plastic law. Equivalent numerical strains were evaluated by the moment in the beam elements and then 
compared with the data acquired by the strain gauges couples in the correspondent locations (Fig. 1). Fig. 19 and 20 are 
referred to horizontal level landing conditions (cond. A). 

Fig. 19 is referred to a location on the forward member inclined terminal part. The element has not experienced 
plastic strain during the simulation. The reproduction of strain gauges data is satisfactory. Fig. 20 is referred to the 
central and most loaded portion of forward cross member. Plastic strain occurs, thus showing a different behaviour from 
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the strain gauges experimental data. The inadequate characterisation of beam elements can give reason for most of the 
discrepancies between model and experimental data. A better result could surely be attained by a more accurate 
representation of the bending behaviour, now available in the solver code. 
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Fig. 19- Numerical vs. experimental strain 
Location B (cond. A) 

Fig. 20- Numerical vs. experimental strain 
Location A (cond. A) 

The simulations results, in drop test conditions, shows that both overall landing performance, as well as load 
transmitted to fuselage can be reproduced with a noticeable accuracy by the model which can be considered suitable to 
attain reliable prediction in conditions not reproduced by drop test. 

The time required for model solution is extremely short, as a 0.5 seconds long simulation takes only 235 CPU 
seconds time on an Alphastation 600A 5/500. 

5 - Model Predictions in Different Landing Conditions 

Some results are here presented to allow an evaluation of landing gear behaviour as well as the capabilities of 
this kind of model. 

Friction is a critical parameter in the performance of the skid landing gear. Drop test conditions were 
performed with a rough soil in order to attain a high friction coefficient and hence a high load factor, but low friction 
implies higher deflections of cross members and increases the arms of ground reactions. 

Table 2: Percentage Variations of 
Maximum Displacements and loads acting 

in cross members for three friction 
coefficients 

Friction Coeff. 0.40 0.25 0.10 

CG displacement [mm] 171 186 202 

Moment (lac. A )[N m] 6985 6997 6974 

Moment (loc. C )[N m] 6939 7116 7312 

Moment (lac. D)[N m] 8279 8456 8633 

Horizontal Level Landing for Varios Friction Conditions 
CG Vertical Acceleration 
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Fig. 21 - CG vertical accelerations at various soil 
friction conditions 
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Two simulations were carried out in horizontal level landing attitude, with frictions parameters equivalent to 
0.10 and 0.25 static friction coefficients. Table 2 indicates the variations in the values of maximum CG vertical 
displacement and in moments in three locations of cross members (Fig. 1) with respect to drop test simulations. Fig. 21 
compares the accelerations in the three conditions. 

The simulation with the lowest friction coefficient (0.10) predicts a maximum CG deflection of about 20% more 
than the level horizontal drop test conditions (cond. A). This deflection does not imply any clearance problem. 

The moments in the cross members are generally increasing as the friction factor decrease. This tendency is 
evident in rear cross member. As far as the forward cross member is concerned, the behaviour is different and the 
moment does not show a remarkable increase. This is due to the uniform bending load acting along its central straight 
part, which produces a diffused moderate plastic strain and increase the cross member efficiency. 

Performance in limit conditions at different landing weights were evaluated by introducing in the model an 
averaged rotor lift equal to the two third of the landing weight. 

Simulations at various landing weights measure the increasing in load factor at diminishing weights, as it is 
showed in Fig. 22. The landing gear stiffness remains unchanged while the weight and the energy to be absorbed 
decrease, thus leading to higher load factors. Gtound reactions decrease but the forward cross member shows a 
tendency to reach a maximum typical load (Fig. 23). 

Max Verticattoad Factor vs. Landing Weight 
Horizontal Le"~el Attitude Landing Simulalionsvrilll Lift: and True Mass 

5,0 ,----~----~----~-------, 

4.5 

3.5 

Fig. 23- Maximum vertical load factor vs. landing 
weight (horizoutallevel attitude) 

--

Horizontal Level Landing Attitude 
Load in Fwd Crass Mt:lmber at Varicus Weight 
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-~·- Mass:::21:?.7kg 
---· Mas::zr.!Okg 

-'sooc.8.o~o----=-co:0:5c----::-,.:O"c----;:-,7..,5;----;:'a.•2o 
tlme[sec] 

Fig. 24 - Load in forward member right constraint at 
various landing weight (horizoutallevel 
attitude) 

Finally a simulation in a particular soil condition is presented. A landing was simulated in case of lateral 
obstruction. Friction coefficient and sink velocity were the same as in drop test conditions. The obstruction consisted of 
a very stiff contact element placed parallel at the skid, along one third of its length. Contact was set to occur 
immediately after the impact. . 

No remarkable increasing in vertical load factor was detected, but side acceleration was found to be higher than 
for the landing with lateral load condition (Fig. 22). Fig. 23 is referred to the instant of maximum deflection. 
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Fig. 22 - CG accelerations for landing with 
lateral obstrnction 

Fig. 23 - Maximum deflection in landing with lateral 
obstruct 

6 - Concluding Remarks 

Results attained by the multi-body approach in simulating limit landing condition can be considered very 
appreciable. Modelling required a correct evaluation of structural behaviour of the landing gear components and of 
constrains with fuselage. Most of the modelling effort was dedicated to the characterisation of elasto-plastic beam 
behaviour, but, as a matter of fact, even the apparently simpler classical approach, based on separated modelling of 
cross members, requires the same accuracy if reliable results have to be attained. 

The landing performances for a skid landing gear are appreciably influenced by the soil properties, particularly 
by the skid-soil friction. In this case, a tuning of the soil contact properties was performed taking in account the 
experimental data. However, the curve in Figure 6 has shown that good results can be achieved by characterising soil 
with reasonable assumptions and performing, if needed, some tests to evaluated the friction in soil conditions to be used 
for design and testing. 

The time required for a simulation, as well as the very little modifications needed to simulate different landing 
attitudes and soil conditions, indicates that this approach should be considered suitable to be used from the very earliest 
design phases. The simulation results should be even improved by characterising with a more accurate law the cross 
member e!asto-plastic behaviour. 

This case, as the model was developed after the design phase was concluded, can be considered a workbench at 
this regard. 

Besides the overall landing performance, attention was focused on predictions regarding dampers behaviour and 
loads transmitted to the fuselage. Thanks to the exhaustive amount of data collected during the drop tests, these 
prediction have been compared with experimental data, showing good correlation for all the three attitudes taken into 
consideration. 

The present results, together with the works by Astori [5,6 and 7], shows that a multi-body approach can be 
usefully applied to performance prediction and design of skid and wheels landing gear both in emergency and limit 
landing conditions. 
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VIBRATION SUPPRESSION IN HELICOPTERS WITH THE ACSR* 
APPROACH USING AN IMPROVED CONTROL ALGORITHM 

ABSTRACT 

R. Cribbs land P.P. Friedmann! 
Department of Aerospace Engineering 

University of Michigan 
Ann Arbor, Michigan 48109-2140 

This paper describes vibration modeling and control using a coupled rotor /fuselage aeroelastic response 
model with refined aerodynamics. The flexible fuselage, modeled by a three-dimensional structural dynamic 
finite element model, is combined with a flexible, four-bladed hingeless rotor. The unsteady aerodynamic loads 
are obtained from a free wake model combined with rotor /fuselage aerodynamic interaction effects. The effects 
of the various aerodynamic refinements on vibratory loads and fuselage accelerations are studied. Vibration 
reduction with active control of structural response (ACSR) is carried out with two control algorithms. The im
proved control scheme is capable of tailoring the vibration reduction process so as to produce low accelerations 
at locations of particular interest such as the pilot seat. Results indicate a large increase in vibratory loads 
and fuselage accelerations when using the refined aerodynamic model. Though both control methods reduce 
airframe vibrations, the improved control algorithm provides significantly lower accelerations when compared 
to the basic control algorithm with similar actuator requirements. 

NOMENCLATURE 

a 
ax,ay,a::. 
c, 
Cp 

Co,CI, CNw 
CT 
Cw 
D 
Eiy,Efz 

F:,Ff,F' 
Fb0 ,Fb,.,..,,Fb .... 

!Cdt 
Fjus 

Fx,Fy,F::. 
GJ 
h 

m, 
M~,Mf,M{ 

Blade lift curve slope 
Fuselage longitudinal, lateral, and vertical accelerations at various locations 
Blade chord 
Coefficient of pressure 
Matrices of induced velocity influence coefficients 

Rotor coefficient of thrust 
Helicopter coefficient of weight 
Wake distortion 
Blade bending stiffnesses in flap and lead-lag 
Blade aerodynamic, gravitational, and inertial forces 

Fourier coefficients of blade equations of motion 
Fuselage equivalent flat plate drag area 

Total fuselage forces 
Vibratory hub shear components 

Blade torsional stiffness 
Rotor hub length 

Fuselage moments of inertia about the center of mass 
Quadratic control performance index 

Blade mass distribution per unit length 

Blade aerodynamic, gravitational, and inertial moment 
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Total fuselage moments 

Vibratory hub moment components 
Number of blades 
pressure 
Response vector 
Position of wake element 
Rotor radius 
Jacobian of the acceleration response with respect to the current control input 
Vector of control amplitudes 

Optimal control vector 
Magnitude of air velocity 

Weighting matrices on the control amplitudes and acceleration amplitudes, respectively 
Blade spanwise coordinate 
X and z locations of the fuselage aerodynamic center relative to fuselage/hub intersection 
X and z locations of the fuselage center of mass relative to fuselage/hub intersection 
Vector of selected airframe acceleration amplitudes 

Rotor trim pitch angle 

Blade precone angle 
Lock number 

Inboard and outboard circulation peaks defining the strength of the tip vortices 

Bound vorticity at azimuth j and spanwise location i 

Blade collective pitch, cyclic cosine and sine pitch angles, respectively 
Tail rotor collective pitch angle 

Non-dimensional induced velocity 
Advance ratio 
Air density 
Rotor solidity ratio 

Velocity potential 

Rotor trim roll angle 
Blade azimuth angle or non-dimensional time ( = n t) 
Angular speed of rotor 

1 INTRODUCTION 

One of the primary concerns in rotorcraft design is the issue of vibrations and its reduction. In recent 
years, requirements for vibrations in military helicopters have been established that limit vibration levels to. 
0.05g at certain fuselage locations. High levels of vibration lead to passenger discomfort, increased noise levels 
and fatigue of both pilot and aircraft which in turn decrease rotorcraft performance and increase cost. These 
issues are critical to the acceptance of rotorcraft, thus, the issues of vibration prediction and its reduction to 
acceptable levels are of primary importance to the rotorcraft designer. 

The largest contributor to vibrations in a helicopter is the rotor. The rotor blades transfer vibratory 
loads from the hub to the fuselage at harmonics that are predominantly N•/rev, where Nb is the number of 
blades. Blade vortex interactions (BVI) and rotor /fuselage interference effects add complexity to the vibratory 
loading environment. In order to determine the vibration levels at various fuselage locations, it is necessary 
to consider a coupled rotor /flexible fuselage model. Studies by Yeo and Chopra [1] have shown remarkable 
differences in vibration levels in a coupled rotor /flexible fuselage system when using linear inflow and comparing 
it to free wake models. At certain advance ratios, the loads obtained when using the free wake model resulted 
in vibration levels that were 100 times higher than those obtained using a linear inflow model. The fuselage 
model used in Ref. 1 consisted of a "stick" model of the AH-lG. Recent analyses [2-4] and wind tunnel 
investigations [5-7] have shown the influence of rotor/fuselage interaction on rotor loads. But these studies 
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were mainly concerned with the time averaged phenomena and not the rotor /fuselage interference effects on 
vibrations. It is thus clear that more accurate aerodynamic models are required in order to predict vibrations, 
and conduct aeroelastic response simulations for vibration control. Furthermore, the improved aerodynamics 
should be combined with equally refined structural dynamic models. 

Recently, active control strategies have been developed that can reduce vibration levels well below 
those achieved through traditional passive methods such as dampers and mass tuning [8]. Among the active 
control approaches, two fundamentally different strategies have emerged. Three approaches: higher harmonic 
control (HHC), individual blade control (IBC) and the actively controlled flap (ACF) all 'attempt to control 
the vibrations, at their source on the rotor blades, by manipulating the unsteady aerodynamic loading in the 
rotating system. A second promising alternative approach is the active control of structural response (ACSR) 
where vibrations are reduced by actuators located in the fuselage. In this case, vibration reduction is carried 
out in the non·rotating system. 

A schematic of the ACSR system is shown in Figure 1. Inputs to the actuators excite the fuselage so 
as to counteract the excitation due to the rotor system. Thus the combined input of the rotor disturbance 
and the actuator forces is minimized. Since the implementation of this method of vibration control occurs in 
the non-rotating system, the complexity and airworthiness issues associated with the alternative approaches 
are eliminated. Also, older aircraft may be retrofitted with the actuators to improve their vibration levels. 
This approach was initially developed by Staple at Westland [9, 10] and was successfully flight tested by both 
Westland and Sikorsky [11,12]. This approach is currently implemented on a production helicopter, the West
land/ Augusta EH101. A mathematical model capable of simulating this vibration reduction approach has been 
developed by Chiu and Friedmann [13, 14] at UCLA. This mathematical model employs simplified aerodynam
ics for both the rotor and the fuselage. The model used was based on uniform inflow, quasisteady aerodynamics 
for the blades and a simple flat plate equivalent area model was used for the fuselage aerodynamics. This model 
neglects rotor/fuselage aerodynamic interference effects. 

The present study is aimed at developing an improved understanding into the mechanisms of helicopter 
vibrations and their control using ACSR. The specific objectives of the paper are: (1) investigate the influence 
of a new aerodynamic model, that combines a free wake model of the rotor with a model capable of representing 
rotor/fuselage interactional aerodynamics, on the vibratory loading and resulting fuselage accelerations; (2) 
development of an improved control algorithm that permits vibration reduction to be preferentially applied to 
specific fuselage locations; (3) investigate the vibration reduction capabilities of the improved control algorithm; 
and (4) compare the improved control method accelerations to the results of the basic control algorithm 
previously studied at UCLA. 

2 MATHEMATICAL MODEL 

The coupled rotor /flexible fuselage model is capable of representing a helicopter rotor consisting of a 
number of flexible, hingeless blades combined with a three-dimensional flexible fuselage. The description of the 
model, given below, is separated into its components; namely, rotor, wake model, fuselage structural model, 
and fuselage aerodynamic model. 

2.1 ROTOR MODEL 

The hingeless rotor blade is modeled as a slender, inextensible beam cantilevered at the root. This 
isotropic blade model, taken from Ref. 15, includes coupled flap-lag-torsional dynamics in the presence of 
moderate deflections. The distributed aerodynamic, gravitational, and inertial loads per unit length, including 
the effects of fuselage motion, are combined to obtain the total distributed force and moment acting on the 
blade. The inertial and aerodynamic loads are derived implicitly. 

The aerodynamic loads on the rotor are calculated using quasisteady, Greenberg type aerodynamics 
combined with a free wake model. The reverse flow region on the blade is accounted for by switching the 
direction of the drag acting on the cross-section of the blade and setting the lift and moment terms equal to 
zero inside the reverse flow region. Stall and compressibility effects are neglected. 

2.2 WAKE MODEL 

The rotor wake model has been extracted from the comprehensive rotorcraft analysis tool, CAM
RAD/JA [16, 17], and modified to be compatible with the aeroelastic response analysis employed in our 
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simulation. It is comprised of a wake geometry model which determines the location of the wake in space 
and a wake calculation model which, given the wake geometry, calculates the induced velocity distribution. 

The free wake geometry scheme was initially developed by Scully [18], Each wake element is created at 
the blade and is convected with the air's local velocity which is composed of the free stream velocity and the 
wake induced velocity. The wake geometry is calculated as follows: first, the positions of the blade generating 
the wake elements are calculated; second, the undistorted wake is found by adding the contribution of the 
free stream velocity to the wake element creation points; third, the free wake geometry is found by adding the 
distortion due to the wake and fuselage induced velocities to the undistorted geometry. A wake element is thus 
described by the position of blade when the wake element was created and the time elapsed from the time of 
element creation to the current time, or: 

( 1) 

The wake distortion, D( 1/J, ¢), is calculated by integrating in time the wake and fuselage induced velocities 
acting on the wake element. 

The wake calculation routine was developed by Johnson (19]. The model is based on a vortex lattice 
approximation of the wake consisting of two main elements: the tip vortex and an inboard vortex sheet. The 
tip vortex is a concentrated vorticity filament generated at the tip of the blade while the inboard vortex 
sheet is due to trailed and shed vorticity and is much weaker and more diffuse than the tip vortex. The tip 
vortices are modeled as vortex lines with small viscous core radii while the inboard sheet can be represented 
by either vortex sheet elements or vortex line segments with large core radii. Given the wake geometry and 
the bound circulation distribution, matrices of influence coefficients are calculated. These influence coefficients 
describe the wal<e induced velocities as a function of blade bound circulations. A simple matrix multiplication 
of influence coefficients times the circulation distribution provide the induced velocities as shown: 

J J KNw M 

.x, = I::ro;Co; + I::ri;Cn + L :L:C;CNw,, (2) 
j=l j=l j=O i=l 

where J and M are the numbers of azimuth and spanwise stations, respectively, at which the induced velocities 
are calculated and KNw is the number of azimuth stations that describe the extent of the near wake. 

2.3 FUSELAGE STRUCTURAL MODEL 

The fuselage equations of motion are determined using a Lagrangian formulation. The elastic fuselage 
is modeled as a three dimensional assemblage of finite elements which allows the elastic displacements to be 
defined by a finite number of generalized coordinates. The fuselage equations of motion are decoupled into rigid 
body equations of motion and elastic fuselage equations of motion using a truncated set of fuselage natural 
modes and mean axes. 

The finite element model used to obtain the natural modes and frequencies consists of Euler-Bernoulli 
beams and non-structural masses to model items such as fuel tanks, payload, transmission, engine, etc ... The 
solution to the complete eigenvalue problem for the model with 966 degrees of freedom is carried out using the 
IMSL subroutine DGEGV [20]. 

2.4 FUSELAGE AERODYNAMIC MODEL 

An equivalent flat plate area is used to calculate the drag of the fuselage due to viscous and profile 
effects. To model the influence of the fuselage on the rotor aerodynamic loads, the fuselage is represented by a 
set of sources/sinks that describe a body of revolution. As described in Ref. 21, a body of revolution resembling 
a helicopter fuselage in axial flow can be represented by as few as three three-dimensional sources/sinks. The 
shape of the body of revolution used in this study is shown superimposed on the fuselage structural model 
in Figure 3. Tbis body of revolution is described by one three-dimensional source and two three-dimensional 
sinks. Using such a limited number of sources/sinks combination creates a computationally efficient model 
that is well suited to the complex coupled rotor/fuselage problem. 

To satisfy the requirement that air should not penetrate the surface of the fuselage, two-dimensional 
line sources are distributed about the surface of the body of revolution to enforce that normal velocities at 
the fuselage surface be zero. These off axis velocities are due to rotor /wake induced velocities and pitch and 
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roll angles of the fuselage. The body of revolution is discretized into fifteen sections longitudinally. Within 
each longitudinal section, four line sources/sinks are used to satisfy the zero normal velocity criterion at four 
control points located on the body of revolution as shown in Figure 4. The figure shows a cross section of a 
longitudinal section. The four line sources/sinks extend into the page and are denoted A, B, C and D. The 
four normal velocities at the control points are denoted Vi through V4 • By changing the strengths of the 
sources/sinks, V1 through V4 are set identically to zero. 

The combination of the two and three-dimensional sources/sinks influences the air velocity at the rotor 
blade producing an upwash on the forward part of the rotor and a downwash on the aft region. Additionally, 
the rotor wake geometry is distorted due to the presence of the fuselage. In this study, only the distortion of the 
concentrated tip vortices is considered and the inboard vortex sheet is not distorted due to the fuselage. This 
fuselage induced distortion required two major changes to the wake model: a wake displacement procedure 
and a modification to the wake distortion integration. 

For both the prescribed wake and free wake cases, vortex lines that penetrate the fuselage surface are 
moved to place them outside of the fuselage. Similar to the procedure used in Ref. 22, if the endpoint of a vortex 
line segment is within the fuselage body, that endpoint is displaced vertically upward until it is at 110% of the 
fuselage radius. The additional 10% is what was chosen as the nominal value in Ref. 22. Whereas the vortex 
lines that penetrated the fuselage in Ref. 22 were subdivided into 10 smaller vortex lines, the vortex lines in the 
current study were not subdivided. To perform this procedure of resolution improvement would have required 
an entire redevelopment of the free wake code since the free wake code adapted from CAMRAD/JA [16] is not 
adaptable in this manner. 

To model the influence of the rotor and wake on the fuselage aerodynamics, the pressure is integrated 
over the surface of the body of revolution and these forces are added to the drag forces calculated using the 
equivalent flat plate area. Since inviscid, incompressible flow is assumed and all streamlines originate in the 
steady, uniform free stream, fuselage pressures are related to velocities through Bernoulli's equation: 

8¢>v IVI2 P -- + -- + - = constant at 2 P 
(3) 

The unsteady term, az~ , is neglected in this study and instead a correction to the total pressure is added 
to account for the energy added to the fluid by the rotor. As described in Ref. 2, a steady increment of 
Ll.cp = 2CT /112 is added to the pressure at fuselage locations within the rotor wake. The body of revolution 
is discretized into 60 panels. The pressure is determined at the center of each of these panels and is assumed 
constant over the area of the panel to determine the force acting on the panel. These contributions are added 
up so as to provide aerodynamic forces on the fuselage due to the rotor/wake. 

3 METHOD OF SOLUTION 

The calculation of the wake induced velocity influence coefficients is done in a wake loop outside of the 
coupled trimfaeroelastic response solution. This wake loop consists of three distinct wake approximations: (1) 
uniform inflow; (2) prescribed wake; and (3) free wake. Within each wake iteration, the coupled rotor/fuselage 
trim and aeroelastic response solutions are determined. The aeroelastic response of this system is obtained using 
the harmonic balance technique. In this study, the trim and response solutions are obtained simultaneously 
by satisfying the trim equilibrium and the vibratory response of the helicopter for all the rotor and fuselage 
degrees of freedom together. The equations of motion for the coupled rotor/fuselage system are concisely 
represented by: 

F,(q, q, q, q,; ?,b) 0 (4) 

F r(q, q, q, q,; ?,b) = 0 (5) 

F ,(q, q, q, q,; ?,b) = 0 (6) 
F,(q, q, q, q,; ?,b) = 0 (7) 

Equation (4) represents the blade flap-lag-torsional equations of motion. The vectors Fn F" and F, 
correspond to the fuselage rigid body, the fuselage elastic motion expressed in modal domain, and the trim 
equations, respectively. The vector q, represents the propulsive trim solution which consists of the quantities 
80 , 8," 8,, Btr, <>R and if>s· The response vector q consists of the blade, fuselage rigid body, and elastic degrees 
of freedom. The spatial dependence in the blade equations of motion is eliminated using Galer kin's method 
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based upon two torsional, two lag and three flap uncoupled, rotating free vibration modes. These rotating 
modes are obtained from a combination of the first nine exact nonrotating modes of a uniform cantilevered 
beam. 

In steady and level forward flight, a periodic solution in the form of Fourier series is assumed for the 
blade and fuselage degrees of freedom [23, 24]. The equations of motion are expanded in a Fourier series as: 

where 

Nn 

F, = Fbo + 2)Fb"'cos(n,P) + Fb._sin(n,P)} 
n=l 

1 (2r. 
2rr Jo Fb(q,q,q,q,;,P) d,P 

~ (

2

" Fb(q,q,q,q,;,P)cos(n,P) d,P 
rr lo 

= ~ (
2

" F,(q,q,q,q,;,P)sin(n,P) d,P 
rr lo 

(8) 

(9) 

Similar equations apply to the fuselage rigid and elastic equations of motion. (The trim equations are the 
same as the constant part of the fuselage equations). These integrals over the azimuth describing the Fourier 
coefficients are determined using Gaussian quadrature. The set of trim, blade, fuselage rigid body, and elastic 
equations are combined and solved simultaneously for steady and level forward flight to yield the required solu
tion vector. This system of equations is solved by the IMSL nonlinear algebraic equation solver, DNEQNF [20] . 
This routine uses the Levenberg-Marquardt algorithm to solve the trim/aerodynamic response simultaneously 
and calculates the Jacobian of the system using a finite difference scheme. 

As described in the mathematical formulation of the wake model, the wake calculation routine returns 
influence matrices that relate the inflow distribution to the circulation distribution. However the circulation 
distribution is dependent on the required lift and the lift is dependent on the inflow distribution. Thus it is 
necessary to iterate on circulation convergence. Given the circulation distribution from the previous iteration1 

the inflow distribution is determined. From the inflow distribution, the distribution of lift is calculated. From 
the calculated lift, the required circulation is determined and the process repeats until the circulation converges 
within a prescribed limit. 

4 CONTROL APPROACH 

The coupled rotor /flexible fuselage model contains a provision for an ACSR system by mounting the 
rotor on a rigid plate. This rigid plate is connected to the fuselage with high force/small displacement actuators 
as shown in Figure 2. The corners of this plate are denoted P2, P4, P6 and P8. The actuators are connected 
to the fuselage at points P1, P3, P5 and P7. Control inputs are fed to these actuators at the rotor disturbance 
frequency (N,frev) in order to counteract the rotor forcing and minimize vibrations at selected fuselage 
locations such as the pilot seat and rear cabin. 

The basic control strategy used in this study is described in detail in Ref. 14. Springs, used as a control 
parameter to distribute weighting between control power and control effectiveness, are introduced parallel to 
the actuators at the four corners of the rigid plate. The forces across the servo actuators, due to control inputs 
and spring forces caused by fuselage elastic deformation, are set to zero through the proper choice of control 
inputs. This in turn reduces overall airframe vibrations. 

An improved control strategy based on the minimization of a performance index has been implemented. 
This is an adaptation of a control strategy used in previous HHC and IBC studies [8, 25]. The performance 
index used in this study is a quadratic function of selected acceleration amplitudes z and control amplitudes 
a. 

(10) 

The weighting matrices, W z and W u, allow relative importance to be assigned to the components of acceler
ation at various locations and the control inputs. It is therefore possible to choose which degrees of freedom 
are most important and tailor the vibration reduction method to preferentially reduce those accelerations. 
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The optimal control is found by setting the gradient of the performance index J with respect to the 
control il to zero: 

aJ = o 
au (ll) 

To determine the gradient of the performance index with respect to the control, it is necessary to know the 
gradient of the accelerations with respect to the control. To this end, the accelerations are linearized about 
the current control input ili 

where 

i!(ii) = i!(ii;) + T;(ii- u;) 

T= az 
au 

(12) 

(13) 

The transfer matrix T is the Jacobian of the acceleration response with respect to the current control input. 
This Jacobian is calculated numerically using the finite difference method. 

Substituting this model of the acceleration response in the the performance index and minimizing with 
respect to the control produces 

(14) 

where 
(15) 

This system is similar to the local controller described in References 25 and 15. This procedure can be started 
by setting the initial optimal control input to zero and repetitively applying Eq. 14 until the optimal control 
input converges. The resulting control vector is the optimal control vector for the given weighting matrices. 

5 RESULTS AND DISCUSSION 

In this study, a coupled rotor/flexible fuselage model resembling the MBB B0-105 helicopter is chosen. 
The non-dimensional properties are provided in in Table 1. The fuselage natural modes are coupled modes so 
the descriptions given in the table are qualitative and are not meant to denote classical yawing, pitching and 
torsional modes. 

Figures 5 - 7 compare the vibratory hub shears obtained from the various aerodynamic models. Five 
distinct aerodynamic models are considered. The first two aerodynamic models are uniform inflow and the free 
wake model. The description 'fuselage aero 1' refers to the first refinement of the fuselage aerodynamic model. 
In this stage, sources/sinks are included to influence the velocities at the rotor blades which in turn influence 
the rotor loads. However, this version of the aerodynamic model lacks the integration of the pressures over the 
fuselage surface to account for rotor aerodynamic influences on the fuselage. 'Fuselage aero 2' is the second 
refinement of the model and includes the aforementioned sources/sinks as well as the integration of pressure 
over the fuselage surface. 'Fuselage aero 3' is the third refinement of the model. It includes the distortion 
of the wake due to the fuselage in addition to all previously described effects. This produces fully coupled 
rotor /fuselage aerodynamic interactions. As seen in the figures, vibratory hub shears obtained with the free 
wake model are significantly higher than the uniform inflow results, especially at lower advance ratios where 
blade vortex interaction plays a larger role. The inclusion of fuselage interference effects on the rotor results in 
vibratory loads significantly higher than that obtained with the free wake model alone. The second and third 
refinements of the fuselage aerodynamic model have little to no affect on the hub shears in the longitudinal 
and lateral directions. In the vertical direction, the inclusion of wake distortion affects due to the fuselage 
significantly alters the vibratory hub loads. Above an advance ratio of p, = 0.25, the vertical vibratory hub 
shear when using the third refinement of the fuselage aerodynamic model is up to 100% larger than the free 
wake model alone. The vibratory hub moments show similar trends as the lateral and longitudinal shears. 

Figures 8 and 9 show the 4/rev accelerations at the pilot seat and at a rear cabin position as a function of 
advance ratio. In both figures, the accelerations are shown for two different aerodynamic models: the uniform 
inflow model and the free wake model. The accelerations obtained using the free wake model are much higher 
than the uniform inflow results. As in the studies by Yeo and Chopra, at low advance ratios the accelerations 
at the pilot seat are shown to be orders of magnitude greater when using the free wake model. In Ref. 1, the 
effect of the free wake model is shown to result in an approximately constant increase to the vibration levels at 
advance ratios of 0.2 and above. However in our study, this increase diminishes at these higher advance ratios. 
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The location where accelerations are measured plays a significant role in the magnitude of the accelerations as 
evident from comparing the two figures. 

Figures 10 and 11 compare the acceleration levels obtained using uniform inflow to those obtained 
using the free wake model with the addition of rotor/fuselage interaction effects. In Fig. 10, the pilot seat 
accelerations are plotted and the rear cabin accelerations are shown in Fig. 11. Large increases are noted in 
all accelerations with the inclusion of refined aerodynamics but are most notable in the pilot seat vertical and 
lateral accelerations and the rear cabin vertical accelerations. The effect is apparent at all advance ratios. 
The accelerations obtained using the free wake model alone are similar to those obtained with the inclusion 
of rotor /fuselage aerodynamic interactions at low advance ratios. At higher advance ratios, the inclusion of 
rotor/fuselage aerodynamic interactions results in accelerations that are up to 100% greater than those of the 
free wake model alone. At higher advance ratios, the influence of the wake on the rotor aerodynamic loads 
diminishes while the relative influence of the fuselage on the rotor increases. 

The ability of the weighted control algorithm to drastically reduce airframe vibrations are shown in 
Figs. 12 to 14. These results were obtained without penalizing either the actuator force or actuator power 
requirements. This provides a best case scenario for vibration reduction if there are no practical constraints on 
the actuator system. The longitudinal accelerations for the controller both engaged and disengaged are shown 
in Fig. 12. For both airframe locations, vibrations are reduced by 45% to 68%. In the lateral direction, Fig. 13 
shows vibrations at both locations to be almost completely eliminated when the controller is active. Pilot seat 
accelerations are reduced to between 1.0% and 1.6% of the uncontrolled values. Similarly, rear cabin lateral 
accelerations are reduced to between 1.8% and 3.3% of the uncontrolled values. The vertical accelerations are 
shown in Fig. 14. Again the accelerations are nearly eliminated by the controller. Pilot seat accelerations with 
the controller active are 2.8%-4.1% of the uncontrolled values. Rear cabin accelerations are 0.2%-0.3% of the 
uncontrolled values. Using the weighted control algorithm, accelerations at selected locations can be reduced 
to levels that are two orders of magnitude less than the uncontrolled values. But this near complete vibration 
elimination is accompanied by prohibitive power and actuator force requirements. With no control penalty, 
the actuators require between 2% and 15% of total rotor power and need to exert up to 40000 lbs force. 

The weighted control method with practical constraints on the actuator forces and power, to model a 
feasible control scheme, is compared to the basic control scheme in Figs. 15 to 18. The longitudinal acceleration 
levels for both the pilot seat and the rear cabin location are shown for each control method in Fig. 15. The 
accelerations of the two airframe locations are nearly the same in this direction. Though the basic controller 
provides better vibration reduction at J1. = 0.15, the vibration levels are low for both control methods at this 
point. For higher advance ratios, J1. 2: 0.20, the weighted control method reduces vibrations further than the 
basic controller. The accelerations obtained using the weighted control method are up to 74% less than the 
basic control method accelerations. 

In the lateral direction, shown in Fig. 16, the basic control scheme is ineffective in reducing accelerations. 
The accelerations obtained using the weighted controller are lower than the basic control accelerations at all 
advance ratios. The weighted control method provides rear cabin accelerations that are 19% to 50% lower 
than the basic control accelerations. Pilot seat lateral accelerations with the weighted control method are a 
minimum of 56% below the basic control accelerations and are reduced up to 81% at certain advance ratios. 
This reduction is especially noticeable at high advance ratios where the weighted control accelerations are 26% 
of the basic control accelerations at an advance ratio of J1. = 0.40. 

The vertical pilot seat and rear cabin acceleration levels are shown in Fig. 17. The weighted control 
accelerations are lower than the basic control accelerations at all advance ratios for both airframe locations. 
The weighted control vertical acceleration levels at the pilot seat are from 34% lower than the basic control 
acceleration levels at low advance ratios, J1. = 0.15, to 49% lower at high advance ratios, J1. = 0.40. The 
greatest reduction is at J1. = 0.30 where the weighted control accelerations are 66% less than the basic control 
accelerations. At the rear cabin position, the weighted control method reduces accelerations to levels that are 
a minimum of 69% below and up to 82% below the basic control accelerations. At J1. = 0.40, the basic control 
method is only able to reduce vibrations at the rear cabin to 0.16g where the weighted control method reduces 
vibrations to 0.035g. This is a significant additional reduction that helps to meet the goal of a "jet smooth 
ride". 

The power requirements of the two control schemes are compared in Fig. 18. The actuator power 
requirements are shown as a percentage of main rotor power. The two control methods have similar power 
requirements. Whereas the basic control method needs a greater percentage of rotor power as advance ratio 
increases, the weighted control method requires a relatively constant percentage of 1.5% of rotor power. Both 
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control schemes require actuators able to produce forces on the order of 6000 lbs at high advance ratios. 

6 CONCLUDING REMARKS 

A free wake model and a fuselage aerodynamic model capable of simulating rotor/fuselage aerodynamic 
interactions has been combined with a coupled rotor /flexible fuselage model to study vibrations and their 
reduction using ACSR. A control approach has been developed that preferentially reduces accelerations at 
prescribed airframe locations. This control method has been compared to an earlier control approach studied 
at UCLA. The results represent an important contribution towards vibration predictions and cost effective 
vibration reduction using the ACSR approach. Several conclusions are summarized below: 
(1) Refined aerodynamics significantly affect the vibratory loads transfered from the rotor to the fuselage and 
the accelerations experienced at various fuselage locations. 
(2) A free wake model and the inclusion of fuselage aerodynamic effects on the rotor and wake are necessary 
for vibration prediction at all forward speeds. The inclusion of rotor aerodynamic effects on the fuselage plays 
a minor roll in the production of vibrations. 
(3) Accelerations obtained using the free wake model and including rotor/fuselage aerodynamic interactions 
are orders of magnitude greater than those obtained using uniform inflow at lower advance ratios and are 
significantly greater at higher advance ratios. . 
(4) The weighted control algorithm with no control penalty was able to nearly eliminate all acceleration 
components at the pilot seat and rear cabin position for all advance ratios. This exceptional vibration reduction 
capability required a prohibitive amount of control power and actuator force amplitude. 
(5) Both the basic controller and the weighted controller with control penalty were unable to reduce lateral 
accelerations at the rear cabin position. A better alignment of actuators could allow for the reduction of these 
accelerations with realistic actuator requirements. 
(6) The weighted control algorithm with control penalty was able to reduce accelerations at the desired locations 
significantly below the accelerations of the basic control scheme using similar actuator forces and power. The 
accelerations obtained using the weighted controller were up to 82% below the basic controller accelerations. 
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( Rotor Data 
Eiyjm,fl2 R4 = 0.0106 
Eiz/m;f!2 R4 = 0.0301 
GJ/mbfl2 R4 = 0.001473 
N6 =4 
-r= 5.5 
17 0.07 
Helicopter Data 

a= 2n 
fl.= o.o 
c,fR = 0.055 

Cw = 0.0050 !Cd, /n: R2 = 0-01 
ZpcfR = 0.2851 ZFA/R = 0.2851 
XpcfR= 0.0 XFA/R=O.O 
h/R = 0.0931 I,fm6R2 = 4.2216 
lvfm,R2 = 10.7781 lzfm,R2 = 7.9366 
Fuselage Mode Shape Description and Frequency(Hz) 
Fuselage yawing 5.28 
Fuselage pitching 5.36 
Fuselage torsion 1L07 
Fuselage compression 18.81 
Tail boom bending 23.23 
Fuselage torsion 25.11 
Landing gear vertical 26.73 
Landing gear lateral 29.02 

Table 1: Helicopter Data 

Helicopter Flight 
Conditions 

Cancellation 
Forces 

FUSELAGE DYNAMICS 

Controiler 

; Airframe 
VIbrations 

Accelerometers 

Measured 
Vibrations 

Figure 1: Helicopter System Schematic for ACSR 

Figure 2: Coupled Rotor f Active Control/Fuselage 
Dynamic System 
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Figure 3: Body of Revolution/Fuselage Comparison 
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Figure 4: Cross Section of Body of Revolution 
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Figure 7: Vertical Nb/rev Hub Shears 
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Figure 8: 4/Rev Accelerations at the Pilot Seat 
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Abstract 

Based on the results of wind tunnel tests with active 
rotor control inputs applied to a hingeless model 
rotor the performance of an adaptive closed loop 
control algorithm for automatic BVI noise and vibra
tion reduction is shown and the necessity of a high 
order control law which works with constant feed
back gain is demonstrated. A suited feedback gain 
setting is determined using data from active rotor 
control step inputs which show that the distur
bances react like a system of second order. For the 
identified system damping, amplification and time 
constant output vector feedback control algorithms 
are designed and compared to each other within 
the scope of simulations. The results demonstrate 
the achievable reduction of the minimum response 
time which is very important for a minimisation of 
the rotor noise emissions by active control tech
niques. 

Introduction 

Despite of a general positive trend on the aeronau
tical market, the helicopter industry is faced with 
nearly constant sales. Partially this can be attributed 
to the strong noise emissions which occur very 
pronounced in landing approach and in manoeu
vring flight. They represent a strong annoyance for 
the population on ground which consequently ac
cepts helicopter operations without evident reasons 
only exceptionally. 

Especially in manoeuvring flight and in landing ap
proach but also at normal cruise conditions, the 
noise emissions are accompanied by strong vibra
tions. They represent a considerable stress for the 
material thus leading to an abridgement of the 
maintenance intervals associated with higher 
maintenance costs. In addition, the high vibration 
level reduces the flight comfort not only for the pas
sengers but also for the crew onboard the aircraft 
and therefore also affects the flight safety. 

Both disturbances, the noise emissions and the 
vibrations, can be diminished by means of Active 
Rotor Control (ARC) techniques like Higher Har
monic Control (HHC), Individual Blade Control 

Presented at the 25'" European Rotorcraft Forum, Rome, 
Italy, September 14-16, 1999 

{IBC) or Local Blade Control (LBC). While HHC 
works with additional actuators below the swash
plate, IBC in its classical form requires a substitu
tion of the rotating pitch links by active devices. The 
main characteristic of LBC is an implementation of 
smart materials on the blade either in concentrated 
form of a piezoelectric stack for trailing edge flap 
actuation, for example, or distributed over the blade 
like in case of active fibers. 

As turned out from wind tunnel and flight tests with 
HHC and IBC and from numerical investigations 
with LBC, the optimum commands for the HHC/IBC 
actuators and piezoelectric stacks or fibers respec
tively change with flight condition and, in addition, 
are affected by atmospheric disturbances. There
fore a closed loop control algorithm is necessary 
determining the control inputs which are required 
for a reduction of the rotor disturbances like noise 
emissions and vibrations. 

Disturbance and Plant Characteristics 

Considering a steady-state flight condition in a first 
step, the vibrations and noise emissions repre
senting the disturbances to be suppressed are of 
periodic nature and mainly consist of so called rotor 
harmonics (fig. 1 ,2). While the blade-vortex interac
tion noise has a frequency content of 24/rev to 
160/rev, the vibrations are of the 1 ". 2"0, 4'h and s'h 
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rotor harmonic. Due to their periodic nature the 
described disturbances can be represented by 
means of Fourier series which are characterised by 
their Fourier coe!!icients. The vibrations are domi
nated by integral multiples of the blade passage 
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frequency for what reason the corresponding Fou
rier series becomes of the form 

-
FFL = L:a,, sin(nblf/) +b,, cos(nblf/) 

IZ"'J 

with 

vibratory force acting on fuselage, 

rotor azimuth, 

b number of rotor blades, 

a"", b,, Fourier coefficients 

and 

11 integral number. 

For simplicity, the vibratory forces and moments 
acting on the rotor hub are usually combined to the 
vibration intrusion index 

jVib = 

with 

4/rev inplane rotor forces, 

4/rev out of plane rotor forces 

and 

M x,, M Yx 4/rev pitching and rolling moment 

As is shown exemplarily in fig. 3 this intrusion index 
keeps fairly constant from one rotor revolution to 
another and only varies slowly with flight condition. 

For the noise emissions the Fourier series be
comes of the form 
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n=~ 

J 8v1 = La, sin(nlf/) + b, cos(nlf/) 

with 

j BVI BVI noise intrusion index 

and 

nmin 'nmax integral numbers. 

Although the noise intrusion index varies with flight 
condition, too, it also fluctuates strongly from one 
rotor revolution to another (fig. 4). These fluctua-
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lions can be assumed to be due to small changes 
of the local profile aerodynamics and the downwash 1 
geometry respectively which have a strong effect on 
the noise emissions when occurring at noise rele
vant rotor azimuth positions [1]. Nevertheless the 
averaged values of the BVI noise Fourier coeffi-



cients over a number of rotor revolutions can be 
reduced dramatically by means of active rotor con
trol (fig. 5). This is true for the vibrations, too, in 
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Fig. 5 ARC Effect on Rotor Noise Emissions 
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which case all 4/rev rotor forces and moments are 
simultaneously reduced in all degrees of freedom 
(fig. 6). A prerequisite, however, is a proper adjust
ment of the active rotor control inputs by means of 
a suited closed IO£P. control algorithm. It is faced 
with a non-constant control efficiency which 
changes not only with flight condition but also with 
point of operation. 
Therefore a proper closed loop control concept 
needs to be selected being able to deal with the 
special disturbance and plant characteristics exist
ing in case of active rotor control. 
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Possible Closed Loop Control Concepts 

In opposition to closed loop control applications for 
in-flight simulation or autopilot realisation where the 
flight path of an aircraft is tried to be kept as close 
as possible to a time-varying trajectory, the main 
objectives of an algorithm tor automatic noise and 
vibration reduction through active rotor control is to 
achieve the steady state minimum of both distur
bances within very short time. This can be achieved 
by means of robust control in time domain, for ex
ample, (fig. 7) where the disturbances are directly 
fed back onto the closed loop controller. The feed
back gains are of constant type and originate from 
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an offline design procedure aiming on the realisaion 
of a minimum step response time and/or a maxi
mum stability distance. 

In case of adaptive closed loop control the feed
back gains are not determined offline within a con
troller design procedure but are adjusted online 
during the control process in order to account tor 
possible changes of the plant's transfer function. 
The block diagram of that type of controller is 
shown in fig. 8 which can be subdivided into the 
control loop itself and the adaptation loop. While the 
control loop consists of the controller and the proc
ess to be controlled, the adaptation loop is closed 
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Fig. 8 Adaptive Control in Time Domain 

via the online identifier. Based on the latter ones 
results, the control law is adjusted for the actual 
process transfer function in a first step before the 
optimum control commands are determined. 

The same steps are performed by an adaptive con
troller working in frequency domain, however, in this 
case not the plant outputs themselves are fed back 
but the combined Fourier coefficients of their har
monics (fig. 9). On their basis the Fourier coeffi
cients of the optimum command signals are deter-
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mined in order to be used for harmonic synthetiza
tion of the plant out~\s. 

By suppressing the online feedback gain adjust
ment, a fourth possible closed loop control concept, 
can be realised (fig 1 0). Like the adaptive frequency 
domain controller it works with the Fourier coeffi
cients of the plant output harmonics and determines 
the Fourier coefficients of the optimum command 
signal harmonics. This is done with feedback gains 
which are not adjusted online but kept constant 
during the control process. Independent of whether 
operating in time or frequency domain with adaptive 
or fixed gain respectively, the closed oop controller 
can be realised as low or high order type. An im
plementation in discrete time provided, the low or
der controller only works with the actual value of the 
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Fig. 10 Robust Control in Frequency Domain 

feedback signals while in high order case their his
tory is taken into account, too. Applied to a realisa
tio in continuous time, this corresponds to a con
troller making either use of the feedback signals 
only or of their derivatives in addition. 

Control Concept Assessment 

From the described closed loop control concepts, 
the robust time domain controller requires not only 
the smallest realisation effort but, furthermore, 
makes it possible to ensure stability at least for the 

4 

nominal rotor transfer function. Disadvantageous, 
however, is the lack of controller self-adaptability 
and the resulting reduction in controller perform
ance or even a controller instability in case of 
transfer function changes due to variations of the 
control efficiency, for example. 

Both disadvantages can be eliminated by using an 
adaptive control algorithm which due to its feature 
of self-adaptability doesn't require a time-consu
ming offline feedback gain optimisation. In addition, 
the online adaption of the control law can be ex
pected to lead to a very satisfying controller per
formance even in case of strong transfr function 
variations. Disadvantageous, however, is the high 
amount of mathematical operations to be per
formed online in addition to the control process 
itself. Since these operations have to be performed 
within a time interval which is inverse proportional to 
the feedback signal dynamics, an adaptive control 
algorithm working in time domain can hardly be 
realised for disturbances with high frequency con
tent like rotor noise and vibrations, for example. 

Realised, however, can be an adaptive closed loop 
controller tor noise and vibration reduction which 
works in the frequency domain. It needs to take into 
account only a few of the feedback signal harmon
ics, for what reason the computational effort for the 
transformation from time to frequency domain by 
means of a recursive harmonic analysis (RHA, 
fig. 9) and from frequency to time domain by means 
of a harmonic synthesis (HS, fig. 9) can be kept 
small. The resulting Fourier coefficients of the 
feedback signal harmonics vary comparatively 
slowly with the ones of the vibrations being mainly 
affected by changes of the flight condition. The 
Fourier coefficients of the rotor noise harmonics, 
however, are in addition very sensitive to atmos
pheric disturbances, for what reason they fluctuate 
strongly from one rotor revolution to another [2]. 

Since the dynamics of these fluctuations are much 
lower than the ones of the noise emissions them
selves, a frequency domain controller represents a 
very promissing solution for an active reduction of 
these disturbances. It can be operated at a low rate 
without running the risk to decrease the controller 
performance at least in steady state. In order to 
achieve, in addition, a satisfying transient behaviour 
of the closed loop system, the control law has to be 
of high order with the feedback gains not being 
adjusted during the control process according to an 
online identification of the rotor transfer function. 
Since the result of this process only represents an 
estimate of the real value, it is affected at least by 
small errors which may mislead or even destabilise 
the coniroller temporarily. Therefore a minimum 
step response time can only be achieved by a fre
quency domain controller which is of high order 
and, in addition, works with constant gain settings. 



Control Law Design Procedure 

Classical Approach 

Due to the periodic characteristic of the rotor noise 
emissions and vibrations and the quasi-steady be
haviour of their harmonics, the design of a fre
quency domain controller can in principle be based 
on the so called T-matrix model [3,4]. It establishes 
a linear relationship between the vector of active 
rotor control inputs and the disturbance vector and 
can be formulated either in global form 

with 

y (k) disturbance vector in baseline case 
-0 

and 

y(k) disturbance vector in ARC case 

or in local form 

with 

/::,.y(k) vector of disturbance change 

and 

M2_ARC (k) vector of ARC input change. 

While the global model assumes linearity within the 
complete range of active rotor control inputs, the 
local model represents a linearization around the 
actual point of controller operation (fig. 11) and 
therefore also allows an approximation of non-linear 
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effects. The transients of the noise and vibrations 
due to a change of active rotor control inputs, how
ever, are not taken into account because both 
models describe the rotor transfer function in a 
quasi-steady way via the T-matrix. Therefore a 
closed loop controller which is based on the T
matrix approach can not operate with a high fre
quency but needs to let the disturbance transients 
decay alter a change of the active rotor control 
inputs before the next control input is determined 
using the control law 

~::,.~ARC (k + 1) = K -zck) 

with 

K feedback gain 

for example [5]. With that control law the closed 
loop system becomes of the form shown in fig. 12 
and can be described by means of the equation 

y(k + 1) = CL- I· K) · y(k) +I· ~(k) 
- -

with 

w=O the command vector. 

From this closed loop system equation it can be 
derived that the disturbance vector vanishes within 
one step if the feedback gain is set identical to the 
inverse of the T -matrix. Thus the theoretical possi
ble controller response time is one step, a value 
which seems to be very small. The real response 
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Fig. 12 Quasi-Steady Operating Closed Loop System 

time required for minimisation of the rotor noise and 
vibrations, however, can become fairly large be
cause on the one hand the T -matrix varies with 
flight condition and actual point of operation. 
Therefore the feedback gain can not be set identi
cal to the inverse of the T -matrix in all cases and 
the number of steps required for vibration and noise 
minimisation becomes higher than one. 

On the other hand, one control step corresponds to 
approximately two rotor revolutions in case of vibra
tion and 10-15 rotor revolutions in case of noise 
reduction. The reason for the high numbers of rotor 
revolutions per control step occurring in noise case 
are the strong fluctuations of the Fourier coeffi-



cients from one rotor revolution to another. They 
need to be averaged 1 0-15 times before being fed 
back on the closed loop controller in form of the 
quasi-steady mean value. Thus, the time required 
for minimisation of the noise and vibration level 
becomes comparatively long, a characteristic which 
up to now was considered to be mandatory for a 
frequency domain controller. 

The response time is extended further in case of an 
online feedback gain adjustement as it was consid
ered to be mandatory up to now at least for closed 
loop control of the rotor noise emissions. This is 
due to the fact that strong nonlinearities obviously 
exist in case of BVI noise and vibration reduction 
through active rotor control with the gradients of the 
intrusion indices switching sign when passing either 
through the global or a local extremum (fig. 13, 14). 
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Fig. 13 Variation of Vibration Intrusion Index with 
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Therefore a closed loop control algorithm which 
works with direct feedback of the intrusion indices 
is faced with a conversion of the control efficiency 
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respectively and thus needs to adjust at least the 
gain setting sign accordingly online. The necessity 
for this online adjustement of the gain settings 
when feeding back the vibration and/or BVI noise 
intrusion indices directly can be demonstrated eas
ily for the single input/single output case where the 1 
chracteristic system equation follows from the · 
closed loop sysstem equation as 

z-l+T·K=O. 

Thus 

z=l-T·K 

demonstrating that z becomes located outside the 
unit circle as soon as the sign of T and K differ from 
each other (fig. 15). Therefore the gain setting 
needs to be adapted online according to the actual 
value ofT in order to avoid a controller instability. 

Fig. 15 Pole Placement for Conversion of Con
trol Efficiencv 

The online adjustement of the gain settings, how
ever, can be omitted when vibrations and noise are 
not fed back as scalar values but in form of a Fou
rier coefficient subset. If the real and imaginary 
parts of these Fourier coefficients are arranged 
within the vibration and BVI noise feedback vector 
according to 

Y 
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and 

respectively, the effect of active rotor control inputs 
to noise and vibrations can be formulated in a linear 
way. In order to find out to what degree this linear I 
formulation corresponds to reality again the HHC 
wind tunnel data were used. This time the real and 
imaginary part of the 38/rev noise emissions were 



l 

plotted against each other. The resulting vector 
diagramms are shown in fig. 16 which demon
strates that the 38/rev BVI noise vector describes a 
closed line around a point corrresponding to the 
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conversion of the control efficiency needs to be 
feared for what reason a robust closed loop control 
system can be designed. 

The advantage of that type of control system com
pared to an adaptive one could be determined by 
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baseline case. Since the surrounded area in
creases clearly with ARC amplitude and the vector 
surrounds the area exactly one time when the ARC 
phase shift is varied from o• to 360•, the linear for
mulation of the ARC effects on the rotor noise can 
be assumed to be valid. Due to this fact, no sign 
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Fig. 17 Performance of Quasi-Steady Operating 
Controller with Online Gain Adaption 

testing both type of controllers in combination with 
the DLR rotor test rig in the DNW. The results are 
shown in fig. 17 and 18 which demonstrate that the 
number of steps required to reach the disturbance 
minimum is much lower in case of a robust con
troller. However, since one control step still corre-
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sponds to 15 rotor revolutions, the controller re
sponse time is still too high and needs to be re
duced further. 

Derivation of High Order Control Laws 

This required reduction of the system response 
time can be achieved when the design of the fre
quency domain controller is not based on the quasi
steady T -matrix approach but on a model which is 
able to describe the steady-state as well as the 
transients of noise and vibrations. A model of that 
type can be achieved by investigating the reaction 
of the noise and/or vibration Fourier coefficients to 
ARC step inputs being represented by a stepwise 
change of the ARC control amplitude. Fig. 19 
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shows for example the ARC signal of an actuator 
working with 4/rev and changing ist amplitude of 
operation between~ revolution 6 and 7. The reaction 
of the 4/rev vibrations to that ARC step input is 
shown in fig. 20 whlch demonstrates that the rotor 
disturbances behave approximately like a system of 
2nd order which is well damped and which reaches 
the steady state within 2 rotor revolutions. With this 
knowledge it is possible to design a closed loop 
control algorithm which allow a reduction of the 
rotor disturbances within very short time. In 
opposition to an algorithm which is based on the T-
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Fig. 20 Reaction of Rotor Disturbances to ARC 
Step Inputs 

matrix model this control algorithm does not wait 
until the transients decay before the next cycle is 
initiated but which works with 64 steps per revolu
tion. In fig. 21 and 22 the results of a controller are 
shown on which the system output vector is fed 
back. The results originate from numerical simula
tions of a 2nd order system consisting of a mass, 
damper and spring (fig. 23) and being excited with a 
force that leads to oscillations Yo with 4/rev. The 
control objective is to eliminate the oscillations by 
determination of a suited control input amplitude 
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Fig. 23 System of 2nd Order for Numerical 
Simulations 

8 at the spring. From fig. 21 it can be seen that the 
objective is already achieved when the feedback is 
selected to be comparatively low, i.e. smaller than 
1. In this case the controller reaches steady state 
after approximately 0.8 rotor revolutions although 
the system output was heavily disturbed in order to 1 

account for the strong fluctuations of the noise in
trusion indes measured in wind tunnel. This result 
can be improved further when the feedback gains 
are increase (fig. 22) In this case steady state is 



already reached after 0.2 rotor revolutions and 
maintained although the heavily disturbed feedback 
signals are fed back via gain settings of approxi
mately 30. 

Conclusions 

Wind Tunnel Results with activ rotor control dem
onstrated the necessity to work with high order 
control laws in order to reduce the rotor noise and 
vibrations within acceptable time. On the basis of 
results from step input tests a dynamic model for 
description of the disturbance reaction to ARC in
puts was identified and two control\ algorithms 
working with output vector feedback were devel
oped. Numerical simulations of the control algo
rithms in combination with the identified model 
showed that a stable behaviour can be achieved 
despite of strong -disturbances on the feedback 
signals. The controller response time is less than 
one rotor revolution even in case of low gain feed
back. 
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Abstract 

This paper presents the analytical results of the 
aeroelastic characteristics of the rotor blade with the 
active flap on a hypothetical rotor. 

At first, the geometric parameters of the active 
flap is decided based on the hub load analysis; the 
active flap chord length, span length, outboard 
location are 1 0%c, I O%R and 80%R, respectively. 

The effect on the rotor vibration reduction by the 
desigued active flap is evaluated in the next step. The 
active flap analytically demonstrates its capability for 
vibration reduction at 30kt and 120kt level flight 
conditions. 

The stability analysis is performed at last. It is 
analytically confinned that the rotor blade with the 
active flap desigued here has no significant flutter 
problem. 

Notation 
AF : Active flap 
BAF : Flutter coupled between blade bending and AF 
BTF : Bending torsion flutter 
c : Blade chord length 
cg : Center of gravity 
Fh: In-plane force= (Fx2+Fy2)

112 

HM : Hinge moment of AF 
Mh: In-plane moment= (Mx2+My2

)
112 

R : Rotor radius 

Introduction 

There are several active techniques to reduce BY! 
noise and vibration of helicopters. Among them, 
active flap becomes very realistic because of not only 
its effectiveness, but also the recent prob~·ess in 
development of on-blade actuator made of smm1 
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materials. Some ambitious organizations have been 
working very hard in this area to be the first to make it 
true. (Refs. 1 to 9 ) 

A TIC decided AF as one of the engineering 
challenges to be studied and activated two primary 
works; 1) the actuation system for AF by the smart 
material actuator with the stroke multiplier 
mechanism (Ref. I 0), 2) the aeroelastic analysis for 
AF to establish the desigu policy and to evaluate its 
capability. 

This paper describes the latter one summarizing 
the research work about the analysis for the 
aeroelastic characteristics of the rotor blade with the 
active flap configuration. 

L Objectives 

The objectives of this paper are to analyze the 
items below for the hypothetical rotor. 
(1) Describe AF design procedure. 
(2) Demonstrate the vibration reduction capability of 

the designed AF. 
(3) Stability analysis for the rotor blade with AF on 

generally assumed stmctural and operational 
conditions. 

2. Conditions for Analyses 

The geometrical property ·of the hypothetical 
rotor and the extent of the parametric study are shown 
here. · 

Rotor blade geomeliy 
number of blades: 4 
radius : 
chord lenb>lh : 
planfonn : 

5.8m 
0.39m 
rectangular 



aitfoil: AlGOOD 
Rotor operating condition 

hover, thmst : 4000 kgf 
100% rotor speed : tip speed 210 m/sec 

The unsteady aerodynamics is applied all the 
analyses with the compressibility correction based on 
the 20 wind tunnel test of the blade aitfoil with 
trailing edge flap supplemented by the CFD code, 
UG2. The detail is described in Appendix. 

3. AF Design 

The aims to utilize AF on the helicopter rotor are 
vibration/B VI noise reduction and rotor perfonnance 
enhancement. The design policy for AF here is set up 
to the vibration reduction by generating the sufficient 
hub load to compensate the vibratory load from each 
blade of the rotor. This comes from the two reasons; 
I) If an AF has the vibration reduction capability, it is 

predicted that the AF has BVI noise reduction 
capability. Because the vibration reduction and BY! 
noise reduction have the same level of the actuation 
force. (Ref. 2) This is also valid between the 
vibration reduction and the rotor perfonnance 
enhancement.(Ref. I) 

2) The direct evaluation can be perfonned by 
assuming that the generated hub load by AF on the 
hover condition represents the effect of AF on the 
rotor vibration reduction. 

During this AF design process, the extent for the 
parametric study is as follows. 

Active flap excitation condition 
frequency : 3, 4, 5/rev 
amplitude : I deg 

Active flap geometty 
chord length: 10, 15, 20, 25%c 
span length: 10, 15, 20%R 

3.1 AF chord length 
One of the key features for AF stzmg is to 

achieve lower hinge moment of AF because of 
powerlessness of on-blade AF actuators.(Ref 1 0) 

One typical analysis result is shown in Fig. I. The 
4/rev hub load generated by AF increases in 
accordance with AF chord length increase, however, 
the hinge moment also grows as shown in the upper 
picture of Fig. 1. In order to make it clear the 
relationship between the 4/rev hub load generated by 
AF and the hinge moment, the hub loads are 
rearranged in the fonn of the load generated by unit 
hinge moment as shown in the lower picture of Fig. I. 
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This indicates that the smaller chord lent,>th, the 
more effective is AF on a point view of the hinge 
moment. But the smaller chord length makes the more 
difficulty in the structural design of AF, which also 
has a large influence on the desit,'ll of the actuation 
hardware. 

Consequently, AF chord length is selected 1 O%c 
by the engineering compromise with the structural 
design of AF. 

3.2 AF spanwise location 
The spanwise location of AF should be selected 

by the consideration for the blade mode shape in order 
to efficiently generate the excitation force which 
engages the vibratory load. 

Because IF mode has a large damping and is 
difficult to be excited, 2F and 3F modes are regarded 
as the objects to be excited. 2F has its node at 81 %R 
and 3F has its loop at 78% as shown in Fig.2. To 
avoid node and to make use of loop to efficiently 
generate the excitation force on the rotor hub by 
obtaining the sufficient modal deflection, the outboard 
location of AF is selected 80%R 

3.3 AF span length 
The AF span length effect on the generated hub 

load magnitude is almost linearly proportional as 
shown in Fig. 3. But a long AF span length sometimes 
has the unpredictable aeroelastic behavior as shown in 
Fig. 4, where it can be seen that the loads generated 
by unit hinge moment have their peaks at 20%c unlike 
those shown in Fig. 1. This may be caused by the 
coupling between AF and the over-all blade flapping 
motion whose node is on AF. AF has the opposite 
sign movement in the flapping direction across this 
node, which results in the opposite sign hinge moment 
distribution across the node, then the large part of the 
hinge moment is canceled out. 

Although the shorter AF span length reduces the 
capability to generate the hub load, this can be 
compensated by larger AF amplitude. 

Based on this discussion, I O%R AF span length 
is selected. 

4. AF Effect on Vibration Reduction 

The effect on the rotor vibration reduction by the 
designed active flap is evaluated here. 
The level flight 30kt and 120kt are selected as the 
evaluation conditions, because, generally, there is the 
local maximum of the vibration level at about 30kt in 
the lower speed range. 120kt is selected as a 
representative of the cruise speed condition. 

In order to study the effect of many AF input, a 



multicyclic control algorithm (Ref. 6) is utilized here. 
AF amplitude which is restricted to 1 deg in the 
parametric study of the previous paragraph is set free 
by the nature of the multicyclic control algoritlun. 

The vibration reduction effect on 4/rev hub load 
which is dominant among all the hannonics is shown 
in Fig. 5. Each component of the 4/rev hub load on 
AF-on case is nonnalized by that on the baseline case 
(AF-off). Although there can be seen an adverse AF 
effect in Fy on 120kt case, Fz component which is 
dominant in 4/rev hannonic is reduced in much larger 
degree on this case. This results in the 4/rev load 
reduction as a whole. 

The designed AF analytically demonstrates its 
capability for vibration reduction on both the lower 
and the cruise speed cases. But we would like to 
notice that although the required AF amplitude 
calculated here is 4.5deg for I20kt case, it is required 
17deg for 30kt, which can not be available by any 
smart material actuators at present. (Refs. 7 and 10) 

5. Flutter Analysis 

The stability analyses are perfonned to evaluate 
the possibility for several types of flutters for the rotor 
blade with AF configuration. The schematics of the 
stmctural model for analyses is shown in Fig. 6. 
The main features of the stmctt•ral boundary condition 
are that; 

at 70%R : torsion stiffuess Kh 
rigid in flapwise and chordwise directions 

at 75%R: rigid in flapwise and chordwise directions 
at 80%R : torsion stiffuess Kh 

rigid in flapwise and chordwise directions 

Ifthere is no notice about the parameters, the all 
the flutter analyses are perfonned on the nominal 
values as below. These values are estimated from AF 
size selected in the previous paragraph. 

AF natural frequency about hinge : 3 7. 7Hz 
Chordwise cg position of AF : 

l8.8mm aft from AF hinge at mid span of AF 
Tip weight location : 31.3%c at 97.9%R 
Chordwise cg position of AF actuator : 

23.3%c at 76.7%R 
Rotor control system stiffuess : 57 ,800kgf/m 
Rotor speed : 100% 

5.1 AF natural frequency about hinge 
The most imp011ant concem about the tlutter for 

the rotor blade with AF is the control surface flutter 
caused by the coupling between the blade flapwise 
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bending motion and AF. One of the two primary 
factors to this flutter is the torsion natural frequency 
of AF about the hinge, which comprises the inertia 
and control system stiffness of AF. 

The influence of AF natural frequency about the 
hinge on the flutter characteristics are evaluated as 
shown in Fig. 7. t" mode becomes unstable at Jess 
than 29Hz where BAF takes place. But all the modes 
are stable at the nominal frequency 3 7. 7Hz. 

Smaller chord length of AF which enables higher 
natt1ral frequency about the hinge by reducing the 

· inertia is better for stability point of view as well as 
the AF efficiency stand point as mentioned before. 

5.2 Chordwise cg position of AF 
The other primary factor to the control surface 

flutter is the chordwise cg position of AF. This 
influence is evaluated as shown in Fig. 8. The analysis 
here is pe1fonned at the AF natt1ral frequency 20Hz to 
impose the most critical condition to the stability 
among those shown in Fig. 7. 

7'" mode is on the unstable side at more than 
!?nun of the cg position aft from the hinge where 
BAF takes place. But it is confinned that there is no 
instability at the nominal AF natural frequency 3 7. 7Hz 
(not shown here). 

5.3 Chordwise cg position of blade 
Nowadays aeroacoustically advanced rotor 

blades are apt to have the tip shape which makes the 
blade chordwise cg position aft of the quarter chord 
such as the swept tip. In order to take this tendency 
into account, the influence of the chordwise cg 
position of the blade on the flutter is evaluated as 
shown in Fig. 9. In this analysis, the blade cg travel is 
represented by the chordwise tip weight cg position at 
97 .9%R. The tip weight cg position 31.3%c is 
equivalent to the blade cg position 25%c. 

Although 4" mode decreases its stability as the 
tip weight cg position goes afte1ward, this mode is 
still on the stable side up to the maximum calculated 
value of the tip weight cg position 47.8%c. 

5.4 Chord wise cg position of AF actuator 
Another factor to reduce stability by pushing the 

blade cg further backward is the chordwise cg 
position of AF actuator. The influence of AF actuator 
position is investigated with the most aft tip weight cg 
position (47.8%c) to impose the critical condition. 

Fig. I 0 shows that although 4'" mode has the least 
stability at about 35%c of AF actuator cg, this mode is 
still on the stable side. 

5.5 Rotor control system stiffness 



The rotor control system stiffness is one of the 
difficulties to be predicted with sufficient accuracy, 
but this has the predominant influence on the blade 
dynamic property in torsion. Therefore, the stability 
analysis is needed over the wide range of the rotor 
control system stiffi1ess. In order to impose the 
adverse condition, the analysis here is also perfonned 
with the most aft tip weight cg position (47.8%c). 

As shown in Fig. II, although 4 <h mode has its 
minimum stability at the nominal rotor control system 
stiffi1ess (57,800kgf/m), this mode is still on the stable 
side. 

5.6 Rotor speed 
The rotor speed is also a factor to cause the flutter. 

The margin of the rotor speed for the flutter is 
evaluated as shown in Fig. 12. In order to impose the 
adverse condition, the analysis here is also perfonned 
with the most aft tip weight cg position (47.8%c). 

41h mode enters the unstable side at more than 
106% rotor speed where BTF takes place. But it is 
confirmed that there is no instability up to 120% rotor 
speed at the nominal tip weight cg position 31.3%c 
(not shown here). 

6. Conclusions 

I. The geometric parameters of AF are decided 
analytically based on the hinge moment, blade 
mode shape and the coupled blade·AF 
aeroelastic property. 

2. The above designed AF has the sufficient 
capability to reduce the rotor vibration, which is 
analytically demonstrated on 30kt and 120kt 
level flight conditions. 

3. The stability evaluation for the flutter is canied 
out for the rotor blade with AF configuration. It 
is concluded that the rotor with AF designed 
here has no serious flutter problem on various 
stmctural and operational conditions. 
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Appendix 

Unsteady Aerodynamics for AF Analysis 

This section describes the unsteady 
aerodynamics applied to the analysis in this paper. 
The incompressible unsteady aerodynamics with the 
trailing edge flap is formulated at first based on the 
thin airfoil theory, which contains some revised 
formulations for those described in Ref. 11. Then, 
the real airfoil effects such as compressibility and 
viscosity are taken into account based on the 2D 
wind tunnel test data of the airfoil with the trailing 
edge flap. In the last step, the chord length effect of 
the trailing edge flap is corrected by 2D N-S CFD 
code, UG2 which is developed in ran, because the 
airfoil tested in the wind tunnel has only 25%c 
trailing edge flap and other chord lengths 20, 15, 
10%c are necessary in the parametric study phase for 
AFdesign. 

1. Incompressible unsteady aerodynamics 
for airfoil with trailing edge flap 

+_l,[F,0 +P24 -F,]-V·b·a v 
+l:_[2·F ·b·a-F ·h] vz 9 4 

C1a-2F ·C(k)[F,o·li +b·F,,·b]+~P ·li 
zn :rc 2n·V 1r 21 

+-·-· P ·(1-e)+P _....!. ·V·b·li 1 2 { F.} . 
2Vz n 21 25 2 

1 1 .. 
--·-·F ·b'·a 2Vz 1'C z 

Gl7·8 

c --1-n:·[a·b·ii -(~+a')·b' ·a] 
M 2V 2 8 

+n:(a +~)·C(k)[; +a+b(~-a)~l 
-_.::_c.!.- a) ·b. v. a 

2V 2 2 

cr M --
1
-[{F, +(e-a)·F,}b' ·ii] 

2V 2 

+n:(a +.!_)·C(k)[F111 ·li + b·F11 • .jl 
2 n: 2n:·V 

--1-[F ·V' ·a +F ·V·b·,5] lV 2 ts t6 

C ~--·F ·C(k) -+a+b(--a)-1 [Ji 1 a] 
H 2 12 V 2 V 

1 . 1 [ , .. Fbi .. ] ---F ·V·b·a+-- -2·F. ·b ·a+ · ·z lVz 11 lVz u 1 

cr H = _Lp ·C(k)[F10 ·a+ b·F11 ·61 _l:_p: .J 
2 12 :n: 2:n: . v 2:n: 18 

+- -.P ·V·b·a+-·F ·b ·a 1 [ 1 . 1 2 ••] 

2V 2 2:n: " :n: ' 

The notation is identical to that in Ref. 11 except 
the followings; 

CL, cf L: identical to eN and cr N in Ref.11, 

respectively 
Cc : Flap lift coefficient by airfoil motion, 

identical to C F in Ref. 11. 

cr c : Flap lift coefficient by flap motion 

1 1 2 5 4 1 2 2 • ( ) 1 ( 2 ') F, -----e +-e -(-+e )8 +e8 sm e - 7+ e 
2 8 8 8 ' ' '4 

P21 ~ sin 2 (8,) -1-e 2 

p24 - (2- e) ·sin(e,)- e, 

P, ~~(1-e)·sin(B,)·(e, -sin(8,)) 

8e =COS-I e 



2. Compressibility and viscosity correction 

The incompressible unsteady formulation 
described above is expanded to compressible and 
viscous form by utilizing 20 wind tunnel test data. 

Although only C L and c1 L are presented here in 

order to save space, the other coefficients can be 
expanded in the same way. 

The equation for C L is modified to 

[
i. (c'" a] C, ~C(k)·C," V+a+b 

2
n: +ac-a)V 

1 [ .. . ··] + V' n:·b· h+V·a-a·b·a 

The lift coefficient offset may not be zero in case of 
asymmetric airfoils. Furthermore, the lift curve slope 
depends on Mach number and angle of attack. These 
influences are incorporated as follows; 

C, ~ C(k)·C1 ([3) + :, n·b-[h +V ·a -a ·b ·a] 
where 

2n 
c,a~ ~ 

-vl- M' 

[3 h c,a b a 
~-+a+(-+ac-a)-v 2n: v 

ac: Chordwise position of aerodynamic center 
C1 ([3) : 20 lift coefficient based on the wind tunnel 

data as a function of Mach number and 
angle of attack 

The equation for cf L is modified in the next. 

Assuming steady condition, the equation for cf L 

becomes; 
acrL F10 
--;)"6 ~ C La ·--;; 

This equation can be evaluated quantitatively, 

because CL and act L are Obtained from the 
a ao 

wind tunnel test data. But this relationship is not 
satisfied exactly. To cope with this, the correction 
factor L'"' is introduced as follows; 

~I ~L ·C I _Fill 
~wind tunnel cor Ln. wind tunnel 1r 

This correction factor is incorporated as follows; 

ct, =- -V·F ·o-b·F ·o b [ . ""] v:z 4 1 

+C ·C(k)·L [F"' ·o + b·F11 ·6] 
Ln cor Jr 2rc·V 

Summing up CL and c1 L, the total lift is obtained; 
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C,r"'"' ~c(k)·C,(y)+:2 n:·b·[h+V·a-a·b·a] 

b [ . ""] +- -V·F ·o -b·F ·o v:z 4 1 

where 

Y = i +a+ (-C'-" + ac- a)b a + L [-F_Jo_·_o +-b_·_F'-'11_. o_·l 
V 2n V cor Jr 2.Jr·V 

3. AF chord length correction 

The correctio.n factor L is calculated here for 
"' 

several AF chord lengths used for the parametric 

study. As a preparation, a C 
1

' is calculated with 
a a 

25%c trailing edge flap configuration to get the 
correlation between the wind tunnel test data and 
UG2. Then, the calculation is performed at other flap 
chord lengths at several Mach numbers as shown in 
the table below. 

act L M 
a a 

0.4 0.55 0.7 

25 3.74 3.88 4.32 
c 1 lc 20 3.36 3.53 4.24 

15 2.83 2.98 3.53 

10 2.23 2.35 2.80 
c 

1 
I c : Flap chord length (%c) 

Finally, L,
0

, is obtained from 

in the table below. 

Lear M 

0.4 0.55 

25 0.94 0.90 
c 1 I c 20 0.94 0.91 

15 0.90 0.88 

10 0.86 ·0.84 

act L as ShOWn 
a a 

0.7 

0.83 

0.91 

0.86 

0.83 
c 

1 
I c : Flap chord length (%c) 
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Abstract 

This paper addresses the feasibility of using trailing edge 
flaps to reconfigure a helicopter rotor blade following a 
failure of the pitch link, which makes the blade free
floating in pitch and otherwise uncontrollable. A cou
pled rotor-fuselage model is developed which allowed for 
rotor anisotropy. A n~w) optimization-based, trim pro
cedure is developed to determine the dynamics of the 
failed blade, and the flap inputs required for reconfigu
ration The trailing edge flap appears capable of correct
ing the otherwise catastrophic consequences of a pitch 
link failure. The residual 1/ and 2/rev components of 
the hub loads appear to be reasonably small. The flap 
acts by generating a rigid-body pitching motion of the 
free-floating blade that matches the angles that other
wise would have been generated by the swash plate. The 
steady-state flapping motion of the reconfigured blade is 
very nearly identical to those of the undamaged blades. 
Therefore, if a helicopter rotor is equipped with trailing 
edge flaps for other purposes such as vibration or noise 
reduction, these flaps could be used as emergency control 
surfaces. 

Notation 

S Descent direction in optimization procedure 
for trim 

X Vector of design variables in trim procedure 
(3 Blade flapping angle 
op Flap deflection 
I" Advance ratio 
7jJ Azimuth angle of the reference blade (blade 

number 1) 
¢ Rigid body pitch of the failed blade 
0. Rotor speed 

Subscripts and superscripts 
( )nc cosine component of n-th harmonic 
( )n, sine component of n-th harmonic 
( ) 4 Quantity for blade number 4 (failed blade) 
( ) 4 Quantity for blade number 4 (failed blade) 

1 Associate Professor, Alfred Gessow Rotorcraft Cen
ter; e-mail: celi@eng.umd.edu. 

Introduction 

In recent years there has been a renewed interest in 
the use of trailing edge flaps on the main rotor blades 
for noise and vibration reduction. Extensive theoretical 
research has been carried out, and model scale tests have 
been performed. Full-scale experimentation is now under 
way. 

Trailing edge flaps provide additional control effectors, 
besides the conventional swashplate controls. Therefore, 
they offer some degree of control redundancy, and could 
potentially be used to reconfigure the rotor control chain 
in case of failures. Control reconfiguration has been suc
cessfully explored and tested in fixed-wing applications. 
On the other hand, the potential for helicopter appli
cations has been severely limited by the lack of control 
redundancy, as shown by the few studies on this topic. 

Aponso et al. [1] have studied a case in which the roll 
swashplate actuator of a Sikorsky UH-60 is jammed or 
floating. No additional control surfaces were assumed, 
and reconfiguration was carried out through changes in 
the flight control laws. A simple linearized aircraft model 
was used. Huang et al. [2] have considered a CH-47 tan
dem rotor configuration with combinations of jammed 
front and rear swashplate actuators. Reconfiguration 
was achieved through changes in the flight control laws. 
In one of the cases studied some control redundancy was 
obtained by assuming that the rotational speeds of the 
rotors could be varied by up to ±10%. A simple lin
earized 6-DOF analysis model was used. In the only 
other published study on this topic, Heiges [3] has con
sidered a configuration representative of the AH-64 with 
all the pitch links severed. Control was restored through 
the use of servo-flaps installed on all the blades. The 
study was based on a simple linearized rotor analysis. 

The main objective of this paper is to study the dy
namics and the reconfiguration of a single main rotor 
helicopter in which the pitch link of one of the blades 
has been severed, so that the blade is free-floating in 
pitch. The reconfiguration is achieved through the use 
of a trailing edge flap. The blade is schematically shown 
in Figure 1. The specific problem that will be addressed 
is whether one can determine a flap control history that: 
(i) allows the trimming of the failed rotor, and (ii) re
duces the hub loads to acceptable levels. Because the 
focus of the study is simply to establish the theoretical 
feasibility of this type of reconfiguration, the control con
sidered in this study is open-loop only, and no feedback 
is considered. 

The mathematical model is much more detailed than 
in the studies mentioned above. It includes a full nonlin
ear, coupled rotor-fuselage dynamic model, from which 
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a linearized, time-varying model can also be extracted. 
The anisotropy of the rotor, which has one blade with a 
dynamics different from that of the other three, is fully 
taken into account. A new trim procedure is presented; 
the new procedure is required to deal with the rotor 
anisotropy and the flap control history. 

Baseline simulation model 

The mathematical model of the helicopter used in this 
study is a nonlinear blade element type model that in
cludes fuselage, rotor, and main rotor inflow dynamics. 
The 6 degree of freedom rigid body motion of the air
craft is modeled using nonlinear Euler equations. Linear 
aerodynamics is assumed for fuselage and empennage. 
The blades are assumed to be rigid, with offset hinges 
and root springs. Flap and lag dynamics of each blade 
are modeled. The main rotor has four blades. 

The coupled system of rotor, fuselage, and inflow equa
tions of motion is written in first-order form. The state 
vector has a total of 28 elements: flap and lag displace
ments and rates for each of the 4 blades ( 16 states); 9 
rigid body velocities, rates, and attitudes; and 3 inflow 
states. 

In the absence of a failure, the trim procedure is the 
same as in Ref. (4]. Thus, the rotor equations of mo
tion are transformed into a system of nonlinear algebraic 
equations using a Galerkin method. The algebraic equa
tions enforcing force and moment equilibrium are added 
to the rotor equations, and the combined system is solved 
simultaneously. The solution yields the harmonics of a 
Fourier series expansion of the rotor degrees of freedom, 
the pitch control settings, the trim attitudes and rates of 
the entire helicopter, and the main and tail rotor inflow. 

Modeling of the failed blade 

The blade with the severed pitch link is assumed to be 
free-floating in pitch as a rigid body. The flap and lag 
dynamic model remains otherwise unchanged. The iner
tia moments due to the motion of the flap are neglected. 
Therefore, the pitch equation of motion is simply: 

(1) 

where Dis the rotor speed and M¢ is the nondimensional 
aerodynamic pitching moment. The only aerodynamic 
pitching moment is that generated by the deflection of 
the trailing edge of the flap. The flap deflection ii p ( 'lj;), 
is assumed to have a harmonic variation, that is: 

N 

op(1/Jl = iio+ .z:::(iin,cos1j;+lin,sin1j;J (2) 
n=l 

with op > 0 for a downward deflection of the flap. The 
cases N = 1 and N = 2 will be considered in the present 
paper. The pitching moment coefficient CmF is assumed 
to be linearly proportional to the flap deflection, and is 
given by c,p = -0.64op. 

When the pitch link is severed, the swashplate pitch 
inputs are no longer applied to the blade. Therefore, 
the geometric angle of attack of the free floating blade 
is given by the sum of the rigid body pitch rotation ¢ 
and the twist angle e B. This angle is used to calculate 
all the aerodynamic forces acting on the blade (including 
the flap and lag dynamics). 

While the pitching model of the blade is probably ad
equate for a feasibility study, its limitations should be 
kept in mind. The most serious is the lack of unsteady 
aerodynamic modeling. Even in the absence of a trailing 
edge flap, the motion of the airfoil introduces changes 
in both the magnitude and the phase of the lift, drag, 
and pitching moment coefficients; in particular, aerody
namic pitch damping is generated. The addition of the 
flap introduces further changes of the aerodynamic co
efficients. A model such as that of Ref. [5] should be 
used for a more accurate representation of the unsteady 
aerodynamics of the flapped airfoil. 

On the other hand, neglecting the elastic torsion of 
the free-floating blade is not likely to be a serious as
sumption. The changes in lead-lag dynamics can also 
be neglected, at least at the level of approximation used 
in the present study. It has been shown by Wang [6] 
that small dissimilarities in rotor blade dynamics tend 
to increase the aeroelastic stability of the rotor. There
fore, if the dynamics of the reconfigured blade is close 
or identical to that of the other blades, the rotor should 
at least maintain the level of stability that it had before 
the failure. 

In summary, the coupled rotor-fuselage mathematical 
model consists of 30 nonlinear ODE, namely: 9 Euler 
equations for rigid body motion, 3 dynamic inflow equa
tions, 2 equations for the flap and 2 for the lag dynamics 
of each of the 4 blades, and 2 pitch equations for the 
failed blade. 

Trim procedure for the rotor with a failed blade 

The trim procedure of Ref. [4] needs to be modified 
to take into account the damage to the blade. This is 
necessary for two primary reasons, namely: (i) the rotor 
anisotropy, and (ii) the need to determine the required 
flap trim control. 
Treatment of rotor anisotropy 
The free-floating blade has a dynamics different from 
that of the other three blades, and therefore it needs 
its own separate equations in the system of algebraic 
trim equations. Rigid-body flap and pitch dynamics of 
the free-floating blade are explicitly included in the trim 
procedure, whereas the lag dynamics is assumed to re
main unchanged in trim. The flap and the pitch angles 
are represented in the form of a truncated Fourier series 
expansion, that is: 

2 

!34 ('1/J) = !36+ L(P'~,cosn'I/J.+P'~,sinn'I/J4) (3) 
n=l 
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( 

2 

<Pt + L (¢;',ccosn'ifJ4 + ¢;,, sinn..P•) (4) 
n=l 

where the subscripts and superscripts "4" indicate that 
the failed blade is the fourth, with ,P4 = ,P+270°. Com
pared with the trim procedure of Ref. [4] there are new 
trim unknowns, namely the coefficients of the Fourier 
series above. Therefore, anisotropy adds 10 unknowns 
to the trim problem. The corresponding 10 additional 
trim equations come from the application of Galerkin 
method [4]. For flap they are: 

where £p4(7j;) is the residual obtained when the tenta
tive trim solution is substitutes into the flap equation of 
motion for the failed blade. Five similar equations are 
then written for the residual £p4 (..p) of the blade pitch 
equation. 

The total number of trim equations and unknowns for 
the case of the rotor with a failed blade case is 36. Be
sides the 10 unknowns just mentioned, the trim proce
dure yields values of the pitch settings of main rotor and 
tail rotor; fuselage angle of attack and sideslip angle; roll 
and pitch attitudes; roll, pitch, and yaw rates; and the 
harmonics of the steady-state flap and lag motions for 
the undamaged blades. 
Determination of fiap input 
The coefficients oo, One, and Ons that describe the motion 
of the flap (see Eq. (2)) cannot be directly added to the 
set of trim unknowns, because there are no correspond
ing algebraic equations. Therefore, the trim formulation 
would consist of more unknowns than equations, and an 
infinite number of trim states would then exist. 

The solution devised for this study is to insert the 
baseline trim procedure in an unconstrained optimiza
tion loop. The vector X of design variables of the opti
mization consists of the coefficients of the flap motion: 

Because the rotor is now anisotropic, multiblade load 
cancellations will not occur, and all harmonics of the 
hub loads will generally be present. If the generic hub 
force or moment component f is written in the form 

2 

f(X) = fo + L Unc cos n,P + fns sin n'if;) (7) 
n=l 

the objective function to be minimized is 

(8) 

where the subscript m denotes each of the three hub force 
and three hub moment components. In other words, the 
optimization loop attempts to minimize the coefficients 
of the 1/rev and 2/rev harmonics of all six hub compo
nents. 

The resulting problem can be solved using any uncon
strained minimization algorithm. In the present study 
the Fletcher-Reeves conjugate gradient algorithm [7] is 
used. Therefore, the improved value of the flap motion 
vector xk+ 1 is given by: 

(9) 

where o.* denotes the minimum of F(X) along the direc
tion sk, which is obtained from 

= -VF(Xk) + {3Sk-1 

with {3 = V'FT(Xk)V'F(Xk) 
VFT(Xk_,)\7 F(Xk_,) 

(10) 

where k denotes the iteration number and {3 = 0 for 
k = 1. Note that, for every value of F(X) required 
during the optimization, a complete trim calculation is 
performed. The final solution consists of the vector X 
that minimizes the sum of the absolute values of all the 
components of the 1/rev and 2/rev hub loads plus the 
corresponding values of all the trim variables. 

Results 

The results presented in this section refer to a soft-in
plane, hingeless rotor helicopter configuration roughly 
similar to a B0-105. The chordwise extension of the 
flap is 20% of the blade chord. The flap extends over the 
outermost 20% of the blade. 

Figure 2 shows the iteration history of the objective 
function of the new trim procedure1 i.e., the RMS value 
of the 1/rev and 2/rev components of the hub loads at 
an advance ratio p. = 0.15. One iteration is defined as 
the calculation of one direction of descent Sk, Eq. (10), 
and a one-dimensional minimization along Sk to ob
tain the new vector of flap coefficients Xk+l, Eq. (9). 
The direction finding problem requires the calculation 
of the gradient of the objective function, and therefore 
4 function evaluations for the 1-harmonic flap input. 
The one-dimensional minimization requires another two 
function evaluations besides the baseline to calculate an 
initial quadratic approximation. The minimum of the 
approximation is the candidate 1-D minimum, and re
places the point with the highest value of the objec
tive in the updated approximation. In all the results 
of the present study no more than three function eval
uations were needed to achieve convergence on the 1-D 
minimum. Therefore, each iteration of the optimization
based trim procedure required a total of between 8 and 
10 evaluations of the objective function F(X), Eq. (8). 
The initial guess for X in Fig. 2 is a zero vector, corre
sponding to an inactive flap. The trim procedure clearly 
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converges quickly, and reduce the hub loads by almost 
two orders of magnitude within the first iteration. 

The top part of Figure 3 shows the absolute values of 
the components of the 1/rev and 2/rev hub loads with 
the flap inactive; the bottom part shows the components 
with the flap activated, for the final iteration of the trim 
procedure. The advance ratio is again I" = 0.15. All 
components should be equal to zero for a four-bladed 
rotor with identical blades and intact pitch links. Both 
sets of data refer to trimmed configurations. However, 
it is clear that for the rotor with the failed blade "trim" 
is just a mathematical statement, because the very large 
vibratory loads would quickly destroy the aircraft. The 
improvement brought about by the trailing edge flap is 
dramatic: the peak values are reduced by almost three 
orders of magnitude. 

The objective function is plotted in Fig. 4 as a func
tion of advance ratio. Recall that the objective function 
is the square root of the sum of the squares of the first 
and second harmonics of the six hub load components, 
Eq. (8). Although the residual loads increase almost 
quadratically with advance ratio, the flap clearly man
ages to contain them within reasonable limits. 

The harmonics of the required flap motion are shown 
in Fig. 5 as a function of advance ratio. There is a con
stant, upward deflection of the flap of magnitude be
tween 18.5 and 22 degrees, depending on speed. Smaller 
first harmonic motions are superimposed to it; their 
magnitudes are almost exactly zero at hover (a small 
amount of cyclic is needed in hover to counteract the 
effects of the tail rotor) and slowly increase with speed. 

The mechanism of action of the trailing edge flap is 
evident from the results shown in Fig. 6. The figure 
shows the value of collective and cyclic pitch settings as 
a function of advance ratio, plus the first two harmon
ics of the rigid body pitching motion of the free-floating 
blade with the flap active. The constant harmonic of 
the pitch motion matches almost perfectly the collective 
pitch at every advance ratio. The same is true for lateral 
cyclic pitch and first harmonic cosine, and for longitu
dinal cyclic pitch and first harmonic sine respectively. 
The second harmonics of the rigid body pitch are al
most negligible. Therefore, the trailing edge flap acts 
in such a way that the dynamic pitch response of the 
blade matches the pitch angles that the swashplate con
trols would have generated, if the pitch link had not been 
severed. In retrospect, this conclusion may appear obvi
ous. It should be noted, however, that the optimization 
procedure used for trim does not include directly either 
the pitch dynamics of the failed blade or the rotor pitch 
settings. The match between the two types of quantity 
is a by-product of the attempt to minimize the 1/rev and 
2/rev loads in the nonrotating system. 

Because the action of the flap mimics almost perfectly 
the effect of the swashplate controls, the flap dynamics 
of the reconfigured blade is essentially identical to those 
of the undamaged blades. This is clearly shown in Fig. 5, 

which compares the first two harmonics of the flapping 
motion for both types of blades. Changes in lead-lag 
dynamics are neglected in this study, because the drag 
coefficient is assumed to be constant, and not affected 
by the flap motion. A more realistic flap model would 
have to take this effect into account: drag changes will 
likely introduce 1/rev (and higher) lead-lag oscillations. 

Figures 8 through 10 show the hub load components 
with the largest nondimensional values of unbalanced 
harmonics. Figure 8 shows the first and second harmon
ics of the roll moment as a function of advance ratio. 
The roll moment is nondimensionalized by dividing it 
by the roll moment of inertia of the helicopter. These 
harmonics are all equal to zero for the undamaged rotor. 
The figure shows that the 1/rev and 2/rev harmonics are 
almost cancelled by the flap, with the exception of the 
1/rev sine component, which turns out to be the largest 
unbalanced component among all hub loads. The 1/rev 
and 2/rev harmonics of the pitching moment are shown 
in Fig. 9, which is drawn in the same scale as Fig. 8. The 
pitching moment of inertia of the helicopter is used for 
the nondimensionalization. The 1/rev sine and cosine 
harmonics have about the same size, whereas the 2/rev 
components are negligible. The pitch 1/rev components 
are the next largest hub load components. Figure 10 
shows the harmonics of the Z-force, nondimensionalized 
using the weight of the helicopter. For this hub load com
ponent it is the 1/rev portion to be negligible, whereas 
the 2/rev portion has the larger harmonics, which pro
gressively increase with advance ratio. 

Including a second harmonic in the trailing edge flap 
input has a negligible effect. This can be seen in Fig. 4, 
where the objective function is plotted as a function of 
advance ratio for the case of 1- and 2-harmonic flap in
put. As expected, adding a second harmonic reduces 
the value of the objective function at all advance ratios, 
but the improvement is negligible. The magnitude of 
the second harmonic input is never larger than 0.011 de
grees. However, it should be kept in mind that a more so
phisticated aerodynamic model will probably introduce 
a stronger higher harmonic forcing. As a consequence, 
higher harmonic flap inputs may also be required. 

Figure 12 shows the coupled rotor-fuselage poles for 
the baseline and the failed configurations, and the latter 
with the trailing edge flap active and inactive. The top 
plot contains all the poles, the bottom plot only those 
closest to the origin. Perhaps unexpectedly, the poles are 
not dramatically changed by the blade failure. In par
ticular, the pitch link failure does not trigger any new 
substantial instabilities. Rather, it produces very high 
forced responses. The distinction is probably only of 
academic interest, as the aircraft would be lost without 
reconfiguration anyway, but it may have some repercus
sions on the design of the reconfiguration control laws. 
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Summary and Conclusions 

This paper addressed the feasibility of using trailing 
edge flaps to reconfigure a helicopter rotor blade follow
ing a failure of the pitch link, which makes the blade free
floating in pitch and otherwise uncontrollable. The prob
lem was studied using a coupled rotor-fuselage model 
which allowed for rotor anisotropy in the form of three 
identical blades with a fourth dissimilar one. A new, 
optimization-based, trim procedure was developed to de
termine both the dynamics of the failed (and reconfig
ured) blade, and the flap inputs required to achieve the 
best possible reconfiguration. A very simple aerody
namic model was used for the flap. While this model 
is adequate for a feasibility study, its limitations should 
he kept in mind when evaluating the conclusions of the 
study. 

The main conclusions of the present study are: 

1. The new trim procedure is effective in calculating 
the trim state of the helicopter with the anisotropic 
rotor1 and in providing the stabilizing flap input. 

2. The trailing edge flap is capable of correcting the 
otherwise catastrophic consequences of a pitch link 
failure. The residual 1/ and 2/rev components of 
the hub loads appear to be reasonably small. This 
is accomplished primarily through 1/rev flap inputs. 
The required flap deflections are high, but not un
reasonably so. Adding higher harmonics to the flap 
input does not bring significant benefits. 

3. The flap acts by generating a rigid-body pitching 
motion of the free-floating blade that matches at 
every azimuth the angles that would have been gen
erated by the swashplate input if the pitch link had 
not been severed. The steady-state flapping motion 
of the reconfigured blade is very nearly identical to 
those of the undamaged blades. 

The previous conclusions suggest that, if a helicopter 
rotor is equipped with trailing edge flaps for other pur
poses such as vibration or noise reduction) these flaps 
could be used as emergency control surfaces to help re
configure the flight control system following a failure or 
battle damage. 
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Abstract 
This paper describes the results of fundamental examination and wind tunnel 

test of smart material actuators for helicopter rotor system. At the first step, three 
types of experimental models were made and evaluated. Then, we developed the 
full scale wind tunnel model with trailing edge active flap which is driven by 
piezoelectric stack actuation system. 

1. Introduction 

For rotorcraft, it is very important to 

suppress the vibration and the noise. 

Because these vibrations not only affects 

the ride quality but also causes fatigue 

damage of the various structural components. 

And the Blade Vortex Interaction (BVI) noise 

will be limitation of helicopter operation 

because it is generated during descent 

conditions for landing. 

In recent years, increasing attention 

has been devoted to Higher Harmonic Control 

(HHC) systems which uses swash plate to 

control the whole blade simultaneously, and 

Individual Blade Control (IBC) systems which 

uses individually located actuators to 

control the each blade. (Refs. 1 to 11) 

Since the blade control could be 

implemented to each individual blade, IBC 

system can more efficiently suppress the 

vibration and the noise than HHC concept can. 

Furthermore IBC can also improve the rotor 

performance by 2/rev input which HHC can not 

generate. 

ATIC is continuing analytical research 

about active flap to implement the IBC 
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system (Refs. 12, 13) and smart material 

actuators to control the active flap on 

blade. (Ref. 14) 

This paper describes the result of a 

fundamental study and wind tunnel test of 

such smart material actuators. 

2.Fundamental examination 

The overview of fundamental examination 

models are summarized in Table 1. The 

different two types of Smart Material 

Actuators are employed for three examination 

models. One of the actuator is the 

piezoceramic thin sheets which shaped into 

parallelogram form and another one is the 

magnetostrictive actuator. 

The first model shown in figure 1 is the 

aluminum plate twist model which generates 

the twist deflections of the thin aluminum 

flat plate by piezoceramic sheets. One end 

of the plate is fixed to model base and 

another end is connected to output rod. The 

piezoceramic sheets are oriented to 45 

degrees and directionally bonded to both 

surface of the aluminum flat plate. 

The second model shown in figure 2 is the 



X-sectioned composite twist model which 

generates the twist deflections of 

graphite-epoxy composite by same way as the 

aluminum plate twist model. The X-sectioned 

composite is used to avoid bending 

deflection loss of the plate and to get large 

area for piezoceramic sheets. 

The third model shown in figure 3 is the 

hydraulic / mechanical stroke amplifier 

model which amplifies the stroke output of 

magnetostricti ve actuator. The amplified 

stroke output of this model is linked to 

small active flap and the pitch angle of this 

flap is measured. 

The hydraulic amplifier system is 

consist with a large input piston which is 

driven by the actuator and a small output 

bellows. The bellows is used instead of the 

small piston to minimize the friction and the 

leakage of oil. Another mechanical amplifier 

system is consist with long lever and its 
rotating rod which forms the L-shaped lever. 

This rod also has the small offset of own axis 

and the ratio of this offset and lever length 

is the stroke amplification ratio of this 

system. 

As for the fundamental examinations, 

static and dynamic tests are conducted. In 

static condition, the twist deflection of 

the actuator output rod is measured by rotary 

encoder. And the moment of output axis is 

also measured. In dynamic condition, time 

history of the step response and the 

frequency response is measured. 

3.Results of examination 

The results of fundamental examinations 

are listed in Table 2. In static condition, 

twist deflection of more than 7 degrees was 

achieved by the aluminum plate twist model 

with piezoceramic actuator voltage at 200V. 

Figure 4 shows the relationship between 

twist deflection of output rod and actuator 

input val tage. We can see the hysteresis 

curve which commonly appears as the 

characteristics of smart materials. In table 

2, the X-sectioned composite twist model 

shows almost the same twist deflection but 
doubled output moment against aluminum twist 

model with the same input voltage. This 

improvement of output moment is gained by the 
area increase of the piezoceramic sheets. 

The relationship between the moment and 

actuator input voltage for X-sectioned 

composite twist model is shown in Figure 5. 

The hysteresis of this figure is smaller than 

the aluminum twist model. 

The result of hydraulic/mechanical 

stroke amplifier model in table 2 shows the 

disadvantage in comparison with mechanical 

Table 1 Examination Models 
Experimental Model Smart Material Actuator Stroke amplifier mechanism 

Twist the plate by strain of piezo 

Aluminum plate twist Piezoceramic sheet ceramic sheets on both side of 
plate. 

X-sectioned composite 
Use the X-sectioned composite 

Piezoceramic sheet instead of aluminum flat plate to 
twist increase piezoceramic sheets. 

Hydraulic/mechanical 
Simply multiplies the stroke of 

Magnetostrictive actuator by hydraulic piston or 
stroke multiplier mechanical link. 
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Table 2 Examination results 

Examination model 
Deflection Moment 

(degree) (kgf-mm) 

Aluminum plate twist +7. 6 +2. 3 

X-sectioned composite twist +7.1 +5. 9 

+3.4 +17.1 .~!'~:t:~~-~-~-~-. .S.~!.?.~.~---~!:I}.~.~P.~.~-~E .......... ................................... ····------------------------------· 
Mechanical stroke multiplier 

stroke amplifier system in both deflection 
and moment output. This result was caused by 
the friction losses of hydraulic piston. 
Figure 6 and 7 shows the relationship between 
the flap deflection and actuator input 
electric current of hydraulic and mechanical 
stroke amplifier systems respectively. By 
the effect of the friction, the hydraulic 
system has larger hysteresis than mechanical 
stroke amplifier system. 

As the example of result of dynamic 
response test, Figure 8 shows the time 
history of the step input response of 
mechanical stroke amplifier system. We can 
observe that the response of output twist 
deflection is very quick, but because of 
actuator's hysteresis and the friction, 
output twist deflection does not recover to 
zero when input current for actuator becomes 
to zero. As the example of frequency response, 
bode-plot of X-sectioned composite twist 

model is shown in Figure 9. Because of 
resonance with model base, actuator rod or 
flap model, there is a peak in gain plot at 
very low frequency (20Hz~30Hz) while the 
smart material actuator has very high 
frequency response characteristic. 

4. Wind tunnel test 

As the next step, we developed the full 
scale 2-D wind tunnel model to see the 
feasibility of flap actuation in the 

+4. 6 +25. 8 

realistic environment. 
Figure 10 and table 3 shows the overview 

of the wind tunnel model. The model blade is 
1m span and 0.39m chord with 10%c thick 
airfoil. And the model has active flap on its 
trailing edge which is 0.5m span length and 
20% chord length. 

We selected the piezoceramic stack 
actuator and mechanical stroke amplifier 

system which is shown in figure 11 to drive 
the active flap. And the stroke amplify rate 
was set to deflect the flap to ±5 degrees. 

The actuator was located at 25% chord of 
the blade and the whole system was equipped 
inside the blade except the link to flap 
hinge. 

The model has 4 types of sensors which are 
3 HALL sensors at flap hinge to measure the 
flap deflection, LVDT stroke sensor at flap 
actuation rod to measure the stroke 
deflection of the rod, strain gauge on flap 
link to measure the flap hinge moment and 
stroke sensor of actuator. 

The test was conducted with transonic 
wind tunnel at Kawasaki Heavy Industries, 

Table 3 Wind tunnel model 
Span 1 m 

Chord 0.39 m 

Flap span 0.5 m 

Flap chord 20 %c 

Airfoil section AIHOOD 
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Ltd. in June 1998. The mach number of this 

test was 0.3, 0.4, 0.62, and 0. 7. And the 

angle of attack of the blade was varied to 

0 and ±4 degrees. 

5. Wind tunnel test result 

Figure 12 to 15 shows the relationship 

between the flap hinge moment and the flap 

deflection of static response test at M=O. 3, 

0.4, 0.62, and 0. 7. 

From these figures, we can see that the 

flap hinge moment became larger as the air 

speed became higher. At M=O. 7, the hinge 

moment of 90 kgf-mm to -55 kgf-mm was 

achieved. And the flap deflection which was 

2. 3 degrees at M=O. 3 decreased until 1. 1 

degrees at M=0.7. And figure 16 shows the 

difference of the flap deflection by blade 

angle of attack. There are only small 

difference between angle of attack 0 and ±4 

degrees. 

Figure 17 shows the time history of the 

step input response at M=O. 62. From the 

figure we can see that the LVDT stroke 

response is very quick. 

As the results of frequency response test, 

figure 18 shows the bode-plot of flap 

deflection response at M=0.62. It is 

different from fundamental examination 

result that the gain plot has no peak because 

the resonant frequency became higher and the 

peak has weakened by the damping effect of 

the air. 

From the result of wind tunnel test, we 

developed the twin actuator system and made 

the optimization of stroke amplifier ratio. 

Figure 19 and 20 shows the schematics of 

twin actuator systems and concept of there 

movement. With the figure 19, type 1, both 

actuators moves in the same direction, and 

combine there force outputs. Another type, 

shown in figure 20, actuators moves opposite 

direction, and there stroke is doubled. 

Figure 21 shows the test scene of type 1 

model to measure the stiffness of several 

parts. 

With this modification work, we could 

reach to flap deflection of ±3. 2 degrees with 

3, 4, 5/rev conditions. 

6.Conclusions 

In this paper, we described the results 

of fundamental examination and full scale 

wind tunnel test of smart material 

actuators. 

By the results of these tests, we could 

find that the enlargement of actuator power 

and stiffness of stroke amplifier system is 

the key term to apply the smart material 

actuators to the helicopter rotors. 
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DEVELOPMENT OF A PIEZOELECTRICALLY ACTUATED 
LEADING-EDGE FLAP FOR DYNAMIC STALL DELAY 

T. Lorkowski, P. Janker, F. Hermie, S. Storm, M. Christmann 
DaimlerChrysler AG, Research and Technology 

Research Section Structural Materials, P.O. Box 800 465, 81663 Munich, Germany 

The design of a rotor blade requires a multitude of compromises due to the highly unsteady conditions during helicopter 
flight. Continuous adaptation to the constantly changing aerodynamic environment, e.g. by means of a variable airfoil 
geometry, should help to substantially improve the performance, safety and comfort of future helicopters and enhance 
their acceptability. One operational constraint is the phenomenon of dynamic stall on the retreating blade under certain 
flight conditions. In situ dynamic high-lift devices integrated in the blade to delay this undesirable phenomenon demand 
a compact and rapid-response drive mechanism. High-performance piezoceramic actuators developed by 
DaimlerChrysler provide a promising solution to this problem. Based on the analysis and benchmarking of various 
dynamic high-lift devices, an approach was derived that appears suitable for piezoelectric actuators: dynamic nose 
droop, whose aerodynamic benefit has already been demonstrated. A design proposal for the structural integration of a 
leading-edge flap is presented. Numerical two-dimensional simulation using a conventional rotor airfoil led to a trade-off 
between aerodynamic efficiency and mechanical performance. Implementation of the design gives special consideration 
to aerodynamic sealing and low-friction mounting without play at the actuator/flap coupling. 

1. INTRODUCTION 

With their ability to take off and land vertically, helicopters 
have become indispensable in many areas, rescue mis
sions, off-shore supply, and surveillance being classical 
examples. Comparatively high operating costs and high 
noise and vibration levels have so far been tolerated for 
the most part. However, because of their predominantly 
low-altitude operations, helicopters with their specific 
characteristics are increasingly perceived as environ
mental disturbances. Noise and vibrations reduce in-flight 
comfort for pilot and passengers. Vibrations also cause 
premature fatigue to humans and material and lead to 
higher inspection and maintenance costs. Noise 
reduction, higher in-flight comfort and an expanded 
operational envelope with enhanced performance are 
therefore urgently needed in order to open up new 
potential applications for this attractive and unique aircraft 
and improve its acceptance. 

To meet all these requirements, new, intelligent concepts 
must be devised, as conventional technologies are 
already approaching their limits. The partners within the 
Adaptive Rotor Systems project (AROSYS) - Eurocopter 
Deutschland (ECD), the German Aerospace Center 
(DLR), and the Research and Technology Department of 
DaimlerChrysler - are working intensively to impart 
competitive characteristics to future helicopter genera
tions [1 ]. Measures such as an active strut or a trailing
edge flap (servoflap) for individual blade control are prime 
examples [2]. 

In contrast to a fixed-wing aircraft, where lift, thrust and 
control are provided by three separate systems, in a 
helicopter the main rotor essentially provides all these 
functions required for controlled flight. The design of a 
rotor therefore entails a number of trade-offs. 
Consequently, any rotor blade will exhibit aerodynamic 
deficits in certain areas. One problem is the possible 
occurrence of flow separation on the retreating blade of 
the rotor. Known as dynamic stall, this can cause strong 

vibrations as well as limiting the performance of the 
helicopter. A remedy is promised by active adaptation of 
the blade characteristics by means of dynamic high-lift 
devices. 

2. DYNAMIC STALL 

As a helicopter travels forward, vectorial superimposition 
of the forward and rotational speeds (V _, .Q) produces 
higher velocities of the oncoming flow for the rotor blade 
on the advancing side of the rotor than on the retreating 
side. To ensure symmetric lift distribution, the angle of 
attack of the blade is therefore varied cyclically. The faster 
the helicopter travels forward, the more the blade must be 
inclined on the retreating side. When a certain point is 
reached, this leads to flow separation called dynamic stall 
within a locally limited area (Fig. 1 ). 

The phenomenon of dynamic stall has been extensively 
investigated both numerically and experimentally [3]-[6]. 
Most of the studies have been restricted to the two
dimensional case. This paper additionaly deals with what 
is known as "deep dynamic stall" only. Deep dynamic stall 
is characterized by distinct hysteresis loops in the 
aerodynamic force and moment coefficients (Fig. 2, left). If 
the amplitude of the angle-of-attack oscillation is 
sufficiently large, the maximum angle of attack of the 
blade is well above the static stall angle and the Mach 
number is relatively low, the phenomenon is largely 
independent of other parameters such as the blade 
geometry, type of motion, and Reynold's number. 

Fig. 2 also shows the processes that occur during 
dynamic stall over one cycle. Once the static limits are 
exceeded during the oscillation, a reversed-flow area 
forms in the boundary layer starting at the trailing edge of 
the airfoil. The aerodynamic phenomenon that dominates 
in dynamic stall starts at the leading edge of the blade 
with the development of a vortex. This vortex moves 
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downstream across the blade in the direction of the air 
flow. In the process, far higher C,, Cd and Cm values act 
than would be possible in the steady case. Before the 
vortex separates at the trailing edge, the lift reaches a 
maximum. As the vortex separates, however, very strong 
negative pitch moments occur. The separated airflow is 
now fully developed and, if the blade has again reached a 
low angle of attack in its oscillatory motion, it takes much 
longer for a "healthy" flow pattern to be restored. The 
strong pitch moments act via the control rods to produce 
vibration in the helicopter airframe. 

r-

Fig. 1 Velocity vectors and dynamic stall area on the 
rotor disk in forward flight. 

Fig. 2. 

-·(t) 
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Dynamic stall processes on the NACA 0012 
airfoil (dashed lines represent static values) [4] 

3. DYNAMIC HIGH-LIFT DEVICES 

It is assumed that high-lift devices, as have been used 
successfully on fixed-wing aircraft, can, to a certain extent, 
be applied to helicopters as well [6]. The known measures 
can be divided into two groups: airfoil geometry variation 
and direct influence of the boundary layer. Measures that 
only ensure a delay of the flow separation by statically 
altering the airfoil properties are not considered here. 
These methods generally provide higher lift on the 
retreating side of the rotor but can cause disturbances at 
higher Mach numbers {higher drag, induction of shocks). 
To prevent negative effects, a dynamic process is 
required. 

The work by McCloud et al. [7] was one of the first suc
cessful attempts to actively and dynamically influence 
blade characteristics in this way. In full-scale wind-tunnel 
tests, they succeeded in delaying flow separation on the 
retreating blade by blowing air tangentially into the 
boundary layer through small slits near the leading edge 
(xlc=0.085) on the upper side of the airfoil. First air was 
blown continuously on all the blades. By suitable control in 
the distributor for blowing on the retreating blade only, the 
mass flow, and thus the required power, was reduced by 
one half without any loss of the positive effect. 
Experiments in which blowing was carried out further 
downstream on the airfoil showed no effect. The above
described local limitation of the dynamic stall 
phenomenon to effects on the leading edge of the blade 
and in the retreating blade area is evident. In principle, 
tangential acceleration of the boundary layer fluid across 
the upper side of the airfoil also occurs with a slat, but in 
this case the air is taken from the bottom side of the airfoil 
and guided through a converging gap to the top. A 
moveable slat [8] or a gap, with a stationary leading-edge 
section, that is dynamically opened and closed [9] have . 
been proposed. 

A number of studies exist on dynamic geometry varia
tions. The approaches range from a simple thickness 
variation of a symmetrical airfoil [1 0], to a dynamic 
increase of airfoil camber achieved by lowering the 
leading edge of the blade (nose droop) [11], [12], to a 
consideration of the influence of the airfoil nose radius 
[13], [14]. What they all have in common is a positive 
effect on delaying the dynamic stall onset. Continuous 
deformation of the blade contour has decisive 
aerodynamic advantages. Even very small changes pro
duce an effect, especially in the sensitive leading-edge 
area. 

From the multitude of the alternatives described above, 
the approach using a discrete leading-edge flap was 
selected. The positive aerodynamic effect of dynamically 
lowering the leading-edge of an airfoil (nose droop) had 
already been successfully demonstrated on various airfoil 
geometries. The high negative-pressure peaks at the 
leading edge are reduced, flow separation is delayed, and 
hysteresis loops are reduced. A discrete flap also permits 
the energy required for elastic deformation during 
continuous contour variation to be used to overcome the 
aerodynamic forces and moments or to provide greater 
movement authority. Based on existing flap technologies, 
integration in a rotor blade appears feasible. 
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4. ACTUATOR TECHNOLOGY 

To operate a dynamic high-lift device, a actuation 
mechanism of some sort is needed. Systems that require 
extensive auxiliary components should be avoided from 
the outset. Local integration in the rotor blade itself places 
extreme demands on the system: very limited installation 
space, large centrifugal loads, highly dynamic control, 
high performance, and low weight. A promising approach 
is offered by actuators based on piezoceramic materials. 

The characteristics of piezoceramic actuators are based 
on the inverse piezoelectrical effect. Piezoceramics are 
solid-state materials that change in shape when subject to 
an electric field. Their use as sensors is well known. In 
such applications, a mechanical deformation is converted 
into a voltage by internal charge shifts [15]. This combined 
ability makes piezoceramic elements ideal for integrated 
adaptive electromechanical systems. Thanks to their 
solid-state characteristics, very high forces, high 
precision, and high dynamics can be achieved. However, 
the small deflections must be amplified if these elements 
are to be used advantageously in macroscopic systems. 
The Research & Technology Department of 
DaimlerChrysler has successfully introduced several 
hybrid actuator systems that meet these requirements 
[16]. 

The double frame developed for flap actuation shown in 
Fig. 3 amplifies the displacement of the piezostack by a 
factor of about 10. The generated force is correspondingly 
reduced in accordance with the leverage law. 

Fig. 3. Hybrid actuator with double transmission 
frame and integrated piezostacks. 

This arrangement ensures absolutely playfree operation 
and only relatively small energy losses in the bending 
zones. Characteristic parameters of this actuator are a 
blocking force of 650 newtons with a free displacement of 
1.1 0 mm. Easy scaling of these value allows custom
made design for different fields of application. Additionally 
piezoceramic actuators as relatively modern devices offer 
high potential for future improvements [16]. The high 
power density permits complete integration in the rotor 
blade contour. Only three lines through the blade are 
required for power supply, and the energy can be 
transmitted from the rotor to the nonrotating system via 
conventional slip rings. 

5. NUMERICAL SIMULATIONS 

The numerical simulations were performed with a conven
tional rotor-blade airfoil of medium relative thickness as 
used in modern helicopters. It represents an ideal 
compromise for use in current helicopters. To ensure a 
continuous data base this airfoil geometry is used 
throughout all subareas of AROSYS. However, it has 
certain deficiencies for investigating the dynamic stall 
effect, e.g. a relatively high camber in the leading-edge 
area. Nevertheless, these aspects are secondary to the 
demonstration of design feasibility. In principle, the 
system can be integrated in any airfoil providing the same 
installation volume. 

The primary considerations for determining the flap 
dimensions are the aerodynamic efficiency together with 
the moments resulting from the necessary geometry 
variation and the forces acting on the actuators. In 
aerodynamic terms, a large flap with a large deflection is 
desirable. However, this desire places considerable 
demands on the actuators. Thus, here too the object is to 
find an optimum compromise. The numerical simulations 
consider only the two-dimensional case. 

The first step is to generate suitable geometries. The pivot 
position xofyo is varied as well as the deflection angle l]f 
with intermediate steps at increments of 0.5°. From the 
pivot, a projection is made perpendicular to the upper side 
of the airfoil in order to define the end of the flap. A radius 
then begins at this point, which at the maximum deflection 
describes a gentle transition to the rest of the airfoil. The 
discontinuety in the contour of the bottom of the airfoil has 
no effect on the accuracy of the result. With the specified 
coordinates, the simulation tool used generates a new 
"interpolated" contour that exhibits a smooth transition 
(Fig. 4). The discussions in the further course relate to a 
pivot position in the y-direction that is always on the 
bottom side of the airfoil. This has three main advantages: 
a simplified method of geometry generation, maximum 
curvature radius at the transition area, and minimal influ· 
ence on the aerodynamic effect. 

.... 

Fig. 4. 
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Generation of the nose flap geometry. 

For the aerodynamic simulations, three reference points 
were defined that are derived from one case of fast for
ward flight (TABLE 1 ). Here, case 1 is of main importance. 
Cases with higher Mach numbers were also investigated 
but are not discussed further. They are of interest with 
respect to "nonoperation" in the neutral position. 
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Case Ma Re 'I' [, 

1 0.33 2.29e6 270 Retreating blade 

2 0.54 3.74e6 01180 

3 0.74 5.13e6 90 Advancing blade 

TABLE 1. Reference points for simulation (fast forward 
flight, !! = 0.37) 

For simulation, a program package was used which is 
based on the solution of Euler's equation with boundary
layer coupling [17]. The results obtained included the 
pressure distribution and the integral coefficients. From 
the pressure distribution, also the loads on the flap were 
calculated. Integration was then performed only over the 
flap surface with the pivot xo, Yo as a reference point (Fig. 
4). Selective consideration of the friction coefficient c1 

produced only fractions of the integral forces and 
moments of less than 3% and is not further pursued here. 
For faster convergence, a forced transition was set at 
xic=0.06. 

Fig. 5 shows the maximum lift coefficient of the airfoil as a 
function of the flap geometry. With increasing relative flap 
size Xtlc and increasing deflection angle T]t, an approxi
mately linear growth of c, max can be observed. However, 
with small flap geometries, the curve flattens at larger 
angles. Increasing the flap angle then does not result in 
any further growth of c, max· A limitation of the flap size 
and flap deflection due to the resulting loads acting 
directly on the actuators occurs relatively quickly. 

2.1 

Cam ax 
2 

1 .9 +15% 

1.8 

--0.05 
--0.075 

1 .6 --.1.-- 0.10 
----0.15 

1 .5_)_---+-------Jc.....'::::==:::::::::;--' 
0 

Fig. 5. 

1 0 

Maximum lift coefficients for various flap con
figurations (case 1 ). 

Fig. 6 presents the moment coefficient of the flap in rela
tion to the flap pivot for various flap geometries on the 
original airfoil (flap in the neutral position). It can be seen 
that the moment coefficient is relatively independent of the 
pivot position in the y-direction in comparison to the flap 
size. A special feature is the possibility of moment-neutral 
mounting of the flap for a relative airfoil fraction of about 
7.5%. However, such a small flap would not be very use
ful. Fig. 7 shows the dependence of the moment 
coefficient of the flap Cmt on the deflection angle T]t for a 

flap of 1 0% relative airfoil chord. The growth of the acting 
moment is smaller than that resulting by shifting the pivot 
position. The cluster of curves with open symbols shows 
the limits for an actuator with various levels of 
performance. The following applies to the hybrid actuator 
used here: 

s 
FB z = 650N · 0.55mm = 0.35Nm 

Fig. 8 shows for the reference cases defined in TABLE 1 
with the established flap size the expected moments that 
act on the actuators via the mechanism as forces to be 
overcome. It is noteworthy in this context that the 
coefficients for various Mach numbers are virtually 
identical over a large angle-of-attack range. For the 
maximum deflection, the moment increases further at high 
angles of attack. At lower angles of attack the moment 
acting on the flap becomes negative. This means that the 
actuators must hold the flap, for example on the 
advancing side, in the neutral position. 
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Flap moment coefficient on the original airfoil 
as a function of pivot position and thus flap 
size (case 1, a=12.5"). 
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Moment coefficient as a function ot pivot posi
tion and flap angle in comparison to the 
performance of the actuator. 
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Thus, a flap size of 10% relative airfoil chord and 10° 
maximum deflection seems feasible. For this configuration 
the maximum lift coefficient increases by 17%. The angle 
of attack at which drag increases significantly and the stall 
angle are increased by about 2.5° (Fig. 9). 

·5 

Fig. 8 
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1-+- Ma=0.33, flap 10~ 

Moment coefficient of the nose flap on the 
original airfoil for cases 1-3 and for the maxi-

6. STRUCTURAL DESIGN 

General aspects tor the structural implementation are 
shown in Fig. 10. To ensure a smooth airfoil contour at 
rest as well as in the deflected position, special attention 
must be given to the precise implementation of the 
interface from the flap to the trailing airfoil structure. The 
integratability and exchangeability of the erosion protec
tion must also be considered. Here, a discrete flap has 
decisive advantages, as erosion protection can continue 
to be realized as before. All joints and connections must 
be tree of play and as frictionless as possible. 

Actuator 
Struclural Coupling 

Sealing AY"""'"""'~~=::.......,. _ _;,Actuator 

I 
-f---+--1 

S1ructure 

mum deflection angle of the flap in case 1 Fig. 1 o. General design aspects tor implementation of 
the leading-edge flap for adaptive airfoil 
variation. 
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Fig. 9 
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Lift, resistance, and moment coefficients ver
sus angle of attack for the original airfoil and 
with lowered nose flap (case 1 ). 

The assumptions made in the numerical simulations with 
regard to the pivot position cannot all be realized in the 
design of the flap. Fig. 11 schematically illustrates the 
functional principle. Asymmetric forces on the actuators 
should be avoided. Due to the installation height of the 
actuator, the line of action approximately coincides with 
the zero line of the airfoil (y/c=O). The paired actuators are 
arranged in series. The structural attachment is located in 
the center between the two frames. To monitor the force 
level and to characterize the system, two axial force 
transducers are initially integrated in the load path. How
ever, these will not be integrated in the actual helicopter 
rotor blade, where the preload level will be set purely by 
means of geometric relationships. 

Fig. 11. Principle of the mechanism of action of the 
leading-edge flap. 

By applying an offset voltage of half the maximum voltage 
to the piezostacks, the system is endowed with an addi
tional preload. The actuators are wired in such a way that 
they always move in push-pull mode. For example, if the 
rear piezostack elongates, the transmission frame 
undergoes contraction in the direction of its width. This 
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movement is transmitted via the rear coupling point to the 
push rod. The rod extends through the entire arrangement 
to the front, where it causes a forward movement of the 
flap pivot. This leads to a downward deflection of the flap 
via the lever arrangement. The other piezostack contracts, 
producing a movement of the pull rod in the same direc
tion via the frame. The adjusted force level remains 
constant in the process (ignoring losses). Deflection of the 
flap in the other direction, i.e. upward, is undesirable and 
is therefore prevented by a stop. Since no displacement is 
needed in this direction, a much higher force authority is 
available (blocking force) to keep the flap in the neutral 
position on the advancing side of the rotor (see Fig. 8). 

The flap is hinged on high-precision ball-bearings. These 
only have to withstand the relatively small transverse 
aerodynamic forces. In order to maintain the required 
deflection angle of 10° in the context of the available 
displacement authority of the actuator of s/2=0.55 mm, a 
lever arm of 3.15 mm was selected. The small dimensions 
demand high-precision manufacturing of all the 
components. Particularly at the interface of the flap to the 
rest of the blade, care must be taken to ensure that no 
excessive gaps or steps occur. The curved surfaces will 
help to maintain a relatively high stiffness of the 
components. Fig. 12 shows the demonstrator built for test 
purposes. The voluminous force transducers will not be 
present when the mechanism is integrated in an actual 
rotor blade. The actuators can then be moved forward by 
about 40 mm. This will result in a weight reduction while at 
the same time helping to the keep the center of gravity 
line of the airfoil at 25%. In current airfoils, this is usually 
accomplished by integrating lead in the nose section. 
With a moving leading-edge flap, such a high weight 
within the flap would be disadvantageous. The leading
edge flap must be as lightweight as possible. 

Fig. 12. Demonstration model for functional analysis of 
the leading-edge flap. 

7. CONCLUSION AND OUTLOOK 

The performance of current helicopters is limited by the 
occurrence of dynamic stall on the retreating side of the 
rotor. This situation may be remedied by the use of dy
namic high-lift devices integrated in the rotor blades. From 

the large number of possibilities available, an approach 
was selected that appears suitable for implementation 
with reasonable effort: dynamic lowering of the leading 
edge of the blade by means of a discrete flap (nose 
droop). The discrete leading-edge flap has several 
advantages. Experience gained from the implementation 
of the discrete trailing-edge flap (servoflap) can be directly 
applied. The simple defined geometry variation, the 
already demonstrated efficiency, and the clear mechanical 
aerodynamic relationships further facilitate the design 
process. Numerical simulations led to a compromise 
between the aerodynamic efficiency resulting from the flap 
size and deflection and the resulting loads on the 
actuators. For a 10% flap with 10° maximum deflection 
angle, a 17% increase of the maximum lift and a 2.5 o shift 
of the stationary stall angle were achieved at a low Mach 
number. 

High-performance actuators based on piezoelectrical 
materials have been chosen as drives for the flap. Pie
zoactuators are distinguished by a high power density 
and, thanks to their specific properties, are superior to 
conventional approaches under the given conditions. An 
amplification frame makes their elongation at a high force 
level practicable for macroscopic applications. All 
interfaces are free of play and as frictionless as possible. 
Both the aerodynamic design and the structural 
implementation were limited to the two-dimensional case, 
which is sufficient for the planned wind-tunnel tests. The 
model discussed is intended to demonstrate the basic 
feasibility of structural integration. 

For helicopter use, other important conditions must be 
taken into account. Here, we can draw upon the expe
rience gained with the much further developed servoflap. 
Important points are a design suitable for rotational use, 
three-dimensional effects, and failsafe operation. A new, 
optimized design of the entire rotor system based on the 
assumption of the availability of integrated control 
surfaces has great potential. Thus, for example, the airfoil 
thickness in the outer blade area could be reduced. The 
resulting reduced lift could be compensated for by means 
of dynamic high-lift devices with a simultaneous power 
saving and possible reduction of high-impulsive noise. 
Combined use with a servoflap would also be 
conceivable. Considerable potential for improvement is 
thus available for future helicopter generations. 
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One key element of a rotor with individual blade control (IBC) based on an advanced flap 
control technology is a powerful and reliable actuator system. The need for highly dynamic 
system response, compact and robust design makes actuators based on piezoelectric materials 
a promising approach. 

Piezoelectric materials deliver a solid-state displacement when subjected to an electric field. 
For successful application in mechanical subsystems this displacement normally needs to be 
amplified. Research efforts at DaimlerChrysler' s Research and Technology Labs for 
Advanced Material Systems led to a highly efficient amplification mechanism that follows a 
rhombic, multiple frame design with no play and wear. 

During extensive bench tests and when implemented in a rotor-blade segment for a three
week wind-tunnel test series, the actuator system demonstrated excellent performance and 
durability [1]. 

A further important step now is to ensure the ability of the system to withstand high 
centrifugal loads. The actuator itself, its mounting and the structural flap coupling have been 
optimized using FEM analysis tools. Again, bench tests demonstrated the functionality of the 
system. Results of the behavior of the piezoelectric actuator under centrifugal loads and the 
performance compared to the nonrotating case are presented. In addition to the test results, the 
test facility itself will be described, including the basic whirl tower, the energy- and data 
transmission system and the experimental rotating system. 

1. Introduction 

Some of the most urgent development tasks in the area of helicopters are to reduce noise 
pollution and vibrations and to enhance flight performance. An example of a promising 
technology that has been promoted by ECD and DaimlerChrysler Research and Technology is 
Active Rotor Control, which represents the key element of a future helicopter. For control 
purposes, trailing-edge flaps are installed in the outer part of the rotor blades which are driven 
by piezoelectrical actuators [3]. Control of each rotating rotor blade is effected with high 
speed and precision. The electronically controlled deflection of the relatively small flap 
causes, especially for torsionally soft designs, blade twisting with the effect of a considerable 
aerodynamic change in lift. The high energetic efficiency of the rotor control is based on this 
servo effect. For specific rotor and control data, also direct lift effects are active. 
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The active rotor control has four main technical objectives: 

• Reduction of impulsive main-rotor noise and cabin vibrations 
• Stall delay 
• Stabilization of the rotor dynamics. 
• Automatic blade tracking 

The impulsive main rotor noise occurring during descent and manoeuver flight is excited by 
blade vortex interaction. This interaction is strongly reduced by increasing the misdistance 
between blade tip vortices and blades through local increase of the rotor downwash, e.g. by a 
2/rev control input. The blade vortex interaction is detected either by pressure transducers on 
the blades or by on-board microphones. 

For vibration reduction of a four-bladed rotor, a 3/rev, 4/rev and 5/rev control input creates 
"artificial" dynamic blade loads which counteract the immanent blade loads responsible for 
the cabin vibrations. These are measured either by strain gauges at the blade roots or by 
accelerometers at the main gear or in the cabin. 

The stall onset can be delayed by locally decreasing the blade pitch on the retreating side. The 
resulting loss of moment balance and lift is compensated by a correspondingly reduced blade 
pitch on the advancing side and an increased pitch in the fore and aft region of the rotor 
azimuth. Stall onset is detected either by pressure transducers on the blades or by strain 
gauges on the pitch links. 

For the rotor stabilization in lead-lag a feed-back of lead-lag angle and velocity leads through 
coupling between blade torsion, flapping and lagging to increased lead-lag damping. The lead
lag motion is sensed by strain gauges at the blade roots. 

The automatic blade tracking can be attained by measuring the 1/rev unbalance in the fixed 
system and by introducing an appropriate constant flap angle. 

For all of these methods, fast closed loop algorithms have to be applied in order to cope with 
the non-steady behaviour of helicopter flight. 

The flap system comprises a flap with hinged supports that is driven by linear actuators. In 
order not to unacceptably change the nominal position of the e.g. line at approx. 25% of the 
blade depth, the actuator is mounted near the blade leading edge. A control rod is used for 
force transmission. 

Controlling a flap integrated in the outer area demands a great deal of the actuator system: 

• Only little installation space is available in the rotor blade. In addition, the required e.g. 
position of the blade at approx. 25% of the blade chord requires mass concentration in the 
leading-edge area. 

• The high centrifugal acceleration (typically 800 - 1,000 g) results in large mass forces. 
Consequently, the overall weight of the actuator-flap system must be minimized. 

• The actuator must cope with high air loads. The actuator dynamics must allow a 5/rev 
control or even higher frequencies. In the EC135 helicopter this corresponds to 35 Hz. 
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• The actuator system must generate sufficient stroke to control a flap deflection of ±8°. In 
the concrete case of an EC135, the actuator system must achieve a stroke of approx. 1 mm 
and a force of 2,000 N. 

2. Solid State Actuator Technology 

The realization of Active Rotor Control depends primarily on the performance of the actuator. 
Careful analysis of actuator technologies was a main focus of work at the start of the project, 
particularly innovative actuator technologies based on active materials. 

Actuators based on mechanically active materials (smart materials) represent a new approach. 
Research activities in this area are being vigorously pursued in the USA, Japan and Germany. 
A number of alternative actuators are being considered. These can be classified according to 
the type of control energy needed, namely thermal actuators, i.e. elongating bodies made of 
polymers, waxes and SMAs (Shape Memory Alloys); electrical and magnetic actuators, i.e. 
piezoactuators and magnetostrictors (terfenol-D) [1]; chemical actuators, i.e. electrochemical
pneumatic actuators, pyrotechnical actuators. 

Of extraordinary technical importance are electrically controlled actuators that can be 
integrated into electronic control systems and represent the core modules of mechatronic 
systems. Within this major group, piezoelectric ceramics (PZT) offer a high potential 
compared to the more widely used electromagnetic actuators [2]. 

Piezoelectrical ceramic materials convert electrical energy directly into mechanical 
movement. The energy conversion takes places as soon as electrical energy is applied and is 
limited only by the dynamics of the mechanical system. An element of piezoelectrical material 
constitutes an actuator in itself. From these primitive prototypes, more complex actuator 
constructions can be derived. For example, a flexing actuator is formed by bonding a 
piezoceramic plate onto a passive substrate. Block-shaped piezoelectrical elements that 
generate only small deflections can be advantageously combined with gear elements to form 
hybrid actuators. 

In conclusion, the outstanding advantages of piezoelectrical actuators are their high dynamics. 
high deflection resolution, high force generation, high specific working capacity and simple 
construction. 

3. Actuator Design 

The required actuator stroke in the mm range with actuator forces in the range of 1,000 N is 
about one order of magnitude greater than the stroke capacity of previously available 
piezoelectrical actuators. 

After having analyzed the requirements, it is seen that, from today's point of view, only 
piezoelectric actuators are suitable for operating a flap in the outer area of a rotor blade. The 
decisive technical hurdle in developing the piezoelectrically controlled flap system was the 
low elongation capacity of PZT materials. 
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Many applications in mechanical engineering demand high-performance actuators with a 
stroke in the mm range. Because of the low elongation capacity of piezoelectrical materials, 
stack actuators are unsuitable. A suitable method of construction that was developed by 
Daimler-Benz Research in recent years is the hybrid actuator. 

A hybrid construction method, comprising a piezostack with a hydraulic or mechanical step
up gear, is suitable for actuator forces of Fb > 500 N. The step-up gear must meet the 
following requirements: 

• Stiff support of the piezostack 
• No mechanical play, no/slight friction 
• High gear stiffness 
• High energy efficiency: low elastic energy losses 
• Gear ration- 10 
• Low weight relative to the piezostack 
• Production-oriented construction 

A number of different designs for the implementation of a step-up gear were put forward. The 
influence of the mounting frame alone on the overall performance of the hybrid actuator is 
discussed below with the aim of revealing the limitations of the hybrid construction method. 

An important criterion of the quality of a design as regards working capacity is the mechanical 
efficiency TtMECH, which is defined as the ratio of the working capacity of the hybrid actuator 
(WH) to the working capacity of the piezo (Wp): 

(1) 

Assuming that the stroke at the mechanical output corresponds ideally to the theoretical 
transmission ratio n and is not reduced by restoring elastic forces, the mechanical efficiency is 
defined solely by the ratio of the real to the theoretical blocking force at the mechanical output 
(FHR and FHT): 

TtMEcH = FHR/ Fm (2) 

The reduction of the blocking force is calculated from the ratio of the overall stiffness of the 
mechanical series connection of the stack (Sp) and frame (SR) to the stiffness of the piezostack 
alone: 

(3) 

In order to increase the efficiency, greater stiffness of the frame (and gear) is required. 
However, massive and voluminous construction is not desirable, as a low overall weight is the 
objective. A high specific working capacity is aimed at. A further important criterion of the 
design quality is therefore applied, namely the mass efficiency rtMAss, the ratio of the specific 
working capacity of the hybrid actuator and piezostack: 

(4) 
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To arrive at an estimate, the frame is assumed to be a prismatic rod as long as the piezostack. 
The frame data are scaled with respect to the piezostack: 

a : = AR/Ap 
y := YR!YP 
r .- PR/pp 

where: 
R,P = 
A = 
y = 
p = 

index frame, piezo 
cross-sectional area 
Young's modulus 
mass density 

The base plates are neglected. Hence, the mechanical efficiency and the mass efficiency are 
calculated as follows: 

(1 -1 .]) -1 
T]MECH = +a r 

(I ) ·1(1 -1 ·1) I 
TJMASS = +a r +a y 

(5) 

(6) 

The mass efficiency reaches a maximum for the relative cross section lloPT = (ry)"0
·
5

. For steel, 
lloPT is 43%, assuming a Young's modulus for the piezocerarnic material of 38 Gpa. The 
maximum mass efficiency T]MASS is 48%. 

Designing the frame cross section to be larger than the cross-sectional ratio aoPT. which is 
optimal with regard to the mass efficiency, is in any case expedient. Above aoPT there is a 
conflict of goals between mass efficiency and mechanical efficiency. 

In view of this compromise, the working capacity is assessed higher, as the technical 
(electrical power supply) and the economic price of the piezo is always higher than the effort 
involved for the mechanics. 

An integrated design is considered to be the optimum construction method for a weight- and 
volume-optimized hybrid actuator. The stiff mounting frame, which is required in any case, is 
designed by the integration of joints as a gear. In order to prevent play and wear, flexures are 
used as joints. Fig. 4 shows the diamond-shaped geometry of the gear. 

Figure 1: DWARF 
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Due to the geometric arrangement, an expansion movement of the piezostack is transformed 
into a pulling movement. Critical elements of the design are the flexures that are loaded in the 
movement and bending directions. The flexures act as a spring load on the piezostack to 
reduce the free stroke. At the same time, the flexures are a determining factor for the stiffness 
SR of the frame. A compromise must be made between high axial stiffness and low bending 
stiffness. At the same time, the material load with respect to the joints (axial tension and 
bending) must be designed so as to achieve high fatigue strength. 

The efficiency of the gear was optimized by designing it as a multiple frame. With high axial 
frame stiffness, the bending stiffness of the joints is reduced, the material load on the joints is 
decreased and the stroke is increased. 

F 

F 

Figure 2: Multiple frame. Joint area. 

With n-fold subdivision of the frame, the bending stiffness is reduced by a factor n·2 and the 
boundary fiber elongation by n·1

. The detailed computational optimization of the DWARF 
system was effected using analytical methods and FEM. The dynamics of the hybrid actuator 
are very good, with the first resonance frequency occurring at 220 Hz. 
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Figure 3: FEM calculation. Detailed study of the joint area. 

The performance data of the DWARF actuator were decisively improved over several 
development phases. The main characteristic data at present, determined at 35 Hz, are given 
below: 

• Blocking force 
• Free stroke 

780N 
1.26 mm 

• Mechanical efficiency 
• Mass efficiency 
• Mass 

G21-6 

83% 
33% 
400 g 



( 

( 

( 

The thermal expansion of the piezoactuator over an extended operating-temperature range 
must be taken into consideration. The thermal expansion coefficients of the frame and the 
piezo can be adjusted by selecting suitable materials or material combinations. 

4. Flap Design 

The pursued design comprises a hinged flap that is driven by a linear activator via a control 
rod. Fig. 4 shows the actuator integrated in a wind-tunnel model. Four actuators are mounted 
near the blade leading edge. Two flap halves are driven via control rods. This arrangement is 
consistent with the requirement that the e.g. line must be at about 25% of the blade depth. 

The flap stroke is controlled via a dual-circuit electronic system. An outer control circuit 
analyzes the signals relating to the flight state and relays a correct path to the inner control 
circuit. In the inner circuit, a processor analyzes a flap-deflection signal from a sensor and 
generates a control signal that is transmitted to the piezoelectrical actuators via a power 
output. The inner circuit compensates for the effects of hysteresis and friction as well as for 
external loads and perturbations and ensures a linear relationship of the control signal and flap 
stroke. Key elements of this technology are the power generators. Installation space is 
restricted, and only low construction weight is allowed. Moreover, the power consumption 
must be kept low. For these reasons, only switching amplifiers come into consideration as 
power outputs for recovering the electrical energy stored in the piezoactuators and thus 
minimizing net consumption from the onboard power supply. 

I 
Figure 4: Wind-tunnel model. View of the actuator-flap module. 
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5. Test Procedure 

The newly developed flap technology was subjected to an extensive test series. The procedure 
is divided into the following phases: 

• Electromechanical characterization of the piezoelectrical actuators 

• Characterization and fatigue testing of the DWARF actuators 

• Performance test of the actuator-flap module 

e Wind-tunnel tests 

• Tests of the DWARF actuators on a rotational test bed 

Important milestones of the project are the attainment of sufficient performance in the wind 
tunnel and the demonstration of mechanical strength in the centrifugal field. 

5.1 Wind-tunnel tests 

A rotor-blade segment fitted with a flap-actuator module was subjected to an exhaustive two
week test series in a wind tunnel. The aim of the tests was to demonstrate sufficient authority 
of the piezoelectrical actuators under realistic aerodynamic loads and to clarify the basic 
aerodynamic relationships [3]. The tests successfully demonstrated the suitability of the flap 
technology. The system operated flawlessly throughout the entire period. 

5.2 Centrifugal Testing 

In later use in a rotor blade, the actuators will be subjected to extraordinarily high mechanical 
loads as a result of centrifugal acceleration. After detailed mathematical analysis and design 
work, an actuator was tested on a rotational test bed (Fig. 5). 

Figure 5 Test bed for the centrifugal test. 
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The DWARF actuator was mounted inside a rotating arm. During rotation, the actuator was 
controlled via an electrical slip ring. Measurement signals for the actuator force and path were 
transmitted to the stationary system and recorded. The illustration below presents a sample of 
measurements of the blocking force, showing constant behavior across operating frequency 
and rotational speed. The rotation tests demonstrated adequate strength of the DWARF 
actuator for use in a rotor blade. Successful conclusion of the rotational tests marked an 
important milestone in the project. 
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Figure 6: Measurement of the blocking force of the DWARF actuator during centrifugal 
testing. 900 rpm, corresponding to a centrifugal acceleration of 800 g 

6. Conclusion 

An innovative flap-control technology is being developed for future helicopters. At the heart 
of the technology is a piezoelectrical actuator. The high-performance DWARF actuator was 
designed to drive a flap integrated in a rotor blade and was optimized in terms of energy and 
mass efficiency as a figure of merit. Detailed tests, including rotational tests, demonstrated the 
basic suitability of the system. In the next step, full-scale rotor blades will be fitted with this 
new technology and tested on a whirl tower. Subsequently, it is planned to test the rotor 
equipped with high-frequency flap control in flight. Up to the stage of production maturity, 
special challenges will be to demonstrate the reliability and service life of the piezoelectrical 
actuators under realistic load conditions. 
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Introduction 

The advanced technology is based on 
mathematical simulation ( software ), on a 
model testing, on a flight tests and on an 
experience of helicopter development, on the 
new developed materials. 

The Fig.!A & Fig.1B show basic 
parameters of coaxial KAMOV's helicopters. 

1. Coaxial rotor mathematical 
simulation & physical experiments 

The survey of the theoretical and 
experimental coaxial rotor aerodynamic 
research published by Coleman, C.P. [ 4] and 
by Bourtsev, B.N. [9,10]. 

The paper [9,10] presents the results _of 
figure of merit analysis for single and coroaal 
maln rotors at hover as well as for a helicopter 
with a tail rotor and a coaxial helicopter. The 
analysis has been performed using a simple 
physical model based on the results of 
numerical simulation, wind tunnel tests and 
full scale flight tests. 

It is demonstrated [9,10] that a 
characteristic feature of coaxial maln rotor is a 
high aerodynamic perfection at hover caused 
by an additional amount of air being sucked in 
by the lower maln rotor ( Fig.2 ). The coaxial 
rotor at hover demonstrates a 13% larger figure 
of merit value in comparison with a single 
rotor unbalanced by torque ( Fig.2 ). Absence 
of tail rotor power losses provides a 20% 
larger figure of merit for a coaxial helicopter 
as a rotorcraft ( Fig.2, Fig.4 ). Fig.3 presents 
the coaxial rotor figure of merit. These results 
were obtalned by measuring in full scale flight 
test at hover. 

Full-scale flight investigation of a Ka-32 
coaxial helicopter tip vortex wake structure 
was successfully completed [ 5 ,6]. A smoke 
visualization method was applied using blades 
smoke generators installed. A tip vortex wake 
was visualized in hover, at low flight speeds 
and medium flight speeds ( Fig.3, Fig.5 ). 
A specific dimensionless number has been 
adopted to determine inductive velocities and 
flight speeds related to an ideal inductive 
velocity in hover ( Fig.5 ). The wake form was 
determined and the tip vortex velocities were 
measured in hover. The tip vortex vertical 
velocities turned out to be less then the 
inductive velocity of the ideal rotor in hover. 
The measured wake contractions were equal to 
0.85R for the upper rotor and 0.91R for the 
lower rotor ( Fig.3 ). 
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The tip vortex coaxial rotor wake was 
visualized in a forward flight. In the rotor front 
part the free tip vortices were positioned above 
the tip path planes. That flat part of a free 
wake could extend along the rotor up to 314 of 
its radius ( Fig.5 ). 

2. Basic design solutions and 
aeroelastic phenomena 

It is very important to have a substantiation 
of aeromechanical phenomena. This is feasible 
given adequate simulation making possible to 
explain and forecast: 
- natural frequencies of structures; 
- loads & deformation; 
- aeroelastic stability limits: stall flutter, 

transsonic flutter, ground resonance; 
- helicopter performance & maneuverability. 
KAMOV Company has developed software to 
simulate a coaxial rotor aeroelasticity 
[1,2,3,8,9,10]. Aeroelastic phenomena to be 
simulated are shown in the Fig.6 as ( 1-7 ) 
lines in the following way: 
(1) -system of equations of coaxial rotor 

blades motion ; 
(2) - elastic model of coaxial rotor 

control linkage (boundary data); 
(3) - model of coaxial rotor vortex wake; 
( 4,5,6) - steady and unsteady aerodynamic 

airfoils data; 
(7) - elastic I mass I geometry data of 

the upper /lower rotor blades and 
of the hubs. 

The lines (1-8) in Fig.6 show functional 
capabilities of the software. Columns (1-5) 
conform to versions of the software . Both 
steady flight modes and manoeuvres of the 
helicopter are simulated . 

Based on experience ofKAMOV Company 
new key design approaches regarding the 
coaxial rotors of the K.a-50 helicopter were 
developed. 

The blade aerofoiles were developed by 
TsAGI for the K.a-50, K.a-115, Ka-226 
helicopter specially (Fig. 7). Optimal 
combination of CL,Co,CM( a,M) characteristics 
was a necessary condition to achieve: 
- high G-load factor & stall limit; 
- acceptable margin of flutter speed ; 
- low loads of rotor & linkage ; 
- low vibration level ; 
- high helicopter performance. 

Blade sweep tips developed by KAMOV 
Company affords for the same purposes. 

Usage of all key approaches regarding 
rotors becomes an sufficient condition to 
achieve high performance of the rotor system 
and therefore of the helicopter as whole. 



3. KAMOV's Key Technologies 

3.1 Fiberglass & fiber graphite 
rotor blades 

In the end - 1950's KAMOV Company 
designed, built and tested fiberglass rotor 
blades. In 1965 first production fiberglass rotor 
blades were successfully flown on the 
KAMOV Ka-15 helicopter. In 1967 first 
production fiberglass rotor blades were 
successfully flown on the KAMOV Ka-26 
helicopter. In the end 1970's the graphite & 
glass fiber rotor blades were successfully 
produced by KAMOV Company. 

The graphite fibers had potential specific 
stiffuess values which six thnes those of 
current aircraft materials. This proved to be 
highly significant in addressing elastic stability 
and aeroelastic design problems. 

The combination of glass and graphite 
fibers resulted in excellent, benign failure 
modes and provided aerodynamics, structures 
and dynamic engineers. 
Ka-50 helicopter advanced rotors geometry is: 
- special airfoil; 
- blade opthnal twist; 
- blade swept tip ( Fig. 7 ). 

All KAMOV's blades fitted with 
electrothermal de-icing system. 

3.2 Advanced rotor blade 
retention technology 

All before Ka-50 KAMOV's helicopters 
had full articulated rotor hubs. Ka-32 
helicopter has metal hubs, mechanical & 
elastomeric bearings & dampers ( Fig.8 ). 

Ka-50 helicopter has metal and composite 
hubs, elastomeric bearing & damper, flex 
element for pitch, flapping and lag ( Fig.8 ). 

3.3 Rotor control linkage 

The rotor control linkage parameters 
determine a flap-lag-pitch motion and a motion 
stability of rotor blades ( Fig.6, Fig.8, Fig.9 ). 

The mathematical model of coaxial rotor 
control linkage was developed by KAMOV 
Company [!]. This math model is used for 
control linkage design and for frequency & 
stability analysis. 

The control linkage elasticity matrix
functions was measured for full scale coaxial 
helicopters of four types. 

The analysis of the experhnental results 
determined to develop a control linkage 
mathematical model and a adequate formula 
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for the 11 approximation-calculation" of the 
matrix-function elements. With the help of this 
formula the rigidity characteristics of the 
control linkage aggregates were determined 
without their physical measuring for coaxial 
helicopters of four types. It is demonstrated 
that the eigenvectors of the elasticity matrix 
are actually torsional modes of the six blades 
on the control linkage and the eigenvalues are 
actually linkage "dynamic elasticities" of the 
corresponding mode which are usually 
measured in a different way - that is by the 
linkage frequency testing. The study results are 
illustrated onFig.9 [!]. 

4. The basic design aeromechanic 
& aeroelastic problems of coaxial rotor 
helicopter have been developed and 
key technologies have been achieved 

4.1 KAMOV Company experience 
concentrated in the Ka-50 attack 

helicopter 

Acceptable margin of flutter speed and stall 
flutter speed of the Ka-50 helicopter were 
substantiated by mathematical shnulation and 
validated by flight test results ( Fig.! 0 ). Flight 
tests results are shown by ( VrAS- roR) relation 
in Fig.JO. A part of flight test points is given 
in the frame, namely the following range: from 
VTAS - 300 km/h to VNE = 350 km/h , till 
VTAS = 390 km/h. Flutter is non-existent in 
restricted range of calculated curve what is 
verified by flight test results. Calculated curve 
presents that there is a flutter speed margin of 
about 50 km/h (Fig.! 0 ). 

Vibration level of the coaxial helicopter 
have been discussed in paper [2]. The 
alternating forces apply to hubs of the 
upper/lower rotors and excite airframe 
vibration. Configuration of the Ka-50 
helicopter rotors affords applying of minhnal 
alternating forces to the airframe. In this 
case vibration level of the airframe is 
minhnal too. 

Vibration level is not in excess of O.Olg 
in main flight modes. Rotor pendulum and 
anti-resonant isolation system are not used. 
The example shown on Fig. II [2]. 

Special task for the coaxial helicopter is 
making a provision for the acceptable lower
to-upper rotor blade tips clearances. As a task 
of aeromechanics it is analogous with a task to 
provide the blade tips-to-tail boom clearance 
of the helicopters with the tail rotor. 



KAMOV Company applies at analysis both 
calculation methods and flight tests [3, 8]. The 
clearances are measured with the help of optic 
devices at each of 6 crossing points when the 
upper blades are arranged above lower blades 
during their relative rotation with doubled 
angular speed. 

The mechanics can be outlined as 
following ( Fig.l2 ). The planes of the upper I 
lower rotor blade tips are in parallel at 
hover. Their clearance is even more than a 
clearance between rotor hubs. 

At forward flight variable azimuthal 
airloads occur in the rotor disk, that results in 
flapping motion. Because of this , planes of 
the upper I lower rotor blade tips are inclined 
to equal angles in flight direction ( forward I 
backward). 

In lateral direction ( viewed along flight 
direction ) the planes of blade tips are 
inclined to each other because of counter-
rotation of the rotors ( Fig.l2 ). 

The upper-to-lower tips clearances on one 
disk side decreases and increases on the 
opposite one. In lateral direction an 
inclination angle of blade tip planes is 
approximately equal to blade tip flapping angle 
( to the left I to the right ) and depends on 
flight mode ( Fig.l2 ). As known from 
aeromechanics, there are relations between 
blade flapping angle and the rotor parameters, 
especially to Lock number, blade geometrical 
twist angle and bladelcontrollinkage torsional 
stiffuess. 

Calculation and flight test results show the 
values of coaxial rotor parameters mentioned 
above which ensure acceptable safety 
clearance. 

Fig.l2 demonstrates measured blade tip 
flapping angles made during flight tests of Ka-
50 helicopter and comparison with calculation 
data. 

Ka-50 helicopter generalised measurement 
results for the forward flight and manoeuvres 
are presented in the Fig.l2, Fig.13. 

The acceptable upper-to-lower rotor blade 
tips clearances were substantiated by 
mathematical simulation and validated by 
flight tests results for all approved envelope of 
manoeuvres. 

The acceptable lower rotor blades to tail 
boom clearances were validated . 
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4.2 Ka-50 helicopter maneuverability 
features 

Load factor I speed envelope was 
substantiated and validated by Ka-50 flight test 
results: 
- within operational limitations ( pitch, roll, 

rotor speed, rotor loads, ... ); 
- within special aerobatic limitations. 

A part of flight test points is illustrated by 
the Fig.13: 

at 3.5 > g-factor > 2 & at g-factor "' 0. 

Each point corresponds to one of the 
performed manoeuvres . The most part of 
them are shown at the Fig.l3 No established 
limitations have been exceeded . 

Fig.l3 also shows the test flight results of 
Tiger's helicopter [13]. 

The table on the Fig.l4 presents parameters 
of manoeuvres within special limitations for 
aerobatic flights. It is notable in this case 
parameters of "flat turn" and pull-out from 
the skewed loop at g-factor = 3.5. 

4.3 The means of aerobatic flight 
monitoring and analysis 

The NST AR software was created to 
provide processing and analysis of Ka-50 
helicopter test flight data. Using records made 
by aircraft test instrumentation the NST AR 
software makes possible to restore the flying 
path and to calculate flight parameter 
additional values [14]. 

NST AR software is comparable both with 
test flight record system and with standard 
record system. NST AR results are used for 
the following pmposes: 

analysis of actions , assistance in pilot 
training; 
examination for critical parameter limits; 

- as input data for simulation. 
Fig.l4 presents an example for skewed 

loop path recovery. 

5. Conclusions 

5.1 The basic aeromechanic & aeroelastic 
problems of a coaxial rotor helicopter have 
been developed and Key Technology have 
been achieved. 

5.2 Key Technology determine the coaxial 
helicopter performance and manoeuvrability. 
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Basic Parameters 
of Coaxial KAMOV'S Helicopters 

RELATIVE HUB CLEARANCES 

DISK LOADING 

Fig.lB 
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Single & Coaxial Rotors 
active disk areas , effective diameters , 

power & thrusts at hover 
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Coaxial Rotor Wake Side Views 
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Simulated Aeroelastic Phenomena of Coaxial Rotor 
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Analysis Results of Coaxial Rotor Aeroelastic Simulation 
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Fig.6 
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Ka-32 rotors control linkage model 
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The scheme of experiment 
on determination 

of the control linkage 
elasticity matrix 
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Ka-50 Aerobatic Maneuvries 

The Measured Parameter Values (minimax) 
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1 ABSTRACT 
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Stratford, CT 

High levels of noise and vibration continue to hamper the utility of helicopters. Lower 
cabin noise and vibration levels will reduce crew and passenger fatigue, resulting in fewer 
crew task errors, and thereby improving the mission effectiveness of helicopters. Reduced 
airframe vibration levels will lead to longer life spans for critical components, lower 
maintenance costs, and higher reliability. Although passive approaches for these problems 
have been implemented, they carry significant cost and weight penalties. In addition, passive 
technology has reached its limit in attaining further reductions within helicopter cost and 
weight constraints. The innovative use of active control technology provides the potential to 
reduce noise and vibration levels below those currently achievable with purely passive 
approaches, or alternatively, to achieve reductions comparable to passive approaches but with 
a lower weight penalty. Sikorsky has developed and flight tested active noise and vibration 
control systems. A prototype active vibration control (A VC) system has been flight tested on 
an UH-60 aircraft and achieved significant reductions in the main rotor 4P vibrations felt 
inside the helicopter cabin and cockpit. A productionized version of the A VC system is 
currently undergoing development flight testing on the Sikorsky S-92 HelibusTM Also, an 
active noise control (ANC) system has been successfully flight tested on an S-76 aircraft and 
achieved tonal noise reductions of up to 20dB in the helicopter cabin. 

2 INTRODUCTION 

Active Noise Control 

Interior noise is an increasingly important discriminator in the commercial helicopter 
market, with "acceptable" noise levels traditionally being achieved passively, albeit with 
substantial weight penalties. Increasing performance demands (i.e., longer range, higher 
payloads) have driven the pursuit of lighter-weight solutions. Furthermore, continuing 
reductions in the noise levels commonly experienced by passengers in various other modes of 
transportation, including ground vehicles and commercial fixed-wing aircraft, have 
heightened the awareness and sensitivity of passengers to helicopter internal noise. In the 
last decade the continuing trend towards cheaper, faster, and more powerful computers has 
lead to the evolution of active noise control (ANC) from a laboratory experiment to a 
practical approach for reducing aircraft cabin noise levels (Ref. 1-2). ANC, properly 
integrated with traditional passive techniques, offers substantial promise of reducing 
helicopter cabin noise levels with lower weight penalties than purely passive treatments. This 
will benefit the helicopter industry by improving commercial acceptance and expanding the 
helicopter market. 

G23-l 



There are three primary components of helicopter interior noise: (I) large amplitude, low 
frequency rotor harmonics; (2) broadband noise; and (3) higher frequency structure-borne 
tones generated within the gearbox, power train, and hydraulic system. A typical spectrum is 
shown in Fig. I. The low frequency tones (<200Hz) are less important to passenger comfort 
than this figure would imply due to the natural attenuation of the ear at low frequencies. The 
high frequency gear-mesh tones (>700Hz) fall into the speech interference range and, since 
these tones generally rise far above the broadband noise floor (Fig. 1), are generally 
considered the most intrusive and irritating component of noise in a typical helicopter. The 
primary gear-mesh tone generally falls in the frequency range of 700-1 OOOHz, and is typically 
much louder than its higher harmonics. It is this tone which is typically the most irritating to 
passengers and crew, and unfortunately falls into a frequency range in which traditional 
passive treatments are not very weight efficient. 

Recently, a multi-year program was initiated at Sikorsky Aircraft Corporation to develop 
a flight-worthy ANC system to actively cancel gear-mesh noise inside the cabin interior. 
Initial concepts explored for the helicopter gear-mesh ANC problem included both structural 
acoustic control of accelerometers/microphones using force generating actuators and acoustic 
control of microphones using speakers. However, the speaker/microphone control approach 
that has proven successful in lower frequency tonal applications such as turbo-prop aircraft 
(Ref 1) and for the low frequency rotor harmonics in helicopters (Ref 2) is not practical for 
this problem due to the high frequencies and resulting number of participating acoustic 
modes. In this approach, the speakers must set up a sound field inside the cabin that matches 
and cancels that created by the disturbance. For global noise reductions this requires that the 
number of speakers be at least equal to the number of relevant acoustic modes (Ref 3). There 
are several hundred acoustic modes present in the gear-mesh frequency range (>700Hz) for a 
cabin the size of the S-76 (Ref. 4), thus requiring at least as many speakers to achieve global 
noise reductions. 

A more promising approach for the gear-mesh ANC problem is to use a choke-point 
methodology to prevent the structure-borne gear-mesh vibrational energy from entering the 
cabin by placing actuation where the gearbox is mounted to the structure. The approach 
described in this paper, and flight tested on the S-76 helicopter (Ref. 5), involves the use of 
point force (proof-mass) actuators surrounding the gearbox mounts to actively cancel the 
gear-mesh vibrations before they enter the airframe. This approach avoids interrupting the 
primary load path of the helicopter, thus avoiding flight safety concerns, and is generally 
more effective with a wider frequency range of operation than tuned passive absorbers. A 
schematic of the gear-mesh ANC approach is shown in Fig. 2. The approach taken in Refs. 6-
7 to address helicopter gear-mesh noise used structural actuators mounted parallel with struts 
supporting the gearbox to introduce the canceling forces directly into the load path. However, 
in the case of the S-76, the mechanical interface between the gearbox and the airframe is 
significantly different, in that the gearbox is bolted directly to a pair of transmission beams 
integral to the airframe structure. Thus the actuators were mounted on the transmission 
beams near the gearbox mounting points as in Ref. 8. The gear-mesh ANC system utilizes 
microphones distributed throughout the cabin as feedback control sensors, as shown in Fig. 2. 

Active Vibration Control 

Helicopter vibration is largely a result of vibratory aerodynamic loads generated by the 
rotor as it moves edgewise through the air in forward flight. Traditional passive approaches to 
reducing vibrations involve the use of tuned-mass absorbers. These absorbers tend to be very 
heavy, are only effective in a very narrow band about the tuned frequency, and generally only 
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reduce vibrations in close proximity to their mounting location. Furthermore, passive 
systems appear to be approaching an asymptotic limit in terms of weight efficiency. A major 
leap forward in terms of passive vibration reduction in helicopters was the introduction of the 
hub absorber. The hub absorber, which reduces the inplane NP (blade passage frequency) 
vibratory loads at the hub, results in significant reductions in the NP vibrations in the cockpit 
and the cabin. An example of the magnitude of vibration reduction provided by the hub 
absorber is shown in Fig. 3 for the Sikorsky S-61. As described in Ref. 9 and also shown in 
Fig. 3, significant reductions in the failure rates of critical components were observed in 
connection with the lower vibration levels, which ultimately translated into reduced 
maintenance costs. 

Since the introduction of the hub absorber, however, the vibration levels of modern 
helicopters appear to be hovering about an asymptotic limit ofO.l0-0.15 g. This is due to the 
fact that the hub absorber does not affect the vertical vibratory hub load component that 
propagates unattenuated into the airframe. This component is generally attacked in Sikorsky 
helicopters using tuned passive absorbers located in the cabin. These devices are generally 
very heavy and incur significant weight penalties. Lower vibration levels can be achieved by 
increasing the number of passive absorbers, but this tends to result in diminishing returns. 
Thus modern helicopters appear to be approaching a vibration limit driven by weight 
efficiency. What is required is a paradigm shift in vibration reduction technology. 

Active vibration control (A VC) systems have the potential for significantly reducing 
helicopter vibration while decreasing weight dedicated to vibration reduction. Many studies 
and tests have shown that active systems are effective. Early A VC studies summarized in 
Refs 10-12 focused on higher harmonic control (HHC) and showed that significant vibration 
reduction could be achieved using this approach. HHC systems introduce additional higher 
harmonic control inputs into the conventional swashplate to attempt to minimize NP 
vibrations as measured by accelerometers located in the helicopter cockpit and cabin. 
Although receiving considerable attention over a period of 25 years, HHC has yet to be 
incorporated into production aircraft. Some of the major impediments are the excessive 
hydraulic power requirements of HHC (Ref 1 0) and concerns that high frequency operation 
of the main rotor servos may potentially cause excessive wear to this flight critical system. A 
similar approach commonly referred to as individual blade control (IBC) utilizes active pitch 
links instead of the conventional swashplate to oscillate the blade (Ref 13). This approach 
has some advantages over HHC such as enabling greater control over the blade motions, but 
suffers from the same drawbacks of high power consumption and, in this case, being in series 
with the primary flight control system of the helicopter. A third approach, commonly known 
as active blade control (ABC), utilizes control surfaces such as trailing edge flaps on the 
blade to affect the blade motion (Ref 13). Moving a flap requires an order of magnitude less 
power than oscillating the entire blade, and does not use components of the primary flight 
control system. This approach offers significant promise of providing significant vibration 
reduction, in addition to possibly reducing the helicopter radiated noise signature and 
enhancing performance. However, there are many technological barriers that must be 
overcome before this approach can be implemented on a production helicopter. 

For implementation on production aircraft, several criteria should be met by an A VC 
system. It must: 1) reduce aircraft vibration more effectively and over a greater range of 
flight conditions than passive systems; 2) result in a lower weight penalty that passive 
systems; 3) have low energy consumption; 4) be based on proven, reliable technology; and 5) 
have reasonable life-cycle costs. 

One A VC approach that seems to fulfill these criteria is derived from the active control 
of structural response (ASCR™) method. ACSR, developed by Westland Helicopters Ltd. 
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(Refs. 14-15), places its actuation between two hardpoints in the fuselage to produce equal 
and opposite forces between these two hardpoints. The ACSR approach utilizes these dual
point actuators to minimize the response of the fuselage to the NP vibratory loads. In the case 
of the production ASCR system for the Westland/Agusta EH101 helicopter (Ref. 15), dual
point actuators are integrated into four of the struts supporting the main gearbox. 

Unlike the EH101, Sikorsky Aircraft helicopters such as the UH-60 bolt the main 
gearbox directly to the airframe instead of using struts. As a consequence, ACSR dual-point 
type actuators are not applicable. The A VC actuator configuration discussed in this paper, 
and flight-tested on the UH-60 (Ref. 16), utilized single-point inertial actuators mounted at 
various locations in the helicopter fuselage. Unlike dual-point actuators that produce a force 
on the fuselage by actuating between two fixed points, single-point inertial actuators produce 
a force by oscillating a reaction mass that is free to vibrate. In general, to develop large forces 
either a large reaction mass or a large stroke of the mass is required. These two approaches, 
however, are neither weight efficient or power efficient. In the former case the system mass 
is excessive, and in the latter case the power consumption is excessive. 

The single-point actuators used in the flight test, termed servo-inertial force generators 
(SIFGs), solved this problem by utilizing a mechanical resonance and a novel inner-loop 
electronic control system. Tuning the SIFGs to be near the NP frequency minimizes the 
required mass and power to achieve a given vibratory force output. The SIFG actuation 
system was designed and developed by Moog Inc. The SIFGs are devices that integrate a 
Sikorsky UH-60 passive vibration absorber with a hydraulic servo-actuator. The moving mass 
of the absorber is usually connected to the helicopter structure via three leaf springs. 
However, by inserting a hydraulic actuator between the structure and the middle spring, the 
passive vibration absorber is transformed into an active device. A schematic of the SIFG is 
shown in Fig. 4. Since the SIFGs were based on a modification of the passive absorber, they 
were capable of operating in two different modes - a passive mode (i.e., hydraulics off) in 
which they operated like a traditional tuned passive absorber, and an active mode in which the 
hydraulic actuator drives the SIFG to a desired force output. Each SIFG was capable of 
generating +1- 1500 lbs at NP. 

A schematic of the A VC system flight tested on the UH-60 is shown in Fig. 5. The AVC 
system utilizes accelerometers distributed throughout the cockpit/cabin as feedback control 
sensors, as shown in Fig 5. The tuned passive absorber typically installed in the cabin 
overhead just forward of the main gearbox and in the helicopter nose were removed and two 
SIFGs were installed in the cabin overhead. The SIFGs could be operated in passive mode to 
operate just like the passive absorbers, or alternatively, operated in active mode as part of an 
AVC system. When in active mode, a closed-loop controller utilizes feedback from the 
accelerometers to determine the optimal SIFG commands to minimize the NP vibrations. 

3 CONTROL ALGORITHM 

The algorithm used in the ANC and A VC systems is based upon that developed by 
Sikorsky Aircraft and United Technologies Research Center for helicopter higher harmonic 
control (HHC) of rotor vibrations (Ref 17 -18). In this approach the disturbance frequency is 
obtained from a tachometer sensor, a harmonic analyzer is used to identify the desired tonal 
information (i.e., magnitude and phase of frequency components of interest), and a minimum 
variance control algorithm is used to generate control signals based on an estimate of the 
plant transfer function. In Ref. 19, numerous approaches for tonal control are described, and 
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the connection between the underlying approach used for HHC, and other tonal control 
approaches, is illustrated. 

In the narrow bandwidth required for control about each tone, the actuator/sensor transfer 
function is roughly constant, and thus the system can be modeled in the frequency domain as 
linear time-invariant using a single quasi-steady transfer function matrix, denoted by T. The 
derivation of the control algorithm given below follows from Refs. 17-18 and is described 
more fully in Ref. 4. Assuming linearity, the change in the sensor response vector z due to a 
change in the actuator command vector u can be written as a local model: 

Ll.z = T Ll.u + w 

The control law is derived to minimize the quadratic performance index: 

that is a weighted sum involving the squared magnitudes of the sensor measurements, control 
commands, and rates-of-change of control. Substituting the local system model into the 
above expression and solving for the control u which minimizes J yields: 

The subscript k has been added to indicate the recursive nature of the feedback control 
algorithm resulting from the introduction of control rate weighting. The matrix Y k 

determines the rate of convergence, but does not affect the steady state solution (Ref. 4). 
Greater control over the stability of the above control law is obtained with a step-size 
multiplier ~<1: 

The behavior of the above control law is described in detail in Ref. 4. 

4 FLIGHT TEST SETUP AND PROCEDURE 

Active Noise Control 

Two ANC flight tests were conducted on a Sikorsky S-76B commercial helicopter with a 
nominal gross weight of 10,000 lbs. The first flight test, conducted in 1995, is the first 
known successful flight test of a high frequency gear-mesh ANC system on a helicopter. The 
primary focus of this developmental flight test was proof-of-concept and architecture 
validation. The second flight test, conducted in 1996-97, focused on validating the pre
production ANC algorithms and architecture, and determining system requirements and 
performance tradeoffs for production. 

The aircraft was equipped with a partial utility interior consisting of only the cabin 
ceiling and sidewall trim panels. A total of 64 microphones were distributed throughout the 
cabin interior, with the majority mounted on the cabin ceiling. Several microphone 
configurations were evaluated during the flight tests. A schematic of a typical microphone 
configuration tested is shown in Fig. 6. 
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Proof-mass actuators were bolted to each side of the transmission beams. The actuators 
were located on the beams as close to the gearbox mounting points as possible, since this is 
where the gear-mesh vibrational energy enters the airframe. Extensive ground testing 
validated that this approach was capable of achieving greater than 20dB tonal noise 
reductions. This method of mounting the actuators on the transmission beams is considered a 
viable approach for retrofitting an ANC system on current helicopter production lines and 
aircraft already in service. 

The ANC flight tests included conditions such as: (l) ground runs at flat pitch (Q -
15%) and light-on-wheels (Q- 45%); (2) out-of-ground effect (OGE) hover; (3) steady flight 
ranging from 40 knots to VcR at 145 knots, up to VH at -155 knots; and (4) transient 
maneuvers such as takeoffs, accelerations, turns, autorotations, decelerations, approaches and 
flares to landing. 

Active Vibration Control 

The AVC testing was performed on a UH-60 BlackHawk that was ballasted to 16,800lbs. 
The UH-60 is a four-bladed helicopter with a nominal rotor speed of 258 rpm, yielding a NP 
frequency of 17.2 Hz. The two baseline UH-60 tuned passive absorbers were removed and 
the resulting NP vibrations were measured in flight to establish a baseline. Two SIFGs were 
then installed in the cabin overhead just forward of the main gearbox (see Fig. 7). 
Accelerometers were installed at ten locations on the cockpit-cabin floor, as shown in Fig. 7, 
in both the vertical and lateral directions. Ten of these accelerometers, 8 in the vertical 
direction and 2 in the lateral direction, were selected as A VC feedback sensors. 

Several flights were performed with the SIFGs operating in both passive and active mode 
to evaluate the benefits of A VC over conventional passive vibration reduction. The 
performance of the A VC system was evaluated in steady level flight at various airspeeds and 
rotor speeds, and during maneuvering flight. 

5 FLIGHT TEST RESULTS 

Active Noise Control- First Flight Test 

All results presented for the ANC flight tests are for the reductions achieved in the 
primary bull gear tone (778Hz) of the S-76. A typical time history of gear-mesh tonal noise 
when the ANC system is activated, and then deactivated, is shown in Fig. 8 for an OGE hover 
condition. The quantity plotted in the figure represents the average reduction achieved on 24 
controlled microphones. As shown in the figure, an average reduction of 9dB was achieved 
in the primary gear tone within 10 seconds of the ANC system being activated. 

Similar reductions to those shown in Fig. 8 were achieved over a wide range of steady 
flight conditions, as shown in Fig. 9, with tonal reductions of 7-9dB over this speed range, 
including 8dB at VCR· The two curves plotted in Fig. 9 represent the average gear tone level 
at the 24 controlled microphone locations with ANC "off' (upper curve) and with the ANC 
system "on" (lower curve), for various steady airspeeds. 

Though the performance of the ANC system during this first flight test was sufficient to 
validate the system architecture for proof-of-concept, the noise reductions were much poorer 
than the 20dB expected based on extensive ground testing of the ANC system. Post-flight 
simulations based on T -matrix and ambient measurement data collected during the flight test 
indicated that much greater reductions should have been achieved with the architecture 
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implemented. Analysis of flight test data revealed excessively poor signal-to-noise ratios 
during the system identification procedure used to construct the T-matrix. Thus. in 
preparation for the second flight test, a more sophisticated system identification procedure 
was developed which better accounted for the high background noise levels encountered 
during the flight test. 

Active Noise Control- Second Flight Test 

The new system identification method developed for the second flight test greatly 
improved the estimate of the T-matrix, which resulted in dramatic improvements in ANC 
performance compared to the first flight test in all conditions tested, including ground runs, 
hover, steady forward flight, and transient maneuvers such as speed sweeps. It should be 
noted that all the results presented in this section were obtained using a PC-based ANC 
system. This system was utilized more extensively than the prototype ANC computer since 
the PC-based system was capable of controlling a greater number of microphones, which is 
more representative of the planned production version of the ANC system. 

Typical noise reductions at the various microphone locations in an OGE hover condition 
are shown in Fig. I 0. This figure shows an average reduction of 18dB on the 36 controlled 
microphones, compared to only 9dB on 24 microphones achieved during the first flight test 
(Fig. 8). It is interesting to note from Fig. 10 that the maximum tonal noise level measured 
in the cabin was 23dB lower with the ANC system "on" than with the ANC system "off'. 
This is a very substantial improvement. The gear-mesh tonal reductions achieved in all 
steady flight conditions are very similar to those shown in Fig. 10; the OGE hover case was 
selected for presentation as a critical ANC condition due to the relatively high gearbox torque 
and resulting high gear-mesh noise levels in this condition. 

Further examination of Fig. 10 reveals some interesting qualities of the noise reductions 
which are very noticeable to a passenger in the helicopter cabin, but may not be evident from 
a casual examination of the figures. The high degree of spatial variation in the ambient noise 
levels (i.e., with ANC "off') with microphone position should be noted in Fig. 10. For 
example, there is about a 20dB difference in the ambient tonal noise level between 
microphones 9 and I 0, even though they are only about one foot apart. This spatial variation 
is quite evident to passengers whenever they move their heads, even for small motions, e.g. 
when just leaning forward. With the ANC system activated ("on") however, this spatial 
variation is significantly reduced, as shown in the figure. Due to the reduced overall noise 
levels, this reduced spatial variation is almost imperceptible to passengers, even when moving 
about the cabin. 

ANC performance was substantially improved over the entire flight envelope, including 
speed sweeps from hover to V H, compared to results obtained during the first flight test. As 
shown in Fig. II, average gear-mesh tonal noise reductions of 14-16dB were achieved during 
a quasi-steady speed sweep, compared to typical reductions of only 7-9dB obtained during the 
first flight test (Fig. 9). 

Also included in Fig. II is the ANC performance during a transient maneuver consisting 
of a typical acceleration from OGE hover to V H, followed by a deceleration back to hover. It 
should be mentioned that the acceleration commenced immediately after take-off to hover 
without waiting for the ANC system to fully converge to a steady state solution. This was 
done to simulate actual flight procedures. As shown in Fig. II, the ANC system not only 
remained stable, but maintained 8-14dB reductions relative to steady state ambient levels 
during the acceleration phase, and 12-14dB reductions during the deceleration phase. During 
accelerations, the actual ambient gear tone levels (not shown on the figure) are typically -3dB 
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higher than steady flight levels due to the higher torque loads required from the gearbox. 
Conversely, ambient gear-mesh tonal levels are generally -3dB lower during decelerations 
due to reduced gearbox torque requirements. 

A typical time history of ANC performance is shown in Fig. 12 for steady flight at 120 
knots. The quantity plotted in the figure represents the average reduction achieved on the 36 
controlled microphones. As is evident from the figure, the controller achieved a 1 OdE noise 
reduction after three seconds, a 12dB reduction after five seconds, and then slowly converged 
to a steady 16dB noise reduction after 30-40 seconds. Faster convergence rates (i.e., higher 
controller bandwidths) were also tested without driving the controller unstable. However, 
these faster rates had no impact on ANC performance during steady flight conditions, and 
produced only minimal improvements in performance during transient maneuvers such as that 
shown in Fig. 11. 

Active Vibration Control 

The NP vibration results for 145 knots and 100% Nr are shown in Fig. 13. The three bars 
in the figure for each of the ten accelerometer locations represent a comparison of the ambient 
vibration, passive vibration control, and active vibration control cases. Also shown in the 
figure is a comparison of the average value of the ten accelerometers for the three cases. As 
expected, the A VC levels shown in Fig. 13 are lower than for the ambient case, but more 
significantly, these levels are substantially better than the passive case. This is a crude 
indication that AVC is more efficient than passive vibration control, i.e. that lower vibrations 
can be achieved for the same or lower weight. Especially interesting is that the vibration 
reductions are global in nature, i.e. reductions are realized at the forward cabin accelerometer 
locations which are not part of the A VC feedback sensor suite. 

A global measure of the aircraft vibration is the average vibration level defined as the 
root-mean-square of the NP vibration magnitudes measured by the cockpit-cabin 
accelerometers. The average vibration measured at 12 accelerometer locations (10 AVC and 
2 midcabin accelerometers) are plotted in Fig. 14 for a forward speed sweep at 100% Nr. 
Notice that the average NP vibrations are dramatically reduced over the entire range of flight 
speeds, and that the A VC reductions are significantly better than the passive case. 

As discussed previously, one major advantage of AVC over passive systems is their 
ability to adapt to changing rotor speeds. The passive system on the UH-60 aircraft is a fixed 
tuned vibration absorber system optimized to a rotor speed of 100% Nr. A comparison 
between the passive and AVC system performance versus rotor speed is shown in Fig. !5. 
The classical "bucket" is shown for the passive system, i.e. the vibration is a minimum at 
100% Nr. In contrast, the A VC system can readily follow the rotor speed variation, 
producing a virtually flat response. Of special interest is that the A VC case yields lower 
vibration levels than passive at 100% Nr. This is further confirmation that A VC can be more 
efficient than passive methods. Of course the SIFG hydraulic actuators must work harder as 
the Nr departs from 100%, but sufficient hydraulic power is available over the typical range 
of rotor speeds. 

Sikorsky S-92 A VC 

Encouraged by the SIFG flight test on the UH-60, a trade-off study of A VC versus tuned 
passive vibration absorbers was performed during the preliminary design phase of the S-92, 
and the decision was made to include the A VC system as baseline on all S-92 aircraft. The 
results of the trade study indicated that an A VC system would provide a lighter-weight 
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solution than a comparable tuned passive absorber system. Furthermore, an A VC system of 
comparable weight to a passive system would provide greater vibration reduction. 

The S-92 began development flight testing in December 1998 and included an A VC 
system from first flight. Typical AVC performance is plotted in Fig. 16 for a steady Vcruise 
condition. The plot compares the NP vibration levels with A VC off and A VC on at 10 
accelerometer locations in the cockpit-cabin. The A VC system is similar to the SJFG system, 
except that the SJFGs have been replaced with purely mechanical actuators referred to as 
force generators (FGs). The results shown in Fig. 16 were obtained with 3 FGs. It should be 
noted that the FG locations flight tested so far are trial locations only and are most likely not 
optimal. But as shown in the figure, A VC achieves substantial vibration reduction in cruise. 
Developmental flight testing of the A VC system on the S-92 will continue through 1999 and 
2000 and will focus on optimizing the FG locations with the goal of maximizing vibration 
reduction for systems with one, two or three FGs. 

6 CONCLUDING REMARKS 

Active Noise Control 

An approach for actively controlling high frequency structure-borne tonal noise m 
helicopters has been validated in a flight test program on the S-76 aircraft. Structural 
actuation near the gearbox mounts has been used to cancel the disturbance before it enters the 
airframe. This approach has been successfully demonstrated to produce substantial 
reductions in the primary gear-mesh tone of the helicopter, over a wide range of flight 
conditions. These reductions have bee maintained during maneuvers such as typicltl 
accelerations and decelerations with good system stability. Application of this ANC 
technology will provide noise suppression and create a quieter passenger environment. 

Active Vibration Control 

A VC systems using single point actuators is a viable vibration reduction technology. The 
system uses minimal power due to the resonant behavior of the SJFGs and can revert to a 
passive absorber in the event of a controller failure. A global vibration metric shows that 
A VC is more efficient than passive systems for a wider range of forward speeds and rotor 
speeds. A VC systems have the capability to adapt to changes in helicopter loading and rotor 
speed whereas traditional passive tuned absorbers cannot. A VC technology, properly 
integrated with traditional passive vibration reduction systems, offers promise of yielding a 
significant improvement in helicopter vibration levels. 

7 REFERENCES 

I. Elliott, S.J., Nelson, P.A., Stothers, l.M., and Boucher, C. C., In-flight experiments on the 
active control of propeller-induced cabin noise, Journal of Sound and Vibration, (1990) 
140(2), pp. 219-238. 

2. Boucher, C. C., Elliott, S.J ., and Baek, K.H., Active control of helicopter rotor tones, 
Inter-noise '96, pp. 1179-1182. 

3. Nelson, P.A., and Elliott, S.J., Active Control of Sound, Academic Press Limited, 1992. 

023-9 



4. MacMartin, D.G., Davis, M.W., Yoerkie Jr, C.A., and Welsh, W.A., Helicopter Gear
Mesh ANC Concept Demonstration, Active '97, Budapest- Hungary, August 1997, pp. 
529-542. 

5. Millott, T.A., Welsh, W.A., Yoerkie, C.A., MacMartin, D.G., Davis, M.W., Flight Test of 
Active Gear-Mesh Noise Control on the S-76 Aircraft, Proceedings of the 54th American 
Helicopter Society Annual Forum, Washington, D.C., May 1998. 

6. Elliott, S.J., "Active Control of Structure-Borne Noise", Journal of Sound and Vibration 
(1994) 177(5), 651-673. 

7. Sutton, T.J., Elliott, S.J., Brennan, M.J., and Heron, K.H., Active isolation of noise 
transmission through a helicopter gearbox support strut using multiple magnetostrictive 
actuators, 1996 International Conference on Noise and Vibration Engineering, Leuven, 
Belgium, pp.315-328, 1996. 

8. Yoerkie Jr., C.A., Welsh, W.A., and Sheehy, T.W., Helicopter Active Noise Control 
System, US Patent Number 5,310,137, May 1994. 

9. Veca, A.C., Vibration Effects On Helicopter Reliability and Maintainability, 
USAAMRDL Technical Report 73-11, April 1973. 

10. Miao, W., Kottapali, S.B.R., Frye, H.M., Flight Demonstration of Higher Harmonic 
Control (HHC) on S-76, Proceedings of the 42nd Annual Forum of the American 
Helicopter Society, Washington, D.C., June 1986. 

II. Achache, M., Polychroniadis, M., Higher Harmonic Control - Flight Tests of an 
Experimental System on the SA349 Research Gazelle, 42nd Annual Forum of the 
American Helicopter Society, June 1986. 

12. Welsh, W.A., Higher Harmonic and Trim Control of the X-Wing Circulation Control 
Wind Tunnel Model Rotor, Proceedings of the 45th Annual Forum of the American 
Helicopter Society, Boston, MA, May 1989. 

13. Friedmann, P.P., Millott, T.A., Vibration Reduction in Rotorcraft Using Active Control: 
A Comparison of Various Approaches, Journal of Guidance, Control, and Dynamics, Vol. 
18, No. 4, July-August 1995. 

14. Staple, A.E., An Evaluation of Active Control of Structural Response as a Means of 
Reducing Helicopter Vibration, 15th European Rotorcraft Forum, September 1989. 

15. Staple, A.E., Wells, D.M., Development and Testing of an Active Control of Structural 
Response System for the EHIOI Helicopter, Proceedings of the 16th European Rotorcraft 
Forum, September 1990. 

16. Welsh, W., Frederickson, C., Rauch, C., Lyndon, I., Flight Test of an Active Vibration 
Control System on the UH-60 BlackHawk Helicopter, Proceedings of the 5l't Annual 
Forum of the American Helicopter Society, Fort Worth, TX, May 1995. 

17. Taylor, R.B., Farrar, F.A., and Miao W., "An Active Control System for Helicopter 
Vibration Reduction by Higher Harmonic Pitch," AIAA paper No. 80-0672, American 
Helicopter Society 36th Annual Forum, Washington D.C., May 1980. 

18. Davis, M.W., "Refinement and Evaluation of Helicopter Real-Time Self-Adaptive Active 
Vibration Controller Algorithms", NASA Contractor Report, UTRC Report R83-956149-
16. 

19. Sievers, L.A., and von Flotow, A. H., Comparison and Extensions of Control Methods for 
Narrow-Band Disturbance Rejection, IEEE: Transactions on Signal Processing, Vol. 40 
No. 10, October 1992. 

G23-10 



( 

( 
\ 

Fig. lntc•tior noise S(XCtfUI11 (unm-:ighted) of a S-76 helicopter 

llll':tnllation of Hub Absort>ef on 5-61 Reduced 
Maintf)rlanoo Costs by Reducing Failure Rates 

-·----··--·-, 

l·ig. J lmpxl nfhuh ahwrb..'r nn \ibr.illons and tmimcnaocccosts 

• Ac<:d<rQOT<!<r 

Door Window 

[g]" . . • -

oolHl . . - . • 

l l l l l 
M ·~ ·~ - ""' ~. ~. ~ - .,.., - - ,,_ - .. - ·-

Fig. 7 AVC aircmft instal Ia! ion ina Sikorksy UH-60 

= 

023-11 

±LOin.@ 17.2E:y-.. lo!.o ±1:.:00 Uf 

Fig. 4 Servo Initial Force Generator (SlFG) 

' t • • 

--

""' -= 
-
"'''"" 

Oo ·a 

-

B .\ 
-

G / 

Fig. 6 Typical arrangement of feedback conno! mics used in S-76 A!\C 

2091<1•~-----------------r-,:;·---

COflmOLON 

" .. 
Fig. 8 Typical g..:ar-mcsh ANC performance tiroc history in OGE hover. 



""'lll"T __ _ 
kl~~------------77/~ 

I 
=:::::::-=:~~~ = ~----------=~=-

~ lr---------------------------
'"' / 

--~- -~~----···· 

• .• <OO 

Fig. 9 A,.'\C p!!fon~ ;~chic!v<:rl dwing q=i-steady sp;!O:l swt~ep. 

-[''''-----------------, 

b---. -----! 
·:::.·[<;===:;;;;~~- -_:::::: i 

r .lllCOI<i~"'..,.s"'"') 
• • 

l·ig. ! I Al'C p.;riOnn:mc.:: during quasi-st.::ady & u-.msicnt sr:c.::J ~W<~<:p. 

A<;c~lerometer Pooitions 

l'ig. D Sll'Ci vihration reduction during steady Hight at Vcrube 

----~ 

l'ito!Hil.ll 0-4:------\----+--------; 
Vibr~tiO<> 

(G'<) 0.!!'-------'r-+--:_:::::.::::===, 

'%"--c,o,--.c---,,c--,cooc--,•.,c-c,·~c--,oo----,ooc--',~ 
Rotor Sp<><>d (~OllR) 

Fig. l;'i SII'G p.;rformarn:e versus rotor srx:cd 

G23-12 

·-· Vibmtioo 
(G'~) 

·n-----------c::~ 
·•1 '\ I ' 
_, I :I COI!lRO<.O<I l 

'1 ' I .:1 . \ 
) \ 
) \ 

::1 ~ 

"'I -------------------- -
I NoVibrn!ionC.,.,!l'<>l~ 

··~·-----~.2~~~--~~---

I 
oC'--------------------

0 ro oo 100 

Aim~ (Knots) 

11g.l4 SIJ'(ivihnllionrcductionlluringus[l<Xd~"\1\X[lat 10091 Nr 

Vlbr>llon 
(% olrna>) 

' 

' 

' 

' 

••veo" 
!JAVCOn 

,, n 

II i h~ 
... ,_, ••••·• ""'' o•o~c ••• ••• ••• ""'"' on<•• ••<., 

... <••<e ..... _ '"' "" "' 

l'ig. !6 S-IJ2 AVC performance :.u Vauisc 

' 

-

1 



( 
TWENTY -FIFTH EUROPEAN ROTOR CRAFT FORUM 

Paper no. G24 

THE USE OF DISCRETE OBSERVER THEORY TO TRIM AND 
STABILIZE PERIODIC COEFFICIENT DYNAMIC SYSTEMS 

BY 

MICHAEL H. PETERS 
Graduate Research Assistant 

PHILIPV.BAYLY 
Associate Professor 

DAVID A. PETERS 
McDonnell Douglas Professor 

and Chairman 

DEPARTMENT OF MECHANICAL ENGINEERING 
WASHINGTON UNIVERSITY 

ST. LOUIS, MO 63130 USA 

SEPTEMBER 14-16, 1999 
ROME 
ITALY 

ASSOCIAZIONE INDUSTRIE PERL' AEROSPAZIO, I SISTEMI E LA DIFESA 
ASSOCIAZIONE ITALIANA Dl AERONAUTICA ED ASTRONAUTICA 





( 

( 

The Use of Discrete Observer Theory to Trim and 
Stabilize Periodic Coefficient Systems 

by 

Michael H. Peters 
Graduate Research Assistant 

Philip V. Bayly 
Associate Professor 

aud 

David A. Peters 
McDonnell Douglas Professor and Chairman 

Department of Mechanical Engineering 
Washington University- Campus Box 1185 

St. Louis, MO 63130 

Abstract 

The nonlinear differential equations for 
rotorcraft simulation (in this case, flap-lag
pitch and ground resonance equations) are 
sampled once a period (or once a blade 
passage) and the resultant sampled errors in 
periodicity and trim are considered a 
discrete system. The algebraic Riccati 
Equation is then used to· design a controller 
to trim this discrete system. The resultant 
controller is applied to the original nonlinear 
simulation in that the errors at each blade 
passage are fed back to give discrete control 
changes. When all states cannot be 
measured, a discrete observer is used to 
estimate them. The resultant algorithm is 
shown to be a robust tool both for trimming 
and for stabilizing a nonlinear set of 
rotorcraft equations. 

Notation 

a lift curve slope, /radian 
[A] matrix multiplying states in 

discrete system 
[A], modified matrix = A - BG 
b blade semi-chord, m 
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[BJ 

[ c,] 
[c(IJ!)] 
dk,d 
dpl 

~ 
fp.fe,~ 

JpJe,Jt; 

gk 
Gk 
[J] 
Kfi 
Kt; 

Ke 

[ K(IJ!)] 
[M] 
p 

matrix multiplying controls in 
discrete system 

blade profile drag coefficient 

thrust coefficient, 

Tjp(QR/nR1 

observer matrix 

damping matrix, period T 

desired constraint values 

lag damper setting, percent 
critical damping 

state-derivative functions 

generalized loads 

blade principal moment of 

inertia in flap, torsion, lag, 
kg-m1 

constraints 
constraint integrand 

Jacobian matrix 
flap stiffuess, N-rnlrad 

lag stiffuess, N-rn!rad 

pitch stiffuess, N-m/rad 

stiffuess matrix, period T 

mass matrix 
stiffuess parameter for blade 



Q 
R 
T 
v; 
v, 
v 

y 

p 
(J 

lfl 
Q 

flap l+K~~Q]~ 
number of blades 

radius of rotor, m 
period of system 
induced flow, normal to disk 

inplane flow of disk 

normal flow to disk 
state variables 

discrete states 

flap angle positive flap 
and angle positive up, rad 

coning angle, rad 

lateral cyclic flap angle, rad 

Lock number 

pacR4jJ~ 
difference of ( ) 
pilot pitch control 

(}, "'(}0 + B,sinlfl + 8COSlfl 

collective pitch angle 

longitudinal cyclic pitch angle 

lateral cyclic pitch angle 

vector of controls 

inflow ratio, ( v; + V;) I QR 
square matrix with eigenvalues 

on the diagonal 
advance ratio, VjQR 
density of air, kg I m3 

rotor solidity, QcfnR 
rotor azimuth angle = Qt , rad 
rotor angular velocity, rad/sec 
dimensionless nonrotating lead-lag 

frequencies at 8=0,~KdQ2J~ 
w8 dimensionless nonrotating elastic 

pitch frequencies at 

(} = O,~Ke/Qz J~ 
( ). n-th iteration of vector 

Introduction 

The analysis of a rotary-wing system 
consists of three steps. First, one must 
assemble a set of ordinary differential 
equations that describes the physics of the 
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system. Unlike modeling in many other 
technical disciplines, the equations so 
assembled are generally nonlinear, have 
periodic coefficients, and contain certain 
unknown parameters called "trim settings". 
It is the job of the analyst to solve these 
equations subject to a number of side 
constraints on the solution equal in number 
to the number of unknown parameters. 
Thus, the second step in a rotary-wing 
analysis is to find simultaneously the 
unknown parameters and the corresponding 
solution that satisfies these constraints. 
(This is called the "trim" solution.) The 
third step in the analysis is to analyze the 
stability of the solution about this periodic 
orbit. Many times, the solution strategy 
used to find the trim solution holds the key 
to the stability analysis. 

There are several reasons that the trim 
solution is difficult. First, although there 
may be only a few trim variables (usually 3-
7), there may be thousands of dynamic 
states. Thus, an iterative solution of the 
state-space equations for a periodic solution 
may be prohibitive. Second, there are often 
hidden states that occur due to the various 
mathematical algorithms that are used to 
evolve the system equations through time. 
Thus, the states may not be in the form to be 
interrogated numerically. Third, the 
periodic trim solution is often unstable (due 
to aeroelastic effects or due to flight 
mechanics modes) so that it is impossible 
simply to time-march until transients decay. 

Recent work has found that, when all 
states are known and limited to a hundred or 
so, a very effective trim strategy is the 
discrete auto-pilot, Ref. [1]. Such an auto
pilot makes adjustments to the trim settings 
every blade passage based on an optimized 
gain and controller. Such a controller can 
fly even an unstable system to equilibrium 
and satisfy the trim constraints. Since a 
discrete auto-pilot does not change the poles 
of the system, it is perfect for a subsequent 
stability analysis, Ref. [2]. 

Despite the successes of such a system, 
it is still subject to the limitation that all 
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states must be known and that they must be 
limited to about one hundred. In this paper, 
we offer an alternative strategy designed for 
the case in which states are hidden. In 
particular, a discrete-time observer is created 
that gives an estimate of the hidden states 
that can be used in the discrete auto-pilot. 
This paper will describe how such an 
observer can be created and will give some 
simple examples for helicopter flap-lag
torsion stability. 

The use of observers is not new to 
rotorcraft analyses, Refs. [3] and [4]; but 
this paper uses them in the sense of discrete 
systems and for mathematical trim and 
stabilization rather than real-time vibration 
control. 

Mathematical Background 

The nonlinear differential equations for 
a rotorcraft following general form: 

(1) 

where the xj are the state variables, em are 

the trim parameters, and t is time. For every 
unknown trim parameter, there is a trim 
constraint of the form: 

In general, states can be comprised of 
positions (displacement or rotations), rates, 
pressures, inflows, engine temperatures or 
pressures, damper states, etc. Trim variable 
can be collective and cyclic pitch position, 
throttle position, prescribed fuselage 
attitudes, RPM, or any unknown parameter 
in the equations. The trim constraints can be 
force or moment equilibrium, time averages 
or space averages of vehicle positions or 
velocities, etc. In trimming, one usually 
considers the equations to be linearized 
about some periodic equilibrium, .X during 
each part of the design process. Thus, for 
simplicity, we consider the linearization of 
Eq. (1) about xr 
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where xj are the new states which are 

perturbation states; and it is understood that 
A(t) and b(t) depend on Xr Equation (3) 

is never actually used in our trim algorithm, 
but it is an important conceptual tool. 

The trim problem is to find the initial 
conditions xj(O) and trim parameters, em, 
that will result in a periodic solution to 
either Eq. (1) or Eq. (3) that satisfies the 
trim constraints. One way which has been 
tried in the past, Ref. [1], is to design an 
auto-pilot for the linear system in Eq. (3) 
that produces a em proportional to the 

current errors in the trim constraints. Three 
disadvantages of this approach are: 1) it 
produces unsteady em(t) when they should 

be constants, 2) it is hard to find a suitable 
auto-pilot since this requires solution of a 
periodic-coefficient Riccati Equation, and 3) 
the method cannot work if the system is 
unstable. References [ 1] and [2] have 
shown that this can be overcome with a 
discrete auto-pilot. In particular, if the 
system is sampled once a period, the errors 
in periodicity, x(T)- x(O), and the errors 
in the trim constraints in Eq. (2), 
ek = gk - dk, can be considered as a discrete 

system vector, Z, 

Z,+1 = A,Zn + B,en (4) 

where n is an iteration index, not a vector 
subscript. Again, Eq. (4) is not actually 
used in the discrete auto-pilot, but it is a 
conceptual step that is used to understand 
how to design such an auto-pilot. 

Naturally, it is important to know how 
the discrete matrices, A, and B,, relate to 

the continuous matrices, A(t) and B(t) , or 
to perturbations of the original nonlinear 
system in Eq. (1). In particular, we consider 
how A, and Bn would be related to the 

Jacobian matrix that would be formed by 



making perturbations to an initial guess for 
the x(O) and em. 

The Zn vector is defined as follows: 

where gn is the nth iteration on constraints, 

and d is the vector of desired constraint 
values. Next, one defines the following 
Jacobian matrix (J) for the linear system in 
Eq. (3). This Jacobian can be computed by 
time-marching with perturbations to xj and 

em. 

{
Xn+l =X:}= [ J]{~ } (6) 
gn+l d n 

Here is exactly how A and B are 
computed from a given J. In general: 

1) partition J according tO X and e. 

(7) 

2) Rearrange the top partition of 
equation (6) to be in standard form 

{xn+I} = [ J = + I]{xn} + [J xe]{ en} 
{xn} = [ J = + I]{xn_.} + [J xe]{ en_,} 

(8) 

3) Subtract to obtain equations for 
errors in periodicity 

4) Similarly, consider that the 
constraint errors from equation (6) are 

{en+ I}"' {gn+l- J} = [lex]{xn}+ [lee]{en} 
{ Ll.en+I} = [ J ex]{ b.xn} + [lee]{ Ll.e n} (10) 
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5) Recombine Eq. (9) into the form of 
Eqs. (4) and (5) 

It is now clear that the partitioned 
matrices in Eq. (11) are the A. and Bn of 

the discrete time modeL Thus, one can find 
A. and Bn from a numerical Jacobian of the 

original, non-linear time domain system. 

Discrete Controller 

What we would now like to do is to 
design a controller that produces changes to 
the controls at the end of every period (or 
blade passage) based on the errors in 
periodicity and trim constraints (i.e., the 
Zn ). In general, we would like a feedback 

law that would give 

LJ.e = -GZ n n (12) 

If one can find an appropriate gain 
matrix G , then Eq. ( 4) would become: 

Zn+I =(A- BG)Zn (13) 

where (A- BG) is designated A,. 

Although we plan to use LJ.e n on the 

original continuous nonlinear equations to 
perturb the controls after every simulation of 
blade passage, we will design the controller 
G based on the discrete form in Eq. (4). 
We desire a G that places all of the 
eigenvalues of A, less than unity and as 

close to zero as possible. Such eigenvalues 
will drive a difference equation to 
equilibrium. For linear systems, such a G 
can be found from an algebraic Riccati 
equation, Ref. [6]. Once A, B, and G are 
found, Eq. (13) is a feedback system the 
states of which converge to an equilibrium; 
thus, the thought experiment using the linear 
discrete system is over. 



As the simulation runs, we sample the 
continuous system to obtain en and xn and 

compare the sample with the previous 
sample to form a /';xn. These form Zn by 

Eq. (5). Equation (12) is then used to adjust 
the controls. It is important to keep in mind 
that x. must be completely measurable in 
order for Eq. (12) to be used. 

We now come to the consideration of 
what happens if some states cannot be 
measured or the case in which we can 
measure only certain combinations of the 
states. This can happen for either of two 
reasons. Either there are too many states to 
measure, or some states are truly hidden due 
to the nature of time-marching algorithm. 
For example, a pure time delay in a dynamic 
stall model or in a drive-train model has an 
infinite number of states, and they are all 
hidden. Another example would be when a 
structures code is linked to a CFD or free
wake code in which states are hidden in the 
"black box" that is the aerodynamic 
algorithm for generating induced flows. The 
idea here is to use an observer to estimate 
states that cannot be measured. 

If we only know some of Zk, say, 

(14) 

we will make a new system in Zk which 

will be an estimate of Zk. The Zk dynamic 
system should be a discrete, dynamic 
feedback system having a forcing function 
dependent on f. and that we can control 

such that Zk = Zk a time increases. In other 
words, we want to build a dynamic observer 

that will estimate zk given the 
measurements that are known, f. 

for some A, and L. Thus, we have Zk 

dependent on zk-1 and f.. 
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Now replace Zk in Eq. (14) above with 

Zk such that all terms in Eq. (15) are k -1. 
This yields 

Now define Ek = Zk- Zk by Eqs. (4) 
and (16). After collecting Zk_1 terms, and 
setting: 

we have 

Ek =(A- LC,A)Ek_1 (18) 

All that is needed is to find an L which will 
minimize the eigenvalues of A- LC,A. 
This can be done by eigenvalue placing or 
by a Riccati solution. 

Now, the Z term can be used entirely 
in place of the Z term which could not be 
measured. Specifically, we use instead of 
Eq. (12) 

(19) 

where zk is computed from Eq. (15). 

For the case in which we want to 
stabilize the system (rather than trim it), the 
mathematics is identical. There are no trim 
constraints, and the ek become the controls 

nsed to stabilize. As the controller drives 
the solution toward a periodic solution, it 
will automatically stabilize it. 

Mathematical Model 

We are now ready to apply this theory 
to an actual case. In this study, we will use 
the rigid-blade, flap-lag-torsion equations 
for a rotor in forward light which implies 6 
states. We assume quasi-steady 
aerodynamics and neglect reversed flow. 
For trim variables, we include collective 
pitch and the two cyclic pitch values. The 
corresponding trim constraints are the time-



averaged coning minus the desired value, 
and the time-averaged tip-path-plane tilts. 
Equations of motion for this system are 
based on Ref. [7), but with some corrections, 
and appear in the Appendix of Ref. [8]. 

To proceed with our methodology, an 
initial guess on controls and initial 
conditions is used to time march through 
one period for a baseline. Next, a Jacobian 
of perturbations is computed during which 
all states are measurable. Later, we will 
assume that, even if all states are not 
measurable for use in the feedback Jaw, that 
the Jacobian is still available by some other 
method. [A] and [ B] are computed from 
the partitioned [ 1] as in Eq. (11). To find 
G , we tried two kinds of software. First, 
we tried using software which simply placed 
the eigenvalues of A,. This resulted in an 

ill-conditioned G because such software 
works by first asking the user to input the 
exact desired placement of the eigenvalues 
of A,, [A], and then iteratively (by brute 

force) finding a G which satisfies the 
characteristic equation for the given [A]. 
This iterative algorithm in MATLAB, called 
"PLACE", created a matrix of very large 
numbers (order 1,000 or higher). Such an 
ill-conditioned G, when used in Eq. (12) 
tends to give hugell8 •. 

An alternative approach is to do an 
optimal control in which the squares of 
controls and states are minimized over the 
iterations. The weighting functions of the 
errors and controls are set equal to unity for 
our work. The fact that states are in the 
objective function keeps the system stable. 
The fact that controls are in the objective 
function keeps the gains from becoming too 
large, as they do in eigenvalue placement. 
The result is a Riccati equation for G. The 
G computed by this Riccati solver is used as 
the feedback law in the discrete controller. 
The results work well in this application. . 

Next, we turn to creation of the 
observers. L must be computed by the same 
type Riccati method used to compute G for 
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Eq. (12). The MATLAB command used 
here is called "DLQR." 

Note that a Riccati solver may require 
that a matrix be in the form A - BG. 
Equation (18) is not in this form, however. 
Instead, we have the form A- GB. The 

equivalent system is A7
- B7 G7 which can 

be "plugged into" the Riccati solver to yield 
a gain matrix which is the transpose of the 
G needed for A- GB. Also note that the 
MA TLAB command "DLQR" does not 
work very well in this case because it does 
not accept non-square A's and B's. We 
therefore made a copy of the source code for 
DLQR in a new file, named it ndlqr (for 
New-DLQR), and changed it to work with 
non-square matrices. The math is the same 
as long as the dimensions agree, because the 
Riccati equation does not care if its 
arguments are square. The alternative is to 
put the non-square matrices from Eq. (20) 
into large square matrices the rest of which 
are just zeros. 

Next, the simulation is started; and, 
after the n"' simulated blade revolution, a 
ll8. is computed by Eq. (12) or Eq. (19). 

Then ll8 n is applied to the controls. This 

process is repeated until the error in the trim 
constraint is within cettain parameters at 
which point the current controls are said to 
be approximately the "trim" control setting 
for the given system. 

The above is similar to the 
development in Ref. [8] except that we have 
improved some of the derivations to give a 
better observer theory. 

Results aud Discussions 

The equations of motion for all 
numerical experiments are given in Refs. [8] 
and [9]. The system of equations used for 
the numerical experiments were first run 
with the following constant parameters. 

b/R 
cdfa 
dip 

= 
= 
= 

0.10 
0.0016 

0.10 



( 

p = (1.05)2 

a = 0.1 

r = 5.0 

f.l = 0.3 
w, = 0.49 

We = 14.1 

CT = 0.00~ 

lt;/Jfi = 1.01 

leflp = .01 

The above parameters yield an 
inherently stable system which simulates a 
helicopter in forward flight. In other words, 
even if there is not a closed-loop feedback 
control, the states will converge to a periodic 
flight path, although this equilibrium will 
probably not fulfill the trim constraints. 

We begin with a discrete controller 
when all states can be measured. Figure 1 
gives the error in trim constraints and the 
control settings as a function of iteration 
number. The first guess is identically zero. 
One can see that, after about 20 iterations 
the system is trimmed; and the controls hav~ 
reached their final values. Although not 
shown, the periodicity errors have also gone 
to zero. (Since these errors are in terms of 
radians of flapping angle, the final error of 
.001 is only .05 degrees.) This is typical of 
the trim convergence of a discrete auto-pilot 
with unity weighting matrices. In general 
terms, the control system is over-damped 
and could be improved by other weighting 
factors. 

Next, we consider the same system but 
assume that we can measure only the trim
constraint errors. No states are assumed to 
be measurable. Thus, the C matrix is 

' assumed to be a 9x3 matrix of all zeroes 
except for an identity at the far right. This 
makes the computation of the L for the 
observer very straightforward. The result is 
indistinguishable from that of Fig. 1. In 
other words, the direct measurement of 
states is not that important to the trim auto
pilot. 

In the next case, we consider a system 
that is unstable. We switch to a stiff-inplane 

G24-7 

rotor ( w, = 0.70) at a .high~~ adv~qe .ratio 

(f.l = 0.4). We remove the lag damper (dpl 

= 0.10) and replace it with 1% 'nJgative 
damping (dpl = -.01). This gives' a powerful 
flap-lag instability. We assume that only the 
three trim constraints can be measured. 
Thus, this is a case with an observer.'· Fig'ure 
2 shows the errors in trim constraints and the 
developing control ·settings ... Also shown on 
tbe lower half of Fig. 2 are the evolvi~a , 
controls when all states are measured. 
Although the lack of state measurements 
causes some initial oscillations, the ultimate 
convergence is the same as when all states 
are measured. The convergence is· also 
about the same as it was for the stabie 
system, Fig. 1. 

These results are much better than 
those previously published in Ref. [8] due to 
an improvement in the observer equations. 
T_he observer equations here are slightly 
different than those in Ref. [8]. . 

In the next set of results, we apply the 
control to a 4-bladed ground resonance 
model. Thus, these are no trim side 
constraints; and the control to a periodiC 
equilibrium is actually a stabilizing control 
to eliminate the ground · resonanc·e 
instability. Equations for tbe system can be 
found in Ref. [9]. The control is assumed t6 
be an applied roll moment accomplished by 
force actuators at the base. It is assumed 
that only 2 of the twelve states can be 
measured, roll angle and pitch angle. Thus; 
an observer is used. 

Figure 3 shows tbe resulting roll and 
pitch angles as well as the necessary control 
torque to achieve stabilization. Note that 
torque is discretely changed once per 
revolution. Figure 4 shows the motion (with 
the same step input in roll) when the 
controller is not used One can see the 
powerful ground resonance instability. 

Summary and Conclusions 

The method of discrete control with 
observer theory is applied to the problem of 



numerical trim of a rotorcraft simulation. 
First, .the general problem of rotorcraft trim 
is reformulated in a discrete-time 
framework. Second, we show how to do 
numerical perturbations of simulation code 
in order to find a Jacobian. Third, we show 
ho,w to use the partitioned Jacobian to form 
the discrete-time system matrices. These 
can then be sent to standard Riccati tools to 
find the controller and the observer. 

The methodology is applied to 
nonlinear, flap-lag-torsion equations for a 
rotor blade in forward flight and to ground 
resonance. The results shown that the above 
scheme can successfully trim both stable and 
unstable cases in the absence of all 
measurements. For stable cases, only the 
trim constraints need to be measured. For 
unstable cases, the method stabilizes the 
system. 
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