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ABSTRACT 

A newly developed high resolution 3-D Panel method to 
predict the unsteady aerodynamics of multi blade helicop
ter rotors has been used to generate the input data for an 
also new Acoustics code based on Farassat's Formulation 
1 A of the FWH-equation. 

The combination of this aerodynamics/aeroacoustics 
codes is used to predict the acoustics of multiblade rotors 
in hover and forward flight. Of special interest are cases 
of low speed descent where severe B VI is known to occur. 
The use of panel method excludes the treatment of shocks 
in the rotor flow field. No restrictions are placed on the 
blade profile, planform or other geometry characteristics 
as well as blade motions. 

The acoustic pressure-time history, mid-frequency sound 
pressure levels and other predictions are validated with 
flight test and wind tunnel data for two and four blade 
rotors in hover and forward descent flight modes. Some 
comparisons with the predictions of the well known 
WOPWOP code have also been performed. 

Good to fair agreement of the predictions with the flight 
test and wind tunnel results has been obtained. 

INTRODUCTION 

Helicopters have proven to be a very versatile means of 
transportation and fulfill a unique role in civil and military 
aviation. As the helicopter became more mature and its 
use expanded, helicopter generated noise - and rotor noise 
in particular- has become an increasingly important prob
lem for the helicopter designer. 

Both the FAA and ICAO noise certification requirements 
for new helicopters have made helicopter noise to receive 
serious attention early in the design process instead of as a 
problem during production and at the same time elevated 
the importance of the noise to nearly the same level as 
performance, safety and reliability etc. 
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In both civil and military applications the helicopter 
passes through flight regimes (low speed forward descent 
flight as an example) in which vortices in the rotor wake 
interact with the blades, causing sudden changes in blade 
loading which contributes to one of the characteristic 
noises from the helicopter- the so called "blade slap", or 
impulsive noise. Blade slap or impulsive noise is one of 
the subjectively more annoying noises and also contrib
utes significantly to the delectability of a helicopter. 
Therefore, future applications of helicopters may be lim
ited due to community environment and noise concerns 
and also military delectability considerations. Improving 
the performance of the helicopter while reducing the radi
ated noise is a real challenge for the helicopter designer. 

In order to compute the rotor noise, it is necessary to have 
a detailed knowledge of the loads or surface pressures act
ing upon the blades. There are two ways to obtain the 
blade loading: through theoretical prediction or by experi
mental measurement. Once these aerodynamic data are 
available, one of the several approaches to compute the 
radiated acoustic pressure and spectra may be taken [1]. 

Due to the simultaneous interaction of a number of aero
dynamic phenomena, the flow field around a helicopter 
rotor is extremely complex and accounts for most of the 
aeroacoustic differences between a helicopter rotor and an 
airplane propeller. The asymmetry of the velocity distri
bution which the helicopter rotor experiences is a result of 
the superposition of the rotational motion and the forward 
flight speed. The flow field is three-dimensional, highly 
unsteady and may contain transonic flow regions or be 
greatly influenced by viscosity. 

The unsteadiness of the flow field under forward flight 
condition can be related to two main sources: the first one 
is introduced by the cyclic variation of the free stream 
velocity relative to the rotor blades, and the cyclic varia
tion of the blade pitch, flapping and lead-lag motion; the 
second one is caused by rotor blade interaction with its 
own distorted wake and wakes of preceding blades. The 
mutual interference between the rotor blades and their 
wake is very important in all types of helicopter motion, 



especially in descending flight in which the wake moves 
up through the rotor disc. 

Compressibility effects become important on the advanc
incr blade once the flow becomes transonic, especially in 
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high speed forward flight and near the blade tip. Also the 
increased pitch on the retreating blade may cause dynamic 
stall over a considerable portion of the rotor disc. In addi
tion, the flow reversal/flow separation region at the blade 
root on the retreating side becomes large with increasing 
speed. 

In a full simulation of such complex phenomena these 
important unsteady viscous effects must also be 
accounted for. As a result of these diverse aerodynamic 
phenomena, the computation of the flow field around a 
multiblade helicopter rotor considering all the above 
effects represents an extremely difftcult task and is almost 
impossible to achieve at the present time. However, if cer
tain important aspects are singled out, such as the blade 
vortex interaction and unsteadiness of the flow field, 
neglecting the viscous effects, the problem is amenable to 
analysis and solution. 

In viscid aerodynamics is the primary field for most of the 
advanced methods which are currently used for rotors. 
Because the interference effect between the blade and its 
shed wake is an important aspect of flow around a rotor 
blade, it needs to be carefully simulated. The helical 
geometry of the rotor wake implies that its detailed spatial 
configuration is important even at scales on the order of 
the rotor size. In order to obtain a more accurate predic
tion of the "aerodynamics" around the rotor blades, a 
wake model which can represent its distortion and roll-up 
must be incorporated in the code. 

Presently there are two frequently used techniques to pre
dict the wake geometry: 
one is an Euler-Lagrangian approach, in which a full 
potential method simulates the rotor blades and the shed 
vorticity is modelled by ""markers" convected with the 
ftow [2]. The compressible flow around the blade and a 
non-dissipative convection of the wake is calculated, but 
the disadvantage of this method is the need for a priori 
knowledge of the wake geometry. The second approach is 
the solution of Navier-Stokes equations, which can cap
ture more of the physical behavior implicitly contained in 
the equations and describe the generation, transport and 
structure of the wake vorticity [3]. The above-mentioned 
field methods need presently much bigger computing 
effort in order to adequately resolve the vortices in the 
wake. 

Due to these limitations these methods are not well suited 
for parametric studies. The need for a simple and rela
tively inexpensive prediction method for the rotor aerody
namics, not restricted to a particular flight condition is 
thus imperative. 
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With the consideration that an important design goal of 
modern rotors is to reduce the sonic region near the blade 
tip and that over a significant part of helicopter flight 
envelope the ftow field around the major part of the rotor 
blades remains shock-free, the flow field can be consid
ered basically as incompressible. 

The importance of including unsteady effects in rotor cal
culation has been emphasized in the review paper of 
Byham and Beddoes [4]. The unsteady incompressible 
flow about a two-dimensional airfoil of arbitrary shape 
executing arbitrary time-dependent motion was developed 
by Giesing [5] and is based on a steady panel method. In 
this method the free wake is generated step by step as the 
calculation proceeds in time. This method was extended 
by Summa [6] to calculate the problem of potential ftow 
about more complex configurations. Based on these con
cepts an unsteady 3-D panel method has been developed 
recently by S. R. Ahmed [7] to compute the subsonic aer
odynamics of finite thickness multiblade rotors and 
extended in [8] to include realistic rotor blade pitch, flap
ping and lead-lag motions. Radiated noise from rotors, 
especially during descent, is known to be significantly 
influenced by blade airfoil characteristics. So the simula
tion of the real blade geometry and its motions means a 
more precise modeling of the rotor flow. In the present 
paper, the surface pressure of the rotor blade computed by 
the unsteady 3-D panel method mentioned above is used 
to determine the loading noise in the acoustic code. 

Over the past years, a substantial progress has been made 
in the science and technology of the helicopter rotor noise 
research. The most recent activity is the EC Helinoise 
programme which brings together researchers throughout 
Europe from manufacturers, universities and research 
institutes in a combined theoretical and experimental pro
gramme. A detailed summary of current status on the the
oretical work was given in ref. [9). 

A new numerical aeroacoustics code, named HRNPC has 
been developed under a cooperation project between DLR 
and CAE (Chinese Aeronautics Establishment). The code 
is based on the well-known Farassat time domain Formu
lation !a for the determination of the thickness and load
ing noise. The code can calculate loading noise, either 
from theoretical or experimental load data. 

The purpose of the present paper is two-fold: firstly, 
measured model-rotor blade pressure data recently 
obtained in DNW [10] is used as input for non-compact 
loading noise prediction and compared with direct noise 
measurement results. Secondly, theoretical blade load 
data from 3-D unsteady panel method has been used to 
predict the noise characteristics of two and four blade 
rotors in hover and forward descent flight and validate it 
with results of other theoretical work and experiments. 



DESCRIPTION OF THE METHOD 

The Aerodynamics Code 

Panel methods are numerical schemes for the solution of 
potential flow problems and are capable of treating flows 
about complex three-dimensional configurations. In the 
specific case of unsteady rotor flows the boundary condi
tion of flow tangency on the blade surface at every instant 
in time need to be imposed on the solution. A detailed 
description of the 3-D unsteady panel method used for the 
results of this paper is given in [7, 8]. 

The model of the lifting rotor blade used here (at any time 
instant) consists of <I'_iW): 

a source/sink distribution of unknown strength over 
the blade surface 

a doublet distribution of unknown strength (but of pre
scribed chordwise variation) over the mean surface 
inside the blade 

a zero-thickness elongation (2% of local blade chord) 
of the blade trailing edge (Kutta panel) carrying a dou
blet distribution of unknown strength. 

The numerical procedure consists of dividing the blade, 
the internal and the wake surfaces into finite surface ele
ments (see Ficr. 1). The unknown source/sink or doublet 
strength on each surface element is assumed to be con
stant. Additionally, the equivalence of constant strength 
doublet panels and vortex rings ([11]) is used to replace 
the doublet panels by vortex rings of same strength placed 
on the perimeter of the doublet panels. Induced velocities 
for a quadrilateral doublet panel are then, for example, 
calculated from the four vortex line filaments at the panel 
edge using Biot-Savart law. 

Imposing the flow tangency condition at a number of dis
crete points P on the blade and Kutta panel surface leads 
to a system of linear algebraic equations whose iterative 
solution gives the strength of the singularities for each of 
the generic points P at a time instant t. As mentioned ear
lier, the variation of circulation strength on the protlle 
mean line is prescribed. The circulation strength of the 
Kutta panel is set equal to that at the trailing edge. Once 
the Kutta panel strength is known the relative strengths of 
all vortex panels on the mean surface are known. 

The calculation proceeds in the following manner: 

At time t = 0, the rotor is impulsively started from rest 
from a given azimuthal position. At this instant, there is 
no wake. With the solution of the system of equations, the 
strength of the singularities on the blade surface and cir
culation strength of vortex rings on Kutta panels is 
known. Using these singularities, the induced velocities at 
the downstream corner points (e.g. A and B in Fig. 1) of 
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Kutta panels are evaluated. A straight vortex element is 
released now from the trailing edge of each Kutta panel. 
The ends of this vortex element are moved with the calcu
lated induced velocities plus the velocity components due 
to translation, rotation and other motions of the blade over 
a time interval 6.t. This vortex filament, together with the 
so created downstream segments and the Kutta panel trail
ing edge, comprises a quadrilateral ring vortex (A, B, C, 
D in Fig. 1 ). Its strength is equal to that of the Kutta panel 
from which it was released. This row of vortex panels 
released from the Kutta panels is the increment of the 
blade wake after t!.t. The distortion of the "wake" is 
effected by the differing velocities with which the end 
points of the released vortex filaments_ move. Once a row 
of vortex panels has been assigned a certain span wise var
iation of circulation. the circulation_ distribution for this 
particular row of panels remains constant as the wake 
panels move and distort in space. This fulfills the dynami
cal boundary condition of zero pressure difference across 
the wake [9]. For the next time step, the system of equa
tions is solved anew, taking into consideration now the 
induction of the first row of vortex panels at all colloca
tion points. This process is repeated until the blade aero
dynamics converge to a desired behavior. 

The Aeroacoustics Code 

Governing Equations 

The formulation used in the HRNPC aeroacoustics code 
of this paper is the Formulation la of Farassat [12], which 
is an integral of the Ffowcs Williams-Hawkings (FWH) 
equation with thickness and loading source terms only. 
Quadrupole noise is believed to be small compared to 
thickness and loading noise in the shock-free rotor flow 
examples dealt with here. The computations are per
formed in the time domain resulting in an acoustic time 
series which is Fourier analyzed to obtain the acoustic 
spectrum. 

The posed problem is mathematically described by the 
following integral equation governing the noise radiation 
from a moving source, referred to as Farassat's Formula
tion la: 

4rcP[ ('<, t) 

[ 1 J 



4rcP'z. (%, t) = 
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Here P'--y and- P' L denote the acoustic pressure due to 
thickness and loading noise respectively. The sum of P' T 
and p~L is the total acoustic pressure. The integration is 
carried out over the area element dS on the surface 
f = 0 which represents the blade surface. The subscript 
'ret' denotes that the integrand is evaluated at a retarded 
time 't = t- rIc , where t is the observer time and 
r = [% - yf . Here vector y and .t are the source and 
observer positions respectively. Hereby 

M = 
0~ .

1

:

1 

= (V.r.)!c0 r c a't r t l 
0 

is the Mach number in the radiation direction 'f- for a 
pointy lying on the rotor blade. lr = 1/i is the force 
acting on the fluid per unit area in the radiation direction. 
The quantity li is equal to PJij, where Pij is the Rey
nold's stress tensor that inc!ud'es the surface pressure and 
viscous stresses and fi. is the unit outward normal vector 
to the surface of the r6tor blade f = 0. The information 
required for the thickness noise is purely geometrical in 
nature and is obtained simply from the definition of blade 
thickness and motion. p 0 and c 0 are the density and 
speed of sound of the undisturbed medium, respectively. 

The dots on M i , [i and V n describe the rate of variation 
of these quantities with respect to the source time, where 
Mi = V/ c and lin are local and local normal acceler
ation of the blade respectively. Since in potential flow 
!. = Pn. (with surface pressure P defined asP - P , 

I I a = 
and P as the absolute surface pressure and P is the a . . = . 
ambient pressure), li = Pni + Plii. Therefore li"' 0 
even if I. is a constant. In the case of potential flow, 

l 
Farassat's Formulation la can be rewritten as follows: 

4rcPJ. (x, t) 

[3] 
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where M is the local Mach number. 

Since there are no restrictions placed on the blade motion 
and geometry, eqs. (3) and (4) are valid for arbitrary blade 
motion and geometry. 

,.,. .. 

Numericallmplementation ( 

The rotor is described in a Cartesian blade-fixed frame of 
reference. The origin of the reference frame is at the inter
section of rotor axis 11 3 and the blade pitch change axis 
11 1 . The third axis 11 2 is taken normal to 11 1' 11 3 -plane 
in such a way that the 11 -reference frame is right-handed. 

The actual acoustic calculations are carried out in a 
ground-fixed reference frame in which the observer posi
tion is fixed. The coordinate transfonnations between 
blade-ftxed frame of reference f( and ground-fixed frame 
of reference Y used in the present code are expressed by 
the following transformation matrix 

[

Vx 'j [cos a 0 -sin aj [-cos'¥ sin'¥ OJ 
= VY' + 0 I 0 -sin'¥ -cos'¥ 0 

v 1: sin a 0 cosa 0 0 I 
z 

[co;~~ -s~~l [~:i:~ ;~:t ~l sin~ 0 cos~J 0 0 ;j 

[~ co~e -s~el [~~L [co; a ~ -s~naj[SJ 
0 sinG case] 11d sina 0 cosa 

[
-cos'¥ sin'¥ OJ [cos~ 0 -sin~j [eJ 
-sin'¥ -cos'¥ 0 0 I 0 0 

0 0 I sin~ 0 cos~ 0 

where 



is a position vector of a point in the blade-fixed frame and 

is the position vector of the same point in the ground-fixed 
frame. A series of four intermediate reference frames has 
been used to relate the quantities in the i] and Y refer
ence frames. These are necessary to include the helicopter 
forward motion, blade rotation, flapping, pitching and 
lead-lag motions as well as the rotor shaft tilt .. In eq. (5), 
( V V V ) are components of the helicopter velocity in 

x' y' z 
Y 1 , Y 2 , and Y 3 direction, a is the angle between the 
rotor shaft and the vertical axis, '¥ is the blade aZimuth 
angle, ~' ~ and e are the blade flapping, blade lead-lag 
and the blade pitching angle respectively, and e is the lag 
hinge offset. 

The noise calculation in the HRNPC is performed by 
dividino the rotor blade surface into a number of panels. 
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This discretisation of the blade surface is different from 
the discretisation used for the aerodynamic code. To cap
ture the BVI phenomena more accurately, the area 
between 0% and 5% of blade chord and between 85% and 
100% of blade span have a finer mesh. A Gauss-Legendre 
integration is used to determine the panel collocation 
points on the blade. A comparison of the aerodynamic and 
aeroacoustic blade surface discretisation of the AHl/OLS 
rotor is shown in Fig. 2. A numerical integration is carried 
out assuming the value of the integrand (e.g. sound pres
sure) at the panel collocation point as remaining constant 
over the entire panel area. Sound pressure at an observer 
position is the summed contribution from all the panels at 
a considered time instant. 

Normally, the integration over the curved blade surface 
can be transformed into integration in a plane and this 
then further divided into finite integrations in the span
wise 1l and chordwise T] 7 directions. The relationship 
of this t~ansformation is dS = N dT] 1 dT] 2 where N is 
the Jacobian of the transformation. Near the leading edge, 
the curved surface dS tends to be vertical to dTj 7 and the 
value of the Jacobian tends to infinity. In order- to avoid 
this numerical problem, the airfoil contour length l, start
ing from the leading edge has been used instead of T] 2 . 

The acoustics computation is performed as follows: 
Firstly, the source time 't is calculated for a specified 
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observer time t and blade coordinates (T] 1 , T] 2 , T] 3 ) to 
solve the retarded time equation iteratively. Then the azi
muth angle '¥ at the retarded time is computed. Now the 
corresponding blade surface pressure for the specified set 
of parameters ( T] 1 , T] 2 , T] 3 and '¥) can be evaluated. 

The computed blade pressure time history may not be 
smooth. To calculate its derivatives, a cubic spline inter
polation is used. Curve smoothing. is not used because the 
time derivative contributes a major part to the sound pres
sure especially in BVI case and even small errors will sig
nificantly affect the results. Curve smoothing may also 
erase important features of the noise signature and spread 
the BVI pulse over too much area. 

The use of a finer mesh for the acoustics calculation than 
in the aerodynamic code implies that blade pressure val
ues at the 'extra' collocation points of the acoustics mesh 
have to be obtained through suitable inter- or extrapola
tion of the aerodynamic code results. This process was 
guided by the theoretical and experimental experience 
detailed in [ 13]. 

Several strategies were applied in the acoustics code to 
reduce the CPU time. Firstly, the pressure signature of 
only one blade is calculated. The signature for the other 
blades is calculated by shifting this signature to the loca
tion of other blades. Further, the retarded time from the 
last calculation is used as the initial guess for the next cal
culation to decrease the number of iterations necessary in 
the calculation of the retarded time. 

Validation of the Acoustics Code Predictions 

Two Blade UH-1 H Rotor in Hover and Forward 
Flight 

As a preliminary validation exercise the aerodynamics of 
the standard version of the UH-lH 1/4 scale model rotor 
system, tested in the Langley 4 m x 7 m tunnel [14], were 
compared by the 3-D unsteady panel method Code 
(UPMC) and the blade surface pressure used as input for 
the Acoustics Code HRNPC. The results are validated 
against experimental data from [ 14] and theoretical results 
obtained by the acoustics code WOPWOP described in 
[ 12]. 

The UH-IH two blade rotor investigated has rectangular 
planform blades with a linear twist distribution and 
NACA 0012 airfoil sections throughout. The hover case 
corresponds to the example no. 3 and the forward flight to 
the example no. I cited in [12]. In both examples, the tip 
Mach number is high to warrant consideration of com-
pressibility effects- namely Ma . = 0.73 in hover and 

llp 
Ma . = 0.88 in forward flight. In the UPMC the com-
pres~'ffiility effects are approximately accounted for by an 
appropriate form of the Goethert rule. However, in the 
present calculations this correction has not been per-



formed. 

Figs. 3a. b illustrate the acoustic pressure-time history for 
an observer in the tip-path plane during hover for one 
period (half rotor revolution). In Fig. 3a, the present code 
results for thickness-, loading- and overall noise are 
shown while in Fig. 3b the corresponding results obtained 
with the WOPWOP acoustics code are plotted. It is to be 
noted that the blade loads for our results were calculated 
with the UPMC run at azimuth steps of 22.5° whereas the 
aerodynamic input to the WOPWOP code was obtained 
using a functional relationship between section lift-, 
thrust- and drag coefficients (see. [12], page 59). 

In this Figure, the waveform character is dominated by a 
large negative pressure pulse preceded by a smaller 
amplitude positive pressure pulse. The breakdown of the 
overall noise into thickness and loading noise indicates 
that the large negative pressure peak is created by the dis
placement effect of the rotating blade on the surrounding 
air which is counteracted at the same azimuth position by 
a wider and weaker positive pressure pulse generated by 
the pressure distribution on the blade surface. The com
parison of HRNPC and WOPWOP code results shows a 
phase shift of approximately 0.025 rotor revolution for the 
overall and loading noise peaks but the main difference is 
obviously the different variation of the loading noise 
which is predicted higher (less negative) on the advancing 
side and lower (more negative) on the retreating side by 
the UPMCIHRNPC combination. Essentially these differ
ences can be attributed to the different approaches taken 
to generate the aerodynamic input for the HRNPC and 
WOPWOP codes. 

Sound pressure level results for the UH-1 H rotor in hover 
are compared in Fia. 4 with the corresponding results of 
WOPWOP code. Also here, as mentioned above, the main 
difference between the present and WOPWOP predictions 
concerns the loading noise content of the overall noise. A 
slight influence of the loading noise on the overall signa
ture is indicated in the present results whereas the WOP
WOP prediction shows an effect only till about 6th 
harmonic. 

Similar trends are observed for the UH-lH rotor in for
ward flight from Pius. 5 and 6. Again the observer posi
tion is in the tip path plane, upstream and approximately 
33° inclined to the wind tunnel centerline. This corre
sponds to the position of microphone number 4 in [ !4]. 

A direct comparison of the present code results with 
experimental results from [14] for the 1/4 scale UH-lH 
rotor model is shown in Fia. 7. The predicted acoustic 
pressure-time history and sound pressure level for the for
ward flight situation (for microphone number 4) are 10 

good agreement with the wind tunnel data. 
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Two Blade AHJ!OLS Rotor in For.vard Descent 
Flight 

The descent is a particularly interesting flight condition 
from an acoustics point of view since strong Blade Vortex 
Interaction (B VI) noise is generated during this flight 
mode. During descent the rotor wake is raised up towards 
the rotor disc and the proximity of the blades to the wake 
or even their crossing the wake region is an aerodynamic 
phenomena which is extremely difficult to model. The 
unsteady pressures generated on the rotor blades during 
the blade wake interaction have to be correctly predicted 
in order to adequately capture the BVI noise signatures. 
This in turn means that the wake geometry in the aerody
namics code should simulate as closely as possible the 
real flow situation_ In order to test the capability of the 
code for this flight mode, a forward descent flight situa
tion for the AHIIOLS rotor was computed. A In-scale 
model of this rotor has been tested in the wind tunnel and 
the results are reported in [15]. The two blade AHI/OLS 
rotor has rectangular linearly twisted blades with a 
slightly modified NACA 0012 profile. The case chosen 
for the code validation exhibited severe B VI in the wind 
tunnel tests and has the following parameters: 

Matip = 0.663 

C/.lpp = jO 

e = 5.03° + 1.9°cos'¥ -2.04°sin'¥ 

>L = 0.162 

Here 8 denotes the blade pitch angle, '¥ the azimuth 
angle, ~ the advance ratio and at the inclination of 
blade tip-path plane to the horizontaf.P 

Since only a small number of pressure sensors was 
installed on the blade profile, a good estimation of section 
lift from experimental data was not possible. Instead, the 
3-D Panel code prediction of the blade surface pressure is 
compared at one chordwise station (3%) and three span
wise (75%, 80% and 91 %) stations with corresponding 
experimental data in Figs. Sa, band c. The 3-D Panel code 
was run with an azimuth angle resolution of 5 degrees. 

Even though the salient features of the pressure-time his
tory are reproduced by the 3-D Panel code, the pressure 
peaks in the first and fourth quadrant shown in the experi
ment which are typical of the BVI, are partially - in the 
first quadrant with some phase shift - reproduced by the 
code. Improvements in the pressure correlation are 
expected through smaller '¥ -steps and finer discretisation 
of the blade profile in the leading edge area. This is a sub
ject of future work. 

Using the unsteady blade pressure data described above, 
the acoustic pressure-time history at several microphone 



locations has been computed and compared with corre
sponding full scale flight test and wind tunnel data from 
[15] in Fig. 9a. For the in-plane microphone positions 2, 6 
and 8 the predicted pressure-time history does not predict 
the sharp positive peaks exhibited by the model scale 
wind tunnel results. Also the amplitude of the negative 
pressure pulse, except for the microphone location 6, is 
underpredicted. 

A closer scrutiny of this discrepancy reveals that a phase 
shift between the predicted loading-time history and wind 
tunnel results may be a probable cause of the absence of 
the sharp (B VI) pressure peaks in the predictions. To 
check this, the predicted loading was shifted arbitrarily by 
an azimuth angle of about 14 o - that is the predicted pres
sure occurred by this amount earlier than the experiment. 
Explicitly this is equivalent to shifting the theoretical pre
dictions in Fig. 8 to the left relative to the experimental 
results. The thickness noise contribution remained in 
phase with the experiment. The sum of the so-conditioned 
loading and thickness acoustic pressure~tirne history 
shows an improvement in correlation with the wind tunnel 
experiment as shown in Ficr. 9b, as an example for micro
phone nos. 6, 2 and 8. The reasons for this phase shift of 
the predicted loading are not yet clear and are the subject 
of further study. 

Fig. I 0 illustrates the agreement obtained between the 
predicted acoustic pressure-time history and correspond
ing full scale and model scale wind tunnel results for the 
30° down microphone nos. 7, 3 and 9. As in Fig. 9a, the 
prediction results shown are without the phase shift dis
cussed above. For these microphone positions the loading 
noise is known to dominate. The general features of the 
experimental noise signature are reproduced by the theory 
but the BVI spikes are not correctly simulated. 

A look at Figs. 9a and 10 reveals a fairly good agreement 
between the predicted and full scale flight test results for 
the inplane and 30° down microphone positions, even 
though the BVI spikes are here also not properly 
accounted for. 

The mid-frequency summary level contour plot for a 
plane situated 1.2 rotor diameters below the rotor hub is 
shown in Fio-. 11. The frequencies considered are from 6th 
to 40th harmonics of the blade passage frequency which is 
equal to 75 Hertz. The sound field represented covers an 
area of ±4 meters up- and downstream of the hub and ±2.7 
meters laterally on either side of the hub. The contour plot 
is based on values evaluated at l87 equidistant grid points 
on a 0.54 m by 0.5 m mesh in the plane considered. The 
numbers on the iso-lines indicate the sound pressure level 
in dB. 

The high intensity noise radiation region for this flight 
condition lies ahead of the rotor slightly asymmetric to the 
longitudinal plane of symmetry, the asymmetry being 
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more pronounced towards the advancing blade side. The 
location where the highest value of sound pressure of 
I 05 dB occurs lies upstream on a path inclined approxi
mately 35° downwards to the rotor disc. This result is in 
qualitative agreement with flight test results reported in 
[ 16]. 

Four Blade BO 105 Rotor in Hover and Fonvard 
Descent Flight 

A further validation of the aerodynamic and acoustics 
code was undertaken by performing calculations for the 
BO 105 four blade rotor in hover and forward descent 
flight. A 40% scale 4 m diameter instrumented model 
rotor of the BO I 05 has been extensively tested in the 
German-Dutch Wind Tunnel (DNW) in the framework of 
the European HELINOISE research programme. Some of 
the acoustics data reported in [ 10] is used here for the 
comparison with the predictions. 

The wind tunnel data for the rotor in hover often includes 
quite a few 'contamination' effects which make a compar
ison with theoretical results difficult. In the DNW tests, 
the rotor plane was about 2.3 rotor diameters above the 
ground. With a nominal rotor thrust of 3600 Newton a 
recirculation of air in the (open) test section is to be 
expected which can, additionally, be asymmetrical to the 
tunnel plane of symmetry. A closer look at the acoustic 
results from [ 1 0] for the hover situation confirms this con
jecture.To avoid these difficulties and enable a fair com
parison with acoustic predictions for the rotor in hover, 
the experimental acoustics data was band pass filtered to 
eliminate frequencies lower than 60 Hertz and higher than 
383 Hertz which correspond approximately to the 1st and 
6th harmonics of the blade passage frequency value of 
about 64 Hertz. 

The station chosen for the validation is 4 m U!JStream of 
the rotor and 2.3 m below the rotor plane. At this station, 
corresponding to eleven microphones placed at intervals 
of 0.54 m, the acoustic pressure-time history over one 
rotor revolution was evaluated and compared with experi
mental data in Fjgs. 12 and 13. Microphone number one is 
located at the laterally outmost position on the blade 
retreating side and microphone number eleven on the 
blade advancing side. The tip Mach number for the cho
sen hover case is 0.589 with a thrust coefficient of 0.0044. 

In Fig. 12 the predicted acoustic pressure-time history 
(3-D Panel method calculation with 22.5° azimuth steps 
as input to HRNPC) is compared with the experimental 
results (band pass filtered experimental blade surface 
pressures input to HRNPC). Using the experimental blade 
surface pressure results as input avoids the inclusion of 
contaminations such as microphone self noise. In Fig. 13 
the same procedure is repeated but now the actual acous
tic pressure-time history measured by the microphones is 



used for comparison with the theoretical predictions. 
Even though this data is similarly band pass filtered as in 
Fig. 12, the agreement between theory and experiment is 
not so good which confirms that care has to be taken in 
the choice of wind tunnel data, especially for the rotor in 
hover, to validate the theoretical results. 

As a final result of this validation study the mid-frequency 
summary level plots (averaged in the time domain) for the 
BO 105 model rotor in descent flight are illustrated in Fig. 
.!.±. The flight conditions are: 

Ma1ip = 0.740 

-3 
Cy = 4.484 · 10 

a = 5.05° s 

0 = 3.83°+f.68°C0S'¥-l.Ol 0 Sin'¥ 

i.i. = 0.1495 

with CT as the thrust coefficient and as as the shaft tilt 
angle. 

The basis of the contour plots in Fig. 14 is the acoustic 
pressure-time history evaluated at the grid points of a 0.54 
m by 0.5 m mesh laid over a 8.0 m by 5.4 m plane lying 
2.3 m below the rotor plane. The center of the plane coin
cides with the rotor center of rotation. 

Experimental blade surface pressure was utilised as input 
to the HRNPC to arrive at the contour plot of Fig. l4a, 
whereas 3-D Panel method surface pressures served as 
input to the HRNPC for the contour plots of Fio. !4b. The 
Panel method computations were performed for azimuth 
steps of 5°. 

Considering the high intensity noise regions from experi
ment and theory, the levels predicted by theory - !!0 to 
Ill dB - match quite well with the experimental results of 
11! to 112 dB. However, the location of these regions are 
shifted in the prediction by about 0.75 m upstream rela
tive to the experimental results. 

As discussed earlier, a number of factors, mainly in the 
aerodynamics code appear to be responsible for these dis
crepancies and need further investigation. 

CONCLUSIONS 

The main aim of this work was to assess the possibility of 
predicting the radiated sound field of a helicopter rotor in 
hover and forward flight purely through theoretical 
means. Attention was restricted to low speed shock free 
rotor flow and especially the descent flight where strong 
BVI-retated noise is known to occur. 

The prediction tools used are a newly developed high res-
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olution 3-D Panel method whose aerodynamic input into 
an also newly developed aeroacoustics code computes the 
sound signature. The Panel method places no restrictions 
on the blade geometry and motions as well as the size of 
computation step. The Aeroacoustic code is based on 
Farassat's lA of the FWH-equation. 

The major findings of the validation study are as follows: 

• In general a reasonably good prediction of the radiated 
sound field and its details has been obtained for two 
and four blade rotors in subsonic forward and descent 
flight. 

• Very high demands are to be met by the aerodynamic 
data input into the aeroacoustics code. Besides very 
small azimuth steps, the unsteady pressure data has to 
simulate - time accurate - the rapid pressure changes 
during blade wake interaction. 

• The Panel method results show a slight delay in the 
occurrence of BVI compared to the experiment. Pre
cise reasons for this behaviour are not known and are 
the subject of further study. 

• Experimental data from wind tunnel has to be care
fully selected for the validation of theoretical methods, 
especially for the hover flight mode. It should be free 
of secondary effects such as flow recirculation in the 
test section, microphone self noise, etc. 

• The sound field prediction for the UH-lH two blade 
rotor in hover and forward flight agrees very well with 
flight test results and also with computations by the 
well known WOPWOP acoustics code. 

• Acoustic results obtained for the AH 1/0LS two blade 
rotor in forward descent flight are in fair agreement 
with the flight test, wind tunnel and other code predic
tion results available in the literature. 

• Predicted acoustic pressure-time history and 
mid-frequency contour plots of the radiated sound for 
the BO 105 four blade rotor in hover and forward 
descent flight are in good overall agreement with the 
HELINOISE wind tunnel results. 
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